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Introduction 


Computational  Fluid  Dynami 's  (CFD)  has  developed  to  the  point  where  the  flow  field  around  practical  aircraft  and  missile 
configurations  can  be  described  fairly  realistically.  Although  problems  related  to  the  numerical  accuracy  (grid  refinement) 
and  turbulence  modeling  still  limit  the  application  of  these  codes,  their  use  today  is  an  integral  part  of  aircraft  development 
and  design.  Before  a  specific  code  can  be  used  with  confidence,  it  is  essential  to  validate  the  code  (to  test  the  capability  of  the 
code  to  describe  the  physics  of  the  flow  correctly)  or  to  calibrate  the  code  (to  establish  the  usefulness  and  reliability  of  the 
code  for  practical  design  applications).  An  essential  pan  of  the  validation  process  is  a  comparison  of  the  CFD  code  with  the 
experiment. 

In  1979  AGARD’s  Fluid  Dynamics  Panel  established  Working  Group  4  to  compile  a  number  of  suitable  experiments  for  such 
a  comparison.  This  has  resulted  in  AGARD  AR-138  (together  with  an  Appendix  published  in  1984).  The  working  group 
limited  its  scope  at  that  time  to  two-dimensional  airfoils,  slender  bodies  and  wing/body  conftgurations.  Some  of  the  test  cases 
have  been  used  extensively  in  the  past  and  are  still  used  today.  Since  the  publication  of  AR-138,  CFD  methods  have 
improved  considerably.  More  complex  geometrical  configurations  with  much  more  complex  flow  fields  can  now  be 
calculated  in  fine  detail.  As  a  result  of  this,  detailed  experiments  that  cover  a  wider  range  of  flow  types  and  geometries  are 
required  for  CFD  validation.  Many  experiments  that  suit  these  needs  have  been  made,  but  the  results  are  not  always  easily 
accessible.  For  that  reason  AGARD  FDP  dc<  ided  in  1990  to  establish  another  Working  Group  on  “The  Selection  of 
Experimental  Test  Cases  for  CFD  Validation”.  Ihe  first  meeting  of  the  Working  Group  took  place  in  Anr.terdam  in  the  fall  of 
1990  and  7  meetings  later  the  vorking  group  members  relumed  to  Amsterdam  for  their  final  meeting. 

In  the  very  beginning  of  the  Working  Group,  it  was  decided  to  concentrate  mainly  on  “validation”  rather  than  “building 
block"  or  “calibration”  experiments.  Hence,  the  Working  Group  limited  its  scope  of  interest  to  the  flow  around  generic 
configurations  of  practical  interest.  A  questionnaire  was  sent  out  to  request  test  cases.  In  total,  over  100  questiotniaircs  were 
returned.  Out  of  these,  65  were  objectively  selected  for  a  more  detailed  written  report  and  subsequent  evaluation  by  the 
working  group  members.  As  a  result  of  this  evaluation,  39  test  cases  were  selected  for  inclusion  in  this  report. 

The  report  has  been  split  up  in  two  volumes.  Volume  1  provides  a  review  of  the  theoretical  (chapter  2)  and  experimental 
(chapter  3)  requirements,  followed  by  a  general  introduction  to  the  test  cases  (chapter  4),  a  two-page  summary  of  all  test  cases 
(chapter  5)  and  finally  a  di.scussion  and  .some  recommendations  for  the  future  (chapter  6).  The  detailed  information  on  the  39 
test  cases  can  be  found  in  Volume  II.  Accompanying  this  is  a  set  of  floppy  disk's  where  the  relevant  data  of  all  test  cases  have 
been  compiled.  This  set  of  floppy  disks  can  be  obtained  upon  request  through  AGARD’s  National  Distribution  Centers. 

The  Working  Group  found  it  difficult  to  select  reliable  lest  cases.  The  inclusion  of  a  test  case  within  the  data  base  does  not 
automatically  guarantee  good  quality.  The  Working  Group  takes  no  responsibility  for  the  fitness  or  otherwise  of  Ihe  data  base 
iiifjniituUjt.  jt  Idr  ifljt  ducitiuni  HtoJii'  theniibiii'  o«v  ’Uie  .if  iImi  IrJdrrMilur  It*  lot i  k  ii  bit  fkii  tf*  •MfiOiiriH  snif 
reliability  of  a  particular  test  case  can  only  be  Judged  after  a  comparison  of  theory  and  experiment.  For  that  reason,  AGARD 
FDP  would  appreciate  it  very  much  if  the  experience  with  the  particular  test  cases  could  be  reported  to  the  Chairman  of 
AG  AFD’s  FDJ'  TESf  oriuni«ec  on  "Wiivf  TunnW  Tcdu.iqucs”  A  stunlud  (oiiii  (u  this  ew.  be  at  die  back  of 
this  report. 

In  the  Working  Group,  chaired  by  A.  Elsenaar,  both  theoreticians  and  experimentalists  were  represented.  Two  subcommittees 
headed  by  E.G.  Waggoner  and  P.R.  Ashill  formulated  the  requirements  from  the  point  of  view  of  CFD  development  and 
vApcliiiwin  Tcspv^viivtfy.  Uthvi  ak.cive  nibiilbtts  of  ifit  ^fiup  w^rc  I.  Mu^'iatri,  D.  fuiiti>,  V.  Schiliiu,  M.  itOiiWr, 
E.  Stanewsky,  M.  Onorato,  U.  Kaynak,  M.  Burt,  S.  Lekoudis,  E.  H.  Hirschel  and  D.  Brown.  C.  Hirsch  followed  Ihe  activities 
of  the  Working  Group  on  behalf  of  the  Propulsion  and  Energetic  Panel  (PEP). 


Introduction 


L'afrodynamiquc  num^rique  (CFD)  a  £volu£  au  point  od  les  champs  d’dcoulcmcnt  autour  dc  conrigurations  r£clles 
d’afronefs  et  de  missiles  pcuvent  etre  rcpr£sentds  de  fa(on  assez  Addle.  Bien  que  I’application  des  codes  soil  toujours  limitde 
par  certains  probldmes  lids  d  la  precision  numdrique  (finesse  des  maiilages)  el  d  la  moddlisation  des  tourbillons.  lent  emploi 
aujourd'hui  fait  partie  intdgrante  du  processus  de  conception  cl  de  ddveloppement  des  adronefs.  AvanI  de  pouvoir  utiliser  un 
code  donnd  avec  confiance.  il  est  indispensable  soil  dc  Ic  validcr  (tester  la  capacitd  du  code  d  dderire  correctcmcnt  la  physique 
de  I'dcoulement),  soit  dc  le  vdrifier  (dtablir  I'utilild  cl  la  fiabilitd  du  code  en  vue  d’ applications  conerdtes).  L’un  des  didments 
essenliels  dc  processus  de  validation  est  la  comparaison  du  code  CFD  avec  des  rdsultats  expdrimentaux. 

En  1979,  le  Panel  AGARO  de  la  dynamique  dcs  (luidcs  a  erdd  le  groupe  de  tiavail  No.  4,  qui  avail  pour  mandat  de  dresser 
une  lisle  d'expdrienccs  permeltant  de  faire  unc  lellc  comparaison.  Ce  travail  a  ddbouchd  sur  la  rddaclion  du  document 
AGARD  AR-138  (cl  d’une  annexe  publide  en  1984).  Le  groupe  a  volontairemcnt  limitd  le  domaine  de  ses  recherches  aux 
profils  adrodynamiques  bidimcnsionnels,  aux  corps  cffilds  el  aux  configurations  voilure/fuselage.  Certains  dcs  cas  d'essai  ont 
did  Irds  largement  utilisds  dans  le  passd  et  le  soni  toujours.  Les  mdthodcs  CFD  se  sont  considdrabicment  amdliordes  depuis  la 
publication  du  AR-t38.  Aujourd'hui,  le  calcul  ddtailld  de  configurations  gdomdtriques  beaucoup  plus  complexes,  aux  champs 
d'dcoulement  plus  complexes,  e.st  tout  ^  fait  faisabic.  Par  consdquent,  des  expdricnces  couvrant  une  gamme  plus  large  de 
types  d'dcoulement  et  de  gdomdtries  son!  demanddes  pour  la  validation  CFD.  Bon  nombre  d'expdriences  rdpondant  i  ces 
critfercs  ont  did  rdalisdes,  mais  I'accds  aux  rdsultats  pose  souvent  dcs  probldmcs.  Pour  ces  raisons,  en  1990,  Ic  Panel  AGARD 
de  la  dynamique  des  fluidcs  a  ddcidd  dc  erder  un  autre  groupe  de  travail,  sur  — le  choix  dc  cas  d'essai  expdrimentaux  pour  la 
validation  CFD“.  Le  groupe  s'est  rduni  pour  la  premidre  fois  i  Amsterdam  en  automne  1990.  Sept  rdunions  plus  tard,  les 
membres  sont  retoumds  d  Amsterdam  pour  la  rdunion  finale. 

Au  tout  ddbut  dcs  travaux  de  cc  groupe  de  travail,  il  a  dtd  ddcidd  dc  porter  I'cffort  principal  sur  —la  validation"  plutot  que  sur 
des  expdricncesdutype — modulaire"ou— dtalonnage".  Par  consdquent,  le  groupe  dc  travail  a  limitd  son  domaine  d'intdrdt  aux 
dcoulements  autour  de  configurations  gdndriques  d'intdret  pratique.  Un  questionnaire  a  dtd  diffusd  afin  dc  rccueillir  dcs  cas 
d'essai.  En  tout,  plus  de  KX)  questionnaires  ont  dtd  retoumds,  dont  6S  ont  dtd  sdlcctioimds  objectivement  en  vue  de 
I'dtablisscmcnt  d’un  rapport  dcrit  plus  ddtailld  pourdvaluation  ultdrieurc  par  les  membres  du  groupe.  Suite  ^  cette  dvaluation, 
39  cas  d'essai  ont  dtd  choisis  pour  incorporation  dans  Ic  prdsent  rapport. 

Le  rapport  est  en  deux  volumes  :  le  volume  1  domic  un  apcr(u  des  besoins  thdoriques  (chapitre  2)  et  expdrimentaux  (chapitre 
3),  suivi  d'une  introduction  gdndralc  aux  cas  d'essai  (chapitre  4),  un  rdsumd  dc  I'enscmblc  des  cas  d'essai  dc  deux  pages 
(chapitre  5)  et  finalement  d'un  ddbat  qui  ddbouche  sur  des  recommandations  pour  I'avenir  (chapitre  6).  Le  ddtail  ties  39  cas 
d'essai  est  donnd  au  volume  U.  Le  rapport  est  accompagnd  d'un  jcu  dc  disquettes  contenant  les  donndes  approprides  ^  tons  les 
cas  d'essai.  Ces  disquettes  sont  disponibles  i  la  demande  auprds  des  Centres  dc  distribution  nationaux  dc  I'AGARD. 

Le  groupe  de  travail  a  dprouvd  des  difficultds  pour  choisir  dcs  cas  d'essai  fiables.  La  prdsence  d'un  cas  d'essai  dans  la  base  dc 
donndes  ne  reprdsente  pas  la  garantie  systdmatique  de  sa  qualitd.  Le  groupe  de  travail  n'accepte  aucunc  responsabilitd  ni  de  la 
justesse,  ni  de  tout  autre  qualitd  des  informations  contenues  dans  la  base  de  donndes,  ni  de  toute  ddcision  prise  ultdricurement 
sur  la  base  de  ces  informations,  En  effet,  les  auteurs  sont  de  I'avis  que  I'applicabilitd  et  la  fiabilitd  d'un  cas  d'essai  donnd  ne 
peuvent  dtre  apprdcides  qu'aprds  avoir  confrontd  la  thdorie  et  I'expdrience.  Pour  ces  raisons,  le  Panel  FDP  de  I'AGARD 
aimerait  que  des  retours  d'information  conceniant  des  cas  d'essai  particuliers  soient  adressds  au  Prdsident  du  comitd  AGARD 
FDP  TES  sur  — les  techniques  d'essais  en  .soufflerie".  Un  formulaire  It  cet  effet  cst  joint  ^  cc  rapport. 

Dans  ce  groupe  de  travail,  qui  dtait  prdsidd  par  A.  Elscnaar,  les  thdoriciens  ont  dtd  reprdscntds,  aussi  bien  que  les 
expdrimentalistes.  Les  objectifs  du  point  de  vue  du  ddveloppement  CFD  et  des  expdricnces  ont  dtd  ddfmis  par  deux  comitds, 
prdsidds  par  E.  G.  Waggoner  et  P.  R.  Ashill  respcctivement.  Parmi  les  autres  membres  actifs  du  groupe  on  distingue 
J.  Muylaert,  D.  Jones,  V.  Schmitt,  H.  KOmer,  E.  Stanewsky,  M.  Onorato,  U.  Kaynak,  M.  Burt,  S.  Lekoudis,  E.  H.  Ilirschel  et 
D.  Brown.  C.  Hirsch  a  suivi  les  activitds  du  groupe  pour  le  comptc  du  Panel  AGARD  de  Propulsion  et  d'dnergdtiquc  (PEP). 
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E4 

Twin  engine  afterbody  model 
by  D.J.  Wing  (NASA,  Langley) 

E4-1 

E5 

STOVL  CFD  model  test  case 
by  K.R.  Roth  (NASA,  Ames) 

E5-1  ' 
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E6 

Lovr  speed  propeller  slipstream  aerodynamic  effects 

E6-1 

1 

by  I.  Samuelsson  (FFA) 
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Annex  A 


Experimental  data  on  the  aerodynamic  interactions  between  a  helicopter  rotor  E7-1 
and  an  airframe 

by  J.G.  Leishman  and  Nai-pei  Bi  (Centre  for  Rotorcraft  Education  and 
Research) 

Investigation  into  the  aerodymamic  characteristics  of  a  combat  aircraft  E8-1 

research  model  fitted  with  a  forward  swept  wing 
by  D.  Stanniland  (ARA) 

Investigation  of  the  influence  of  pylons  and  stores  on  the  wing  lower  surface  E9-I 
flow 

by  D.  Stanniland  (ARA) 

Procedure  for  obtaining  and  using  floppy  disks  A-1 
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2-0  AIRFOIL  TESTS  INCLUDING  SIDE  WALL 
BOUNDARY  LAYER  HEASURENENTS 


BY 

U.  BARTELKEIHER,  K.H.  HORSTHANN 
INSTITUT  FUR  ENTUURFSAEROOYNAHIK 
U.  PUFFERT-MEIBNER 
KAUPTABTEILUNG  WINDKANALE 

DEUTSCHE  FORSCHUNGSANSTALT  FUR  LUFT-  UNO  RAUNFAHRT 
FLUGHAFEN 

0-3300  BRAUNSCHWEIG 


0.  INTRODUCTION 

The  data  presented  In  this  contribution  were  obtained  in  the  DLR  Transonic  Wind  Tunnel  Braunschweig. 
The  intent  of  the  experiment  was  to  provide  data  giving  information  on  the  developpment  of  the 
TUB-side  wall  boundary  layer  in  the  presence  of  a  typical  transonic  airfoil  model  for  further  in¬ 
vestigation  of  the  influence  of  the  side  wall  boundary  layer  on  2-D  airfoil  measurements.  For  this 
purpose  boundary  layer  pitot  pressures  were  measured  in  13  different  side  wall  positions  around  the 
airfoil.  Airfoil  pressure  distributions  were  obtained  in  several  spanwise  positions  by  sliding  the 
air-’oil  model  in  spanwise  direction. 

The  test  cases  investigated  correspond  to  the  design  flow  conditions  of  the  airfoil  (Ma  =  0.73, 
a<  1.5*)  and  to  a  low  (a  >  0*)  and  a  high  (a  •  3.0°)  lift  value  at  the  same  Mach  number.  For  these 
cases  wall  pressure  distributions  were  measured  on  the  centre  slat  of  the  top  and  bottom  walls. 
Additionally  to  the  pressure  measurements  some  oil  flow  pictures  were  made  on  the  upper  airfoil 
surface  and  the  adjacent  wind  turviel  side  wall  to  get  sure  insight  in  the  structure  of  the  flow. 

In  crder  to  have  well  defined  wind  tunnel  boundary  conditions  for  the  evaluation  by  computational 
methods,  the  slotted  top  and  bottom  walls  of  the  test  section  were  closed  for  these  specific  tests. 
This  means,  of  course,  that  the  presented  airfoil  pressure  distributions  do  not  correspond  to  free 
flight  conditions  and  are  not  comparable  to  wind  tunnel  results  obtained  in  slotted  or  perforated 
transonic  test  sections. 


1.  GENERAL  DESCRIPTION 


1.1  Model  designation  VA2-1 

1.2  Model  type  2-Dimensional  airfoil 

1.3  Purpose  of  tests  Investigation  of  influence  of  wind  tunnel 

side  wall  boundary  layer  on  2-D  airfoil 
measurements  at  transonic  speeds. 

1.4  Dominant  flow  physics  Change  of  wall  boundary  layer  parameters 

under  influence  of  airfoil  flow  field. 

An  example  s  shown  in  Figure  2. 

1.5  Additional  remarks  The  top  and  bottom  walls  of  the  test 

section,  which  are  normally  slotted  for 
airfoil  tests,  were  closed  for  this 
investigation. 


2.  DETAILS  OF  MODEL 


2.1  Airfoil  data  Supercritical  airfoil  desigrwd  by  VFU  with 

a  thickness/chord  ratio  of  13X,  Figure  1. 
The  dimensions  of  the  model  are  200  nn 
chord  length  and  1  m  span  width. 

2.1.1  Aspect  ratio  5 


2.2  Geometric  definition 


Measured  airfoil  coordinates  see  Table  1. 
The  model  surface  was  painted  and  finished 
to  a  surface  roughness  of  about  3  microns. 


AI-2 


2.3  Model  Support 


The  model  was  mounted  through  the  tunnel 
aide  wall  turntables  by  means  of  aluniniun 
jaws  and  plastic  inserts  shaped  to  f’t  the 
airfoil  contour,  allowing  the  spanwise 
variation  of  the  pressure  measurement 
orifice  plane  of  the  airfoil. 


3.  GENERAL  TUNNEL  INFORMATION 


3.1  Tunnel  designation 


Transonic  Wind  Tunnel  Braunschweig  (TWB) 


3.2  Organization 


Deutsche  Forschungssnstalt  fur  Luft-  und 
Raiisfahrt  e.V.,  Hauptabtei  lung  Uindkanale, 
Abteitung  Braunschweig. 


3.3  Tunnel  characteristics 
■  Type 

-  Operating  envelope 


-  Minimun  run  time 


Blowdown 

Mach  number  range:  0.3  to  0.95 
Reynolds  number  -ange:  3  to  12  million  at 
Ma  e  0.7,  based  on  150mm  chord  length, 
(see  Figure  3). 

7  seconds 


3.4  Test  section 

3.4.1  Model  installation 

3.4.2  Test  section  dimensions 

3.4.3  Wall  geometry  detai Is 

3.5  Freestream  conditions 

3.5.1  Determination  of  reference 
flow  conditions 

Total  pressure 
Static  pressure 

Total  temperature 
Static  temperature 
3.5.2  Tunnel  calibration 


Figure  4  shows  the  TWB-test  section  and 
Figure  5  shows  schematically  the  model 
installation  in  reference  to  the  locations, 
where  boundary  layer  values  were  measured. 

0.34ffl  X  0.6m  x  2.8m 


-  Solid  side  walls 

-  Solid  top  and  bottom  walls, 
divergence  0.25"  each. 

Top  and  bottom  walls  are  normally  slotted 
with  2.35X  open  area  ratio. 


Measured  at  end  of  settling  chamber  by  four 
connected  total  probes. 

Measured  by  wall  pressure  orifices  in  the 
top  and  bottom  walls  1.15m  ahead  of  model 
pitch  axis. 

Measured  at  end  of  settling  chamber 
(sane  location  as  total  pressure). 

Calculated  using  isentropic  flow  equations 


Empty  tunnel  cali'  ration  by  longitudinal 
static  pressure  measurements  on  centre 
of  top  and  bottom  walls  and  static/total 
pressure  probe  measurements  at  location 
cf  model  pitch  axis. 

Flow  angularity  determined  with  airfoil 
model  installed  in  both  normal  and 
Inverted  attitude. 

Date  of  last  calibration  1987 
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3.6  Flow  quality 

3.6.1  Flow  uniformity 


3.6.2  Temperature  variation 

3.6.3  Flow  unsteadiness 

4.  INSTRUMENTATION 

4.1  Model  position 

4.1.1  Geometrical  incidence 

4.1.2  Accuracy  of  geometrical  incidence 

4.2  Model  pressure  measurements 

4.2.1  Ntmiirr  and  disposition  of 
pressure  holes 


4.2.2  Range  and  accuracy  of  pressure 
transducers 

4.2.3  Dynamic  pressures 

4.4  Boundary  layer  and  flow  field  measurements 


■  Pressure  coefficient  variation  over  model 
chord  length  :  t  0.0023 

-  Mach  number  variation  over  model  chord 
length  :  i  0.0009 

-  Mach  nunber  variation  during  a  run  : 
t  0.001S 

-  Variation  of  flow  angularity  not  measured 

-  No  temperature  control  during  a  run 

-  Variation  during  a  run  :  2°/sec  after 
establishment  of  constant  flow  conditions. 


-  Results  of  turbulence  level  measurements 
will  be  available  in  August  1993. 


The  model  is  mounted  in  tunnel  side  wall 
turntables,  which  are  connected  mechanically 
and  driven  hydraulically.  Model  geometrical 
incidence  is  measured  with  an  incremental 
angle  encoder  on  the  left  turntable  and  a 
bidirectional  counter. 

Model  incidence  setting  :  t  0.02' 


53  pressure,  orifices  located  in  one  cross 
section  plane,  hole  diameter  O.Simi. 

Chordwise  distribution  of  pressure  orifices 
see  Figure  1  and  Table  2. 

Measured  spanwise  stations  for  u  =  1.5°: 
2,10,20,40,80,140,170,200mni  from  side  wall. 
Closest  position  to  the  wall  (2  inn)  was  well 
within  the  side  wall  boundary  layer. 

Spanwise  stations  for  u  =  0°  and  3°: 
10,20,40,200nin  f rom  side  wal  I . 

Figure  6  shows  an  example  for  the  change  in 
pressure  distribution  in  spanwise  direction. 


Model  surface  pressures  and  total  pressures 
of  boundary  layer  ; 

Range  t  310kPa  (t  45psi) 

Accuracy  t  0.3kPa 

Wall  pressures  : 

Range  t  35kPa  (t  5psi) 

Accuracy  t  0.035kPa 

Not  measured 


4.4.1  Measurement  technique 


Boundary  layer  measurements  were  made  with 
three  different  rakes  consisting  each  of  22 
total  pressure  probes  and  one  static  probe. 


AM 


4.4.2  Flow  region  investigated 

4.4.3  Probe  detai Is 


4.5  Surface  flow  visualisation 

4.5.1  Heasuretaent  technique 

4.5.2  Surfaces  were  flow  is  visualized 

4.5.3  Form  of  data 

4.7  Tunnel  wall  measurements 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 

5.1.1  Nunber  of  test  cases 

5.1.2  Number  of  configurations 

5.2  Hodel/tunnel  relations 

5.2.1  Blockage  (frontal  area) 

5.2.2  Model  span/tunnel  width 

5.2.3  Wing  area/tunnel  cross  section 

5.2.4  Height/chord  ratio 

5.2.5  Uidth/chord  ratio 

5.2.6  Adiabatic  wall  temperatures 


5.3  Transition  details 

5.3.1  Form  of  transition 

5.3.2  Details  of  fixed  transition 


All  boundary  layer  measurements  were  made 
on  the  (eft  test  section  side  wall  at  13 
different  positions,  see  Figure  5. 

Figure  t  shows  the  3  boundary  layer  rakes 
used  for  the  measurements  : 

Rake  1  for  positions  1  and  2  (see  Fig,  5) 
Rake  2  for  positions  3,4  and  6 
Rake  3  for  positions  5  and  7  to  13 


Oil  flow  technique 

Upper  airfoil  surface  and  wind  tunnel  side 
wall  around  airfoil  model. 

Photograph 


Static  pressure  measurements  in  longitudinal 
direction  on  the  centre  lines  of  top  and 
bottom  wall,  covering  a  range  of  1.6m. 
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-  Mach  number  :  Ma  «  0.73 

•  Reynolds  nimber  :  Re  «  6  million 

•  Model  incidences  :  a  «  0°,1.5‘’,3' 

1 


4.2X 

1.0 

0.324 

3.0 

1.7 

Not  reached  due  to  temperature  drop  during 
tunnel  starting  up  procedure  and  short 
running  time.  Deviation  from  adiabatic  wall 
temperatures  is  in  the  range  of  15*  to  25°, 
dep^ing  on  test  run  frequency. 

The  variation  of  model  teagierature  during 
the  measurements  itself  is  about  3°  and 
does  not  have  a  significant  affect  for 
airfoil  tests  with  fixed  transition. 


Fixed  transition  for  all  test  cases 

-  Transition  trip  strip  Smm  wide  at  5X 
chord  location  on  upper  and  lower 
surface,  formed  with  a  row  of  7  layers 
of  Letraset  triangles  (total  hight 
O.D32mm). 

■  Effectivness  was  verified  by  infrared 
inege  technique  for  saaie  configuration 
and  tame  flow  conditions  in  earlier 
tests,  which  showed  that  transition 
secured  at  6X  chord  (Ref.  8.2). 
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6.  DATA 

6.1  Availability  of  data 

6.1.1  Organization  owning  the  data 

6.1.2  Person  responsible  for  data 

6.1.3 

6.2  Suitability  of  data  for  CFD  validation 

6.2.1 

6.2.2 


DLR 

U.  Puffert-NeiSner 

Hauptabtei  Lung  Windkandle 

Deutsche  Forschungsanstalt  fiir  Luft-  und 

Raunfahrt 

Flughafen 

3300  Braunschweig 

Tel  0531  3952422 
Fax  0531  3952829 

Data  are  freely  available 


Data  are  suitable  for  "in-tunnel" 
calculation. 

Data  not  correcter  to  simulate  "free-air" 
conditions.  Coaputed  magnitude  of  blockage 
is  nMa  w  0.024  for  this  test  case  (closed 
top  and  bottom  walls). 


6.3  Type  and  form  in  which  data  are  available 
6.3.1  Type  and  form  of  data 


6.3.2  Data  carrier 

6.4  Corrections  applied  to  data 


7.  DATA  ACCURACY 

7.1  Estimate  of  accuracy 

7.1.1  Free  stream  conditions 

7.1.2  Measured  data 


-  Airfoil  pressure  distributions  (pressure 
coeficients). 

•  Normal  lift  and  pitching  moment 
coefficients. 

-  Side  wall  boundary  layer  pressure 
distributions  (ratio  of  boundary  layer 
total  pressure  to  tunnel  reference  total 
pressure). 

-  Calculated  boundary  layer  displacement 
and  momentum  thickness. 

-  Test  section  wall  pressure  distributions 
(pressure  coefficients)  . 

-  Flow  visualisation  data  (photographs) 

-  Printed  form 

-  Floppy  disk  (ASCII  file) 


No  corrections  applied  to  airfoil  data  and 
side  wall  boundary  layer  total  pressures. 

-  Correction  of  static  pressures  measured 
with  boundary  layer  rakes  (calibrated 
against  empty  tunnel  side  wall  pressure). 

-  Correction  of  tunnel  wall  pressures  with 
empty  test  section  pressure  distribution. 


-  Mach  nuiter  ;  t  0.001 
•  Model  Incidence  ;  t  0.02° 

-  Lift  coefficient  :  t  0.3X 

-  Moment  coefficient  :  t  O.SX 

-  Pressure  coefficient  :  t  O.SX 

-  total  pressure  ratio  :  t  0.8X 
(boundary  layer) 


AI-6 


7.2  Repeat  measurements  During  each  wind  tunnel  run  (corresponding 

to  one  particular  angle  of  incidence)  three 
complete  data  sets  were  measured,  from  which 
one  was  selected.  An  example  is  shown  in 
figure  7. 

7.3  Redundant  measurements  No  redundant  measurements  were  made 
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LIST  OF 

SYMBOLS 

Ha 

Mach  n^Tiber 

H 

Test  section  height 

Re 

Reynolds  number 

X 

Coordinate  in  londitudinal  direction 
of  test  section  from  model  pitch  axis 

Po 

Total  pressure 

y 

Coordinate  in  airfoil  spanwise  direction 
from  left  test  section  side  wall 

Pstat 

Static  pressure 

x/l 

Airfoil  chord  position  as  fraction  of 
chord  rom  airfoil  leading  edge 

Cp 

Pressure  coefficient 

z/l 

Airfoil  vertical  profile  coordinates  as 
fraction  of  chord  from  chordline 

Cn 

Normal  force  coefficient 

a 

Angle  of  incidence  of  airfoil 

Cm 

Pitching  moment  coefficient 

1 

airfoil  chord  length 

51 . 

delta-1 

Boundary  layer  displacement 
thickness 

XGR 

location  of  boundary  layer  rake  on  test 
section  side  wall  in  longitudinal 
direction  from  model  pitch  axis 

62, 

delta-2 

Boundary  layer  momentum 
thickness 

HGR 

location  of  boundary  layer  rake  on  test 
section  side  wall  in  horizontal  direction 

from  side  wall  centre  line 
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FIGURE  2 

CHANGE  OF  WALL  BOUNDARY  LAYER  PARAMETERS  IN  LONGITUDINAL 
DIRECTION  UNDER  INFLUENCE  OF  AIRFOIL  FLOW  FIELD  (a  x  0°) 
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MEASUREMENTS  ON  A  TWO-DIMENSIONAL  AEROFOIL 
WITH  HIGH-LIFT  DEVICES 

by 

I.R.M.Moir 
DRA  Farnbofough 


0  INTRODUCTION 

The  tests  detailed  in  this  submission  were  carried  out  by 
the  former  British  Aircraft  Corporation  in  support  of  the 
National  High  Lift  Programme.  This  Programme  was  a 
collaborative  project  between  the  Royal  Aerospace 
Establishment  Famborough  (now  part  of  the  DRA)  and 
the  aircraft  industry  with  the  aim  of  increasing  the 
understanding  and  knowledge  of  all  aspects  of  high-lift 
systems,  and  to  provide  a  fund  of  data  which  would 
benefit  the  design  of  future  transport  aircraft. 

Wind-tunnel  tests  were  carried  out  on  four  models: 

(i)  A  3-D  half  model  (RAE) 

(ii)  a  swept  panel  wing 

(HSA  Hatfield) 

(iii)  a  quasi-2D  (end-plate)  model 

(BAC  Weybridge) 

(iv)  a  2D  model  (BAC  Weybridge) 

BAC  Warton  also  carried  out  structural  analyses  on 
various  leading-edge  and  trailing-edge  devices. 

The  present  cases  are  results  from  the  2D  tests  which 
covered  investigations  into  two  leading-edge  and  two 
trailing-edge  devices.  The  model  had  a  supercritical 
aerofoil  section,  a  chord  of  0.7635m,  and  was  mounted 
between  turntables  in  the  floor  and  roof  of  the  BAC 
3.96m  X  2.74m  low-speed  wind-tunnel.  Two- 
dimensional  conditions  were  maintained  by  local  suction 
around  the  wing/wall  junctions.  Surface  pressures  were 
measured  on  all  the  components  of  the  wing,  at  two 
spanwise  stations,  one  near  the  tunnel  centreline  and  one 
near  the  roof.  These  pressures  were  integrated  to  give 
overall  lift,  drag  and  pitching  moment  coefficients.  A 
pitot/static  traverse  through  the  wake  provided  the  total 
momentum  deficit.  Traverses  perpendicular  to  the  wing 
surface  at  various  chordwise  locations  provided 
information  on  wake  and  boundary  layer  development 
and  interaction.  Flow  visualisation  was  provided  by 
tufting  of  the  wing  surfaces. 

1  GENERAL  DESCRimON 

LI  Model  ruutie  or  designation 

The  model  will  be  referred  to  as  NHLP  2D. 


U  Model  type  and  flow  conditions 

The  model  consisted  of  a  two-dimensional  wing  with 
high-lift  devices,  designed  for  testing  at  low  subsonic 
speeds. 

U  Design  requirements  and  purpose  of  tests 

The  model  was  designed  for  tests  on  a  wide  range  of 
high-lift  devices.  The  position  and  deflection  angle  of 
these  could  be  varied.  Two-dimensional  flow  conditions 
were  maintained  during  tests  by  the  use  of  local  suction 
at  the  wing/wall  junctions. 

1.4  Dominant  flow  physics 

The  performance  of  a  high-lift  wing  is  dependent  upon 
a  sftor.g  interaction  between  the  wakes  and  boundary 
layers  associated  with  each  element  (e.g.  slat/wing/fiap 
etc.).  Each  downstream  element  enables  the  element 
ahead  of  it  to  carry  a  higher  load  than  it  would  in 
isolation,  due  to  the  fact  that  i'.s  trailing-edge  is  situated 
in  the  suction  field  of  the  downsU’eam  element;  this 
makes  the  pressure  at  the  trailing-edge  significantly 
negative,  so  that,  for  a  given  pressure  recovery,  higher 
peak  suctions  can  be  sustainMl.  At  the  same  time,  the 
wake  from  the  upstream  element  can  interact  with  the 
boundary  layer  on  the  downstream  element,  thickening 
the  latter  and  producing  earlier  separation.  The  former 
effect  demands  that  the  two  elements  be  moved  closer 
together,  while  the  latter  requires  the  two  to  be 
separated.  This  leads  to  the  concept  of  optimum  relative 
positions  of  the  elements  of  a  high-lift  aerofoil.  These 
mechanisms  are  illustrated  in  Fig  1  which  shows  typical 
pressure  distributions  on  a  three  element  aerofoil, 
together  with  wake/boundary  layer  profiles  and 
development,  derived  from  these  profiles.  Also  shown 
is  a  typical  plot  of  lift  coefficient  against  angle  of 
incidence  which  illusuates  the  variation  of  with  slat 
position. 

U  Additional  remarks 

The  data  offered  here  were  gathered  in  the  early  1970’s, 
beftire  CFD  methods  attained  accuracy  sufficient  to 
make  the  comparison  between  theory  and  experiment  of 
significance  throughout  the  whole  flow-field. 
Unfortunately  the  data  presented  here  consist  only  of 
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surface  pressures  on  the  model  and  measuretiients  of 
static  and  total  head  variation  through  the  wake  and 
boundary  layers  at  selected  chordwise  positions.  Despite 
this,  the  data  form  an  unusuaily  wide  coverage  of 
different  slotted  high-lift  systems  at  moderately  high 
Reynolds  Number  in  a  flow  with  an  exceptionally  high 
degree  of  2-dimensionality. 

The  technique  of  using  wall  suction,  not  oniy  to  prevent 
the  separation  of  side-wall  boundary  layers,  but  also  to 
reduce  their  growth  substantially,  has  been  proved  in  a 
number  of  previous  experiments''^,  and  leads  to  a  flow 
which  is  closely  2-dimensional.  Since  accurate  data  of 
this  type,  with  highly  deflected  flaps,  are  difficult  and 
expensive  to  obtain,  this  set  should  afford  a  valuable 
addition  to  the  library  of  test  cases  availabie  to  AGARD 
countries. 

2  DETAILS  OF  MODEL 

2.1  General  geometric  arrangement 

Fig  2a  shows  the  NHLP  2D  model  planform,  and  a 
typical  aerofoil  cross-section. 

2.2  Conflguralioas 

Fig  2b  shows  the  alternative  high-iift  devices  tested. 

2J  Wing  and  aerofoil  data. 

2J.1  Planform 

Span  -  2.743m 

Aspect  ratio  -  3.593 

Area  «  2.094m 

2J.2  Basic  aerofoil  section 

Wing  section:  BAG  3-11/RES/30/21 
Thickness/chord  -  11% 

Nose  radius  r/c  -  0.0137 

2.7  Geometric  definition 

The  aerofoil  profile  was  numerically  defined,  and  the 
design  ordinates  are  provided.  Tolerance  on  the  profile 
is  t0.13mm.  Roughness  data  are  not  available. 

2.8  Model  support  details 

The  model  was  mounted  between  nimtables  in  the  floor 
and  roof  of  the  tunnel,  as  shown  in  Fig  2a. 

2Ji2  Special  features  of  mounting 

Local  suction  was  applied  around  the  wing  roots  as 
shown  in  Fig  2c. 


3  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 
BAG  Weybridge  3.96m  x  2.74m 

32  Organisation  running  tunnel: 

British  Aircraft  CorporationfBAC) 

32  Type  of  tunnel 

Low-Speed,  closed  circuit. 

Operating  envelope:  12.2m/sec  -»  97.5m/sec 
Maximum  Re/m  -  6.6  x  10* 

3.4  Test  Section 

3.4.1  Test  section  details 

Fig  3  shows  the  model  in  the  tunnei  working  section. 

3.4.2  Test  section  dimensions 

3.96m  X  2.74m  x  6.35m 

Comer  fillet  size:  0.762m  x  0.762m  approx. 

3.4J  Wall  geometry  details 

Walls  of  working  section  were  solid. 

No  wall  static  pressures  were  measured. 

Boundary  layer  control  was  applied  in  the  region  of  the 
wing  roots  only. 

Wall  boundary  layer  total  thickness  was  88mm  and 
displacement  thickness  was  10.5mm  approximately. 

3.5  Freestream  conditions 

3.5.1  Reference  pressure  measurement 

Total  pressure  was  measured  by  a  tapping  in  the 
maximum  section. 

Static  pressure  was  measured  by  a  tapping  at  the 
position  shown  in  Fig  3.  Positional  corrections  were 
appiied  to  these  readings. 

Static  temperature  was  not  measured. 

3JJ  Tunnel  calibration 

The  tunnel  was  calibrated  over  three  transverse  planes 
within  the  working  section  in  the  region  of  the  model, 
at  a  wind  velocity  of  30.5m/sec.  A  pitot-static  tube  with 
an  ellipsoidal  head  was  traversed  over  a  grid  with 
intervals  0.304m  horizontally  and  0.1 52m  vertically. 
The  tunnel  was  last  calibrated  in  about  1969. 
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3.6  Flow  Quality  of  empty  tunnel 

3.6.1  Flow  uniformity 

The  static  pressure  varied  approximately  0.4%  over  the 
model  chord,  and  insignificantly  across  the  span. 

The  Mach  number  was  held  constant  during  a  mn. 

The  flow  angularity  was  measured  by  a  pitch  meter. 
The  upwash  at  the  model  station  was  0.23°. 

Sidewash  is  not  available. 

3.6.2  Temperature  variation 

The  tunnel  temperature  could  not  be  controlled  and 
varied  approximately  S°C  during  a  run.  The  variation 
within  the  tunnel  is  not  available. 

3.6 J  Flow  unsteadiness 

The  tunnel  turbulence  factor  was  1.068. 

The  noise  level  is  not  available. 

4  INSTRUMENTATION 

4.1  Model  position 

4.1.1  Measurement  of  geometrical  incidence 

The  geometrical  incidence  was  derived  from  the  rotation 
angle  of  the  turntables. 

4,12  Accuracy  of  incidence  measurement  *■±0.05°. 

4.2  Model  pressure  measurement 

4.2.1  Number  and  disposition  of  pressure  tappings 

Fig  4a  indicates  the  position  of  the  pressure  tappings  on 
the  components  of  the  model.  Tappings  are  located  at 
two  spanwise  stations  as  shown  in  Fig  2a. 

422  Range  of  pressure  transducers 

Statham  unbonded  strain-gauge  type  pressure 
transducers  were  used  with  ranges  matched  to  the 
expected  pressures  on  the  wing.  34.5kPa,17.2kPa,6.9kPa 
and  3.4kPa  ranges  were  used. 

422  Dynamic  pressures  were  not  measured. 

4  J  Force  and  moment  measurement 

4J.1  Type  of  balance 

No  balance  was  used  as  sectional  force  and  moment 
coefficients  were  obtained  firom  integration  of  the 
pressure  coefficients. 


4.4  Boundary  layer  and  flow  field  measurements 

4.4.1/2/3  Boundary  layer  measurements  were  made  by 
traversing  a  pitot/static  probe  normal  to  the  wing 
surface.  Wake  momentum  deficit  was  measured  by  a 
pitot/static  rake  mounted  downstream  of  the  model  on 
a  traversing  rig  which  enabled  it  to  be  aligned  with  the 
model  wake,  as  shown  in  Fig  4b. 

4J  Surface  flow  visualisation. 

4.5.1/2  Surface  flow  visualisation  was  carried  out  by 
means  of  wool  tufts  attached  to  the  surface  at  various 
locations  on  the  wing  and  leading  and  hailing  edges. 

4.5J  Results  of  flow  visualisation 

These  are  in  the  form  of  photographs,  but  cannot  be 
made  available. 

5  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 

5.1.1  Number  of  selected  test  cases 

Eight  test  cases  are  offered,  consisting  of  surface 
pressure  measurements  and  boundary  layer  traverses  at 
two  angles  of  incidence  for  one  configuration,  and  at 
three  angles  of  incidence  for  two  other  configurations. 
Note  that  not  all  boundary  layer  traverse  positions  are 
covered  at  each  angle  of  incidence.  The  configurations 
offered  are  listed  in  5.1.2. 

5.U  Configurations  tested 

The  configurations  tested  were: 

(i)  LI  slat  (12.5%)  at  25°  +  T2  single-slotted  flap 
at  20° 

(ii)  LI  slat  +  T7  double-slotted  flap  at  40° 

(iii)  LI  slat  +  T8  triple-slotted  flap(7.5°,40°,20°) 

5.U  Test  matrix 

A  full  test  matrix  is  given  in  Table  I. 

52  ModeFtunnel  relations 

5.2.1  Maximum  blockage 

Maximum  solid  blockage  -  AUAJ,  -  0.00169 

522  Model  spanAunnel  width  ■  1 

5  J  J  Wing  area/tunnel  cross  section 

S/C  -  0.215  approx  (area  of  fillets  has  been  estimated) 
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5J{.4  Tunnel  height/chord  ratio  -  3.S93 

5JJ  Tunnel  width/chord  ratio  •3.190 

Transition  details 

5J.1  Transition  was  fixed  on  the  wing  upper  and 
lower  sur&ces. 

5JJ  At  high-lift  the  upper  surface  transition  was 
forward  of  the  transition  fix  due  to  a  short  laminar 
bubble  near  the  leading-edge. 

5JJ  Details  of  the  transition  fixing  is  shown  in 
Fig  5.  No  data  are  available  on  the  effectiveness  of  the 
fixing,  apart  from  as  stated  in  5.3.2. 

6  DATA 

6.1  Availability  of  data 

6.1.1  Organisation  owning  the  data 
Defence  Research  Agency,  Farnborough 


6 J  Type  and  form  in  which  data  are  available. 

6J.1  Details  are  given  in  Table  2  of  the  form  in 
which  the  various  components  of  the  data  exist. 

Freestream  velocity  is  corrected  for  solid  blockage. 

Pressuie  coefficients  are  based  of  freestream  dynamic 
pressure,  corrected  for  solid  blockage. 

Force  and  moment  coefficients  are  based  on  corrected 
freestream  dynamic  pressure,  and  are  also  corrected  for 
wall  constraint,  as  detailed  in  6.2.1. 

6JJ  At  the  time  of  the  preparation  of  this  document 
the  data  were  only  available  in  printed  form,  but  were 
being  prepared  for  availability  on  floppy  disk. 

6JJ/4  Extent  of  data 

This  was  not  available  at  the  time  of  preparation  of  this 
document. 

6.4  Corrections  applied  to  data. 


I 

i 


6,12  Person  responsible  for  the  data 


6.4.1  Lift  interference  and  blockage  correction 


Dr  D.S.Woodward, 

Superintendant  AP3  Division, 

Aerodynamics  &  Propulsion  Dept., 

X80  Building, 

Defence  Research  Agency, 

Farnborough, 

Hampshire  GU14  6TD 
United  Kingdom 
Tel:  0252-395377 
Fax:  0252-377783 

6.U  Availability  of  data 

The  data  specified  in  this  document  are  freely  available. 

62  Suitability  of  data  for  CFD  validation. 

62.1  Data  are  suitable  for  ‘in  tunnel'  calculation, 
although  no  wall  pressure  data  ate  available.  Data  are 
corrected  for  solid  blockage,  and  by  a  simple  coneaion 
to  incidence  to  represent  the  effect  of  wall  constraint  as 
follows: 

Aa  -  0.0693(Cl  +  4C  J° 

No  camber  or  wake  blockage  corrections  have  been 
applied,  but  full  incidence  polars  will  be  supplied  for 
the  calcuiation  of  these  quantities. 

6.2.2  Data  are  corrected  to  simulate  'free-air' 
conditions. 


The  data  are  considered  to  be  glo'oally  correctable. 
Classical  correction  methods  are  applied  according  to 
Ref  4. 

Dynamic  pressure,  angle  of  incidence,  and  pressure 
coefficients  are  corrected.  Some  uncorrecied  data  may 
be  available. 

6,62  Side  wall  interference  corrections 


The  wall  boundary  layer  was  removed  by  suction  in  the 
region  of  the  model. 

6.4.5  Aeroelastic  deformation 

This  was  not  measured  as  the  model  itself  was  rigidly 
mounted  and  the  high-lift  devices  were  mounted  on  10 
brackets  which  minimised  deformation. 

6.4.6  It  is  not  known  if  corrections  were  made  for  effect 
of  wake  traverse,  etc.  No  measurements  were  made  to 
determine  the  effect  of  bracket  wake  on  the  flow. 

7  DATA  ACCURACY  AND 

REPEATABILITY  ASSESSMENT 

7.1  Accuracy  estimates 

7.1.1  Frcc-strcam  conditions 

Mach  number  -  iO.3% 

Flow  velocity  -  as  Mach  No 
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Angle  of  incidence  -  ±0.05° 

7.U  Measured  data 

Forces  and  moments  - 
Cn  ±0.12% 

C*  ±0.2% 

C,  ±0.15% 

Pressure  coefficients  ■  ±0.1% 

12  Repeat  measurements. 

7.2.1  Type  and  number  of  repeats  during  one  teit 
series 

Unknown 

122  Type  and  number  of  repeats  In  successive 
tests 

Unknown 

7.4  Other  tests  on  the  same  nominal  geometry. 

7.4.1  The  model  was  not  tested  in  any  other  tunnel. 

1A2  Related  models  have  been  tested  in  other 
tunnels  -  see  Introduction. 
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TABLE  I 


Slat 

Flap 

Uo 

m/s 

q 

kPa 

LI 

T2 

67.0 

2.75 

LI 

T2 

67.0 

2.75 

LI 

T7 

54.9 

1.85 

LI 

T7 

54.9 

1.85 

LI 

T7 

54.9 

1.85 

LI 

T8 

54.9 

1.85 

LI 

T8 

54.9 

1.85 

LI 

T8 

54.9 

1.85 

Optimum  slat  position.  Boundary  layer 


traverse  at  a  »  4 


at  25%  wing  chonl,shroud  t/e,S0%  flap 


chord, flap  t/e. 


Optimum  slat  position.  Boundary  layer 
traverse  at  a  ■  20°, 
at  25%  wing  chord,shroud  t/e,50%  flap 
chord,flap  t/e. 

Boundary  layer  traverses  at  a 


37.2%  wing  chord,  aft  of  flap  trailing 


2.88  Boundary  layer  traverses  at  a  ■  17°,  at 
37.2%,80%,91%  wing  chord, 

50%  vane  chord, 

50%  ,75%  flap,aft  of  flap  trailing  edge. 

2.88  Boundary  layer  traverses  at  a  •  19°,  at 
37.2%,80%,91%  wing  chord, 

50%  vane  chord, 

50%  ,75%  flap,aft  of  flap  trailing  edge. 

2.88  Boundary  layer  traverse  at  a  -  3°, 
aft  of  flap  trailing  edge. 

2.88  Boundary  iayer  traverse  at  a  •  15°, 
aft  of  wing  shroud  t/e,  flap  shroud 
t/e,  flap  t/e. 

2.88  Boundary  layer  traverse  at  a  •  17°, 
aft  of  wing  shroud  t/e,  flap  shroud 
t/e,  flap  t/e. 


Notes:  Surface  pressures  measured  and  wake  traverse  for  ail  cases. 
Re  is  based  on  retracted  chord  of  0.7635m. 

TABLE  2 


Data 

Engineering 

Units 

Coefficients 

Normalised 

Freestieam 

Conditions 

Yes 

- 

- 

Sur&ce 

Pressures 

No 

Yes 

No 

Forces 

h’o 

Yes 

No 

b/1  Data 

Yes 

Yes 

No 

Wake  Data 

Yes 

Yes 

No 

Corrected 


770  It/'. 


Slat  (-1.2) - 4/  k-Slat  (-lV2.2V2) 


LE  suction  box 


Flap  suction  / 


LEbox...  /  Wing  box...  /  Wing  suction  box 

Gauze  area  3.85  sq  in  Gauze  area  7.70  sq  in 

Open  area  1 .46  sq  in  Open  area  2.96  sq  in 


Flap  box...  \ 

Gauze  area  6.69  sq  in 
Open  area  2.54  sq  in 


The  porous  area  of  each  box  is  sealed  by  cover  plates  and  tape  to  leave  only  the  open 
strip  along  profile  upper  surface  as  shown  In  sketch 


Fig  2c  Distribution  of  suction  areas  around  wing  at  roof  and  floor  of  tunnel 


Existing  pressure 
tapping  p. 


(H-p)  =  Qq  (empty  tunnel) 


Static  pressure  in  empty  W/S  is  negative 
in  relation  to  Ref.  tapping  p^  by  A  Cp  =  0.1 143 


pressures  measured  using  P2g  as  reference  with  model  In 
are  corrected  by  adding  A  Cp+  0.1 177  (allowing  solid  blockage 
increment)  i 


Existing  pressure 
tapping  p 

t  p  nnp 


Additional  floor  4. 
pressure  tapping  p. 

tC 


Fig  3  NHLP  2D  model  in  tunnel,  showing  reference  pressure  tappings 


“tunnel 

(rake  angle  P  predetermined  from  observation  of 
cotton  streamer  attached  to  rake) 

Fig  4b  Position  of  wake  rake  relative  to  model 
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INVESTIGATION  OF  THE  FLOW  OVER  A  SERIES  OF  14%-THICK 
SUPERCRITICAL  AEROFOILS  WITH  SIGNIHCANT  REAR  CAMBER 


by 

P.R.  Ashill 

Defence  Research  Agency 
Bedford,  MK4I  6AE,  UK 


0  INTRODUCTION 

The  experiments  described  in  this  submission  were 
performed  on  various  aerofoil  sections,  all  of  14% 
thickness/chord  ratio  and  with  significant  rear  camber. 
The  main  aim  was  to  obtain  an  improved  understanding 
of  viscous  effects  on  flows  over  aerofoils  with  severe 
adverse  pressure  gradients.  Such  gradients  can  be 
found  at  the  rear  of  aerofoils  with  significant  rear 
camber  and  at  the  foot  of  shock  waves. 

The  tests  were  performed  in  the  8ft  x  8ft  Pressurised, 
Subsonic/Supersonic  Wind  Tunnel  at  the  Defence 
Research  Agency  (DR A,  formerly  the  Royal  Aerospace 
Establishment)  Bedford  between  November  1976  and 
February  1982.  This  wind  tunnel  has  solid  walls  and, 
since  the  aerofoil  chord  to  tunnel  height  is  relatively 
large  (0.26),  the  data  are  strictly  not  correctable.  This 
was  recognised  from  the  outset,  the  main  concern  of 
the  investigation  being  with  studying  flows  rather  than 
performing  tests  on  a  prescribed  shape.  However,  the 
wall  boundary  conditions  are  well  defined  and  so  the 
data  may  be  useful  for  validating  CFD  codes  which 
include  allowance  for  the  wind-tunnel  walls.  In 
addition,  measurements  were  made  of  the  static 
pressures  on  the  roof  and  floor  of  the  working  section, 
providing  an  independent  check  on  the  accuracy  of  the 
representation  of  the  walls  in  any  CFD  method. 
Despite  the  caveat  above  about  correctability,  it  is 
believed  that  the  cases  presented  having  weak  shock 
waves  may  be  used  to  assess  free-air  calculation 
methods  provided  that  allowance  is  made  in  the 
calculation  for  wall-induced  camber.  Cases  suitable  for 
such  work  are  highlighted  in  Section  6.2  where  details 
are  also  given  of  the  camber  correction. 

1  GENERAL  DESCRIPTION 

1.1  Model  name  or  designation 

Model  2058,  2D  aerofoil  model  with  various 
trailing-edge  shapes  aft  of  65%  chord. 


1.2  Model  type  and  flow  conditions 

2D  aerofoil.  Subsonic  free  stream.  The  tests  include 
examples  with  shock  waves  and  with  separations  near 
the  trailing  edge. 

1.3  Design  requirements,  purpose  of  test 

The  model  had  aerofoil  sections  of  14%  thickness  chord 
ratio  and  was  designed  so  that  the  section  aft  of  65% 
chord  could  be  chtinged.  This  allowed  flows  with  rear 
pressure  distributions  of  differing  form  and  with 
gradients  of  varying  degrees  of  severity  to  be  studied. 
Three  classes  of  pressure  distribution  on  the  rear  40% 
to  50%  chord  were  investigated,  as  illustrated 
schematically  in  Fig  1.  As  shown  in  Fig  1,  six  aerofoils 
with  pressure  distributions  on  the  rear  of  the  upper 
surface  of  the  ’convex’  type  were  studied.  For  this  type 
of  pressure  distribution,  the  pressure  gradient  becomes 
increasingly  adverse  towards  the  trailing  edge.  Of  these 
six  aerofoils,  three  had  aerodynamically-sharp  trailing 
edges  and  the  remaining  three  had  blunt  bases.  The 
solitary  section  with  a  ’two-part’  rear  pressure 
distribution  (ie  with  the  pressure  rising  towards  the 
trailing  edge  in  two  stages  or  parts)  had  a  blunt  base  of 
'A%  thickness.  Two  sections  were  tested  with  ’relaxing’ 
pressure  distributions  (ie  with  pressure  gradients 
decreasing  towards  the  trailing  edge).  All  the  aerofoil 
sections  were  designed  to  have  similar  boundary-layer 
characteristics  on  the  lower  surface. 

1.4  Dominant  flow  physics 

The  dominant  flow  physics  are  a)  turbulent  boundary 
layers  in  large  adverse  pressure  gradients  (Fig  1),  b)  the 
interactions  between  these  boundary  layers  and  the 
inviscid  flow  and  c)  shock  waves  on  the  upper  surface 
with,  in  some  cases,  associated  separations. 

2  DETAILS  OF  MODEL(S) 

2.1  General  geometric  arrangement 

A  general  arrangement  of  the  model  with  a  typical 
aerofoil  section  (RAE5225)  is  shown  in  Fig  2.  This 
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Figure  illustrales  the  detachable  trailing  edge,  noted 
above,  and  the  air-injection  technique'  used  to  'fix’ 
boundary-layer  transition  on  both  surfaces.  The  layout 
of  the  model  in  the  working  section,  showing  the 
relative  streamwise  positions  of  the  model,  the  wake 
rake,  used  to  determine  drag,  and  the  static  pressure 
tappings  in  the  roof  and  floor  of  the  test  section  are 
shown  in  Fig  3. 

2.2  Configurations  See  Fig  I . 

2.3  Aerofoil  section  data 

2.3.1  Planform 

Model  chord  =  0.635m 

Model  span  =  2.438m 

Model  aspect  ratio  =3.84 

2.3.2  Basic  aerofoil  sections 

See  Fig  1.  All  the  sections  had  a  thickness/chord  ratio 
of  14%  and  a  nose  radius  to  chord  ratio  r/c  =  0.0144. 

2.7  Geometric 

The  shape  of  each  section  is  defined  numerically.  Both 
design  and  measured  ordinates  are  given.  The  errors  in 
shape  are  in  the  region  of  0.1mm  (O.OOOIS  x  chord). 
Surface  finish  is  within  the  range  0. 1  -  0.2fim. 

2.8  Model  support  details 

The  model  was  mounted  in  a  rotating  mechanism  on 
one  side  of  the  working  section  and  was  free  to  rotate 
in  a  bearing  on  the  other  side. 

3  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

8ft  X  8ft  Pressurised,  Subsonic/Supersonic  Wind 
Tunnel. 

3.2  Organisation  running  the  tunnel 

Defence  Research  Agency 

(formerly  Royal  Aerospace  Establishment), 

Aerodynamics  and  Propulsion  Department, 

Bedford, 

MK41  6AE,  England 

3.3  Tunnel  characteristics 

Type  of  tunnel;  continuous  flow,  closed  circuit. 
Operating  envelope:  See  Fig  4 


3.4  Test  section 

3.4.1  Test  section  details  See  Fig  3 

3.4.2  Test  section  dimensions 
2.44m  X  2.44m  x  14m. 

3.4.3  Wall  geometry  details 

Type  of  walls:  solid,  flexible  upper  and  lower  walls  for 
supersonic  operation.  Shapes  of  upper  and  lower  walls 
are  set  for  subsonic  tests  in  such  a  way  as  to  minimise 
the  pressure  gradient  on  the  centre  line  when  the  test 
section  is  empty^  Wall  pressures  are  measured  along 
the  centre  lines  of  the  roof  and  floor  (Fig  3).  Typical 
wall  boundary-layer  displacement  thickness:  19mm.  For 
further  details  see  Ref  3. 

3.5  Free-stream  conditions 

3.5.1  Reference  conditions 

Total  pressure:  Determined  using  a  pitot  in  the  settling 
chamber  and  a  ’Midwood'  self-balancing  capsule 
manometer  of  range  400kPa  and  accuracy  ±0.03%  full 
scale.  Static  pressure:  The  reference  static  pressure 
tapping  is  on  the  centre-line  of  the  sidewall  at 
X  =  4.S8m,  where  x  is  distance  along  the  tunnel  axis 
downstream  from  the  model  leading  edge  (Fig  3).  The 
differential  ’Midwood’  manometer  used  for  this 
measurement  was  of  range  lOOkPa  and  accuracy  0.03% 
full  scale.  Static  temperature;  This  is  inferred  from  total 
temperature  measured  to  an  accuracy  of  ±0.1K  by  a 
probe  in  the  settling  chamber. 

3.5.2  Tunnel  calibration 

Measurements  were  made  of  static  pressures  on  the 
centre-line  of  the  roof  and  floor  of  the  test  section 
(Ref  2)  using  differential  ’Midwood’  manometers  of 
range  ±lCX)kPa  and  accuracy  ±0.03%  full  scale.  The 
last  calibration  was  performed  (using  electronic  scanning 
of  pressure  transducers)  in  October  1991,  calibrations 
being  performed  atmually. 

3.6  Flow  quality 
3.6.1  Flow  unifonnity 

For  static  pressure  variations  along  the  model  axis  see 
Ref  2,  but  typically  ACp  =  0(0.0001)  with  the  diffuser 
choked,  as  in  the  present  tests.  The  variation  of 
(uncorrected)  Mach  number  during  a  run  is  within 
0.001. 

Average  flow  angularity  has  not  been  determined  for  the 
present  tests.  However,  it  is  routinely  determined  for 
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Sting-mounted  complete  models  by  comparing  force 
measurements  made  with  the  model  erect  and  inverted. 
Some  data  on  flow  angularity  has  also  been  obtained 
for  typical  swept-wing  half  models  (mounted  in  the 
same  way  as  in  the  present  case)  by  testing  a  model 
with  a  horizontal  plane  of  symmetry.  In  both  cases,  the 
implied  average  downwash  angle  has  been  found  to  be 
up  to  about  0.03°. 

3.6.2  Temperature  variation 

The  temperature  is  controlled  during  the  run  by  altering 
the  flow  of  water  through  the  cooler  in  the  settling 
chamber.  Temperature  can  be  controlled  to  within 
0.5°.  Temperature  variation  within  the  tunnel  is  not 
known. 

3.6.3  Flow  unsteadiness 

Overall  turbulence  level  is  not  known  but  overall  noise 
level  is  typically  Cp,„  =  0.004.  For  further 
information  on  the  noise  characteristics  of  the  wind 
tunnel  see  Ref  3. 

4  INSTRUMENTATION 

4. 1  Model  position 

Geometrical  incidence  is  measured  by  a  digital  encoder 
attached  to  the  mechanism  for  rotating  the  model.  The 
datum  for  these  measurements  is  determined  using  an 
accurate  electro-level  meter.  The  accuracy  of  the 
setting  is  estimated  to  be  ±0.005°. 

4.2  Model  pressure  measurements 

There  are  50  static-pressure  measurement  holes  oil  the 
centre  line  of  the  model  and  1 1  holes  at  stations  about 
one  chord  either  side  of  the  model  centre  line.  The 
differential  pressure  transducers  used  for  these 
measurements  were  of  range  ±  100  kPa  with  an 
accuracy  of  ±0.05%  full  scale. 

No  dynamic  pressure  measurements  were  made. 

4.4  Boundary  layer  and  flowfield  measurements 

Mean-flow  boundary-layer  profiles  were  measured  at 
four  chordwise  locations  on  the  lower  surface  of  the 
RAE  5225  aerofoil  (57%,  65%,  72.5%  and  80% 
chord).  Static  and  total  pressure  probes  were  mounted 
off  the  centre-line  of  the  model  with  the  two  types  of 
probe  displaced  spanwise  relative  to  each  other  as 
shown  in  Fig  5.  This  permitted  the  simultaneous 
operation  of  four  probes  during  a  given  tunnel  run. 
Each  of  the  probes  was  circular  in  cross  section,  the 
pitot  tubes  having  an  outside  diameter  of  0.5mm  and  an 
inside  diameter  of  0.3mm,  while  the  static  tubes  were 


of  1mm  diameter.  The  traversing  gear  used  for  these 
probes  is  shown  in  Fig  5. 

Static  and  total  pressures  were  also  measured  in  the 
boundary  layers  at  99%  chord  above  the  upper  surface 
and  below  the  lower  surface  of  the  aerofoil  RAE  5225 
using  the  probe  installation  shown  in  Fig  6.  The 
installation  comprised  two  pitot  tubes  of  circular  cross 
section  and  of  inside  and  outside  diameters  0.3mm  and 
0.5mm.  The  static  tubes  were  of  1mm  diameter. 

Skin  friction  measurements  were  made  on  the  RAE 
5225  aerofoil  using  the  razor-blade  technique’.  In  this 
method,  razor  blades,  cut  to  an  appropriate  shape,  were 
glued  to  the  model  surface  over  selected  static  pressure 
holes  and  ‘surface’  pitot  pressures  were  measured 
during  a  dedicated  tunnel  run.  Ihese  were  then  used,  in 
conjunction  with  static  pressures  measured  in  a  normal 
run  (ie  without  razor  blades),  to  evaluate  skin-friction 
coefficients,  using  the  calibration  of  Gaudet  given  in 
Ref  5.  Measurements  were  made  at  13  positions  on  the 
upper  surface  and  1 1  positions  on  the  lower  surface. 
Details  of  the  positions  of  these  measurements  are 
given,  along  with  the  data,  on  floppy  disk. 

Pitot  and  static  pressures  were  measured  in  the  wake  at 
the  vertical  plane  of  symmetry  at  about  two  chords 
downstream  of  the  model.  The  rake  of  tubes  used  for 
this  puiTA)se  comprised  91  pitot  tubes;  the  central  81 
tubes  v/ere  at  6.35mm  pitch  and  the  remaining  10  at 
intervals  of  12.7mm.  Two  static  tubes  were  used,  with 
one  at  each  extremity  of  the  rake. 

As  with  the  model  pressure  measurements,  all  the 
pressures  for  boundary  layer  and  flowfield  surveys  were 
measured  with  differential  pressure  transducers  of  range 
±102kPa  with  an  accuracy  of  ±0.2%  fiill  scale. 

4.5  Surface  flow  visualisation 

Surface  oil  flows  were  performed  by  ejecting  oil 
through  static  holes  aft  of  65%  chord  on  the  lower 
surface  of  the  ’<erofoil  RAE  5225.  These  visualisations 
were  photographcii  using  cameras  in  the  tunnel  roof. 

4.7  Tunnel  wall  m'*;.surements 

4.7.1  Types  of  Measurements 

Measurements  were  made  of  static  pressures  on  the 
centre  line  of  the  roof  and  floor  of  the  test  section  at  the 
positions  shown  in  Fig  3. 

5  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 

Results  for  a  total  of  nine  test  cases  are  available. 


including  examples  of  all  three  types  of  rear  pressure 
distribution  on  the  upper  surface.  These  are 
sununarised  below  Table  1  which  presents  the  details  of 
the  various  test  cases. 

5.2  Model/tunnel  relations 

5.2.1  Maximum  blockage 

AM  =  O.OIS  for  the  selected  test  cases. 

5.2.2  Model  span/tunnel  width 
The  model  spans  the  tunnel. 

5.2.3  Wing  area/tunnel  cross  section  area 
0.260 

5.2.4  Height/chord  ratio  3.84 

5.2.5  Width/chord  ratio  3.84 

5.2.6  Wall  temperatures 

Model  temperature  was  not  measured  but  tunnel 
temperature  was  controlled  so  that  excursions  of  model 
recovery  temperature  were  minimised. 

5.3  Transition  details 

The  tests  were  made  with  transition  ’fixed’  at  3% 
chord  on  both  surfaces  using  the  air-injection 
technique'.  For  details  of  the  size  and  spacing  of  the 
holes  through  which  the  air  was  emitted  see  Fig  2.  The 
technique  was  verified  by  varying  the  amount  of  air 
supplied  to  each  surface  and  noting  the  variation  of 
drag  with  air  mass  flow'. 

6  DATA 

6.1  Availability  of  data 

6.1.1  Organization  owning  data 
Defence  Research  Agency,  Bedford. 

6.1.2  Person  responsible  for  data 
Dr  P  R  Asbili 

Aerodynamics  &  Propulsion  Department 
Building  17 

Defence  Research  Agency 
Bedford,  MK41  6AE 
England 

Tel.  44  234  225804 
Fax.  44  234  22S848 


6.1.3  Availability  of  data 

Data  specified  in  questionnaire  are  available. 

6.2  Suitability  of  data  for  CFD  validation 

The  data  are  suitable  for  validating  ’in  tunnel’ 
calculations  methods.  The  data  are,  however,  corrected 
to  ’free-air’  conditions.  Details  are  provided  of  the 
corrections  made  for  blockage  and  wall-induced  angle  of 
incidence.  Some  of  the  cases  given  in  Table  1  are 
believed  to  be  suitable  for  assessing  ’free-air’  codes. 
These  cases  (A,  Bl,  Cl,  D  and  E)  either  have 
essentially  subcritical  flows,  or  weak  shock  waves,  for 
which  chordwise  variation  of  wall-induced  upwash  that 
is  characteristic  of  solid-wall  tunnels  can  be  catered  for 
by  changing  the  camber  of  the  aerofoil  in  the  CFD 
calculation^.  The  non-dimensional  increment  applied  to 
the  aerofoil  camber  ordinate  is  written  as: 


6Z  =  ^  — f-^fx(l-X) 

P  48ilij 

where  c/h  is  aerofoil  chord  to  tunnel  height  ratio. 

Cn  is  normal  force  coefficient. 

X  is  distance  along  aerofoil  chord  from 

leading  edge,  made  non  dimensional 
by  aerofoil  chord. 

^  >/(  I  -  M^)  and  M  is  free-stream  Mach 

number. 

6.3  Type  and  form  in  which  data  are  available 

6.3.1  a)  Free  stream 

Mach  number  corrected  for  tunnel  wall  (roof 
and  floor)  interference. 

b)  Pressure 

Coefficients  based  on  free-stream  dynamic 
pressure,  corrected  for  tunnel  wall  (roof  and 
floor)  interference,  and  model  chord. 

c)  Forces 

Coefficients  based  on  free-stream  dynamic 
pressure,  corrected  for  tunnel-wall  (roof  and 
floor)  interference. 

d)  Boundary  Layers 

Thickness:  Displacement  and  momentum 
thickness  are  determined  using  the  alternative 
definitions  given  in  Ref  6  which  allow  for  the 
variation  in  static  pressure  across  the  boundary 


layer  normal  to  the  surface  of  the  model.  The 
method  used  to  extrapolate  the  measured 
profiles,  to  facilitate  accurate  determination  of 
the  boundary  layer  thickness,  is  as  described  in 
Ref  6.  In  the  data  presented  the  boundary-layer 
thicknesses  are  made  non-dimensional  by 
aerofoil  chord. 

Profiles:  The  local  velocity  is  referred  to  the 
velocity  of  a  hypothetical  flow  having  the  same 
static  pressure  as  that  measured  at  the  wall,  but 
with  a  total  pressure  equal  to  that  at  the  edge 
of  the  boundary  layer.  In  determining  this 
velocity  ratio,  it  is  assumed  that  total 
temperature  is  constant  through  the  flow 
measured.  Velocity  ratio  and  static-pressure 
coefficient  are  determined  at  approximately  30 
points  at  roughly  even  intervals  of  log,o  (y), 
where  y  is  distance  from  and  normal  to  model 
surface. 

6.3.2  Data  Carrier 
Available  on  floppy  disc. 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage  correction 

Two  methods  were  used  to  determine  blockage,  one 
using  a  model  representation  (due  originally  to 
Goethert^)  and  the  other  a  two-component  method'.  The 
results  obtained  by  these  independent  methods  have 
been  found  to  be  in  good  agreement.  In  the 
two-component  method  the  effect  of  the  wall  boundary 
layer  on  the  normal  component  of  velocity  is  ignored 
but  a  limited  number  of  checks  indicated  that  this 
contribution  is  negligible.  The  corrections  for  blockage 
have  been  obtained  by  the  model  representation 
method. 

The  correction  to  angle  of  incidence  is  obtained  using 
linear  theory;  these  corrections  have  been  shown  to  be 
in  good  agreement  with  corresponding  values  given  by 
the  two-component  method. 

6.4.2  Side  wall  interference  corrections 

No  corrections  have  been  applied  to  either  Mach 
number  or  angle  of  incidence  for  this  effect.  However, 
calculations  made  using  a  modified  version’  of  the 
Bamwell/Sewall  method'"  "  suggest  that  the  correction 
to  Mach  number  is  probably  less  than  0.(X)1. 

6.4.5  Aeroelastic  deformation 

Owing  to  the  fact  that  the  model  was  free  to  rotate  at 
one  end,  it  was  able  to  twist  under  load.  The  amount  of 


twist  was  determined  from  a  prior  static  loading  and  by 
inferring  the  loads  acting  on  the  model  during  the  test 
from  the  pressure  measurements.  The  calculated 
reduction  in  angle  of  incidence  at  the  centre-line  of  the 
model  is  between  0.01°  and  0.08°  for  the  cases 
considered  (Table  I).  This  change  in  angle  is  applied  as 
a  correction  to  model  angle  of  incidence.  The  twist  over 
the  central  50%  span  of  the  model  is  about  half  the 
value  of  the  change  in  incidence  at  the  centre-line. 

7  DATA  ACCURACY  AND  REPEATABILITY 

ASSESSMENT 

7.1  Estimated  accuracies 

R,  =  20  X  10° 

Free  stream  conditions 


Mach  number 

=  ±0.001 

Incidence 

=  ±0.03° 

Pressure  and  Forces 

Cp 

=  ±0.002 

Lift  coefficient 

=  ±0.002 

Drag  coefficient 

=  ±0.0001 

Pitching  moment  coefficient 

=  ±0.002 

7.2  Repeat  measurements 

Good  repeatability  has  been  obtained  both  within  and 
between  test  campaigns.  For  example,  drag  coefficient 
has  been  shown  to  repeat  to  within  about  ±0.0001 
(Fig  7)  and  pressure  coefficient  to  within  about  ±0.001 
between  campaigns  performed  a  number  of  years  apart. 
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TIFICATION 

C 

ONDITK 

DNS 

POSITl 

ON 

OTHER  INFC 

IRMATION 

CASE 

CONF/RUN/ 

Mach 

q 

Rc  X 

a® 

Cu 

Types  of 

Remarks 

NO. 

DP 

No. 

kPa 

lo-* 

measurements 

A 

25/1/1402 

0.598 

55.9 

19.99 

1.38 

0.433 

a,b 

RAE  5225 

Bl 

25/1/1426 

0.735 

19.4 

6.03 

1.16 

0.403 

a,b,c 

RAE  5225 

B2 

25/1/1436 

0.737 

19.5 

6.04 

2.33 

0.659 

a,b 

RAE  5225 

B3 

25/1/1378 

0.734 

65.87 

19.97 

0.85 

0.407 

a,b 

RAE  5225 

B4 

25/1/1389 

0.736 

66.10 

20.03 

1.97 

0.640 

a,b 

RAE  5225 

Cl 

330/2/2210 

0.735 

18.9 

6.02 

1.16 

0.443 

a,b 

RAE  5230 

C2 

330/2/2221 

0.736 

18.9 

6.02 

2.34 

0.706 

a.b 

RAE  5230 

D 

536/1/19 

0.734 

18.5 

6.04 

1.28 

0.410 

a.b 

RAE  5236 

E 

534/2/766 

0.734 

19.3 

6.04 

0.90 

0.434 

a,b 

RAE  5234 

Notes: 


1  Types  of  measurements:  a)  Pressure  measurements  on  model  and  wind-tunnel  walls,  b)  Measurements 
of  total  and  static  pressure  in  the  wake,  and  c)  Mean-flow  measurements  in  the  boundary  layer  on  the  model. 

2  The  flows  may  be  defined  as  follows: 

A:  A  case  with  uniformly  subcritical  flow  and  a  suction  peak  on  the  upper  surface  near  the  leading 
edge,  RAE  5225  (Fig  8). 

Bl:  A  flow  with  a  weak  shock  wave  on  the  upper  surface,  subcritical  flow  on  the  lower  surface.  A 
limited  region  of  separation  is  expected  upstream  of  the  trailing  edge  on  the  upper  surface,  RAE  5225 
(Fig  9). 

B2:  A  flow  with  a  shock  wave  of  moderate  strength  on  the  upper  surface  and  a  limited  region  of 
separation  is  expected  just  upstream  of  the  training  edge  on  the  upper  surface,  RAE  5225  (Fig  10). 

B3:  Similar  to  Flow  Bl  but  with  attached  flow  on  the  upper  surface,  RAE  5225. 

B4:  Similar  to  Flow  B2  but  with  attached  flow  on  the  upper  surface,  RAE  5225. 

Cl;  Similar  to  Flow  Bl  but  with  more  extreme  tendencies  towards  separation  on  the  upper  surface, 
RAE  5230  (Fig  11). 

C2:  Similar  to  Flow  B2  but  with  more  extreme  tendencies  towards  separation  on  the  upper  surface, 
RAE  5230  (Fig  12). 

D;  Similar  to  Flows  Bl  and  Cl  but  with  a  different  form  of  rear  pressure  distribution  on  the  upper 
surface,  RAE  5236  (Fig  13). 

E;  Similar  to  Flows  B 1 ,  C 1  and  O  but  with  a  different  form  of  rear  pressure  distribution  on  the  uppaer 
surface,  RAE  5234  (Fig  14). 

3  The  figures  illustrating  pressure  distributions  for  these  flows  also  contain  predicted  pressure  distributions 
by  the  BVOK  transonic  aerofoil  theory  and  by  the  VGK  or  'standard  theoiy 
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Surface  Pressure  and  Hake  Drag  Measureaants  on  the  Boeing  J>4  Airfoil  in  the  lAR 

l.SZl.Sn  Wind  Tunnel  Facility. 

by 

D.J. Jones  and  Y.Nishimura 
IAR/HRC,  Ottawa,  CANADA 


0  Introduction. 

This  10.2%  maximum  thickness  to  chord 
airfoil  has  become  a  standard  airfoil 
for  Boeing  wind  tunnel  teste  in  the 
lAR  1.5X1. 5m  facility.  In  order  to 
study  wall  constraint  effects, 
several  different  chord  lengths  have 
been  used  in  the  narrow  span  (38.1cm) 
lAR  facility  and  a  30.5  cm  chord 
model  was  tested  in  the  1.5m  wide 
facility.  The  latter  data  from  the 
wide  span  facility  are  presented 
here.  This  data  has  a  small  sidewall 
correction  while  the  upper  and  lower 
walls  are  accounted  for  using  Mokry's 
wall  correction  procedures. 
Transition  was  fixed  at  10%  and  all 
runs  were  made  at  a  chord  Reynolds 
number  of  14  million.  The  tests  were 
carried  out  in  June-July,  1991. 


1.  OENERAL  DESCRIPTION. 

1.1  Model  naaa 

Boeing  A4  airfoil 

1.2  Nodal  type  and  flow  conditions 

2-D  airfoil.  Subsonic  free  stream 
usually  with  supercritical  flow. 

1.3  Design  requirements,  purpose  of 

test 

The  design  philosophy,  at  the 
supercritical  design  condition,  was 
to  accelerate  the  flow  rapidly  on  the 
upper  surface  and  gradually  lower  the 
speed  so  that  the  shock  is  quite 
weak.  High  aft  loading  was  also  an 
aim.  The  test  was  conducted 
specifically  to  obtain  accurate  data 
for  validation  purposes,  both  for  CFO 
and  for  comparing  to  results  in  the 
narrow  span  (38.1cm)  facility  at  lAR. 


2.  DETAILS  OF  MODEL 

2.1  Oenersl  geoaetric  srrangeaent 
Fig  1  shows  the  lAR  l.SmXl.Sm  tunnel 
and  the  airfoil  model  as  installed  is 
shown  in  Fig  2.  The  end  plates  (or 
flow  splitter  plates)  between  which 
the  airfoil  was  mounted  are  shown  as 
is  the  yoke  system  to  pitch  the 
airfoil.  These  end  plates  were 
installed  to  limit  the  size  of  the 
sidewall  boundary  layer.  The  wake 
rake  to  measure  wake  drag  (if  mounted 
vertically)  and  to  check  for  two 
dimensionality  of  the  flow  (if 
horizontal)  is  also  shown.  Fig  3 
shows  the  airfoil  cross-section. 


2.2  Configurations  Only  one 
conf igurat ion 

2.3  Airfoil  section  data 

2.3.1  Planfora 

1.35Bm  span  with  0.305m  chord  gives 
aspect  ratio  of  4.452 

2.3.2  Basic  airfoil  section 

Fig  3  shows  the  airfoil  cross  section 

-  10.2%  maximum  thickness/chord 

-  Nose  radius/chord  approximately 

0.0167 

2.7  Oeometry 

Airfoil  defined  numerically. 

Design  coordinates  shown  in  Table  1 

Tolerances  t0.007cms 

Surface  roughness  0.41  microns 

2.8  Model  support  details 

Model  supported  by  spuds  housed  in 
bearings  at  both  ends  of  the  model 

3  OENERAL  TUNNEL  INFORMATION 

3 . 1  Tunnel  designation 

lAR  1.5X1. 5m  pressurised  trisonic 
wind  tunnel 

3.2  Organisation  running  the  tunnel 
Test  conducted  by  the  High  Speed 
Aerodyn4unics  Laboratory  of  lAR 

3.3  Tunnel  characteristics 
Blowdown  tunnel.  Trisonic 
(0.15<H<4.25) ,  high  Reynolds  number 
(up  to  70  million  per  metre) 
facility.  Run  time  7  to  170  secs. 

3.4.1  Test  section  details 

Fig  2  shows  the  mounting  of  the  model 
and  relevant  features. 

3.4.2  Test  section  diaensions 
1.5X1. 5  metre  test  section 

3.4.3  Hall  geoBOtry  datails 

Slanted  porous  up]per  and  lower  walls 
with  2%  porosity,  wall  pressures  are 
measured  and  are  available  on  the 
floppy  disk. 

Sidewall  boundary  layer  is  not 
controlled  but  grows  along  the  solid 
endplates.  Typical  sidewall  boundary 
layer  thickness  is  3.0mm  at  the  model 
location. 
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3.5  Fraestraaa  conditions 


3.5.1  Raf aranca  conditions 
Total  pressure  was  measured  at  inlet 
to  test  section.  Static  reference 
pressure  was  measured  at  a  wall 
orifice  located  1.638m  upstream  of 
the  airfoil  pitch  axis  (which  is 
11.76  cms  from  the  airfoil  leading 
edge)  near  the  tunnel  ceiling's 
centreline.  Stagnation  temperature 
was  measured  by  a  thermometer  in  the 
settling  chamber.  Static  temperature 
was  obtained  by  calculation,  assuming 
isentropic  flow. 


cms  to  starboard.  Only  the  first  of 
these  is  on  the  floppy  disk  and  some 
bad  pressures  were  eliminated  leaving 
70  surface  pressures  for  each  scan. 


4.2.2  Kulite 
transducers 
( 165psia) ) , 

( 10. Ipsia) 

4.2.3  No 
measurements  were  taken. 


1379  kPa  (200p8ia) 
(range  1138  kPa 
accuracy  ±0.69kPa 

dynamic  pressure 


4.5  Surface  flow  visualisation 

Fluorescent  oil  photographs  of  the 
top  surface  were  taken. 


3.5.2  Tunnel  calibration 

Empty  tunnel  pressure  surveys  on 
ceiling,  floor,  sidewall  (splitter 
plates).  Sidewall  boundary  layer 
thickness  measured  by  a  24  probe 
rake. 

3.6  Plow  quality 

3.6.1  Flow  uniforaity  (aapty  tunnel) 

Static  pressure  variation  ±0.02psi 
over  model  length. 

Mach  number  variation  negligible  over 
model  length. 

Mach  number  variation  during  a  run 

±0.001. 

Flow  angularity  not  measured  although 
the  normal  1.5m  transonic  test 
section  has  a  downwash  of  0.25°;  this 
may  not  be  true  with  the  splitter 
plates  installed.  It  is  suggested 
that  fixed  lift  be  used  for  CFD 
validation. 

3.6.2  Teeperature  Variation 

2  deg  K 


4.7  Tunnel  wall  ■easuraaants 

4.7.1  Types  of  aeasureaents 

Pressures  and  wake  rake  drag. 

4.7.2  Upper  and  lower  wall  pressures 
recorded  at  32  stations  stretching 
from  about  1.8m  forward  to  0.96m  aft 
of  model  pitch  axis  which  is  11.76 
cms  from  the  airfoil  leading  edge. 
Note  that  the  pitch  axis  is  the 
origin  for  the  rail  pressures. 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1.1  96  test  cases,  see  Table  2, 
are  on  the  floppy  disk.  lAR  suggests 
computing  the  13  cases  as  marked  in 
Table  2  for  CFD  validation.  The  bulk 
of  these  cases  are  at  the  highest 
lift  for  each  Mach  number.  The  2 
cases  showing  trailing  edge 
divergence  (indicating  separation) 
will  be  particularly  challenging. 

5.1.2  One  configuration  only 


3.6.3  Flow  unsteadiness 

Turbulence  level  about  0.5  to  0.6% 
for  the  transonic  range.  The  limited 
flow  viz  indicated  that  transition  in 
these  cases  was  at  the  10%  x/c 
distance  from  the  leading  edge  i.e. 
at  the  fixed  transition  location. 
Noise  level  (Ap/q)rTns=0.01  at  M=0.4 
to  C. 8 

4 .  INSTRUMENTATION 

4.1  Model  Position 

4.1.1  Geometrical  incidence  measured 
using  potentiometers  and 
accelerometer  (average  taken). 

4.1.2  Accuracy  of  geometrical 
incidence  from  potentiometers  10.03” 
but  note  empty  tunnel  upwash/downwash 
not  measured. 

4.2  Model  pressure  siaasureeants 
4.2.1  80  pressure  holes  (see  fig  3) 
at  each  of  3  spanwise  locations;  one 
near  centreline  (5  cms  to  port  side), 
one  38  cms  to  port  and  the  last  51 


5.1.3  All  runs  at  chord  Reynolds 
number  of  14  million  with  Mach 
numbers  of  0.6,  0.7,  0.72,  0.74, 

0.76,  0,77,  0.78,  0.79,  0.80,  0.81. 
Normally  nine  scans  for  each  Mach 
number  from  C|^=0  to  about  C.=0.7. 
All  with  transition  fixed  at  10% 
chord  on  the  upper  and  lower 
surfaces . 

5.2  Model/tunnel  relations 

5.2.1  Maximum  blockage  2%  based  on 
10.2%  thick  airfoil  with  30.5  cm 
chord 

5.2.2  Span/width  =  0.905  (endplates 
mounted  off  the  tunnel  wall) 

5.2.3  Wing  area/tunnel  cross  section 
area^^O.  18 

5.2.4  Height /chord  ration 5 

5.2.5  Width/chord  ratio=4.454 

5.2.6  Wall  temperatures  not 
investigated 

5.3  Transition  details 

For  all  the  data,  transition  fixed  at 
10%  chord  on  upper  and  lower 
surfaces.  A  series  of  circular  disks 


I 
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nominally  1.27mm  in  diameter,  0.05mm 
in  height  and  spaced  2.54mm  apart. 
The  effectiveness  and  the  effect  on 
drag  has  been  investigated  in 
previous  studies  but  the  drag  quoted 
here  (from  wake  rake  data)  has  not 
been  corrected  for  the  transition 
trip.  Best  estimates  are  that  drag  is 
0.0002  high  due  to  the  disks. 

6 .  DATA 

6.1  Availability  of  data 

6.1.1  Organisations  owning  the  data 

lAR  and  Boeing  Commercial  Airplane 
Company  (Seattle,  WA) 

6.1.2  Persons  responsible  for  the 

data 

D.J. Jones  or  Y.Nishimura 
High  Speed  Aerodynamics  Laboratory 
Institute  for  Aerospace  Research 
National  Research  Council 
Montreal  Rd. , 

Ottawa  KIA  0R6 
CANADA 

6.1.3  Availability  of  the  data 
Data  specified  in  Table  2  is  on  the 
floppy  disk. 

6.2  Suitability  of  the  data  for  CPD 
validation 

The  data  on  floppy  disk  have  been 
corrected  for  upper/lower  walls  using 
only  the  linear  correction  of  Mokry 
and  Ohman  (Ref  8.4.1).  Table  4  gives 
the  Mach  number  fully  corrected  for 
nonlinearity  and  for  sidewall 
interference  and  so  is  suitable  for 
'free-air'  validation.  It  is 
suggested  to  compare  p/Pq  (stagnation 
reference  pressure)  as  these 
quantities  are  invariant  (they  are 
measured  directly)  with  free  stream 
Mach  number.  If  comparing  Cp  values 
then  they  must  be  reevaluated,  using 
new  values  for  p.  as  given  below 
using  the  'fully  corrected'  Mach 
numbers  quoted  in  Table  4.  The  lift 
coefficients  also  must  be  corrected 
using  the  formulae: 


P.,j={1+0.2*A^)3’ 


P-,2=(1*0.2*A^)^’ 


.  P-.2 


where  p,  is  the  freestream  pressure, 
M  is  the  freestream  Mach  number  (with 


appropriate  corrections)  and 
subscripts  I  and  2  refer  to  old  and 
new  values  of  the  variables. 

Note  that  the  data  point  at  about 

x/c>0.44  on  the  upper  surface  (see  j 

Fig. 4)  is  usually  in  error  and  should  I 

be  Ignored.  Also  the  pressure  reading 

at  x/c  about  0.1  in  the  floppy  file  i 

should  be  ignored  as  it  is  affected  | 

by  the  transition  disks  (it  has  j 

already  been  removed  from  Fig  4).  ! 

6.2.1  Data  are  not  suitable  for  in-  j 

tunnel  computations  since  only 

pressure  is  available  as  a  boundary 

condition  and  the  porous  wall  ' 

(slanted  holes)  boundary  condition  is 

not  known.  Careful  evaluation  of  the  i 

wall  corrections  make  the  data  i 

suitable  for  'free  air'  calculations.  ' 

I* 

6.2.2  Data  are  corrected  for  top  and  j 

bottom  walls  using  Mokry's  linear 

methods  (Ref  8.4.1)  together  with  a 
further  correction,  again  due  to 
Mokry,  which  accounts  for  the 
nonlinearity  of  the  flow  field  (Ref 
8.4.2).  Sidewall  corrections  using 

Jones  and  Chan's  full  transonic 
method  are  also  applied  (Ref  8.4.3). 

6.3  Type  and  form  in  which  data  are 
available 

6.3.1  Cp  versus  x/c,  force  data 
(integrated  from  the  pressures)  and 
wake  drags  as  well  as  upper  and  lower 
rail  pressures  are  available. 

6.3.2  Data  Carrier  Floppy  disk 

6.4  Corrections  applied  to  data 


6.4.1  Lift  interference  and  blockage 
correction 

Upper  and  lower  wall  constraints  are 
corrected  for  by  using  Mokry  and 
Ohman's  theory  which  is  a  linear 
technique  using  rail  pressures  on 
those  walls.  The  model  is  represented 
by  a  source,  a  vortex  and  a  doublet. 
Ref  8.4.1.  A  new  method  due  to  Mokry 
(Ref  8.4.2),  which  accounts  for  the 
nonlinearity  of  the  flowfield,  is 
also  used  to  improve  the  doublet's 
magnitude  by  relating  it  to  the  value 
obtained  by  comparison  with  an 
'Euler'  flowfield  obtained  from  a 
FL052  computation.  The  values  for  AM 
obtained  from  this  analysis  are 
itemised  in  Table  4,  the  values  are 
additive  to  those  obtained  from  the 
linear  theory. 

The  a  correction  using  linear  theory 
is  applied  to  the  quoted  data;  this 
method  assumes  that  the  upstreeun  a  is 
0*  and  so  there  is  an  error  in 
a(corrected)  since  the  empty  tunnel 
flow  angularity  was  not  measured  (see 
3.6.1).  lAR  recommend  fixing  the  lift 
to  obtain  comparison  with  CFD. 


iM-' 
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6.4.2  Sidewall  interference 
corrections 

A  sidewall  correction  to  Mach  number 
is  computed  based  on  the  theory  of 
Jones  and  Chan  (Ref  8.4.3).  This  is 
based  on  computing  the  sidewall 
boundary  layer  and  simulating  this  by 
a  transpiration  velocity  applied  at 
the  sidewalls.  A  comparison  of  the 
wing  flow  with  and  without  the 
boundary  layer  growth  then  indicates 
the  size  of  the  correction.  Results 
using  this  method  which  are 
applicable  to  the  data  presented  here 
are  given  in  Ref  8.4.4.  Table  4  gives 
the  sidewall  AM  corrections  computed 
for  the  present  cases;  they  are 
additive  to  the  upper/lower  wall 
corrections . 

6.4.5  Aeroelastic  deformation 
Torsional  twisting  of  the  model 
results  in  an  incidence  different 
from  the  measured  incidence. 
Torsional  deflection  was  derived  from 
static  calibration  data  on  the  model. 
This  correction  has  not  been  applied 
to  the  cpjoted  a.  It  is  typically 
about  -0.37°  at  zero  lift  and  is 
close  to  zero  at  a  lift  coefficient 
of  0.75  with  a  linear  variation  in 
between. 

7.  DATA  ACCURACY  AND  REPEATABILITY 
ASSESSMENT 

7.1  Estimated  accuracies 

7.1.1  AM  as  measured  ±0.001.  The 
accuracy  of  the  correction  methods 
(top,  bottom  and  sidewall)  is 
expected  to  give  a  total  error  of 
about  ±0.002. 

Aa  ±0.03°  as  measured  (but  corrected 
a  will  not  be  this  accurate  -  see 

3.6.1  and  6.4.1) 

7.1.2  Pressure  coefficients  ACp=±0.01 
Wake  pressure  Ap( wake) =±0.069 
kPa  (±0.01  psi) 

7.2  Repeat  Measurements 

7.2.1  Free  stream  conditions  were 
repeated  to  test  repeatability  at 
M=0.7  and  M=0.79.  Repeatability  was 
very  good  as  seen  from  Fig  4. 
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UPPER  SURFACE 

54  POINTS: 

x/c 

Y/C 

0.00000 

0.00035 

0.00500 

0.01116 

0.01000 

0.01497 

0.02000 

0.01934 

0.03000 

0.02233 

0.04000 

0.02478 

0.05000 

0.02689 

0.06000 

0.02874 

0.07000 

0.03040 

0.08000 

0.03190 

0.09000 

0.03327 

LOWER  SURFACE 

27  POINTS 

0.10000 

0.03454 

X/C 

Y/C 

0.12500 

0.03733 

0.00000 

0.00035 

0.15000 

0.03972 

0.00500 

-0.01164 

0. 17500 

0.04180 

0.01000 

-0.01551 

0.20000 

0.04361 

0.02000 

-0.02118 

0.22500 

0.04520 

0.04000 

-0.02858 

0.25000 

0.04660 

0.06000 

-0.03330 

0.27500 

0.04784 

0.08000 

-0.03669 

0.30000 

0.04893 

0.10000 

-0.03932 

0.32500 

0.04988 

0.15000 

-0.04402 

0.35000 

0.05070 

0.20000 

-0.04699 

0.37500 

0.05138 

0.25000 

•  0.04875 

0.40000 

0.05194 

0.30000 

-0.04948 

0.42000 

0.05230 

0.35000 

-0.04931 

0.44000 

0.05258 

0.40000 

-0.04840 

0.46000 

0.05276 

0.45000 

-0.04682 

0.48000 

0.05284 

0.50000 

-0.04454 

0.50000 

0.05282 

0.55000 

-0.04130 

0.52000 

0.05271 

0.60000 

-0.03676 

0.54000 

0.05249 

0.65000 

-0.03062 

0.56000 

0.05215 

0.70000 

-0.02289 

0.58000 

0.05171 

0.75000 

-0.01411 

0.60000 

0.05115 

0.81000 

-0.00384 

0.62000 

0.05046 

0.87000 

0.00261 

0.64000 

0.04963 

0.92000 

0.00331 

0.66000 

0.04865 

0.96000 

0.00191 

0.68000 

0.04750 

0.99000 

0.00010 

0.70000 

0.04615 

1.00000 

-0.00056 

0.72500 

0.04415 

0.75000 

0.04177 

0.78000 

0.03842 

0. 81000 

0.03457 

0.84000 

0.03024 

0.87000 

0.02549 

0.90000 

0.02037 

0.92000 

0.01677 

0.94000 

0.01303 

0.95000 

0  OHIO 

0.96000 

0.00911 

0.97000 

0.00705 

0.98000 

0.00492 

0.99000 

0.00274 

1.00000 

0.00056 

Table  1. 

A4  Airfoil  Coordinates 
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Table 

2.  Teat  Data  Available. 

Three  scans  pec 

wind  tunnel  run 

Run 

M  (noaiinal) 

Cl 

1 

values^ 

SCAN 

2  3 

Suggested  for  Cosunenta 

CFD  Validation  for  validation 

37893 

0.60 

-0.024, 

0.165,  0.364 

Scan  1  Low  M;  zero  lift 

37894 

0.60 

0.463, 

0.521,  0.574 

37895 

0.60 

0.566, 

0.631,  0,690 

37896 

0.70 

-0.026, 

0,152,  0.330 

Scan  3  'Subcritical  case' 

37897 

0.70 

0.415, 

0.466,  0.507 

37898 

0.70 

0.503, 

0.554,  0.610 

Scan  3**  High  lift; 

increasing  Mach 
number  trends  in 
succeeding  cases 

37929 

0.70 

0.595, 

0.649,  0.709 

37899 

0.72 

-0.026, 

0.174,  0.381 

37900 

0.72 

0.452, 

0.540,  0.582 

37901 

0.72 

0.590, 

0.657,  0.724 

Scan  3 

37902 

0.74 

-0.023, 

0.171,  0.383 

37903 

0.74 

0.488, 

0.537,  0.579 

37904 

0.74 

0.604, 

0,659,  0.736 

Scan  3 

37905 

0.76 

-0.040, 

0.172,  0.385 

37906 

0.76 

0.493, 

0.552,  0.581 

37907 

0.76 

0.617, 

0.681,  0.734 

Scan  3 

37908 

0.77 

-0.031, 

0.184,  0.378 

37909 

0.77 

0.488, 

0.543,  0.580 

37910 

0.77 

0.608, 

0.666,  0.733 

Scan  3 

37911 

0.78 

-0.038, 

0,176,  0.376 

37912 

0.78 

0.483, 

0.541,  0.573 

37913 

0.78 

0.600, 

0.661,  0.717 

Scan  3 

37914 

0.79 

-0.035, 

0.176,  0.382 

37915 

0.79 

0.442, 

0.497,  0.555 

37917 

0.79 

0,616, 

0.660,  0.717 

Scan  3 

37918 

0.80 

-0.049, 

0.169,  0.377 

37919 

0.80 

0.431, 

0.494,  0.549 

37920 

0.80 

0.607, 

0.661,  0.696 

Scans  2,3  Scan  3  shows 

trailing  edge 
divergence 
indicating  flow 
separation 

37921 

0.81 

-0.049, 

0.161,  0.269 

37922 

0.81 

0.366, 

0,421,  0,475 

37923 

0.81 

0.473, 

0.524,  0.588 

Scans  2 , 3  Scan  3  shows 

trailing  edge 
divergence 
indicating  flow 
separat ion 

37926 

0.79 

0.659* 

0.713*  0.759 

*  Repeat  of  two  scans  in  Run  37917 

**  The  drag  for  this  scan  is  not  correct  (out  of  air)  but  Cp  model  is  good. 

The  user  may  prefer  to  use  scan  2. 

Note 

1.  Corrected  only  for  Mokry's  linear  theory  Ref  8.4.1.  should  be  corrected 
according  to  Section  6.2.  Use  lift  rather  than  a  for  computations. 


Table  3 .  Form 

of  Data 

Data  Eng. 

Freestream 

Conditions 

•Units 

X 

Coef  f 
/ 

Normalized 

/ 

Uncorrected 

/ 

Corrected^ 

X 

Surface 

pressures 

/ 

X 

X 

/ 

X 

Forces 
integrated 
from  pressure 

/ 

X 

/ 

/ 

X 

Wake  data 

/ 

X 

/ 

/ 

X 

Note 

1.  Corrected  only  for  Mokxy'a  linear  theory  Ref  8.4.1.  p/Pq  does  not  need 
correction  and  should  be  corrected  according  to  Section  6.2.  Use  lift 
rather  than  a  for  comparison. 

Table  4.  Mach  number  corrections  for  each  mn  on  floppy.  3  scans  per  run. 


SCAN  SCAN  SCAN  SCAN 

12  3  12  312  3  1  23 

RUN  M(linear  corm.)'*  -AM(nonlinear)^  -AM(sidewaH)^  M(fully  corrected) 

37893  0.600  0.600  0.600  0.000  0.000  0.000  0.000  0.000  0.000  0.600  0.600  0.600 

37894  0.599  0.599  0.598  0.000  0.000  0.001  0.000  0.000  0.000  0.599  0.599  0.597 

37895  0.598  0.598  0.598  0.001  0.001  0.001  0.000  0.000  0.000  0.597  0.597  0.597 

37896  0.703  0.703  0.701  0.001  0.001  0.001  0.000  0.000  0.001  0.702  0.702  0.699 

37897  0.700  0.700  0.698  0.001  0.001  0.001  0.001  0.001  0.002  0.698  0.698  0.695 

37898  0.699  0.698  0.698  0.001  0.001  0.001  0.002  0.002  0.002  0.696  0.695  0.695 

37929  0.702  0.702  0.701  0.001  0.001  0.001  0.002  0.002  0.002  0.699  0.699  0.698 

37899  0.723  0.724  0.719  0.001  0.001  0.001  0.000  0.001  0.001  0.722  0.722  0.717 

37900  0.720  0.719  0.719  0.001  0.001  0.001  0.001  0.002  0.002  0.718  0.716  0.716 

37901  0.722  0.722  0.722  0.001  0.001  0.002  0.002  0.002  0.002  0.719  0.719  0.718 

37902  0.744  0.745  0.744  0.001  0.001  0.001  0.000  0.001  0.001  0.743  0.743  0.742 

37903  0.742  0.742  0.742  0.001  0.001  0.002  0.001  0.002  0.002  0.740  0.739  0.738 

37904  0.742  0.742  0.742  0.002  0.002  0.002  0.002  0.002  0.002  0.738  0.738  0.738 

37905  0.764  0.765  0.763  0.001  0.001  0.001  0.000  0.001  0.001  0.763  0.763  0.761 

37906  0.763  0.762  0.762  0.002  0.002  0.002  0.001  0.002  0.002  0.760  0.758  0.758 

37907  0.762  0.762  0.762  0.002  0.002  0.003  0.002  0.002  0.002  0.758  0.758  0.757 

37908  0.770  0.771  0.769  0.002  0.001  0.001  0.000  0.001  0.001  0.768  0.769  0.767 

37909  0.768  0.768  0.768  0.002  0.002  0.002  0.001  0.002  0.002  0.765  0.764  0.764 

37910  0.768  0.767  0.768  0.002  0.003  0.003  0.002  0.002  0.002  0.764  0.762  0.763 

37911  0.779  0.780  0.779  0.002  0.001  0.002  0.000  0.001  0.001  0.777  0.778  0.776 

37912  0.778  0.777  0.776  0.002  0.002  0.002  0.001  0.002  0.002  0.775  0.773  0.772 

37913  0.777  0.776  0.776  0.003  0.003  0.003  0.002  0.002  0.002  0.772  0.771  0.771 

37914  0.789  0.790  0.788  0.002  0.002  0.002  0.000  0.001  0.001  0.787  0.787  0.785 

37915  0.791  0.790  0.790  0.002  0.002  0.003  0.001  0.001  0.002  0.788  0.787  0.785 

37917  0.789  0.788  0.788  0.003  0.003  0.004  0.002  0.002  0.002  0.784  0.783  0.782 

37918  0.803  0.803  0.802  0.003  0.002  0.002  0.000  0.001  0.001  0.800  0.800  0.799 

37919  0.801  0.800  0.800  0.003  0.003  0.003  0.001  0.001  0.002  0.797  0.796  0.795 

37920  0.799  0.799  0.798  0.004  0.004  0.004  0.002  0.002  0.002  0.793  0.793  0.792 

37921  0.813  0.813  0.813  0.004  0.003  0.003  0.000  0.000  0.001  0.809  0.810  0.809 

37922  O.S'll  0.811  0.810  0.003  0.003  0.003  0.001  0.001  0.001  0.807  0.807  0.806 

37923  0.810  0.809  0.809  0.003  0.003  0.004  0.001  0.002  0.002  0.806  0.804  0.803 

37926  0.789  0.789  0.788  0.003  0.004  0.004  0.002  0.002  0.002  0.784  0.783  0.782 

Notes: 

1.  Hach  number  as  printed  on  floppy  applying  Mokry's  linear  correction;  Ref 

B.4.1 

2.  Correction  to  Mokry's  linear  theory  for  nonlinear  effects;  Ref  8.4.2 

3.  Correction  for  sidewall  boundary  layer;  Ref  8.4.3 


Tcftt  ftaclMin 
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2-D  AILERON  EFFECTIVENESS  STUDY 
by 


V.D.  Chin,  C.J.  Dominik,  F.T.  Lynch,  D.L.  Rodriguez 
McDonnell  Douglas  Corporation 
Long  Beach,  California 


0 .  Introduction 

The  experimental  data  described  in  this  contribution  were  obtained  in  the  lAR  High  Reynolds 
Number  60“  x  15"  (1.5m  x  0.38m)  Two-Dimensional  Test  Facility.  The  purpose  of  the 
experiment  was  to  investigate  the  effects  of  Reynolds  number  and  Mach  number  on  aileron 
effectiveness  and  to  evaluate  effectiveness  of  viscous  scaling  techniques  that  attempt  to 
simulate  flow  at  higher  Reynolds  numbers. 

The  advent  of  the  modern  transport  wing  has  prompted  a  renewed  interest  in  the  transonic 
characteristics  of  ailerons.  In  addition  to  their  traditional  role  of  lateral  (roll)  control,  ailerons  are 
used  for  wing  load  alleviation  and  to  improve  cruise  performance  through  the  “drooped  aileron" 
concept.  An  understanding  of  the  prevailing  flow  physics  which  limit  the  transonic  performance 
of  ailerons  is  necessary  for  the  successful  design  of  a  control  system  that  satisfies  the  multi-role 
requirements  of  the  aileron. 

Figure  1  illustrates  some  typical  results  that  were  obtained  from  this  test.  These  results  showed 
a  linear  variation  of  lift  for  upward  trailing  edge  deflections  but  a  highly  nonlinear  variation  for 
downward  deflections.  This  nonlinear  behavior,  equivalent  to  a  loss  in  aileron  effectiveness, 
became  worse  at  higher  angles  of  attack  and  higher  Mach  numbers.  In  addition,  the  viscous 
scaling  technique  that  was  used  at  lower  Reynolds  numbers  was  found  to  be  inadequate  for 
modeling  f'ow  at  higher  Reynolds  numbers. 

The  data  acquired  from  this  test  were  for  a  series  of  aileron  deflections  varying  from  -5°  to  -h5°  at 
Mach  numbers  of  0.717  and  0.746  and  chord  Reynolds  numbers  of  5, 15,  and  25  million.  The 
following  types  of  data  were  obtained:  airfoil  surface  pressure  distributions;  wake  drag,  which 
was  determined  by  wake  transversing  probes;  lift  and  drag  forces  and  pitching  moment,  which 
were  determined  by  force  balance  readings  and  surface  pressure  integrations;  and  floor  and 
ceiling  pressure  distributions,  which  were  used  to  compute  wall  interference  effects. 

One  of  the  difficulties  in  wind  tunnel  testing  is  accounting  for  the  effects  of  wall  Interference  to 
reinterpret  the  data  for  "free  air  “conditions.  Corrections  for  interference  effects  of  the  floor  and 
ceiling  and  for  the  sidewall  boundary  layer  effects  were  applied  to  the  data.  The  data  are 
available  corrected  for  floor  and  ceiling  effects,  and  correcied  .'or  both  floor  and  ceiling 
interference  and  sidewall  boundary  layer  effects. 
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1  .  General  Description 

1 . 1  Model  name  or  designation 

1 .2  Model  type/flow  conditions 

1.3  Purpose 


McDonnell  Douglas  DLBA032  airfoil 

2D  supercritical  airfoil;  transonic 

To  determine  the  effects  of  Reynolds  number 
and  Mach  number  on  aileron  effectiveness. 


1 .4  Dominant  flow  physics 


Shock  development,  trailing  edge  separation. 
See  Figure  1. 
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2 .  Details  of  Model  (Ref.  4) 

2 . 1  Geometric  arrangement 

2.2  Configurations  tested 

2.3  Airfoil  data 

2.3.1  Airfoil  shape 

2.3.2  Thickness/chord 

2.3.3  Nose  radius/chord 

2.3.4  Trailing  edge  thickness 

2.3.5  Aileron  data 

2.4  Geometric  Definition 

2.4.1  Analytical/numerical 

2.4.2  Design/measured 

2.4.3  Tolerances 

2.4.4  Surface  roughness 

2.5  Model  support  details 

2.5.1  Support  geometry 

2.5.2  Special  feature 

3 .  General  Tunnel  Information 

3.1  Tunnel  designation 

3.2  Organization 


Unswept  wing  with  10.0"  (0.254  m)  chord 
spanning  width  of  wind  tunnel  test  section 
(15”  (O.SdiTi))  to  simulate  2D  flow. 

Aileron  deflections  of  -5°,  -2“,  0°,  1°,  2“,  3°,  4°,  5°. 


Supercritical  aft-loaded  airfoil  with  2.25%  aft 
camber.  See  Figure  2. 

0.1228 

0.0179 

0.50%  chord 

Aileron  hinge  line  is  at  75.0%  chord.  Deflection 
are  set  by  replacing  the  Interchangeable  bracket 
shown  in  Figure  2.  A  0.01"  (.25mm)  gap  is 
modeled  between  the  main  airfoil  and  the 
aileron.  A  typical  deflection  is  shown  in  Figure  3. 


Numerical 

Measured 

±0.002"  (±0.005  cm)  for  leading  edge  5%  chord. 
±0.005"  (±0.013  cm)  from  5%  to  75%  chord. 
±0.001 5"  (±0.0038  cm)  for  aileron. 

16  min  (400  nm) 


Side  wall  balances  connected  to  airfoil  by  two 
pins  at  each  end.  See  Figure  4. 

The  balance  can  rotate  to  allow  for  angle  of 
incidence  control  along  with  the  measurement  of 
chord  and  normal  forces  and  pitching  moment. 


2-D  High  Reynolds  Number  Test  Facility  of  the 
lAR  1.5m  X  1.5m  Trisonic  Blowdown  Wind 
Tunnel. 

High  Speed  Aerodynamics  Laboratory 

Institute  for  Aerospace  Research 

National  Research  Council  of  Canada 

Montreal  Road 

Ottawa,  Ontario 

K1A  OR6 

Canada 


3.3  Tunnel  characteristics 


A5-3 


3.3.1  Type  of  tunnel 

3.3.2  Operating  envelope 


3.4  Test  section 


Blowdown  tunnel  with  interchangeable  test 
sections. 

Mach  numbers  from  0.1  to  1.1.  Reynolds 
numbers  from  4  to  50  millionyft  (13  to  164 
million/m).  Total  pressures  from  60  to  1 80  psia 
(0.41  to  1.24  MPa). 


3.4. 1  Test  section  and  mount 
details 

3.4.2  Test  section  dimensions 

3.4.3  Wall  geometry  details 

3.4.3.1  Wall  type 

3. 4. 3. 2  Open  area  ratio 

3. 4. 3. 3  Wall  pressures 

3. 4. 3. 4  Boundary  layer  control 


3. 3.4. 5  Typical  boundary  layer 
displacement  thickness 
at  balance  centerline. 

3.5  Free  stream  conditions 


See  Figure  5. 


60"  (0.38m)  in  height  and  15"  (1 .5m)  in  width. 
Test  section  length  with  parallel  walls  is  141" 
(3.56m). 


Ceiling  and  floor  have  adjustable  porosity  (0.5%  - 
6%)  to  reduce  boundary  layer  effects.  Sidewalls 
are  solid  except  for  18”x24”  (46cm  x  61cm) 
boundary  layer  suction  panels  located  at  the 
model  mount. 

Adjustable;  0.005  to  0.060. 

Measured  along  floor  and  ceiling  with  1 .0" 
(25.4mm)  rails  located  midway  between  the 
sidewalls  extending  83"  (2.1m)  upstream  and 
47"  (1 .2m)  downstream  of  the  model  pitch  axis. 
Sidewall  pressures  not  measured. 

The  sidewall  boundary  layer  is  removed  at  the 
test  section  inlet  by  bleed  slots.  The  new 
sidewall  boundary  layer  which  develops  as  the 
flow  reaches  the  model  is  then  thinned  or 
removed  through  the  18"x  24"  (45cm  x  61cm) 
porous  panel  and  mount  disk  which  surround 
the  model  end  using  suction.  The  floor  and 
ceiling  were  porous  throughout  the  length  of  the 
test  section. 

0.15"  (.38  cm)  for  Re  =  15  X  10®  /ft  (49  x  10®/m) 
and  a  suction  velocity  ratio  (v/U„)  of  0.0078 
(Ref.  1,  Fig.  11). 


3.5.1  Ref.  conditions  determined  by 
3.5. 1.1  Total  pressure 


Parascientific  Digiquartz  200  psia  (1 .38  MPa) 
pressure  transducer  on  pitot  probe  at  inlet  of  test 
section. 
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3.5. 1.2  Static  pressure 

3.5.1 .3  Total  temperature 

3. 5.1. 4  Static  temperature 

3.5.2  Tunnel  calibration 
3.5.2. 1  Method 


3. 5.2.2  Date  of  last  calibration 
Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

3. 6. 1.1  Pressure  variations 

from  reference  value 
over  model  length 

3. 6.1. 2  Mach  no.  variations 

from  reference  value 
over  model  length 

3.6. 1 .3  Mach  no.  variations 

during  a  run 

3. 6. 1.4  Average  flow  angularity 


Digiquartz  200  psia  (1 .38  MPa)  pressure 
transducer  in  pressure  tap  located  81"  (206cm) 
upstream  of  balance  centerline. 

Resistance  thermometer  (RdF  probe)  in  tunnel 
settling  chamber. 

Not  determined.  Calculated  from  conditions 
determined  above. 


Static  pressure  tubes  were  mounted  at  the 
centerline  and  along  the  floor  and  ceiling. 
Pressure  taps  were  also  installed  along  the  floor, 
ceiling,  and  one  sidewall.  The  reference 
pressure  tap  was  located  81"  (2.1  m)  upstream  of 
the  balance.  These  were  used  to  determine  the 
flow  uniformity  over  vertical  planes  in  the  test 
section.  The  wake  rake  was  also  used  to 
determine  the  total  pressure  uniformity  across 
the  test  section.  Flow  quality  (turbulence  and 
noise  levels)  was  determined  using  hot  wire 
probes  spanning  half  of  the  width  of  the  test 
section  along  the  centerline  of  the  balance.  A 
microphone  probe  mounted  at  the  center  of  the 
test  section  was  used  to  compliment  the  hot  wire 
measurements.  Sidewall  boundary  layer 
measurements  were  made  using  boundary  layer 
rakes. 

1989 


AP/Po  =  -0.0012  to  -0.0024  with 
(P/Po)nom=  1-1166  and  2%  porosity  (floor  & 
ceiling),  Re  =  15  x  10®/ft  (49  x  10®/m) 

(Ref.  1,  Fig.  9a). 

AM  =  -0.002  to  -0.004  with  Mnom  =  0.400 
and  2%  porosity  (floor  &  ceiling). 

Re  =  15  X  10%  (49  x  10®/m)  (Ref.  1,  Fig.  9a). 

0.0006  standard  deviation  (Ref.  2,  p.  9). 


Using  a  9"  (23  cm)  chord  model,  the  balance 
forces  were  measured  over  small  incidence 
ranges  with  the  model  in  the  upright  and 
inverted  configurations.  The  average  flow 
angularity  was  determined  by  comparing  the 
forces  measured  in  these  two  orientations.  For  a 
Mach  no.  of  0.70,  the  average  flow  angularity 
was  found  to  be  a  downwash  of  0.14°  (Ref.  2, 
Fig.  16). 


3.3.1. 5  Flow  angularity  variations  Not  measured, 
from  reference  value 
over  model  length 

3.6.2  Temperature  variation  Not  measured. 

3.6.3  Flow  steadiness 

3.6.3. 1  Overall  turbulence  level  For  Re  =  15  x  10®/ft  (49  x  lO^/m),  turbulence 

intensity,  (u/u)nns.  varies  from  0.23%  at  M=0.5  to 
0.35%  at  M=0.8  (Ref.  1,  p.16). 

3. 6. 3. 2  Overall  noise  level  For  Re  =  15  x  10®/ft  (49  x  10®/m),  pressure 

fluctuation,  Cprms.  varies  from  0.55%  at  M=0.4 
to  0.80%  at  M=0.8  (Ref.  1,  p.  16). 

Instrumentation 

4.1  Model  position 

4.1.1  Incidence  measurement  The  incidence  angle  is  measured  by  a 

method  potentiometer  mounted  on  the  pitch  drive 

system  (Ref.  3,  p.  9). 

4.1.2  Model  incidence  accuracy  ±0.03°  (Ref.  2,  p.  9) 

4.2  Model  pressure  measurements 

4.2.1  Pressure  holes,  no.  &  position  80  pressure  taps.  See  Figure  2  for  location. 

4.2.2  Transducer  range  &  accuracy  Maximum  pressure  of  200  psia  (1400  kPa)  with 

an  accuracy  of  ±0. 1 0  psi  (0.7  kPa)  (Ref.  2,  p.  9). 

4.2.3  Dynamic  pressures  measured  No. 

4.3  Force  and  moment  mep.s'jrements 

4.3. 1  Type  and  location  of  balance  Three  component  (normal  force,  axial  force,  and 

pitching  moment)  strain  gage  balance  mounted 
in  each  sidewall.  See  Figure  6. 

4.3.2  Maximum  range  and  accuracy  Maximum  allowable  loads  are  20,000  lb(  (89  kN) 

for  normal  force,  2000  Ibf  (8.9  kN)  for  axial  force, 
and  45,000  lb-in  (7.9  MN-m)  for  pitching  moment 
(Ref.  2,  Fig.  6).  Accuracies  are  ±20  lb  (±8.9  N) 
for  normal,  ±2  lb  (±.89  N)  for  axial,  and  ±65  lb-in 
(±730  N-cm)  for  pitching  moment  (Ref.  2,  p.  9) 

4.4  Flow  field  measurements 

4.4.1  Technique  Pitot  tube  rake  transversing  the  wake  region  21“ 

(53  cm)  downstream  of  balance  center  of  rotation 
(approximately  one  chord  length  downstream 
from  trailing  edge  of  a  12"  (30  cm)  chord  model). 

4.4.2  Region  Investigated  Airfoil  wake  region  is  probed  by  the  transversing 

wake  rake.  The  rake  averages  about  240 
measurements  across  the  usual  range  of  18“  (46 
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cm)  above  to  8"  (20  cm)  below  the  centerline  of 
the  balance.  The  rake  system  Is  capable  of 
detecting  pressure  gradients  and  Is  able  to 
automatically  increase  measurements  in  the 
actual  wake  of  the  model  where  large  pressure 
gradients  exist.  See  Figure  7. 


4.4.3  Wake  rake  details 
4.5  Tunnel  wall  measurements 

4.5.1  Type 


See  Figure  7. 


Static  wall  pressures  were  measured  on  floor  and 
ceiling. 


4.5.2  Press,  hole  location  &  number  Pressure  holes  are  located  between  77.1"  (196 

cm)  upstream  and  44.9”  (114  cm)  downstream  of 
the  of  the  balance.  They  are  non-uniformly 
spaced  with  a  higher  concentration  around  the 
model  region.  The  average  spacing  between 
holes  is  approximately  6”  (15  cm). 


5 .  Test  Matrix  and  Conditions 

5 . 1  Detailed  test  matrix 

5.1.1  No.  of  selected  test  cases 

5.1.2  No.  of  configurations  tested 

5.1.3  Test  matrix  details 

5.2  Model/tunnel  relations 

5.2.1  Maximum  blockage 

5.2.2  Model  span/tunnel  width 

5.2.3  Wing  area/test  section  area 

5.2.4  Height/chord  ratio 

5.2.5  Width/chord  ratio 

5.3  Transition  details 

5.3.1  Free  or  fixed  transition 

5.3.2  Free  transition  details 

5. 3. 2.1  Transition  location 

5. 3. 2. 2  Transition  verification 


25 

1  model  with  different  aileron  deflections. 
See  Table  (I). 


0.020  (airfoil  frontal  area  /  test  section  area) 
1.0 
0.167 
6 

1.5 


Fixed  for  Re  =  5  &  15  x  10® 
Free  for  Re  =  25  x  10® 


For  Re  =  25  X  10®,  transition  location  (x/c) 
Upper  surface  -  L.E.  Lower  surface  -  L.E. 

No  experimental  verification  of  the  transition 
location  was  performed  during  this  wind  tunnel 
test.  However,  previous  work  (Ref.  5)  on  the 
same  airfoil  using  vacuum  deposited  hot  film 
gages  showed  natural  transition  to  occur  at  the 
leading  edge  for  Reynolds  number  =25x10®. 
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5.3.3  Fixed  transition  detaiis 

5. 3. 3.1  Transition  iocation 

5.3.3.2  Type  and  size  of  strip 


5. 3. 3. 3  Trip  verification 


6 .  Data 

6.1  Avaiiabiiity  of  data 

6.1.1  Organization  of  ownership 

6.1.2  Responsibie  party 


6.1.3  Are  data  freely  available? 

6.1.4  Contact 

6 . 2  Suitability  of  data  for  CFO  \'alidation 
6.2.1  For  "in-tunnel"  calculition? 


For  Re  =  5  X  10®,  transition  location  (x/c): 

Upper  surface  -  0. 1 5  Lower  surface  -  0.28 
For  Re  =  15  X 10®,  transition  location  (x/c); 

Upper  surface  -  0. 1 0  Lower  surface  -  0.1 5 

For  Re  =  5  X  10®,  transition  strip  consisted  of 
0.0032“  (0.081  mm)  high,  0.045"  (1.1  mm) 
dia.disks  spaced  0.10"  (2.5  mm)  apart 

For  Re  =  15  X  10®,  transition  strip  consisted  of 
0.0016"  (0.041  mm)  high,  0.045“  (1.1  mm) 
dia.disks  spaced  0.10"  (2.5  mm)  apart 

No  estimate  of  the  drag  associated  with  the 
transition  strips  was  performed. 

Trip  locations  for  Re  =  5  x  10®  and  Re  =  15  x  10® 
were  established  using  a  CFD  method  to  match 
boundary  layer  thickness  at  the  trailing  edge  of 
the  airfoil  to  that  of  Re  =  25  x  10®.  No 
experimental  verification  of  the  natural  transition 
location  was  performed  during  this  wind  tunnel 
test.  However,  previous  work  (Ref.  5)  on  the 
same  airfoil  using  vacuum  deposited  hot  film 
gages  showed  natural  transition  to  occur  at  the 
following  locations: 

For  Re  *  5  X  10®,  natural  transition  location  (x/c): 
Upper  surface  -  0.40  Lower  surface  ■  0.50 
For  Re  =  15  X  10®, natural  transition  location  (x/c); 
Upper  surface  -  0.33  Lower  surface  -  0.50 


McDonnell  Douglas  Corporation 

Frank  T.  Lynch,  Group  Leader 
Aerodynamics  Technology,  Flight  Performance 
Mail  Code  36-41 
3855  Lakewood  Blvd. 

Long  Beach,  CA  90846-0001 
USA 

Phone  Number:  (310)  593-2947 
Fax  number:  (310)  593-7593 

Yes. 

Frank  T.  Lynch  (address  above) 


No. 
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6.2.2  Corrected  for  “free  air“ 
conditions? 

6.3  T ype  and  form  of  data  available 

6.3.1  Type  and  form 

6.3.2  Data  carrier 


The  data  would  be  suitable  for  2D  “free  air" 
calculations  since  it  was  corrected  for  sidewall 
boundary  layer  effects  and  celling  and  floor 
interference  effects. 


See  Table  (II). 
Floppy  Disks 


6.4  Corrections  applied  to  data 

6.4.1  Floor  and  ceiling  interference  Mach  number  and  angle  of  attack  were  corrected 

for  floor  and  ceiling  wall  interference  using  the 
"Mokry"  correction.  All  other  flow  variables  were 
corrected  using  these  corrected  quantities.  The 
tunnel  wall  pressure  measurements  were  used 
to  determine  the  corrections  for  Mach  number 
and  angle  of  attack  necessitated  by  the  flow 
constraints  of  the  tunnel  walls.  See  (Ref.  6)  for 
more  details. 

6.4.2  Sidewall  boundary  layer  Mach  number  and  pressure  coefficient  were 

corrected  for  sidewall  boundary  layer  effects 
using  the  "Murlhy"  correction.  The  “Murthy" 
correction  accounts  for  the  change  in  effective 
test  section  area  due  to  the  sidewall  boundary 
layer.  The  “Murthy"  corrections  are  applied  to 
"Mokry"  corrected  data  in  a  sequential  manner. 
The  "Murthy"  corrections  are  as  follows: 

^moKry  /(1+k)®'^ 

Cpnuirthy^  Cpmokry  (1+k)®'^ 

where; 

k  =  (2  +1/H  -M2„,^)(25*/b) 


H  =  1.4 


6*  =0.15"  (Re  =  15x10® /ft) 
See  (Ref.  7)  for  more  details. 

7 .  Data  Accuracy  and  Repeatability  Assessment 

7. 1  Estimated  accuracy  of: 

7.1.1  Free  stream  conditions 

7. 1.1.1  Mach  number 

7. 1.1. 2  Flow  velocity 

7. 1.1. 3  Model  incidence 


±0.0004 

±1  tt/sec  (±.3  m/s) 
±0.03° 
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7.1.2  Measured  data 

7.1. 2.1  Balance  forces  and 
moments 

7. 1.2.2  Pressures 

7.1 .2.3  Wake  pressure 

7.2  Repeat  measurements, 
type  &  number 

7.3  Redundant  flow  quantities  measured 

8.  References 

8.1  Wind  tunnel 


8.2  Model 


Accuracies  are  ±20  lb  (±89  N)  for  normal, 

±2  lb  (±8.9  N)  for  axial,  and  ±65  Ib-ln  (±730  N-cm) 
for  pitching  moment  (Ref.  2,  p.  9) 


Wall:  ±0.005  psi  (±30  Pa),  model:  ±0.10  psi 
(±700  Pa)  (Ref.  2,  p.  9) 

±0.01  psi  (±70  Pa)  (Ref.  2,  p.  9) 

Repeat  measurements  were  made  for 
selected  configurations  as  noted  in  Table  (I). 
Figure  8  shows  typical  examples  of  data 
repeatability. 

Lift  force  was  measured  using  both  the  balance 
and  the  integrated  pressure  readings.  Pitching 
moment  was  measured  using  the  balance  and 
the  integrated  pressures.  Typical  examples  of 
the  agreement  between  these  measurements 
are  shown  in  Figure  9. 
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6.3  Correction  methods  6.  Mokty,  M.,  "Subsonic  Wall  Interference 

Corrections  for  Finite-Length  Test  Sections 
Using  Boundary  Pressure  Measurements," 
in  "Wall  Interference  in  Wind  Tunnels," 
AGARD-CP-335,  September  1982. 

7.  Murthy,  A.V.,  "Corrections  for  Attached 
Sidewall  Boundary-Layer  Effects  In  Two- 
Dimensional  Airfoil  Testing,"  NASA 
Contractor  Report  3873,  February  1985. 


9.  List  of  Symbols 


a  angle  of  attack 

8a  aileron  deflection  from  reference  chord 

8*  displacement  thickness 

b  tunnel  width 

C|  Lift  Coefficient 

Cd  Drag  Coefficient 

Cm  Pitching  moment  coefficient 

Cp  pressure  coefficient 

Cpmokry  pressure  coefficient  with  Mokry  correction  applied 
Cpmurthy  pressure  coefficient  with  Murthy  correction  applied 
Cprms  static  pressure  fluctuations  (noise  levels) 

H  shape  factor 

M  Mach  number 

Mmurthy  Mach  number  with  Murthy  correction  applied 
Mmokry  Mach  number  with  Mokry  correction  applied 
TEU  Trailing  edge  deflection  is  upwards 

TED  Trailing  edge  deflection  is  downwards 

RN  Reynolds  number 

0/u  fractional  disturbance  from  average  local  velocity 

(a/u)nns  turbulence  intensity 


Table  I.  Test  Matrix 


IDENT. 

FLOW  CONDITION 

POSITION  TESTED 

OTHER  INFO 

CASE  NO. 

■kH 

a 

Saileron 

measurement 

type 

repeat 

measurements 

1.01  -1.12 

.717 

5x10® 

0° 

all 

no 

2.01  -  2.12 

.717 

5x10® 

EfIiRfii 

all 

no 

3.01  -  3.12 

.717 

5x10® 

3° 

all 

no 

4.01-4.12 

.717 

5x10® 

aK 

no 

5.01  -5.11 

.717 

15x10® 

0.30° :  2.65° 

-5° 

all 

yes 

6.01  -6.11 

.717 

15x  10® 

-2° 

all 

yes 

7.01  -7.11 

.717 

15x10® 

0° 

ail 

yes 

8.01  -8.11 

.717 

15x  10® 

1° 

all 

yes 

9.01  -9.11 

.717 

15x10® 

2° 

an 

yes 

10.01  - 10.11 

.717 

15x10® 

-0.28°:  2.11° 

3° 

all 

yes 

11.01  - 11.11 

.717 

15x  10® 

BPBIRi 

4° 

all 

yes 

12.01  •  12.11 

.717 

15x10® 

5° 

all 

yes 

13.01  - 13.11 

.747 

15x  10® 

0.30° :  2.47° 

-5° 

all 

no 

14.01  - 14.11 

.747 

15x10® 

-2° 

all 

no 

15.01  - 15.11 

.747 

15x10® 

-0.18° :  2.08° 

0° 

all 

no 

16.01  - 16.11 

.747 

15x10® 

1° 

all 

no 

17.01  - 17.11 

.747 

15x10® 

2° 

all 

no 

18.01  - 18.11 

.747 

15x10® 

3° 

all 

no 

19.01  - 19.11 

.747 

15x10® 

4° 

all 

no 

20.01  -20.11 

.747 

15x  10® 

5° 

all 

no 

21.01  -21.11 

.717 

25x10® 

0.68°:  1.98° 

0° 

pll 

no 

22.01  -  22.07 

.717 

25  X  10® 

2° 

all 

no 

23.01  -23.11 

.717 

25x10® 

0.56° :  2.31° 

3° 

an 

no 

24.01  -  24.10 

.717 

25x  10® 

4° 

an 

no 

25j0W5j06 

.717 

25x10® 

5° 

an 

all  -  surface  pressures,  force  &  moment  coefficients  (baiance  &  integrated 
pressures),  and  wake  rake  data  (drag) 

Note;  Angle  of  attack  ranges  are  available  in  nonunifonn  increments  of  approximately  0.25°. 


I 

i 
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Table  II.  Data  Avallablltity 


DATA 

ENG.  UNITS 

COEFFICIENTS 

CORRECTED 
(floor  &  celling) 

CORRECTED | 
(floor,  ceiling,  | 
sidewall  B.  L.)  | 

FREESTREAM 

CONDITIONS 

X 

X 

X 

SURFACE 

PRESSURES 

X 

X 

X 

FORCES  & 

PITCHING 

MOMENT 

X 

X 

X 

WAKE  DATA 

X 

X 

X 

i 

I 

)  h 

{  i: 


.'I 


H 


Wake  Rake  Details 


(wak*  reki) 


C 


Figure  8 

Typical  Data  Repeatability 


nEflSUREH3<T  TECHNIQUE 

— e— 

-•o- 

INTEGRRTED  PRESSURES 
roPCE  BRLflNCE 

Figure  9 

Comparison  of  Force  and  Moment  Measurements  Obtained  from 
Integrated  Pressures  and  Balance  Readings 


A6-I 

GE-10.  INVESTIGATION  OF  AN  NLF(1)-0416  AIRFOIL 
IN  COMPRESSIBLE  SUBSONIC  FLOW 

BY 

P.  Guntermann  and  G.  Diets 
Aerodynamisches  Institut  of  the  RWTH-Aachen 
Director:  E.  Krause  Ph.  D. 

Wiillnerstr.  zw.  5  u.  7 
\V-5100  Aachen,  Germany 

0  INTRODUCTION 

The  data  presented  in  this  contribution  were  obtained  in  the  40  x  40  cm^  lYansonic  Wind  Tunnel  at 
the  Aerodynamisches  Institut  of  the  RWTH  Aachen  within  the  research  program  "Entwicklung  von 
Berechnungsverfahren  fiir  Probleme  der  Strdmungsmechanik”  sponsored  by  the  Stiftung  Volkswagen- 
werk.  The  aim  of  the  experimental  part  of  the  research  program  was  to  investigate  the  influence  of 
compressibility  on  the  location  of  transition.  For  this  purpose  a  natural-laminar-flow  airfoil  NLF(l)- 
0416,  designed  for  incompressible  flow,  was  investigated.  Starting  with  incompressible  free  stream 
conditions  the  Mach  number  was  increased  until  transonic  flow  was  obtained.  The  experiments  on  the 
NLF(1)-0416  should  provide  aerodynamical  forces  such  as  lift  and  drag  and  data  concerning  the  loca¬ 
tion  and  the  underlying  physical  mechanism  of  transition.  Therefore  different  measuring  techniques, 
e.  g.  liquid  chrystal  coating  and  multi-sensor  hot-flim  technique,  were  tested.  To  verify  the  existence 
of  a  laminar  separation  bubble  the  topology  of  the  boundary  layer  was  visualized.  Regarding  the 
different  turbulence  levels  there  is  a  good  agreement  of  the  experimental  results  with  those  obtained 
at  NASA-Langley,  which  are  available  up  to  Mach  numbers  of  0.4.  Numerical  results  correspond  to 
the  experiments  at  higher  Mach  numbers  too.  Experiments  were  carried  out  to  get  information  about 
the  influence  of  small  disturbances  of  the  profile  surface  on  the  pressure  distribution,  the  drag,  and  the 
location  of  transition.  In  continuation  of  this  research  a  wind  tunnel  model  with  adjustable  geometry 
of  its  upper  surface  was  developed  and  manufactured.  The  influence  of  small  surface  variations  on  the 
location  of  transition  or  separation  will  be  investigated  experimentally,  but  these  tests  are  not  part  of 
the  presented  data  set. 

1  GENERAL  DESCRIP1»">N 

1.1  Model  name  or  designation  NLF{1)-0416 

1.2  Model  type  2-D  airfoil  (Airfoil  data  see  GE-10.8.2) 

1.3  Design  requirements,  purpose  of  This  natural-laminar-flow  airfoil  was  designed  for  ge- 

test  neral  aviation  applications  in  incompressible  flow. 

Measurement  techniques  for  detection  of  transition 
have  been  validated.  Investigation  of  Ma-  and  Re- 
effects  on  natural-laminar-flow  airfoils  and  effects  of 
small  variation  of  geometry  will  be  used  for  a  data 
base  to  validate  CFD. 

1.4  Dominant  flow  physics  Transition  at  laminar  airfoils  in  low  Reynolds  num¬ 

ber  flow  is  often  forced  by  a  laminar  separation.  The 
boundary  layer  becomes  turbulent  and  the  flow  re¬ 
attaches.  This  phenomenon  is  called  a  laminar  se¬ 
paration  bubble.  Typical  pressure  distributions  are 
shown  in  Fios.  GE-10.4/5.  The  measured  and  com¬ 
puted  separation  and  transition  locations  are  mar¬ 
ked.  The  location  of  transition  can  be  determined 
by  multi-sensor  hot-flIm  measurements.  A  sudden 
increase  of  fluctuations  indicates  the  transition  pro¬ 
cess  (See  Fio.  GE-10.8).  The  existence  of  a  laminar 
separation  bubble  can  be  recognized  by  phase  rever¬ 
sal  phenomena.  Fig.  G El- 10.9  shows  a  differential 
interferogram  of  a  laminar  separation  bubble.  The 
transition  line  on  the  surface  of  the  airfoil  can  be  vi¬ 
sualized  by  surface  coating  with  liquid  chrystals  (See 
Fig.  GE-10.10).  At  some  locations  transition  is  cau¬ 
sed  by  disturbances,  e.  g.  by  pressure  taps. 
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2  DETAILS  OF  MODEL 

2.3  Airfoil  data 
2.3.2  Basic  airfoil 

•  Thickness/chord  ration 

•  Nose  radius/chord 

2.4  Body  data 

2.4.1  Shape 

•  Chord  length 

2.7  Geometric  definition  of  all  com¬ 
ponents 

•  Shape  specification 

•  Co-ordinates 

•  Tolerances 

•  Surface  roughness 

2.8  Model  support  details 

2.8.2  Special  features  of  mounting 


16% 

1.55% 


200  mm 


Numerical 

Measured 

±0.05  mm  (i.e.  ±0.025  %  c),  no  short  wave  deviati¬ 
ons 

Finished  with  grinding-paper  1000 


Mounted  by  bolts  through  the  panes  of  the  wind  tun¬ 
nel  (no  influences  on  flow  by  support) 


3  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

3.2  Organization  running  the  tunnel 

3.3  Tunnel  characteristics 

•  Type  of  tunnel 

•  Indicate  operating  envelope 

•  Minimum  run  time 

3.4  Test  section 

3.4.2  Test  section  dimensions 

3.4.3  Wall  geometry  details 

•  Type  of  walls 

•  Boundary  layer  control  on  walls 

•  Typical  wall  boundary  layer  dis¬ 
placement  thickness 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

•  Mach  number  variation  over  mo¬ 
del  length  and  span 

•  Mach  number  variation  during  a 
run 

3.6.3  Flow  unsteadiness 

•  Overall  turbulence  level 


40  X  40  cm*  Transonic  Wind  Tunnel  at  the  Aerody- 
namisches  Institut  of  the  RWTH  Aachen 
Aerodynamisches  Institut  of  the  RWTH  Aachen 


Intermittent  suction  tunnel 

Ma  0.18  to  3.6,  Re  /r - 1.6  10®  to  6  10® 

V  Amk 

3  to  10  sec 

400  X  400  X  1414  mm^ 

Adaptive  top  and  bottom  walls  (See  G  El- 10.8.1) 
Numericaly  integrated  in  adaption  control  process 
20  inm 


lower  1  % 
lower  1  % 


0.2  %  to  0.7  %  (Dependent  on  Mach  number,  see 
Fig.  GEI-IO.S)  The  fairly  high  turbulence  level  is  gi¬ 
ven  by  the  wind  tunnel.  Further  investigations  on 
its  spectra,  its  effect  on  transition,  and  on  the  de¬ 
velopment  of  the  turbulent  boundary  layer  are  still 
expected. 


4  INSTRUMENTATION 


4.1  Model  position 

4.1.1  Geometrical  incidence  measure-  Nonius 

ment 

4.1.2  Accuracy  of  geometrical  inci-  ±0.1® 

dence 
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4.2  Model  pressure  measurements 

4.2.1  Total  number  and  disposition  of 
pressure  holes 

4.2.2  Range  and  accuracy  of  pressure 
transducers 

4.2.3  Dynamic  pressures 

4.3  Force  measurements 
4.3.1  Type  of  measurement 


4.3.2  Accuracy  of  all  components 


4.4  Boundary  layer  and  flow  field 
measurements 

4.4.1  Measurement  technique  applied 


4.4.2  Flow  regions  investigated 

4.5  Surface  flow  visualization 

4.5.1  Measurement  technique  applied 

4.5.2  Surfaces  with  flow  visualization 

4.5.3  Form  of  data 

4.6  Flow  field  visualization 

4.6.1  Technique  applied 

4.6.2  Plane  with  flow  visualization 

4.6. 3  Form  of  data 

4.7  Tunnel  wall  measurements 


50  (See  Fig.  GE-10.1) 

0  hPa  to  1000  hPa  ±  0.05  hPa 

Measured  in  some  cases,  dissolvable  frequency  about 
100  Hz 

Lift  coefficient  by  integrating  pressure  coefficients 
upon  airfoil  surface,  drag  coefficient  by  wake  mea¬ 
surement  (See  Fig.  GE;-10.7 
The  uncertainty  in  determining  the  lift  coefficient  is 
estimated  to  be  less  than  ±0.5  %,  of  the  drag  coeffi¬ 
cient  less  than  ±2.5  % 


Model:  Pressure  probes,  multi-sensor  hot-film  (See 
Fig.  GE-lO.6/8;  n-factors  cannot  be  determined  be¬ 
cause  of  the  measurement  system  noise  threshold); 
Flowfield;  Hot  wires,  LDA 

Boundary  layer,  wake,  flow  field  around  the  upper 
surface  of  the  airfoil 

Liquid  chrystals  (See  FiG.  GE-10.10),  oil 
Upper  surface  of  the  airfoil 
Photography 


Colour-schlieren,  differential  interferometry 
Region  above  airfoil,  surroundings  of  transition  or 
laminar  separation  bubble  (See  Fig.  GEi-lO.Q) 
Photography 


i 


! 


4.7.1  Type  of  measurements  Pressures 

4.7.2  Location  and  number  of  pressure  48  (See  Fig.  GE-10.2) 
holes 


5  TEST  MATRIX  AND  CONDITIONS 
5.1  Detailed  test  matrix 


5.1.1  Number  of  selected  test  cases  34 

5.1.2  Number  of  configurations  tested  1 

5.1.3  Test  matrix  table 


Identification 

Flow  condition 

Position 

( )i  her  information 

Case  No. 

Ma 

q[kPa] 

Re[10«] 

0(0] 

type  of 
measurements 

remarks 

1.01-1.05 

0.18,  0.3(0.1)0.6 

2.2-21,7 

0.8-2.3 

0 

a,  c 

2 

2.01-2.09 

0.4 

10.0 

1.7 

-3(1)5 

a,  b 

2 

3.01-3.02 

0.5 

14.8 

2.0 

0 

a,  b,  c,  d,  e 

1,2,3 

4.01-4.18 

0.3,  0.5 

5.9,  14.8 

1.3,  2.0 

-3(1)5 

a,  d,  e 

2 

Legend: 

Type  of  measurements:  (a)  pressures,  (b)  wake,  (c)  flow  visualization,  (d)  multi-sensor  hot-film, 
(e)  liquid  chrystals/oil 

Remarks:  (1)  detailed  visualization  of  separation  bubble,  (2)  transition  free,  (3)  transition  fixed 
Note:  Due  to  wind  tunnel  facilities  the  Reynolds  number  depends  on  Mach  number. 


AM 


5.2  Model/tunnel  relations 

5.2.1  Model  span/tunnel  width 

5.2.2  IXinnel  cross  section 

5.2.3  Height/chord  ratio 

5.2.4  Width/chord  ratio 

5.2.5  Adiabatic  wall  temperatures 

5.3  IVansitional  details 

5.3.1  lYansition 

5.3.2  Details  of  free  transition 

•  Natural  transition  verification 


•  Verified  test  cases 

5.3.3  Details  of  fixed  transition 

•  Transition  location 

•  type  and  size  of  trip 

•  Verification  of  effectiveness  of 
trip 

•  Verified  test  cases 

6  DATA 

6.1  Availability  of  data 

6.1.1  Organization  owning  the  data 

6.1.2  Responsible  person  for  the  data 


6.1.3  Availability  of  data 

6.2  Suitability  of  data  for  CFD  validation 

6.2.1  Suitability  for  ”in-tunnel”  calcu¬ 
lation 

6.2.2  Corrected  data  to  simulate  "free- 
air”  conditions 

6.3  Type  and  form  in  which  data  are 
available 

6.3.1  Type  and  form 

6.3.2  Data  carrier 

6.3.3  Extent  of  geometry  data 

6.3.4  Extent  of  aerodynamic  test  data 

6.4  Corrections  applied  to  data 

6.4.1  Side  wall  interference  corrections 


1.0 

400  X  400  mm* 
h/c  =  2.0 
b/c  =  2.0 
Not  reached 

Free  and  fixed 

Comparison  of  the  results  by  different  applicated 
measurement  techniques  and  numerical  flow  simu¬ 
lation  (See  Pigs.  GE-10.8/10).  The  locations  of 
transition  are  detected  by  analysing  the  multi-sensor 
hot-film  data  by  statistical  methods.  The  location 
where  the  skewness  of  the  voltage  data  is  equal  to 
zero  corresponds  nearly  to  the  location  of  50%  inter- 
mittence  (See  GE:-10.8.3).  The  hot-film  sensors  are 
located  at  10.5(2.5)68.0  %  c.  (See  Fio.  GE-10.1) 

All  test  cases  with  free  transition 

7.5  %c 

Letraset,  Letraline(TM)  119  1/16  x  650  flex  1.56mm 
By  disappearance  of  laminar  separation  bubble 
downstream  of  the  trip 
All  test  cases  with  fixed  transition 


Aerodynamische  Institut  of  the  RWTH  Aachen 

Dipl.-Ing.  P.  Guntermann 

Aerodynamisches  Institut  of  the  RWTH-Aacben 

Wiillnerstr.  zw.  5  u.  7 

W-5100  Aachen,  Germany 

Tel.;  02  41  /  80  -  54  26 

Fax.;  02  41  /  40  -  38  33 

E-Mail;  peter@aia004.aia.rwth-aachen.de 

Free 


Included  in  adaption  process  (For  details  see  GE- 
10.3.4.3).  The  top  and  bottom  walls  are  adapted 
with  a  geometry  obtained  from  experiments  with  an 
empty  test  section  and  a  geometry  determined  by  a 
perturbation  potential  calculation  coupled  to  a  boun¬ 
dary  tnyer  calculation.  The  errors  due  to  the  remai¬ 
ning  side  wall  interference  are  expected  to  be  small. 


Yes 

Yes 

Stored  in  ASCII  format  on  floppy  disk 
Floppy  disk 
about  2  kBytes 
about  120  MByte 


6.4.4  Sting  and  support  corrections  Not  necessary 

7  DATA  ACCURACY  AND  REPEATABILITY  ASSESSMENT 


7.1  Estimate  accuracy  of 

7.1.1  Free  stream  conditions 

•  Mach  number 

•  flow  velocity 

•  Model  incidence 

7.1.2  Measured  data 

•  Forces 

•  Pressure  coefficients 

7.1.3  Repeated  measurement 

A.  Type  and  number  of  repeat  mea¬ 
surements  within  one  test  cam¬ 
paign 

B.  Type  and  number  of  repeat  mea¬ 
surements  in  successive  campai¬ 
gns 

7.1.4  Redundant  measurements 

A.  Indicate  flow  quantities  that 
have  been  measured  indepen¬ 
dently  by  different  techniqU'JS 

B.  Checks  made  on  internal  consist¬ 
ency  of  the  data 

7.1.5  Other  tests  on  same  geometry 

A.  Investigation  of  a  different  model 
(same  geometry)  in  another  wind 
tunnel 

8  REFERENCES 

8.1  On  the  wind  tunnel 

8.2  On  the  model 


8.3  On  applied  measurement  techni¬ 
ques 

8.4  On  wind  tunnel,  model  and  tests 


9  LIST  OF  SYMBOLS 

Amk 

b 


*i> 


about  ±1  %  (The  accuracy  is  given  by  the  applied 
Scanivalve  system  for  velocity  measurement) 
about  ±1  % 

±0.1® 

The  uncertainty  in  determining  the  lift  coefficient  is 
estimated  to  be  less  than  ±0.5  %,  of  the  drag  coeffi¬ 
cient  less  than  ±2.5  %. 

The  uncertainty  in  measuring  is  less  than  ±0.5  %. 
All  types  at  least  2  times 


All  types  at  least  3  times 


IVansition  and  laminar  separation  bubble  locations 


See  GE-10.5.3.2 


NASA-Langley  (See  GE-10.8.2) 


Romberg,  H.  J.,  ’’Experimentelle  Untersuchung 
der  schallnahen  Umstromung  eines  superkritischen 
Tragfliigelprofils  unter  besonderer  Beriicksichtigung 
von  Windkanalinterferenzen” ,  Dissertation,  RWTH- 
Aachen,  1990. 

Somers  D.  M.,  "Design  and  Experimental  Results  for 
a  Natural-Laminar-Flow  Airfoil  for  General  Aviation 
Applications",  NASA  TP  1861,  Hampton,  1981. 
Kornberger,  M.,  "TYansitionsbestimmung  mit  Multi- 
sensor-Heiflfilmtechnik  im  Windkanal  und  im  Frei- 
flug",  Dissertation,  RWTH  Aachen,  1992. 
Guntermann,  P.,  "Entwicklung  eines  Profilm- 
odells  mit  variabler  Geometric  zur  Untersu¬ 
chung  des  TVansitionsverhaltens  in  kompressibler 
Unterschallstromung”,  Dissertation,  RWTH  Aachen, 
1992. 


Cross  section  area  of  the  test  section 

'Ihnnel  width 

Chord  length 

Lift  coefficient 

Pressure  coefficient 

Drag  coefficient 
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Tunnel  night 
Mach  number 
Reynolds  number 
T\irbulence  level 
Dynamic  pressure 

Sensor  voltage  (RMS,  mean  value) 
Chordwise  coordinate 
Chordwise  transition  location 


Above:  Cross-section  of  the  NLF(1)-0416 

Below:  Part  of  the  ground-plan  of  the  model  with  the  positions 
of  the  hot-film  sensors  and  pressure  taps  (From  GE-10.8.4) 


Test  section  with  adaptive  top  and  bottom  wall 


■ 


Measured  Cp-distribution  (x)  compared  to  Navier-Stokea  (-  •  — ) 
and  potential-L  sundary  layer  ( — )  calculations  (Case  No.  1.05;  V 
calculated  transition  location;  from  GE-10.8.4) 


FlO. 
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Measured  transition  locations  (x)  compared  to  potential¬ 
boundary  layer  ( — )  calculations  (Case  No.  2;  from  GE-10.8.4) 
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Fig. 
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Detection  of  the  location  of  transition  by  liquid  chrystals  (Case 
No.  3.01;  from  GE- 10.8.4) 
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EXPERIMENTS  IN  THE  TRAILING  EDGE  FLOW 
OF  AN  NLR  7702  AIRFOIL 

BY 

L.H.J.  ABSIL  AND  D  M.  PASSCHIER 
LOW  SPEED  AERODYNAMICS  LABORATORY 
FACULTY  OF  AEROSPACE  ENGINEERING 
DELFT  UNIVERSITY  OF  TECHNOLOGY 
P.O.  BOX  5058,  2600  GB  DELFT 
THE  NETHERLANDS 


INTRODUCTION 


Detailed  mean  flow  and  turbulence  properties  are  presented  of  the  flow  in  the  vicinity  of  an 
airfoil  trailing  edge,  to  provide  data  for  the  development  of  turbulence  models  and  the  validation 
of  computational  methods. 

1.  GENERAL  DESCRIPTION 


1.1.  Model 

1.2.  Model  type 

1.3.  Purpose  of  test 

1.4.  Dominant  flow  physics 


NLR  7702  airfoil 
2-D  airfoil 

to  provide  reliable  and  detailed  data  of  the 
complicated  flow  near  the  trailing  edge  of  a 
modern  airfoil 

The  upper  surface  boundary  layer  is  near 
separation,  while  the  lower  surface  boundary 
layer  is  developing  in  a  negative  pressure 
gradient.  The  two  boundary  layers  merge 
into  a  highly  asymmetric  near  wake  (see  fig. 
1). 


1.5.  The  available  data  are  limited  to  a  region  close  to  the  trailing  edge. 

Recently  a  number  of  upstream  boundary  layer  stations  (from  50%  chord  on  both 
sides)  have  been  measured;  these  data  will  become  available  in  the  future. 


2.  DETAILS  OF  MODEL 


2.1.  General  geometric  arrangement 
2-d  airfoil  model 


(see  fig.  2) 


2.3.2.  Wing  section 
.  chord 
.  thickness 
.  angle  of  attack 


NLR  7702  (see  fig.  3) 
600  mm 
14%  chord 
4° 


.  0.3  mm  wire  trip  at  30%  chord  on  lower  surface 


3.  GENERAL  TUNNEL  INFORMATION 


3.1.  Tunnel  Designation 


LST,  Low  Speed,  Low  Turbulence  Tunnel 
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Low  Speed  Aerodynamics  Lab.,  Faculty  of 
Aerospace  Engineering,  Delft  University  of 
Technology,  the  Netherlands. 

Closed  return  type  (see  fig.  4).  Maximum 
speed  120  m/s. 


see  fig.  2 

1.80  X  1.2S  X  2.60  m. 


3.2.  Organisation 

3.3.  Tunnel  Characteristics 

3.4.  Test  Section 

3.4.1.  Set  Up 

3.4.2.  Dimensions 

3.5.  Free  stream  conditions 

3.5 1.  Reference  conditions  Total  pressure  measured  in  settling 

chamber.  Static  pressure  measured  halfway 
contraction.  Calibration  provides  dynamic 
pressure  in  empty  test  section.  Temperature 
measured  in  settling  chamber.  U^gf  is  based 
on  this  dynamic  pressure. 

3.6.  Flow  quality  Turbulence  level  at  tunnel  speed  of  35  m/s 

(during  present  tests):  0.03%. 

During  a  run  a  slight  temperature  rise 
occurs.  Tunnel  speed  is  adjusted  to  keep 
Reynolds  number  constant  at  1.47  x  lO**. 

4.  INSTRUMENTATION 

4.1.  Model  incidence  is  fixed  at  a  =  4°. 

4.2.  Pressure  measurements 

4.2.1.  Disposition  of  pressure  hole,  sec  table  1. 

4.2.2.  Overall  pressure  distributions  measured  with  multitube  liquid  manometer 
(accuracy  1  to  2  Pa). 

Detailed  pressure  distribution  measured  with  ’Barocel’  pressure  transducer, 
(accuracy  0.1  Pa). 

4.4.  Boundary  layer  and  wake  measurements. 

4.4.1.  Measurement  techniques 

.  Preston  tubes  Upper  surface:  0.6,  0.9,  1.5,  2.0 

mm. 


.  Lower  surface 
(.  Pressure  probes 


0.5,  0.7,  1.1, 1.6  mm. 

In  the  wake  static/total  pressures  were 
measured  at  an  earlier  stage,  under  slightly 
different  conditions  for  the  lower  surface 
boundary  layer  trip). 


J  f 
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.  LDV  (main  body  of  measurements) 


.  Laser 
.  Optics 

.  Three  optical 
set-ups  were  used: 


.  Hot  wire 


4.4.2.  Row  regions  investigated 

5.  TEST  MATRIX  AND  CONDITIONS 

S.l.  See  table  2. 

5.3.  Transition  details 
Upper  surface 

Lower  surface 

6.  DATA 


5W 

2  component  dual-beam  TSI  modular  optics, 
operated  in  20“  off-axis  forward  scatter. 
Bragg  cells  present  in  both  components. 

During  the  boundary  layer  traverses  the 
optics  were  aligned  such  that  the 
components  measured  were  at  about  ±  45“ 
with  respect  to  the  surface.  During  the  wake 
traverses  components  at  45“  to  the  tunnel 
axis  were  measured. 

Single  and  crosswire  probes  with  DANTEC 
model  C  constant  current  anemometers 
were  used  at  a  few  stations  to  provide 
additional  information  about  LDV  reliability. 
Probes  were  supported  by  a  strut  spanning 
the  width  of  the  tunnel. 

Last  6%  chord  of  upper  and  lower 
surface  boundary  layers,  and  first  6%  of  the 
wake.  The  measurement  grid  is  shown  in  fig. 
5.  (Actually  during  measurements,  the  grid 
was  refined  at  some  position,  if  necessary). 


free  transition  with  laminar  separation 
bubble  (see  surface  pressure  distribution, 
fig.  6). 

fixed  transition  (0.3  mm  dia  wire  at  30% 
chord). 


6.1.  Availability  of  data 

6.1.1.  Organization  owning  the  data  Low  Speed  Aerodynamics  Laboratory 

Faculty  of  Aerospace  Engineering 
Delft  University  of  Technology. 

6.1.2.  Res[)orisible  for  data  D.M.  Passchier 

Kluyvetweg  1 
2629  HS  Delft 
tel.  015-786386 
fax:  015-783533 


6.1.3.  The  data  arc  freely  available. 

6.2.1.  The  data  may  be  suitable  for  "in  tunnel"  calculation,  although  no  information  on 
tunnel  wall  boundary  layers  is  available. 

6.3.1.  (see  table  3).  Data  are  available  with 

.  all  velocities  non-dimensionalized  with  a  (given) 
reference  velocity  (sec  3.5.1). 

.  all  pressures  as  pressure  coefficients 
.  Preston  tube  measurements  as  Cp 

6.3.2.  Data  carrier  floppy  disk  (Lotus  worksheet  format,  or 

ASCII  format). 

6.3.4.  All  averages  of  LDV  data  take  an  extent  of  several  Mbytes. 

Arithmic  averages  are  distributed  in  floppy  disk. 

6.4.  Corrections  applied  to  data. 

6.4.6.  Small  corrections  (order  0.2  mm)  for  wall  distance  are  applied,  based  on  wall  law 
fitting  of  near  wall  data. 

7.  DATA  ACCURACY  AND  REPEATABILITY  ASSESSMENT 


7.1.  Accuracy 

7.1.1.  Free  stream  conditions 

7.1.2.  Measured  data 
Typical  overall  accuracy 

7.2.  Repeat  measurements 

7.2.1.  In  different  campaigns 

7.2.2.  In  different  compaigns 


Reynolds  number  constant  within  1% 
(nominal  value  R^  =  1.47  x  10*). 

M,  =  0.1. 


Mean  velocity  <1% 
Reynolds  shear  stress  <  5%. 


see  fig.  7. 

Overlap  data  of  wake  and  boundary  layer 
traverses,  all  different  with  optical  set  ups); 
fig.  8. 


7.3.  Redundant  measurements 

7.3.1.  Additional  hotwire  measurement. 
Typical  example;  fig.  9,  10. 

7.3.2.  Internal  consistency  (see  also  7.2.2). 


2-d  checks;  -  spanwise  traverses,  indicating  no  significant 

variations 

-  continuity  check  from  measured 
data 
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7.5.  Examples  of  flow  development 

8.  REFERENCES 

.  L.H.J.  Absil 
.  D.M.  Passchier 


.  L.H.J.  Absil 
.  D.M.  Passchier 


.  L.H.J.  Absil 
.  D.M.  Passchier 


example,  fig.  11. 

-  complete  Navier  Stokes  momentum 
check  of  measured  data 
example,  fig.  12. 

figs  13  to  20. 


LDA  Measurements  in  the  highly 
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7702  airfoil.  In:  Proceedings  of  the  5th 
international  symposium  on  the  application 
of  laser  Techniques  to  fluid  mechanics, 
Lisbon  1990. 

LDA  Measurements  in  the  highly 
asymmetric  trailing  edge  flow  of 
an  NLR  7702  airfoil.  Delft  University  of 
Technology,  Faculty  of  Aerospace 
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published  as  National  Aerospace  Laboratory 
NLR  TP  90353L,  1990). 
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Trailing  Edge  Flow  of  an  NLR  7702 
Airfoil,  using  LDA.  In:  Engineering 
Turbulence  Modelling  and  Experiments  2. 
Proceedings  of  the  second  International 
Symposium  on  Engineering  Turbulence 
Modelling  and  Measurements,  Florence, 
1993. 
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TWO-DIMENSIONAL  16.5%  THICK  SUPERCRITICAL  AKFOIL  NLR  7301 


S.O.T.H.  HAN 

NATIONAL  AEROSPACE  LABORATORY  NLR 
ANTHONY  FOKKERWEG  2 
1059  CM  AMSTERDAM 
THE  NETHERLANDS 


0.  INTRODUCTION 

This  thick  supercritical  airfoil  designed  for  a  lift- 
coefficient  of  0.595  at  a  Mach  number  of  0.721 
(potential  flow  conditions)  was  an  early  NLR  design 
of  a  supercritical  airfoil  made  in  1973.  The  airfoil  was 
designed  with  the  hodograph  method  and  has  a  rather 
blunt  nose  with  a  roof-top  type  pressure  distribution. 
A  typical  other  feature  of  this  airfoil  is  that  it  is 
highly  rear  loaded,  both  on  the  upper  surface  and  on 
the  lower  surface.  Because  of  this  rear  loading,  the 
airfoil  is  close  to  trailing  edge  separation  on  the  upper 
surface  and  separation  in  the  cove  region  around  70% 
chord  at  the  lower  surface.  Tests  have  been  made 
originally  in  the  NLR  (Transonic)  Pilot  Tunnel  at  a 
Reynolds  number  of  2.2  million  (the  design 
condition).  The  results  of  these  tests  have  been 
included  in  AGARDograph  AR-138.  At  about  the 
same  time  test  were  made  in  the  Compressible  Flow 
Facility  (CFF)  of  Lockheed  (Georgia,  USA)  for  the 
Reynolds  number  of  10,  20  and  30  million. 

In  the  eighties,  when  more  advanced  computer  codes 
became  available  that  could  cope  with  airfoils  that 
experienced  a  limited  extent  of  separation,  there  was 
an  urgent  need  for  reliable  data  to  validate  the 
computer  codes  for  these  conditions.  Also,  the 
problem  of  scaling  (low  Reynolds  number)  wind 
tunnel  tests  to  (the  much  higher)  flight  Reynolds 
numbers  raised  (again)  considerably  interest.  For  both 
reasons  it  was  decided  to  repeat  the  original  NLR 
7301  experiments  on  a  larger  two-dimensional  model 
in  the  large  transonic  windtunnel  HST  of  NLR.  The 
tests  covered  the  low  speed  and  transonic  speed 
regimes  whereas  part  of  the  measurements  was 
performed  at  constant  lift  for  a  range  of  Reynolds 
numbers  to  study  the  indirect  Reynolds  number  effects 
in  more  detail. 


1.  GENERAL  DESCRIPTION 

1.1  Model  name  or  designation 
Airfoil  NLR  7301 

1.2  Model  type  and  flow  conditions 
Two-Dimensitmal  Airfoil;  sub-  and  transonic  flow 
conditions 


1.3  Design  requirements 

Supercritical  shock-free  flow  at  Mach=0.721  and 
Cl=0.595  (potential  flow!) 

1.4  Dominant  flow  physics 

a)  Reynolds  number  effects  on  pressure  distributions, 
drag  (including  drag  creep)  and  maximum  lift; 

b)  upper  surface  trailing  edge  separation  and  (close  to) 
lower  surface  separation  in  the  cove  region; 

See  e.g.  fig.  I  to  5. 

1.5  Additional  remarks 

Test  case  designed  to  study  Reynolds  number  effects 
at  constant  lift 

2  DETAH^S  OF  MODEL 

2.1  General  geometric  arrangement 
.5  m  chord,  2  m  span;  see  fig. 6 

2.2  Aspect  ratio 
4 

2.3  Basic  wing  section 
See  fig. 7 

2.4  Thickness  to  chord  ratio 
0.165 

2.5  Geometric  definition  of  components 

•  how  is  shape  defined 
numerically 

•  design  or  measured  coordinates 
designed 

•  tolerances 

0.01  %  of  chord  over  first  20%  of  chord 
0. 10  mm  over  the  remaining  part 
slope  tolerance  1:300 

•  surface  roughness 

<  0.4  pm(ima) 

2.6  Model  support  details 

The  model  spanned  the  windtunnel,  mounted  in  two 
co-rolating  windows  in  the  tunnel  side  walls;  to 
prevent  excessive  beading  of  the  model  two  idditionil 
thin  and  streamline  shaped  support  strats  were 
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attached  to  the  lower  surface  at  20%  and  80%  span 
(see  fig. 8) 

It  is  believed  that  these  struts  are  located  sufficiently 
far  away  to  not  efffect  the  flow  over  the  airloil  at  the 
pressure  section;  moreover  the  lower  side  of  the 
airfoil  is  subsonic  at  nearly  all  flow  conditions. 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 
High  Speed  Wind  Tunnel  HST 

3.2  Organisation  running  the  tunnel 
National  Aerospace  Laboratory  NLR, 

Amsterdam,  The  Netherlands 

3.3  Tunnel  characteristics 

closed  circuit;  see  fig.  9  for  operating  conditions 

3.4  Test  section 

3.4.1  Model  mounting  and  instrumentation 
see  fig. 6 

3.4.2  Test  section  dimensions 
2.(K)xl.60x2.70  (widthxheightxlength) 

3.4.3  Wall  geometry 

a  slotted  top  and  bottom  walls;  closed  side  walls 

•  open  area  ratio  12%  per  wall 

•  top  and  bottom  wall  pressures  measured  on  slat  at 
tunnel  center  line  (see  fig.  10) 

•  no  boundary  layer  control  on  side  walls;  typical 
side  wall  boundary  layer  displacement  thickness 

•  7  mm 

3.5  Freestream  conditions 

3.5.1  Reference  flow  conditioas 

•  total  pressure:  settling  chamber 

•  static  pressure:  upstream  pressure  hole 
(No.l8;fig.  10)  (Note  that  this  provides  the  reference 
pressure  during  the  tests;  subsequently  a  wall 
correction  procedure  is  applied  based  on  measured 
wall  pressures;  see  6.4] 

•  static  temperature:  from  total  temperature  in  settling 
chamber  and  (tunnel  wall  corrected)  Mach  number 

3.5.2  Tunnel  calibration 

•  ’long  static  tube’  at  tunnel  centre  line  and  side  wall 
pressures; 

•  last  ’long  static  tube’  calibration;  1980;  regular 
checks  on  possible  changes  from  side  wall  pressures 

3.6  Flow  quality  (empty  tunnel) 


3.6.1  Flow  uniformity 

•  Mach  number  variation  over  model  chord;  <  .002 
(at  Mach =.75) 

•  Mach  number  variation  during  a  run:  <  ±  .001 

•  tunnel  flow  assumed  to  be  parallel  with  tunnel 
centre  line;  estimated  uncertainty  in  incident  +.1  to 
.2*  (an  average  value  of  ».1S’  is  found  from  model 
upright  and  inverted  tests  with  3-D  models) 

•  variation  of  flow  angularity  over  model  span:  not 
measured;  estimated  to  be  less  then  .2  * 

3.6.2  Temperature  variation 

•  temperature  can  be  controlled  during  a  run; 

•  variation  during  a  run  less  then  1*  to  3* 
depending  on  Mach  and  Reynolds  number 

3.6.3  Flow  unsteadiness 

•  turbulence  level  not  measured  but  assumed  to  be 
very  low  in  view  of  the  high  contraction  ratio  (1:25); 

•  overall  noi.se  level; 

.5%  <  Cp-RMS  <  1% 

4  INSTRUMENTATION 

4.1  Model  position 

•  model  incidence  calculated  from  rotational  position 
of  port  supporting  window  applying  a  correction  for 
model  deformation  (torsion  and  bending)  under 
aerodynamic  load  as  derived  from  Q-flex  inclinometer 
readings  in  centre  section  (see  fig.  6); 

•  accuracy:  ±  .02*  (excluding  mean  flow  direction; 
see  3.6.1) 

4.2.1  Number  and  disposition  of  pressure  boles 

•  67  steady  pressure  holes  (fig.  7) 

4.2.2  Range  and  accuracy  of  pressure  transducers 

•  near  the  nose:  25  psi  range 

•  others;  8  psi  range 

•  accuracy:  ±  .2%  Full  Scale 

4.3  Boundary  layer  and  flow  Held  measurements 

•  hot  films  (see  fig.  6)  only  used  for  transition 
detection  during  free  transition  tests 

•  wake  rake  measurements  (see  fig.  8  and  fig.  11  for 
details) 

4.4  Surface  flow  visu 
Acenaphtene  to  optimize  transition  strips 

4.5  Tunnel  wall  measurements 

upper  and  lower  wall  25  pressures  each  on  slat  at 
tunnel  centre  line;  see  fig.  10 

5.  TEST  MATRIX  AND  CONDITIONS 


5.1  Detailed  test  matrix 
see  TABLE  I  to  III 
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5.2  Model/tunnel  relations 

•  maximum  blockage:  5.2  % 

•  wing  area;  1  m’ 

•  tunnel  cross  section;  3.2 

•  height/chord  ratio:  3.2 

•  width/chord  ratio;  4.0 

•  adiabatic  wall  temperatures  reacheo 

5.3  Transition  details 

5.3.1  Free  or  fixed  transition 
low  speed;  free  transition 
high  speed:  fixed  transition 

5.3.2  Details  of  free  transition 

•  natural  transition  measured  with  hot  films;  test 
results  available  as  RMS-values  (mV)/dynamic 
pressure 

5.3.3  Details  of  fixed  transition 

•  see  fig.  12 

•  trip  verification  with  acenaphtene 
6.  DATA 

6.1  Availability  of  data 

6.1.1  Organisation  owing  data 
NLR/NIVR 

6.1.2  Who  is  responsible  for  the  data 

•  P.B.  Rohne 

•  tel  (020)  5113360 

•  fax  (020)5113210 

6. 1 .3  Are  data  freely  available 

Yes 

6.2  Suitability  of  data  for  CFD  validation 

•  data  are  corrected  to  'free-air'  conditions 

6.3  Type  and  form  in  which  data  are  available 

6.3.1  Type  and  form 
tables 

6.3.2  Data  carrier 
floppy  disk  (340  Kbyte) 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage  corrections 

•  data  are  considered  globally  correctable; 

•  a  one  component  (Schwarz-type)  measured 
boundary  condition  method  was  applied  using  a  model 
representation  with  higher  order  point  singularities 
including  a  transonic  doublet;  see  ref.7 

•  the  in-  and  outflow  planes  were  determined  by 
interpolation  between  top  and  bottom  wall  pressures 


6.4.2  Corrections  and  order  of  magnitude 

•  Mach  (p^ie,q.c„cj,cj: 

AMa/Ma  <  .01 

•  £» :  -2  <  Aot/C|  <  0 

6.4.3  Side  wall  interference  corrections 

not  significant  in  view  of  the  high  aspect  ratio  (4!) 

7.  DATA  ACCURACY  AND  REPEATABILITY 
ASSESSMENT 

7.1  Accuracy  estimates 

7.1.1  Free  stream  conditions 

A  Mach  <  .002 
A  a  <  .2  • 

7.1.2  Measured  data 
A  C|  <  ±  .0035 

A  Cj  <  ±  .0005  from  wake  measurements  (absolute 
level;  trends  will  be  better  then  ±  .0002) 

A  c„  <  ±  .0080 

A  Cp  <  ±  .005  or  ±  .01  in  LL  pressure  peaks 

7.2  Repeal  measurements 
not  reported 

7.3  Redundant  measurements 

•  pressure  taps  (even/uneven)  have  been  connected  to 
different  pressure  transducers  in  an  alternating  way 
(applies  for  model  surface  pressures,  wall  pressures 
and  wake  rake  pressures) 

7.4  Other  tests  made 

The  following  test  have  been  made  on  the  same 
geometry  but  at  different  scale: 

•  on  a  .18  m  chord  model  in  the  NLR  Pilot  Tunnel 
and  the  Lockheed  Compressible  Flow  Facility  (CFF) 

•  on  a  .57  m  model  in  the  low  speed  windtunnel  LST 
Typical  comparisons  are  presented  in  ref.5  and  6;  see 
al.so  fig.  13  to  16 

Comments  on  the  comparisons  shown  in  the  figures 
13  to  16 

-  the  low  speed  comparison  (flg.  13,  14)  is  fair  apart 
from  significant  differences  near  maximum  lift, 
notably  at  the  higher  Mach  numbers;  this  is 
believed  to  be  due  to  tunnel  side  wall  effects  (that 
will  effect  the  flow  particularly  at  separated  flow 
conditions)  and  tuimel  wall  interference  (the  LST 
results  are  corrected  in  a  classical  way) 

-  the  high  speed  results  show  a  fair  agreement  at 
Mach  =  .6,  except  close  to  maximum  lift  (fig. 
15b);  at  Mach  =  .675  the  agreement  in  pressure 
distribution  is  reasonable  in  view  of  the  apparent 
differences  in  lift;  at  Mach  =  .75  differences 
appear  to  be  much  more  pronounced  but  they  can 
partly  be  understood  from  differences  in  test 
conditions:  the  shock  moves  rapidly  downstream 
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with  increasing  incidence  (fig.  16c)  whereas 
separated  flow  (fig.  I6d)  is  considered  to  be 
especially  sensitive,  a'lo  for  side  wall  effects.  In 
view  of  the  observed  differences  and  sensitivities  it 
is  suggested  to  make  comparisons  with  CFD  at 
constant  lift. 
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MEASUREMENTS 

DPN's 

Mach 

Cl 

Rej*10'® 

TRANSITION 

REMARKS 

1293 

-  1352 

0.12 

4.50 

1438 

-  1475 

HIH 

2.85 

Low  speed  o  runs 

1375 

-  1395 

0.20 

4.50 

Natural 

1355 

-  1374 

■■■ 

6.00 

1396 

-  1417 

0.30 

4.50 

Table  I  Test  matrix  of  main  program 
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MEASUREMENTS 

DPN's 

Mach 

Cl 

ALPHA 

tWHBB 

TRANSITION 

REMARKS 

High  speed  a  runs 

4180  •  4183. 
4252, 

4184  •  4186, 
4254. 

4187  -  4192 

0.60 

0.0133  -  0.9060, 

-1.47  -  5.78 

3.60 

Carborundum 

80 

at  7Z  on 
u.s.  and 
l.s. 

4208  -  4210. 
4237  .  4238. 
4212  ,  4222. 
4214  .  4215 

0.745 

-0.0361  -  0.5999, 

-1.39  -  2,97 

4026  .  4027. 

4087  .  4029. 

4088  ,  4030, 

4089  . 

4032  >  4038 

0.60 

0.0462  •  0.9693, 

-1.62  -  6.26 

12.50 

Carborundum 

220 

at  7X  on 
u.s.  and 
l.s. 

4053  .  4054. 
4104  .  4056. 
4106  .  4057. 
4058 

0.745 

0.0208  -  0.6783 

-1.60  -  1.72 

Table  II  High  speed  test  cases  for  code  evaluation  {a  variable) 


MEASUREMENTS 

DPN's 

Mach 

Cl 

ALPHA 

Re.*10‘ 

TRANSITION 

REMARKS 

High  speed  o  runs 

4252  .  4249. 
4246  .  4242. 
4239  ,  4237, 
4235  .  4234 

0.5985  -  0.773 

-  0.30 

0.60  0.68, 
0.71  0.70, 

0.70  0.69, 

0.67  .  0.93 

3.60 

Carborundum 

80 

at  7X  on  u.s. 
and  l.s. 

4185  .  4199, 
4247  .  4243, 
4240  .  4238. 
4236 

0.6001  -  0.754 

«  0.46 

1.71  1.69, 
1.54  .  1.45, 
1.35  ,  1.28, 
1.34 

4087  .  4090, 
4096  .  4097, 
4101  ,  4104, 
4080  .  4074 

0.5984  -  0.773 

*  0.30 

0.06  ,  -0.01, 
0.03  ,  -0.02, 
-0.06  ,  -0.15, 
•0.20  ,  -0.20 

12.50 

Carborundum 

220 

at  7X  on  u.s. 
and  l.s. 

4086  ,  4091, 
4094  .  4100, 
4102  ,  4056. 
4108 

0.5993  -  0.753 

1.11  ,  0.94, 
0.90  ,  0.69, 
0.62  ,  0.54, 
0.49 

Table  III 


High  speed  test  cases  for  code  validation  (Mach  variable) 
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Fig.  2  Reynolds  number  effect  on  pressure  distribution,  Fig.  3  Reynolds  number  effect  on  pressure  distribution 
Cf  -constant  a  constant 
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Rg.  4  Reynolds  number  effect  on  pressure  distribution, 
Cf  ‘‘Constant 

Fig.  5  Reynolds  number  effect  on  pressure  distribution, 
a  ‘’constant 

Fig.  6  Model  with  instrumentation 


Fig.  7  Main  pressure  section 


Fig.  8  Model  position  In  test  section 
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Fig,  12  Position  and  grit  size  of  the  carborundum  roughness  strips 
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Fig.  13  HST  vs  LST Comparison:  C,i  vs  a 


Fig.  14  HST  vs  LST  comparison  Cp  vs  x/c;  M-0.20 
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LOW- SPEED  SURFACE  PRESSURE  AND  BOUNDARY  LAYER  MEASUREMENT  DATA 
FOR  THE  NLR  7301  AIRFOIL  SECTION  WITH  TRAILING  EDGE  FLAP 

by  B.  van  den  Berg  and  J.H.M.  Gooden 


0.  INTRODUCTION 

Test  data  are  given  for  a  two-dimensional  wing  flap  configuration,  which 
has  been  so  designed  that  nowhere  flow  separations  occur,  apart  from  a 
small  laminar  separation  bubble  on  the  wing  nose.  The  32X  chord  trailing 
edge  flap  is  deflected  20°.  Two  widths  of  the  gap  between  wing  and  flap 
have  been  applied,  with  mixing  of  the  wing  wake  and  flap  boundary  layer 
occurring  with  the  smaller  gap.  The  experiment  has  been  carried  out  at  a 
Reynolds  number  Re,c  -  2.51  *  E6  and  a  Mach  number  of  about  Ma  -  0.185. 

The  measurements  comprise  surface  pressure  data,  from  which  lift  and 
pitching  moment  coefficients  were  calculated,  at  various  angles  of  attack 
from  zero  up  to  beyond  stall.  At  three  angles  of  attack  the  drag  has  been 
determined  from  wake  traverses.  At  these  angles  mean  flow  measurements  in 
the  boundary  layer  and  wake  have  been  executed  at  16  stations.  In  addition 
turbulence  data  were  obtained  at  5  stations  in  the  wing  wake  above  the 
flap.  Surface  flow  visualization  data  are  also  available. 


1  GENERAL  DESCRIPTION 

1.1  Model  designation 

1.2  Model  type 

1.3  Design  requirement 

1.4  Dominant  flow  physics 


NU  7301  with  flap. 

Two-dimensional . 

Model  was  designed  to  provide  an  as 
simple  as  possible  test  case  for  low- 
speed  multi-element  airfoil  calculation 
methods . 

Interaction  between  the  two  airfoil 
elements,  both  inviscid  and  viscous. 


2  DETAILS  OF  MODEL 

2.1  General  geometry 

2.2  Configuratio'is 

2.3  Airfoil  d,.ita 

2.4  Model  support  details 


Cylindrical  model  of  wing  with  trailing 
edge  flap  (see  fig.  1).  Basic-airfoil 
chord  -  0.57  m. 

Test  have  been  done  at  one  flap  angle, 
20°,  and  two  flap  gap  widths,  2.6%  and 
1.3%  chord, 

Basic  airfoil  section  is  NLR  7301. 

Model  was  mounted  vertically  from  wall 
to  wall,  spanning  the  tunnel  test 
section. 


Model  deformation 


The  position  of  the  flap  relative  to 
the  main  wing  is  affected  slightly  by 
airloads,  due  to  the  limited  stiffness 
of  the  flap  brackets.  Measurements 
showed  that  the  flap  gap  decreases  with 
wind-on  by  approximately  0.2Z  chord  and 
the  flap  angle  by  about  0.2  or  0.3  . 
degrees . 


GENERAL  TUNNEL  INFORMATION 


Tunnel  designation  Most  of  the  tests  have  been  carried  out 

in  the  NLR  LST  3*2m  in  Amsterdam;  some 
additional  data  were  obtained  later  in 
the  new  NLR  LST  3*2. 25m  in  the  North- 
East  Polder. 

Organization  running  tunnel  NLR,  The  Netherlands. 

Tunnel  characteristics  Low-speed  wind  tunnel  of  conventional 

design. 

Test  section  Closed-wall  test  section.  Width:  3m; 

height:  2.1m/2.25m;  length:  4m/8./5m 
for  old/new  tunnel,  respectively. 
Blowitig  boundary  layer  control  was 
applied  on  tunnel  walls  to  avoid 
premature  stall  at  model  tunnel  wall 
junctions . 

Flow  quality  NLR  LST  3*2m  wind  tunnel  in  Amsterdam 

(used  for  most  of  the  measurements) : 
variation  of  mean  velocity  across  test 
section:  0.5Z.  Free -stream  turbulence 
level:  <  0.2Z. 

NLR  LST  3*2. 25m  wind  tunnel  in  the 
North-East  Polder  (used  for  the 
turbulence  measurements  in  the  wing 
wake  above  the  flap) :  variation  of  mean 
velocity  across  test  section:  <  0.2Z. 
Free-stream  turbulence  level:  <  0.04%. 


INSTRUMENTATION 


Model  position 


Model  pressures 


Accuracy  of  geometrical  angle  of  attack 
of  main  wing:  ±  .05°. 


Surface  pressure  hole  positions  are 
indicated  in  fig.  1.  Typical  measured 
surface  pressure  distributions  are 
shown  in  fig.  2.  Estimated  accuracy  of 
pressure  coefficients:  ±  0.01  or 


±  0.5%. 
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4.3  Forces  and  moments  Lift  and  pitching  moment  have  been 

obtained  from  integration  of  the  model 
surface  pressures.  Drag  has  been 
determined  from  wake  traverses  at 
several  spanwise  positions  at  one  chord 
distance  behind  the  model  trailing 
edge.  Estimated  accuracy:  lift 
coefficient:  ±  0.01.  Pitching  moment 
coefficient:  ±  0.005.  Drag  coefficient: 
±  2Z.  (Spanwise  variation  in  local  wake 
drag  traverse  data:  <  5%.) 

4.4  Skin  friction  Skin  friction  coefficients,  determined 

with  various  indirect  methods ,  are 
plotted  in  fig.  3  for  the  wing  upper 
surface.  Accuracy  estimate:  +  lOZ. 

4.5  Boundary  layers  Boundary  layer  and  wake  measurements 

have  been  performed  at  16  stations, 
using  a  small ,  movable  ,  external 
traversing  mechanism,  specially  built 
for  the  purpose.  The  mean  velocity 
measurements  have  been  made  with 
pressure  probes.  Hot-wire  measurements 
to  determine  the  turbulence  properf.ies 
have  been  carried  out  at  station  8,  12, 
13,  14  and  16  (see  fig.  1).  Typical 
boundary  layer  mean  velocity  profiles 
are  depicted  in  fig.  4.  Fig.  5  and  6 
show  mean  velocities  measured  in  the 
wing  wake  above  the  flap,  at  a  flap  gap 
of  2. 62  and  1.32  c  respectively.  Some 
turbulence  measurement  results  are 
plotted  in  fig.  7.  Boundary  and  wake 
data  accuracy  estimate:  mean 
velocities:  ±  22.  Turbulence 
quantities:  ±  152. 

4.6  Flow  visualization  Surface  flow  was  visualized  using  the 

oil  flow  technique  to  detect  flow 
separation  and  attachment  lines,  and 
the  sublimation  technique  to  determine 
transition  positions. 


MATRICS  AND  CONDITIONS 


5.1  Detailed  test  matrix  Surface  pressure  measurements  have  been 

carried  out  at  angles  of  attack  between 
0  tot  16°  at  intervals  of  1°.  Wake 
traverses  and  detailed  boundary  layer 
measurements  have  been  done  at  6.0°, 
10.1°,  13.1°.  The  free -stream  Mach 
number  was  about  0.185  and  the  Reynolds 
number  2.51  *  E6 . 
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5.2  Model/tunnel  relations 


5.3  Transition  details 


6  DATA 

6.1  Availability  of  data 

6.2  Suitability  of  data 


6.3  Form  of  data 

6.4  Corrections  applied 


7  DATA  ACCURACY 
7 . 1  Accuracy 


Tunnel  "height/  basic-airfoil  chord 
ratio  is  5.26.  Tunnel  "width"/  chord 
ratio  is  about  3.8. 

Tests  were  made  with  free  transition. 
Transition  positions  and  position  and 
extent  of  laminar  separation  bubbles 
have  been  determined  at  6.0°,  10.1°  and 
13.1°  angle  of  attack. 


The  data  set  is  freely  available. 

Data  are  well  suited  for  CFD 
validation,  and  have  already  been  used 
for  this  purpose.  Tunnel  wall 
interference  effects  are  small  and 
consequently  the  data  can  be  used  for 
"free  air"  calculations.  Also  "in 
tunnel”  calculations  can  be  made, 
assuming  a  two-dimensional  tunnel  test 
section  of  infinite  length  with  the 
tunnel  walls  at  2.63  chord  distance 
from  the  model  center. 

Data  are  available  in  tables  and  on 
floppy  disk. 

Classical  tunnel  wall  interference 
corrections  have  been  applied.  Lift 
interference  correction  on  lift  is  less 
than  1%.  Blockage  correction  on 
velocity  is  about  0.5%. 


Angle  of  attack:  +  0.05°.  Free-stream 
velocity:  ±  0.2%.  Lift  coefficient: 

+  0.01.  Pitching  moment  coefficient: 

±  0.005.  Drag  coefficient:  ±  2%. 
Surface  pressure  coefficients:  ±  0.01 
or  ±  0.5%.  Skin  friction  coefficient: 
±  10%.  Boundary  layer  and  wake  mean 
velocity  data:  ±  2%.  Wake  turbulence 
data:  ±  15%. 

Surface  pressure  and  boundary  layer 
measurements  have  been  done  in  two 
different  tunnels  with  good  agreement. 


7 . 2  Repeat  measurements 


A9-5 


8  REFERENCES 

B.  van  den  Berg  -  "Boundary  layer  measurements  on  a  two-dimensional  wing 
with  flap".  NLR  TR  79009  U  (1979). 

B.  van  den  Berg,  B.  Oskam  -  "Boundary  layer  measurements  on  a  two- 
dimensional  wing  with  flap  and  a  comparison  with  calculations".  AGARD  Conf. 
Proc.  No.  271  (1979)  . 

B.  van  den  Berg  -  "Comparison  of  theory  and  experiment  for  a  simple  two- 
dimensional  airfoil  with  flap".  NLR  TR  83034  U  (GARTEUR  TP-013)  (1983). 

J.H.M,  Gooden,  M.  van  Lent  -  "Measurements  in  a  two-dimensional  turbulent 
wing  wake  above  a  trailing  edge  flap  (data  report)".  NLR  CR  89274  0(7) 
(1989). 

J.H.M.  Gooden  -  "Flow  gradient  corrections  on  hot-wire  measurements  using 
an  X-wire  probe".  NLR  TP  90255  U  (1990). 


AlO-l 


Data  from  the  GARTEur  (AD)  Action  Group  02 
Airfoil  CAST  7/DOA1  Experiments 

by 

A.  Mignosi,  J.P.  Archambaud  and  E.  Stanewsky 


Introduction 

In  order  to  gain  a  better  understanding  of  the  various  forms  and  the  magnitude  of  wind  tunnel  interferences 
that  may  arise  in  two-dimensional  testing  and  to  find  improved  methods  of  correction,  a  GARTEur'^  Action 
Group  was  formed  in  1979  with  the  primary  objectives  of 

•  comparing  test  results  obtained  with  one  airfoil  (CAST  7)  in  a  number  of  facilities  in  order  to  assess  wall 
interference  in  the  individual  tunnels  and  to  assess  the  accuracy  of  correction  methods  currently  used  and 

•  evaluating  three-dimensional  interference  effects  associated  with  the  side  wall  boundary  layer. 

The  wind  tunnels  considered  consisted  of  five  conventional  tunnels  with  either  slotted  or  perforated  test  section 
walls  and  two  adaptive  wall  wind  tunnels,  Table  I  [1].  Based  on  a  comparison  of  the  results  from  these  tunnels, 
it  was  concluded  that  for  these  two-dimensional  airfoil  tests  the  freestream  conditions,  Mach  number  and  angle 
of  attack,  were  generally  predicted  with  an  accuracy  of  AMoo  =  ±  0.002  and  Aa  ±  0.1°  to  ±  0.05°, 
respectively,  and  the  lift  and  drag  coefficients  with  an  accuracy  of  ACl  -  ±  0.01 5  and  ACp  -  ±  0.0003°, 
respectively.  For  the  adaptive  wall  wind  tunnel  T2  of  ONERA/CERT  the  accuracy  in  freestream  conditions  was 
determined  to  be  AM^  =±  0.001  and  Aa  =  ±  0,03°. 

Due  to  their  relatively  high  accuracy,  only  the  ONERA  T2  adaptive  wall  tests  are  considered  hereafter.  The 
data,  obtained  wKh  well  defined  boundary  contitions,  are  believed  to  be  the  most  suitable  for  a  CFD  - 
assessment.  A  comparison  with  results  from  the  other  participating  facilities  is  given  in  Figures  1 1  through  1 4. 
For  more  information  on  these  facilities,  their  data  and  data  reports,  the  user  is  referred  to  Ref.  1 . 


1.  GENERAL  DESCRIPTION 

1 .1  Model  name  or  designation:  CAST  7/DOA1 

1 .2  Model  type  and  flow  conditions 

2-D  airfoil  at  transonic  speeds.  The  airfoil  is 
of  shock-free  design  with  a  roof-top 
pressure  distribution  and  moderate  to 
strong  rear  loading. 

1 .3  Design  requirements,  purpose  of  test 

Shock-free  flow  at  M„  =  0.76,  a  =  0®. 
Tests  were  carried  out  in  seven  wind 
tunnels  to  assess  wall  interference  and 
correction  methods(Table  I,  Ref.1). 

1 .4  Dominant  flow  physics 

Viscous/invisckf  interactions  of  a  turbulent 
boundary  layer  with  shock  waves  and 
moderate  to  strong  rear  adverse  pressure 
gradiens  with  and  w/o  shock-induced  and 
rear  separation. 

2.  DETAILS  OF  MODEL(S) 

2.1  General  geometric  arrangement 

Rgure  1  (also  see  Fig.  4 ) 


2.2  Configuration 

Airfoil  of  chord  -  length  c  =  0.20m,  tested 
on  and  off  tunnel  center  line 

2.3  Airfoil  section  data 

2.3.1  Planform 

Model  chord  =  0.20  m 
Model  span  =  0.40  m 
Aspect  ratio  =  2.00 

2.3.2  Basic  airfoil  section 
Airfoil  shape:  Figure  2 
Thickness/chord  ratio  =  0.1189 

2.7  Geometric  definition  of  all  components 
Design:  Figure  2 

Tolerances:  Figure  2 
Measured  coordinates  are  on  disk 

Surface  roughness 
Polished  to  RA  0.2  to  0.4  \im 

2.8  Model  support  details 

Models  mounted  in  rotatable  disks  inserted 
into  and  mounted  flush  with  the  side  walls, 
Rgure  4 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation:  T2 


1 


Group  for  Aeronautical  Research  and  Technology  in  Europe 
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3.2  Organization  running  the  tunnel 

ONERA  (CERT) 

2,  avenue  Edouard  Belin 
B.P.  4025 

31055  ■  Toulouse  C6dex 

3.3  Tunnel  characteristics 
Type  of  tunnel 

Injector  •  driven  closed-circuit  tunnel  with  a 
nin  time  of  30  to  1 20  sec,  Figure  5a 

Operating  envelope:  Figure  5b 

3.4  Test  section 

3.4.1  Test  section  details 

Adaptive  wall  test  section,  Figure  4 

3.4.2  Test  section  dimensions  (width  x  height  x 
length) 

0.39  m  X  0.37  m  x  1.5  m 

At  the  time  of  the  CAST  7  tests,  the 

dimensions  were  0.40  m  x  0.38  rn  x  t  .5  m 

3.4.3  Wall  geometry  details 
Type  of  walls 

Flexible  adaptive  upper  and  lower  walls, 
solid  side  walls.  Figure  4 

Are  wall  pressures/wall  displacements 
measured?  Yes 

Boundary  layer  control  on  walls 

Side  wall  boundary  layer  control  can  be 
applied  but  was  not  utilized  in  the  present 
CAST  7  tests.  However  the  data  selected 
were  corrected  for  sidewall  interference 
(see  Tables  III  and  IV) 

Typical  wall  boundary  layer  displacement 
thickness:  6,  =  2.5  mm 

3.5  Freestream  conditions 

3.5.1  How  are  reference  flow  conditions 
determined? 

Total  pressure;  Measured  in  settling 
chamber  by  pitot  probe. 

Static  pressure:  Freestream  Mach  number 
is  determined  from  the  measured 
horizontal-wall  pressures  [1].  The 
corresponding  static  pressure  is  inferred 
from  total  pressure  and  Mach  number. 

Static  temperature;  The  static  temperature 
is  inferred  from  the  total  temperature 
measurement  in  the  settling  chamber 

3.5.2  Tunnel  calibration 

Empty  tunnel  calibration  only  to  determine 
erroneous  wall  pressure  readings 

Date  of  last  calibration: 

Wall  shape  is  controlled  before  each  test 
campaign 

3.6  Row  quality  (empty  tunnel) 

3.6.1  Ftow  uniformity 


Static  pressure  variations  over  model 
length:  Zero 

Mach  number  variation  over  model  length: 
The  flexible  walls  are  adjusted  to 
compensate  the  displacement  thickness 
growth,  Figure  6 

Mach  number  variatton  during  a  mn; 

AM_  <  0.001 

Row  angularity  over  the  model  length  and 
span: 

Zero  due  to  wall  adaptation 

3.6.2  Temperature  variation 

Can  the  temperature  be  controlled  during  a 
lun? 

Yes,  for  operation  at  cryogenic  conditions. 

At  ambient  conditions  the  temperature 
cannot  be  controlled. 

Variation wKhin the tunnel:AT<  IK. 

3.6.3  Flow  unsteadiness 

Overall  noise  level:  Figure  7 
Overall  turbulence  level:  Figure  8 

4.  INSTRUMENTATION 

4.1  Model  position 

4.1.1  How  is  the  geometrical  incidence 
measured? 

On  flat  mounting  flanches  of  the  airfoil  with 
an  inclinometer. 

4.1.2  Accuracy  of  geometrical  incidence 

±  0.02°:  Note  that  the  effective  angle  of 
incidence  is  determined  in  the  wall 
adaptation  process. 

4.2  Model  pressure  measurements 

4.2.1  Total  number  and  disposition  of  pressure 
holes 

The  model  with  c  °  0.20  m  was  equipped 
with  103  oirlices,  Rgure  3 

4.2.2  Range  and  accuracy  of  pressure 
transducers 

Model  surface:  DRUCK  PDCR  22  ±  25  and 
±  50  psi;  Statham  PM  872  ±  35  psi 
Accuracy:  0.1  %  FS 

4.2.3  Are  dynar.nic  pressures  measured? 

No 

4.4  Boundary  layer  and  flow  field 
measurements 

4.4.1  Measurement  technique  applied 
Total  and  static  probe  measurements 

4.4.2  Flow  regions  investigated 

Wake:  Wake-rake  located  one  chord  length 
downstream  of  model  trailing  edge, 
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Pressure  transducer:  ENDEVCO  8507  ±  5 
psi;  Accuracy:  0.1  %  PS 

4.5  Surface  flow  visualization 

4.5.1  Measurenoent  technique  applied 
Oil-flow  visualization 

4.5.2  On  which  surface  is  the  flow  visualized? 
Upper  and  lower  airfoil  surface 

4.5.3  In  what  form  are  data  available? 
Photographs 

4.7  Tunnel  wall  measurements 

4.7.1  Type  of  measurements 

Static  pressure  measurements  on  upper 
and  lower  flexible  walls  and  wall  deflection 
measuremtents 

4.7.2  Location  and  number  of  pressure  holes 
Each  flexible  wall  was  equipped  with  91 
pressure  orifices,  Figure  9 
Transducer:  DRUCK  PDCR  22  +  25  psi 
Accuracy:  0.1  %  FS 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 

See  Table  II  for  the  GARTEur  AG02  tests 

5.1.1  Number  of  selected  test  cases:  13 

5.1.2  Number  of  configurations  tested:  One 

5.1.3  Test  cases:  Table  III 

5.2  Model/tunnel  relations 

5.2.4  Height/chord  ratio:  1 .9 

5.2.5  Width/chord  ratio:  2.0 

5.2.6  Have  adiabatic  wall  temperatures  been 
reached?  Yes 

5.3  Transition  details 

5.3.1  Was  the  test  made  with  free  or  fixed 
transition? 

For  the  selected  test  cases,  transition  was 
fixed 

5.3.3  Details  of  fbred  transition 

Transition  location: 

Trips  of  0.1  c  width  were  located  at  7% 
chord  on  upper  and  lower  surfaces. 

Type  and  size  of  trip: 

The  trip  consisted  of  carborundum  grit  with 
an  average  height  of  0.06  mm. 

How  was  effectiveness  of  trip  verified? 

The  trip  effectiveness  was  verified  through 
integrated  drag  and  lift  measurements  as 
function  of  grit  height  for  the  Mach 
numbers  of  M„»  0.70  to  0.77  and  Re,.  »  6 
x  10®. 

Note  that  tripping  will  probably  somewhat 
decrease  the  lift  and  increase  the  drag 
compared  to  free  transition  if  the  beginning 


of  transition  is  located  at  the  same  position 
as  the  trip.  (ACq  -  0.0004  at  M„  -  0.755, 
a  =  0°,  Re  =  6x  10®), 

6.  DATA 

6.1  Availability  of  data 

6.1.1  Organisation  owning  the  data 

ONERA/CERT 

6.1.2  Who  is  responsible  for  the  data? 

Mr.A.  Mignosi  /  Mr.  J.P.  Archambaud 
c/o  CERT  -  ONERA 

2  avenue  E.  Belln 
31 055  Toulouse  -  France 
Tel.  (33)  61  66  70  44 
Fax  (33)  61  66  71  72 

6.1.3  Are  data  freely  available? 

Yes 

6.2  Suitability  of  data  for  CFD  validation 

The  tests  were  made  in  an  adaptive  wall 
wind  tunnel,  i.e.,  not  only  are  the  boundary 
conditions  available  so  that  an  "in-tunnel" 
calculation  is  possible  but  the  data  can  also 
be  considered  as  representing  "tree  -  air" 
conditions. 

6.3  Type  and  form  in  which  data  are  available 

6.3.1  Type  and  form 

a.  Freestream:  Mach  number  and  angle 
of  attack  as  determined  through  the 
wall  adaptation  and  side  wall 
interference  correction  process 

b.  Pressure:  Coefficients  based  on  free 
stream  dynamic  pressure. 

c.  Forces:  Coefficients  based  on 
freestream  dynamic  pressure.  The 
forces  were  obtained  by  integrating 
surface  and  wake  pressures. 

6.3.2  Data  carrier 

Data  are  provided  on  3.5"  compact  disk 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage  corrections 
Data  are  considered  basically  free  of  lift 
and  blockage  interference. 

6.4.2  Side  wall  interference  corrections 

Treatment  of  side  wall  boundary  layer? 

No 

Correction  method  used 

A  correction  for  side  wall  effects  has  been 
carried  out  according  to  the  method  of 
Michonneau  [2].  Corrected  data  are  given 
in  Tables  III  and  IV,  showing  the  effect  on 
Mach  number  and  global  aerodynamic 
coefficients.  A  side-wall  correction  map  for 
CAST  7  is  given  in  Figure  10. 
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7.  DATA  ACCURACY  AND  REPEATABILITY 
ASSESSMENT 

7.1  Estimated  accuracy  of; 

7.1.1  Free  stream  cortditions 
Mach  number;  AM„  =  ±  0.001 
Model  incidence;  Aa  =  ±  0.03° 

7.1.2  Measured  data 

Forces  and  moments;  ACl-  ±  1%: 
AC„,-±1%.  ACd“±2% 

Pressure  coefficients;  ACp-  ±1% 

7.2  Repeat  measurements 

7.2.1  Type  and  number  of  repeat  measurements 
A  sufficient  number  of  repeat 
measurements  were  carried  out  within  a 
test  campaign  and  between  campaigns 

Repeatability 

ACl  -±  1%;  ACd  -  ±1.6%;  AC^  -  ±0.8% 

7.3  Redundant  measurements 
No  redundant  measurements 

7.4  Other  tests  on  same  (nominal)  geometry 

The  CAST  7/DOA1  airfoil  (different 
models)  has  been  tested  in  7  wind  tunnels, 
Table  I.  Typical  comparisons  of  results  at 
Re,  «  6  X  10®  are  presented  in  Figures  1 1 
through  14. 

Note  that  the  data  are  not  side-wall 
corrected  except  for  the  freestream 
conditions  in  Figure  13.  It  can  generally  be 
assumed  that  side-wall  interference  is 
similar  in  the  tunnels  compared  here. 
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9.  LIST  OF  SYMBOLS 

B  Tunnel  width 

c  Chord 

Cq  Draft  coefficient 

C,  Lift  coefficient 

Cop  Pressure  drag  coefficient 

Cm  Pitching  moment  coefficient 
H  Tunnel  height 

M_,  Mo  Freestream  Mach  number 
AM  Change  in  M.  due  to  side  wall 

interference 

p  Static  pressure 

P,  Stagnation  pressure 

q  Dynamic  pressure 

Re,  Re^  Reynolds  number  based  on  chord 
T,  Stagnation  temperature 

a  angle  of  attack 

S*  Displacement  thickness 

p  Density 

a  Wall  open  area  ratio 


AlO-5 


TABLE  I:  Test  section/model  characteristics  (GARTEur  AG02  Participants) 


No. 

Tunnel 

B(m)  X  H(m) 

Typeofwals 

0(%) 

NS'I 

c(m) 

B/c 

H/c 

8  */B 

Remarks 

la 

1b 

S3Ma 

0.56x0.78 

Perforated 

9.7 

0.20 

2.8 

3.9 

0.010 

Straight  holes;  solid  side  walls 

Solid 

2 

TWB 

0.34x0.60 

Stoned 

235 

4 

0.15 

2.3 

4.0 

Solid  sidewalls 

020 

1.7 

30 

3 

ARA 

0.20x0.46 

Slotted 

32 

6 

0.127 

1.6 

3.6 

0.015 

Solid  side  walls 

4 

TKG 

0.99  X  0.98 

Slotted^ 

3.4 

4 

0.20 

5 

4.9 

0.011 

Solid  sidewalls 

5 

■f?) 

0.40  X  0.38 

Adaptive 

0.12 

33 

3.2 

0.005 

Parallel  side  wals,  flexible  top 
and  bottom  walls 

0.20 

2.0 

1.9 

6 

NLR 

0.42  X  0.55 

Slotted 

10 

7 

0.18 

2.3 

3.1 

0.007 

Solid  side  wails 

7 

TUB 

0.15x0.15 

Adaptive 

0.10 

1.5 

1.5 

Parallel  side  wals;  flexible  top 
and  bottom  walls 

’>  Number  of  slots,  excluding  slots  located  at  Intersection  of  venical  and  horizontal  walls. 

^  Aluntinlum  bars  of  200  mm  thickness  mounted  on  perforated  walls.  Open  area  Is  based  on  slot  width  only 
^  Models  were  generally  positioned  60  mm  below  center  line. 

Tunnel  desIgnatlon/Operator:  S3Ma  ONERA;  TWB,  TKG  DLR;  ARA  Aircraft  Research  Association;  T2 
ONERA/CERT;  TU-B  Technical  University  Berlin 

TABLE  II:  Nominal  test  matrix  for  the  CAST  7  /  DOA1  GARTEur  exercise 

(Nominal  Reynolds  numbers  of  Re^  =  2.5  x  10®  and/or  Re^  «  6  x  10®  were  prescribed) 


A.  Angle  of  attack  sweeps 


\a 

-2 

-1 

0 

1 

1.5 

2 

2.5 

3 

35 

4 

45 

5 

5.5 

6 

6.5 

7 

75 

8 

0.60 

• 

• 

• 

• 

• 

• 

• 

• 

• 

• 

• 

• 

• 

• 

0.70 

• 

• 

• 

• 

• 

• 

• 

• 

• 

• 

• 

• 

0.76 

• 

• 

• 

• 

• 

• 

• 

• 

• 

B.  Mach  number  sweeps 


0.60 

0.65 

0.70 

072 

0.74 

0.75 

■  --I 

0.76 

1 

0.78 

079 

080 

0.82 

at  angles  of  attack  giving  at  M„  =  0.76  lift  coefficients  of  Cl  =  0.52  and  Cl  =  0.73,  respectively. 

Table  III:  Selected  test  cases  (ONERA/CERT  T2-tests) 


Run  N" 

M_’i 

corr 

a  n'l 

Cl" 

c,  ^ 

L  corr. 

Re,,  xIO^ 

Remarks 

325 

0.599 

0.5975 

0 

0.414 

0.4160 

5.9 

Subcriticai  with  onset  of 
separation  at  the  highest 
Incidence  (Ct-sweps) 

358 

0.598 

0.5960 

1 

0.544 

0.5599 

5.9 

369 

0.59‘* 

0.5905 

3 

0.841 

0.8554 

6.0 

328 

0.66 

0.6935 

0 

0453 

0.4587 

6.0 

Sub/SupercrItIcal  with 
shock  waves  and  moder. 
separation  ( a  -sweep) 

356 

0.696 

06915 

1 

0623 

0.6341 

5.9 

368 

0.690 

0.6830 

3 

1014 

1.0443 

59 

324 

0.752 

0.7495 

-1 

0322 

0.3264 

5.8 

Sub/SupercrItIcal  with 
shock  waves  and  masslv 
separation  (a -sweep) 

335 

0.753 

0.7470 

0 

0522 

0.5348 

6.1 

351 

0.755 

0.7470 

1 

0.736 

0.7553 

5.9 

328 

0.696 

0.6935 

0 

0.453 

0.4587 

5.9 

Mach  number  sweep 
through  drag-rise  and 

Into  moderate  separation 

331 

0734 

0.7295 

0 

0484 

0.4919 

5.9 

335 

0.753 

0.7470 

0 

0522 

0.5348 

5.9 

342 

0.764 

0.7570 

0 

0525 

0.5377 

6.0 

336 

0.773 

0.7650 

0 

0.553 

0.5681 

5.8 

341 

0.783 

0.7750 

0 

0548 

0.5641 

6.0 

’’Data  are  adapted  for  zero  blockage  and  lift  Interference 
^Data  are  In  addition  corrected  for  side-wall  Interference 
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ONERA/CERT  Test  set-up 


Note  that  the  model  was  tested  in  two  positions 
Figure  1:  Test  section  and  model  arrangement 


Maximum  thickness:  1 1.8  %  at  33  %c 
Base  thickness:  0  J  % 

Design  conditions:  M_  =  0.76  Cl=  0.573  a=0® 


SURFACE:  UPPER  LOWER 


x/c 

z/c 

z/c 

0.0000 

0.000000 

0.000000 

0.0004 

0.003365 

-0.003190 

0.0010 

0.005305 

-0.005060 

0.0020 

0.007535 

-0.007135 

0.0035 

0.010125 

-0.009270 

0.0050 

0.012295 

-0.010820 

0.0075 

0.015340 

-0.012695 

0.0125 

0.020110 

-0.015055 

0.0350 

0.032730 

-0.020850 

0.0475 

0.037700 

-0.023625 

0.0650 

0.043075 

-0.027130 

0.0875 

0.048270 

-0.031020 

0.1150 

0.053035 

-0.035180 

0.1550 

0.058090 

-0.040400 

0.2150 

0.063125 

-0.046320 

0.2750 

0.066165 

-0.049645 

0.3350 

0.067865 

-0.050270 

0.3950 

0.068510 

-0.048365 

0.4550 

0.068165 

-0.044305 

0.5150 

0.066765 

-0.038540 

0.5750 

0.064155 

-0.031525 

0.6350 

0.060080 

-0.023715 

0.6950 

0.054230 

-0.015660 

0.7550 

0.046385 

-0.008095 

0.8150 

0.036620 

-0.002085 

0.8750 

0.025410 

0.001040 

0.9200 

0.016510 

0.000785 

0.9500 

0.010505 

-0.000625 

0.9775 

0.004950 

-0.002626 

1.0000 

0.000355 

-0.004655 

Contour  deviations 


Airfoil  CAST  7  section  design  coordinates 


Figure  2;  Airfoil  shape,  design  coordinates  and  contour 
deviations 


Flow 


Figure  3:  Pressure  orifice  locations 
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Figure  4:  Model  support  and  test  section  details 


ONERA/CERT  T2  Wind  Tunnel 


J  raiisoiiic 

♦  Self  -  Adaptative  Walls 


- fj 

\ 

Pressurized 
^  Cryogenic 

Usual  range 

0.6  <  Mo  <  0.9 

1.6h  <  r,  <  .lb 

in 

-  II0K<  Tt  <  290K 
.1x10'^  <  Rc  <  .10x10* 
100mm  <  Chord  <  ZOOiiiin 
Run 

0.5’  <  duration  <  T 


Figure  5:  T2  Wind  tunnel  circuit  and  operating  conditions 


Figure  7:  Mach  number  variation  of  RMS  pressure  Figure  8:  Mach  number  variation  of  RMS  velocity 
fluctuation  on  tunnel  side  wall  fluctuation  on  tunnel  side  wall 


FLEXIBLE  WALLS 

91  Pressure  orifices 
16  Jocks 


I  till 
I  lilt 
I  lilt 
I  I  I  I  I 


I  I  I  t  I  I  FLOW  I 

I  t  I  I  I  I  I 

I  I  I  I  I  I  I 

I  I  I  I  I  I  I  I 


Figure  9:  Location  of  wall  pressure  orifices  and  jacks 
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Rt  a  6x  10* Comettd  data! 


“  I  O  S3Mq  0780 
Q042  K  0  s3Ma"  0753*0762 
A  TWB*'  0780 

QARA 

OT2« 


J 


—  Th«»y-I 

VOK  I 

-  Beu*«uMj(l| 

nl  Rang*  of  Mp»- 
rimantol  data 


Figure  12;  Comparison  of  drag  polars  from 
various  wind  tunnels 
( also  see  Note  7.4  ) 


Figure  13:  Comparison  of  pressure  disUibutions 
from  various  wind  tunnels; 

( design  conditions ) 

Indices; 

1) c=150  mm 

2)  c=200  mm 

3)  Top  and  bottom  wall  only 

4)  Top  and  bottom  wall  plus  side-walls 


I  M,.  0760  Ra.6«10°| 


UncortKltd 

Cott*ct*d 

M. 

Cl 

M. 

Cl 

RflO 

-6 

0768 

0521 

0.759 

0529 

60 

0780 

0528 

- 

— 

61 

0.761 

0522 

0761 

0506 

60 

— 

_ 

0753 

0522 

58 

_ 

— 

076( 

0525 

so- 

)) 

- 

- 

0.757 

0538 

so' 

0.4  0.6  0.8 

NON-DtMENSIONAL  CHORD,  >/(. 


NON-DIMENSIONAL  PRESSURE  DISTRIBUTION,  p/p, 


Figure  14;  Comparison  of  pressure  distributions  from  various  wind  tunnels  (  high  lift  conditions  ) 
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0AT15A  AIRFCIL  DATA 
by 

A.M.  PODDE.  J.P.  APCHAMBAVD 
OriERA  (FRANCE) 


0  INTRODUCTION 

The  OAT15A  airfoil  is  a  supercritical  airfoil  for  transport  aircraft  'l-'signed  a  fou* 
years  ago  within  the  framework  of  an  ONERA/Aerospatiale  joint  programme  devoted  to 
the  study  of  various  designs. 

The  design  point  is  M  =  0.73.  C.  =  0.65  and  the  thickness  to  chord  ratio  of  the 
airfoil  is  12 . 3  %. 

The  tests  which  were  performed  in  the  ONERA/CERT  T2  w-' nd  tunnel  were  devoted  to  the 
Reynolds  number  effects  .on  the  airfoil  performance.  These  effects  were  investigated 
within  the  range  3-20  10*  taking  advantage  of  the  cryogenic  capability  of  the  ‘■unnel. 
The  adaptative  top  and  bottom  walls  of  the  tunnel  give  quasi  free  air  conditions. 
However  some  sidewall  effects  are  present  and  are  tak.n  into  account  in  the 
correction  procedure . 

Tests  performed  on  another  model  in  the  S3MA  wind  tunnel  with  perforated  top  and 
bottom  walls  show  good  agreement  with  the  T2  tests  which  give  more  confidence 
concerning  the  quality  of  the  data. 

The  proposed  test  cases  concern  mainly  pressure  distributions  for  various  Reynolds 
numbers  with  fixed  transition.  However  for  a  selected  number  of  test  cases  boundary 
layer  measurements  with  an  external  probe  and  LDV  flow  field  data  are  also  givT;n. 

The  set  of  data  can  be  used  for  different  purposes  : 

.  Computer  code  capability  for  the  prediction  of  Reynolds  number  effect. 

.  Detailed  2D  computer  code  assessment. 

1 .  General  Description 


1.1  Model  name  or  designation  CAT15A 

1.2  Model  type  and  flow  conditions  2-D  supercritical  airfoil  transonic  flew 

1.3  Design  requirements,  purpose  of  Design  point  of  the  airfoil: 

tests  ?1  =  0.73  C-  =  0.65 

Riiynolds  number  effect  on  the  alrfo-.l 
performance 

I  .  A  Dominant  flow  physics  Transonic  flow  with  shock  5.L..  ir.t<  ion 

1.5  Additionnal  remarks  Tests  were  performed  in  the-  T2  wind  tunn-'. 

with  adapted  top  and  bottom  walls  but 
without  lateral  boundary  layer  control. 
The  lateral  wall  effect  did  not  appear  to 
be  negligible;  therefore  this  effect  has 
been  corrected. 


2 .  Details  of  model 

2.1  General  geometric  arrangement  2-D  wall  to  wall  model  (see  figure  1) 

2.2  If  various  configurations  are  No 
tested,  describe  specific  featu¬ 
res  of  each  configuration 

2.3  Wing  and/or  airfoil  data 

2.3.1  Planforir.  Rectangular  model 

0.39  m  span  with  0.15  m  chord  gives  aspect 

ratio  of  2.6. 


A1I.2 


2.3.2  Basic  wing  section  or  air- 
f  oi  1 


.  airfoil  shape 
.  thickr.ess/chord  ratio 
.  nose  raduis 'chord 

2.3.3  Other  corponents  on  wing 

2.4  Body  data 

2.5  Tnf  or'^'a  t  i  ons  or.  fins,  canard... 

2 . 6  Engine  data  .  . 

r  Geo~jtric  def'r.i'^ion  of  all  cr>*^- 
ponents 

.  Is  shape  analytically  or  nuro- 
rically  specified? 

.  Design  or  d  cc-or  ‘  nates 

.  Tolerances 

.  Surface  roughn-.-ss 

2.3  M'd-il  supper*’  d--tails 

3.  Coneral _ tujTnel  in^crra»’i,on 

“.1  T’innel  :5esi  gnat  ion 

3.2  Organization  running  the  tunnel 

3.3  Tunnel  characteristics 
.  type  of  tunnel 

indicafo  operating  o-velopi’ 

r.iniruT.  run  tire 
3  .  4  Test  sect  ion 

3.4.1  Model  insta' '.ation 

3.4.2  Test  section  diir.ensions 

3.4.3  Wall  geometry  details 
type  of  walls 

.  open  area  ratio 

.  are  wall  prcssures/wall  dis- 
placer.ents  measured 

.  typical  wall  boundary  layer 
di  spl acement  thickness 


See  figure  1 

0.123  maxirr.ur;  *-hickness/chord 
-  C.026 

n  .  a  . 

n  .  a , 

n .  a . 


shape  numerically  specified 


dosig"  co-ordinates 
±0,02  inrr. 

Pol ished  to  0.2  - 


It  is  a  wall  to  wall  model  supported  by 
lateral  disks  allowing  angle  of  attack 
variations 


T2  wind  tunnel 
ONEP.A'CSPT 


Cryogrni  •' -adapta*  *  VC  walk's  induction  dri¬ 
ven 

Stagnation  pressure  variation  1.2  to  3.2 
bars 

Stagnation  temperature  variation  300°  K 
down  to  130°  K 

Mach  number  variation  .4  to  .9 
Blow-dow.n  runs  between  20  and  60  s 


Rectangular  test  section  (see  figure  2) 

Width;  390  irm 
Height:  370  mm 
Length:  1300  mm 


Solid  flexible  ♦•op  and  bottom  walls 
Solid  side  walls 

n .  a . 

91  pressure  taps  on  top  and  on  bottom 
walls . 

16  electric  actuators  for  each  wall 

Lateral  boundary  layer  displacement  thick¬ 
ness  5i  =  2.5  mm 


All-3 


3.5  Freestrea.’n  conditions 


3.5.1  How  are  reference  flow 
conditions  deter'^'ined  for 
total  pressure  static 
pressure,  static  tempera¬ 
ture 

3.5.2  Tunnel  calibration 

.  How  was  the  tunnel  calibrated? 


3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

.  Static  pressure/Mach  number  va¬ 
riations  over  model  length  and 
span 


Mach  number  variation  during  a 
run 


How  is  average  flow  angularity 
determined 


Total  pressure  and  total  temperature  are 
measured  in  the  settling  chamber.  The 
infinite  Mach  number  is  computed  from  the 
pressure  wall  measurements  (adaptation 
strategy) 


The  tunnel  has  been  calibrated  by  empty 
test  section  test 


No  static  pressure/Hach  number  gradient 
over  t.he  model  length 

The  divergent  shape  of  fle.xiblo  walls 
co.mpensate  the  displ  ace  r.ent  thickness 
effect  of  the  boundary  layers  on  the  four 
walls  (see  figure  3) 

The  infinite  Mach  number  is  computed  at 
each  iteration  fro.m  the  Mach  number  dis¬ 
tribution  measured  quasi-instantaneously 
at  the  flexible  walls. 

Th-_-  test  Mach  number  is  known  within 
m0.002  for  usual  aerodynari -•  configura¬ 
tions 

n .  a . 


3.6.2  Temperature  variation 

.  Can  the  temperature  be  control¬ 
led  during  a  run? 

.  Variation  within  the  tunnel 
.  Variation  over  a  run 

3.6.3  Flow  unsteadiness 

.  Overall  turbulence  level 

.  Overall  noise  level 


Instrumentation 

4.1 

Model 

position 

4.1.1 

How  is 

the 

geometrical 

incidence 

measured? 

4.1.2 

Accuracy 

incidence 

of 

geometrical 

4.2 

Model 

pressure  measurements 

4.2.1 

Total  number 

and  disposi- 

tion  of  pressure  holes 


No  temperature  control  for  tests  at  am 
bient  condition 
Control  for  T  <  250®  K 

For  T  <  250®  K  AT  <  1®  F 

Not  measured 


pu/pu  ~  1  lO''  in  the  test  section 

rj 

pu  :  RMS  value  of  the  fluctuation 
pu  :  mean  value 
(see  figure  4) 

p/<3  ~  3,6  10’’ 

p  :  RMS  fluctuating  pressure 
q  :  dynamic  pressure 
(see  figure  5) 


Inclinometer 


Aa  S'  0.02® 


56  pressures  taps  upper  side  37 
lower  side  19 

(see  figure  6) 
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4.2.2 

Range  and  accuracy  of 

pressure  transducers 

Range  15  and  25  psi 

Accuracy  0.5  mb 

4.2.3 

Are  dynamic  pressures  mea¬ 
sured? 

I’o 

4.3 

Force 

and  moment  measurements 

Wo 

4.4 

Boundary  layer  and  flow  field 
measurements 

4.4.1 

Measurement  technique  ap¬ 
plied 

An  external  pressure  probe  has  been  used 
for  the  boundary  layer  measurements. 

LOV  has  been  used  for  ♦’he  flow  field  mea¬ 
surements 

4.4.2 

Flow  regions  investigated 

Wake  survey  at  half  a  chord  behind  the 
profile 

Boundary  layer  behind  the  shock  at  2  sta¬ 
tions  (X/C  =  60%  and  95%)  (see  figure  7) 
Flow  field  around  the  shock  (LDV) 

(see  figure  8  and  figure  9) 

4.4.3 

Details  of  probe  and  probe 
support j 

(see  figure  10) 

4.5 

Surface  flow  visualization 

Oil  flow  visualization  were  used  to  adjust 
the  transition  trips  (no  data  available) 

4.6 

Flow 

field  visualization 

No 

4.7 

Tunnel  wall  measurements 

4.7.1 

Types  of  measurements 

The  shape  of  the  top  and  bottom  walls  as 
well  as  the  pressure  distributions  on 
these  walls  are  measured 

4.7.2 

Location  and  nu.mber  of 
pressure  holes 

(see  figure  11) 

4.3 

Other  measurements  and/or  instru¬ 
mentation  used 

No 

Te s_t  _ ri a  t rix  . 

and  conditions 

5.1 

Detail 

led  test  matrix 

5.1.1 

Number  of  selected  test 

cases 

15  test  cases 

5.1.2 

Num.ber  of  configuration 
tested 

1 

5.1.3 

Additional  remarks 

The  model  was  tested  at  fixed  Mach  number 
0.73.  The  proposed  cases  were  made  with 
fixed  transition.  The  Reynoldp  number 
variation  was  from  3  to  20  x  10’’  and  the 
angle  of  attack  variation  was  from  0®  to 
3®  (see  Table  I) 

to 

Model/ 

'tunnel  variations 

5.2.1 

Maximum  blockage 

n .  a . 

5.2.2 

Model  span-tunnel  cross 
section 

n.a. 

5.2.3 

Wing  area/tunnel  cross 

section 

n .  a . 

5.2.4 

Height/chord  ratio 

2.47 

5.2.5  Width/chord  ratio 

5.2.6  Have  adiabatic  wall  tempe¬ 
ratures  been  reached? 


5.3  Transition  details 

5.3.1  Was  the  test  made  with 
free  or  fixed  transition? 


5.3.3  De-ails  of  fixt'd  transi¬ 
tion 

.  Transition  location 

.  Type  and  sice  of  trip 

.  How  was  effectiveness  of  trip 
verified? 

For  which  flow  condi*’ions  was 
effectiveness  of  trip  verified? 


Da^a 

6.1  Av  ill  ability  of  data 

6.1.1  Organisation  owning  ttt 
data 

j.1.2  Who  is  responsible  for  the 
data 


6,1.3  Are  data  freely  available? 

6.2  Suitability  of  data  for  CFD  -'ali- 
dation 

6.2.1  Are  data  suitable  for  ”in- 
tur.nel "  calculations 


6.2.2  Are  data  corrected  to  si¬ 
mulate  "free  air"  condi¬ 
tions? 


6.3  Type  and  forrr.  in  which  data  are 
available 

6.3.1  Type  and  form 


2.6 

1  <  Tw'Taw  <  1,05 

Tw  wall  total  temperature 

Taw  adiabatic  wall  tot  ’’  temperat’.:- o 


The  test  has  been  made  with  fixed  transi 
tic,'; 


-  0.07  at  lower  and  upper  s^r‘’ar 

Carnorundur.  cf  0.045  nr.  height 

The  effectiveness  of  trip  was  verified  by 
oil  visual i cation 

The  effe***"lveness  of  •rip  was  verified  at 
Re  =  3  X  10- 

See  figure  12  the  evolution  of  lift  and 
drag  coefficiert  with  the  Reynolds  number 
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Yes 


No,  data  without  sid’.wall  correction  arc 
not  proposed  here 


Dat?  are  corrected  to  take  into  account 
the  sidewall  effects;  so  data  are  suitable 
for  "free-air"  calculations 


Airfoil 

pressure  coef f icien t 
wake  drag  ccwfflcier.t 
Boundary  layer 

static  pressure 
total  pressure 
Flow  field 

mean  and  fluctuating 
velocities  (u, v,u' , v' ,u' v* ) 


6.3.2  Data  carrier 


Floppy  disk 


All-5 


5.2.5  Width/chord  ratio 

5.2.6  Have  adiabatic  wall  tempe¬ 
ratures  been  reached? 


5.3  Transition  details 

5.3.1  Was  the  test  made  with 
free  or  fixed  transition? 


5.3.3  De'-ai'^s  of  fixed  transi- 
t-  ion 

.  Transition  location 

.  Type  and  size  of  trip 

,  How  was  effectiveness  of  t?':p 
verified? 

.  For  which  flow  conditions  was 
effectiveness  of  trip  verified? 


6  .  D  a_t  a 

6.1  Availability  of  data 

6.1.1  Organisation  owning  the 
data 

6.1.2  Who  is  responsible  for  the 
data 


6.1.3  Are  data  fre«ily  available? 

6.2  Sijitabillty  of  data  for  CFD  vali¬ 
dation 

6.2.1  Are  data  suitable  for  "in- 
tunnel"  calculations 


6.2.2  Are  data  corrected  to  si¬ 
mulate  "free  air"  condi¬ 
tions? 


6.3  Type  and  form  in  which  data  are 
available 

6.3.1  Type  and  form 


2.6 

1  <  Tw'Taw  <  1,05 

Tw  wall  total  temperature 

Taw  adiabatic  wall  total  terpera^ui-e 


The  test  has  been  made  with  fixed  transl 
t  ion 


X/C  0.07  at  lower  and  upper  sur*aro?; 

Carborundum  cf  0.045  r.m  height 

The  effectiveness  of  trip  was  verified  by 
oil  visual  ization 

The  effectiveness  of  trip  was  verified  a»- 
Re  =  3  X  lo' 

See  figure  12  the  evolution  of  lift  and 
drag  coeff icier.*'  with  the  Reynolds  number 
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Yes 


No,  data  without  sidewall  correction  are 
not  proposed  hei  p* 


Dat-  are  corrected  to  take  into  accounf- 
the  sidewall  effects;  so  data  are  suitable 
for  "free-air"  calculations 


A: rfoil 

pressure  coefficient 
wake  drag  coefficient 
Boundary  layer 

static  pressure 
total  pressure 
Flow  field 

mean  and  fluctuating 
velocities  (u ,  v, u '  ,  v '  , u '  v ' ) 


6.3.2  Data  carrier 


Floppy  disk 


J 


Ail-6 


6.3.3  Extent  of  geometry  data 

-  20  000  octets 

$ 

6.3.4  Extent  of  aerodynamic  test 

data 

-  200  000  octets 

6.4  Corrections  applied  to  data 

^.4.1  Li^'t  interference-  and  blo¬ 
ckage  corrections? 

TIo 

6.4.2  Side  wall  in*"':  rfercnce 

correction  ^2-D  tests*' 

Yes 

.  Treatment  of  side  wall  boundary 
layer 

Mo  treatment 

.  Correction  method  used 

The  side  wall  effects  are  taken  into  ac¬ 
count  with  the  MICHOHMEAU  method  (see  Ref. 
6.4) 

6.4.6  Oth€-:  corrections 

i:o 

7.  pa ta._  accuracy  and  repeat  ability  as- 

sessrr.c  '■.t 

7.1  Estimate  accuracy  of 

7.1.1  Free  stream  conditions 

.  Mach  numb*T 

±0.002 

.  Model  incidence 

±0.02° 

7.1.2  Measured  data 

{ 

.  Pressure  coefficients 

ACp  1% 

\ 

.  Flow  field  data 

Mean  velocity  0.2  to  0.4% 

'^.2  Repeat  measurements 

f 

7.2.1  Type  and  number  of  repeat 
measurements  within  one 
test  -ompain 

Generally  only  one  measurement  is  made 
Figure  13  shows  a  typical  example  cf  re¬ 
peat  measurements  for  the  pressure  distri¬ 
bution 

'} 

7.3  Redundant  r.easurem.ents 

Mon-. 

7.4  Other  tests  on  same  (r.orinal) 
geometry 

1 

‘  j 

7.4.1  Has  the  same  model  been 
measured  ir  another  wind 
nnul 

Mo 

- 

i  ! 

1  1 

7.4.2  Has  a  different  model  be»n 
measured  in  the  same  or 
another  win  !  t-  nnel? 

A  .-.odel  of  2!0  m.m  chord  has  been  tested  in 
ONERA/S3MA  wind  tunnel  (with  the  same 
width/chord  ratio) 

See  figure  14  the  co.mparison  of  the  ove¬ 
rall  forces 

i  1 
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TABLE  I  -  TEST  MATRIX  TABLE 


IDENTIFICATION 

FLOW  CONDITION 

POSITION 

i  OTHER  INFORMATION  [ 

1 - 

CASE 

CONF. 

MACH 

qkPa 

Rey 

a® 

j  Type  of 

j  Remarks  | 

N" 

X  10- 

,  measure- 

1  ments 

1  1 

1-5 

TD 

0.724 

o 

\ 

CO 

o 

3/6/11 

1>15 

I  a .  b 

;  1 

15/20 

1 

.1 _ 1 

6-9 

TD 

0,724 

40-80 

3 

'.5 

3 

‘  a  ,  b 

1 

t 

t _ t 

10-13 

TD 

0,724 

40 

3 

0/1,15 

]  a  ,  b ,  c 

'  3.L.  measurements  ) 

2/3 

1 

1  X/C  =  6C  S,  X/C=95  %  , 

14-15 

TD 

0 , 724 

40 

3 

1 , 15/2 

'  a  ,  d 

j  Flow  field  measure-  ' 

( 

1 

1  rae  n  t  s  ( x ,  y ,  -j  ,  v ,  u  '  ,  , 

- 

1  V  ,  u  '  V '  )  , 

Legend  : 

a  pressures 

c 

boundary  layer 

b  wake  drag  coefficient 

d 

f’.'M  field 

TD  Fixed  transition 

TABLE  T:  -  TABLE  irDI^ATirC  DATA  AVAl^LABILITY 


1  DATA 

ENGIN.  UNITS 

COEFFICIENTS 

;  NORMALIZED 

]  UNCOPRE'-TED  [  CORRECTED 

1 

1  FREESTREAM 

1  COr^DITIOHS 

X 

i 

I  :  ^ 

1  1 

SURFACE 

PRESSURES 

_  _ 

X 

I 

1 

’  '  y 

1  1  ^ 

HEATTRANSFER 

SKINFRICTIO:; 

:  i  i  :  ; 

(  1  1  .  1 

L  __  _ L..  _____  _  __  _ 1  ____  __  __  __  _L_  .  _  _  J  _  __  __  _  _  _J 

FORCES 

X 

» 

!  '  ^ 

' 

BOUNDARY 

LAYER  DATA 

;  ^ 

i  1  ^ 

1  ) 

_ i 

WAKE  DATA 

;  X 

1  '  X 

FIELD  DATA 

;  J' 

i _  X  _____ 

( 

TEST  SECTION 
WALL  POSI¬ 
TIONS 

ill. 

t  >  1  < 

i  '  '  ' 

All-8 


_ 1 

\ 

m 

'  \ 

\ 

^  390  mm  ^ 

Fig  1  :  0AT15A  MODEL 


Fig  3  :  MACH  NUMBER  VARIATION  IN  THE  TEST  SECTION 
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Fig  4  ;  MACH  NUMBER  VARIATION  OF  RMS 
VELCXaTY-FLUCTUATION  LEVEL  ON  A 
StDEVWALL  OF  TUNNEL  T2  AT  ONERA/CERT 


Fig  5  :  MACH  NUMBER  VARIATION  OF  RMS 
PRESSURE-FLUCTUATION  NOISE  LEVEL  ON 
A  SIOEVWALL  OF  TUNNEL  T2  AT  ONERA/CERT 


Fig  6  :  LOCATION  OF  PRESSURE  HOLES  . 
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Fig  7  :  BOUNDARY  LAYER  MEASUREMENTS 


FiglO:  BOUNDARY  LAYER  AND  WAKE  MEASUREMENT  DETAILS 
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Fig  1 1  :  PRESSURE  HOLES  ON  THE  TOP/  BOTTOM  WALL 


Oj 


Cd  *Cl 


C<=3* 


Cq 


- Cl 


=  3* 


CX-1  15* 


0.02  i  0  60 


Mo  =  0.724 


«  =  1.15* 


R«>  10® 

049 - ^ ^ - - ^ 

10  20 

Fig,  12  EVOLUTION  OF  LIFT  AND  DRAG  COEFFICIENTS 
(WITH  REYNOLDS  NUMBERS 
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Fig  13  :  TYPICAL  EXAMPLES  OF  REPEAT  MEASUREMENTS 
FOR  THE  PRESSURE  DISTRIBUTIONS 


Fig  14  :  COMPARISON  OF  OVERALL  FORCES  ON  THE  OAT15A 
T2  AND  S3MA  WIND-TUNNELS 
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A  SUPERCRITICAL  AIRFOIL  EXPERIMENT 

George  G.  Maleer 
H.  Lee  Seegiuiller 
Lawrence  A.  Hand 

NASA  Ames  Research  Center,  Moffett  Field.  California 
and 

Joachim  Szodnich 

MBB  Transporl-und  Verkehreflugzeuge,  Bremen.  West  Germany 


0.  INTRODLCTION 

The  purpose  of  this  investigation  is  to  provide  a  comprehen¬ 
sive  data  base  for  the  validation  of  numerical  simulations.  The 
initial  results  of  the  study  (single  angle  of  attack)  were  pre¬ 
sented  in  ref.  1 .  where  the  effects  of  various  parameters  and  the 
adequacies  of  selected  turbulence  models  were  discussed.  The 
objective  of  the  present  paper  is  to  provide  a  tabulation  of  the 
experimental  data.  The  data  were  obtained  in  the  two-dimen¬ 
sional,  transonic  flowheld  surrounding  a  supercritical  airfoil. 
A  variety  of  flows  were  studied  in  which  the  boundary  layer  at 
the  trailing  edge  of  the  model  was  either  attached  or  separated. 
Unsteady  flows  were  avoided  by  controlling  the  Mach  number 
and  angle  of  attack.  Surface  pressures  were  measured  on  both 
the  model  and  wind  mnnel  walls,  and  the  flowfield  surround¬ 
ing  the  model  was  documented  using  a  laser  Doppler  veloci- 
meter  (LDV).  Although  wall  interference  could  not  be 
completely  eliminated,  its  effect  was  minimized  by  employing 
the  following  techniques.  Sidewall  boundary  layers  were 
reduced  by  aspiration,  and  upper  and  lower  walls  were  con¬ 
toured  to  accommodate  the  flow  around  the  model  and  the 
boundary-layer  growth  on  the  tunnel  walls.  A  data  base  with 
minimal  interference  from  a  tunnel  with  solid  walls  provides 
an  ideal  basis  for  evaluating  the  development  of  codes  for  the 
transomc  speed  range  because  the  codes  can  include  the  wail 
boundary  conditions  more  precisely  than  interference  correc¬ 
tions  can  be  made  to  the  data  sets. 

1.  GENERAL  DESCRIPTION 

1.1  Model  name  or  designation 
Messerschmitt-Bolkow-Blohm  -  VA-2 

1.2  Model  type  and  Bow  conditions 

A  2-D.  supercntical  aufoil  that  combines  high  lift  and  low 
drag  v.'itl,  moderate  rear  loading,  was  tested  at  0.73  <  M,„  < 
0.80,  0,5‘’<  a  <  1.5'’  and  at  a  nominal  Reynolds  number  of 
6x10*.  These  conditions  were  sufficient  to  produce  both  sepa¬ 
rated  and  attached  flows  on  the  upper  surface  of  the  model. 

I J  Design  requirements,  purpose  of  test 
Extensive  flowfield  and  surface  pressure  measurements  in  a 
tunnel  with  minimal  wall  interference  provides  an  ideal  basis 
for  evaluating  codes  in  the  transonic  speed  range. 


1.4  Dominant  flow  physics 

Interactions  between  the  shoe  wave  and  nrrbulent  boundary 
layer  on  the  upper  surface  produce  a  variety  of  separated  and 
attached  flows  at  the  trailing  edge  (see  fig.  1). 


k/c 


(a)  wing  upper  aurfaca  prasauras. 


0.60  0.65  0.70  0.75  0.80 

u/o, 

(b)  waka  velocitiaa;  x/c=2.5. 

Figure  1.-  Sample  data;  acO.B”,  RasfixlO^. 

1.5  Additional  remarks 

This  data  base  ean  be  used  to  validate  the  ability  of  codes  to 
describe  the  development  of  separation  on  the  surface  of  the 
airfoil  as  well  as  its  influence  on  the  surrounding  flowfield. 


2.  OKTAILS  OF  MODI: L 

2.1  (ieneral  )>eumvlric  arran|!«menl 

Constant  chord  model  that  spanned  the  width  of  the  tunnel  (see 

lig  2). 


TOP  VIEW 


O.Q  0  2  0  4  0  6  0  8  1  0 


«/c 

Figura  2.-  Modal  geometry. 

2.2  Configurations 
A  single  model  configuration  was  tested 

2J  Wing  and/or  airfoil  data 


Twist  distnhutiiin  =  no  twist 

2.3.2  Basic  wing  section  or  airfoil 

The  airfoil  section  is  shown  in  fig.  2  and  the  coordinates  are 

uicluded  with  the  data.  The  basic  dimensions  are: 

chord=200mm 

max.  thickness=13%  chord 

trailing  edge  thickness=O.S22%  chord. 

2.3.3  Other  components  on  wing 

'niere  were  no  other  components  on  the  wing. 

2.4  Body  data 

This  was  a  wing-alone  experiment. 

2.5  Information  on  fins,  canard  wings  and/or  verlical/hori- 
zonlal  tail  surfaces 

There  were  no  fins  canards,  etc.  on  the  wing 

2.6  Engine/pylon/nacelle  data 

No  engines,  pylons,  or  nacelles  were  on  the  wing. 

2.7  Geometric  definition  of  all  components 

The  shape  of  this  model  was  numerically  specified  and  the 
differences  between  the  design  and  measured  co-ordinates  are 
shown  in  fig.  3. 


Figuro  3.-  Model  tolerances. 

2.8  Model  support  details 

The  model  was  supported  by  the  tunnel  sidewalls  with  pins  as 
shown  in  fig.  4. 

3.  GENERAL  TUNNEL  INFORMATION 


2J.1  Planform 
Aspect  ratio  =  2.032 
Taper  ratio  =  0 
Leading  edge  sweep  =  0 
Trailing  edge  sweep  =  0 


3.1  'ninnel  designation 

High  Reynolds  Number  Channel  11 


A 1 2-3 


3.2  OrKaniziiliun  running  Ihe  tunnel 

Thcrmo-Physics  Facilities  Branch 
NASA-Ames  Research  Center 

3.3  'ninnel  characteristics 

This  blowdown  facility  is  described  in  detail  in  ref.  2.  It  was 
designed  to  operate  subsonically  using  unheated,  dry  air  at 
ambient  temperature.  The  high  Reynolds  number  capabibty  is 
achieved  by  testing  at  elevated  total  pressures  which  provide  a 
unit  Reynolds  number  range  of  3x10^  to  2x10*  per  meter,  for 
freestream  Mach  numbers  from  0.6  to  0.8.  Run  times  vary 
between  I  and  30  minutes  depending  on  the  total  pressure, 
however,  typical  runtimes  for  this  test  were  I  .S  to  2  minutes. 

3.4  Test  section 
3.4.1  Drawing 

The  investigation  was  conducted  in  the  NASA-Ames  High 
Reynolds  Number  Channel  T  (fig.  4) . 

TOP  VIEW 

..  '-or  I - - i 


-5  0  5 

»/e 

SIDE  VIEW 

80UNDARY-IAYER  VENT  TO 


JACK  stations  throat 


Figure  4.-  Test  section. 

The  test  section  is  located  inside  a  pressure  shell  which  is 
maintained  at  essentially  free-slream  static  pressure  by  side¬ 


wall  vent  panels  located  just  upsucam  Irom  Ihe  throat.  This 
technique  allevMies  many  of  Ihe  sUuclural  problems  associ¬ 
ated  with  high  pressure  testing  by  reducing  the  pressure  differ¬ 
ence  across  the  lest  section  walls. 

3.4.2  Test  section  dimensions 
Width  =  40.54  cm 

Height  =  60.96  cm 
Length  =  279,40  cm 

3.4.3  Wall  geometry  details 

TTie  influence  of  the  wind  tunnel  walls  on  the  flow  is  attenu¬ 
ated  by.  1)  sucuon  to  reduce  the  sidewall  boundary  layers  and 
2)  contouring  Ihe  upper  and  lower  walls  to  allow  for  flow 
expansion.  The  sidewall  suction  panels  are  shown  in  fig.  4. 
The  upstream  panel  removed  4.S%  of  the  total  mass  flow  in 
the  tunnel  and  Ihe  downstream  panel  removed  an  additional 
1%.  Contouring  accounts  for  wall  boundary-layers,  sucuon, 
and  Ihe  model.  The  magnitude  of  each  of  these  corrections  is 
shown  in  table  I  below.  Boundary-layer  growth  corrections 
were  determined  by  running  Ihe  tunnel  empty  and  diveiging 
the  top  and  bottom  walls  (in  their  straight  configuration),  until 
the  Mach  number  was  constant  along  the  tunnel  axis.  Tunnel 
sidewall  boundaiy  layers  were  not  measured  in  this  test  but 
they  are  documented  in  ref.  2.  The  arca-iubng  technique 
described  in  ref.  2  was  used  to  correct  for  sidewall  mass 
removal.  Airfoil  code  validation  computations  that  specify 
upper  and  lower  solid  wall  shape  boundaries  with  no  slip 
velocity  conditions  should  subtract  the  boundary  layer  and 
suction  corrections  from  the  final  settings  listed  in  table  I. 
Finally,  the  flow  expansion  around  Ihe  model  was  accounted 
for  by  adding  the  displacement  of  the  computed  (ref.  l.S). 
free-air  streamlines  (upper  and  lower).  A  single  free-air  case 
was  used,  corresponding  to  a  freestream  Mach  number  of  0.78 
and  an  angle-of-attack  of  1  degree.  These  streamlines  were 
selected  by  specifying  that  they  must  contaui  the  flex-points  of 
the  upper  and  lower  walls.  The  flex-point  is  defined  as  the  first 
position  on  the  wall  that  is  no  longer  rigid.  It  was  determmed 
experimentally  from  the  wall  pressures  during  the  boundary 
layer  growth  correction  study  and  was  the  same  for  both  walls. 


Table  i:  Wall  Coordinates 


Jack 

Station 

x/c 

Straight  wall 
setting 
(lie) 

Boundaiy  layer 
correction 
(Az/c) 

Suction 

correction 

(Az/c) 

Streamiuie 

curvature 

(Az/c) 

Final  setting 
(sum  cols.  3-6) 
(z/c) 

Upper  Wall 

1 

-0.770 

1.524 

0.0081 

-0.0229 

0,0271 

1.5363 

2 

-0.008 

1.524 

0.0114 

-0.0229 

0.0530 

1.5655 

3 

0.500 

1.524 

0.0137 

-0,0229 

0.0630 

1.5778 

4 

1.008 

1J24 

0.0160 

-0.0229 

0.0540 

1.5711 

5 

1.770 

li24 

0.0193 

-0.0229 

0.0320 

1.5524 

r 


*■ 


I 
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Jack 

Station 

x/c 

Straight  wall 
setting 
(r/c) 

Boundary  layer 
correction 

(Az/c) 

Suction 

correction 

(Az/c) 

- 1 

Stream  line 

curvature 

Final  setting 
(sum  cols.  3-5) 
(r/c) 

() 

4.104 

1.524 

0.0295 

-0.0229 

-0.0060 

1.5246 

1 

5.739 

1.524 

0.0340 

-0.0229 

-0.0170 

1.5181 

Lower  Wall 

1 

-0.770 

-1.524 

-0.0081 

0.0229 

0.0100 

-1.4992 

2 

-0.008 

-1.524 

-0.0114 

0.0229 

0.0090 

-1.5035 

3 

0.500 

-1.524 

-0.0137 

0.0229 

0.0080 

-1.5068 

4 

1.008 

-1.524 

-0.0160 

0.0229 

0.0070 

-1.5101 

5 

1.770 

-1.524 

-0.0193 

0.0229 

0.0010 

-1.5194 

6 

4.104 

-1.524 

-0.0295 

0.0229 

-0.0240 

-1.5546 

7 

5.739 

-1.524 

-0.0340 

0.0229 

-0.0340 

-1.5691 

Note:  dz/d*=0  for  */c  S -3.316 


}J  Frecstrcam  conditions 

3.5.1  Determination  of  reference  flow  conditions 
Frec-stream  Mach  number  was  determined  from  a  sidewall 
pressure  tap  located  on  centerline  at  it/c=-2.389  and  a  total 
pressure  probe  located  at  z/c=-0.889  below  the  static  pressure 
tap.  The  diameter  of  the  total  pressure  probe  was  1 .36  mm  and 
It  extended  3  cm  into  the  Row.  The  cross  sectional  area  of  the 
probe  and  support  was  0.2%  of  the  test  section  area.  The  Mach 
numbers  calculated  from  these  measurements  were  corrected 
in  two  ways  to  arrive  at  the  frcestream  value.  First,  the  tunnel 
centerline  Mach  number  was  determined  by  correctmg  the 
sidewall  value  by  -0.003  to  account  for  spanwise  nonuniformi- 
ties  in  the  flow  (ref.  2).  Second,  the  centerline  value  was  cor¬ 
rected  for  the  presence  of  the  model  by  using  the  previous 
calculations  of  ref.  1,3.  This  coirection  was  a  linear  function  of 
the  measured  Mach  number  over  the  range  of  0.73  to  0.80  and 
IS  given  by  the  equation: 

correetion=-0.028307+0,044776*M 

where  M  is  the  Mach  number  determined  from  the  pressure 
measurements  at  a/c=-2.389. 

For  this  blowdown  facility  the  total  temperature  is  a  function 
of  the  run  tune.  This  variation  was  measured  for  each  run  with 
eight  thermocouples  located  in  the  stagnaUon  chamber.  These 
data  were  then  used  to  correct  all  temperature-dependent  quan¬ 
tities  (velocities,  Reynolds  numbers,  etc.)  to  a  constant  total 
temperature  of  254  “K. 

3.5.2  Tunnel  calibration 

The  tunnel  was  last  calibrated  ui  1982  using  a  pressure  rake 


and  the  results  are  presented  in  ret.  2. 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Fhw  uniformity 

The  spanwise  variation  of  Mach  number  was  symmetrical 
about  the  tunnel  centerline  with  the  minimum  value  occurring 
on  the  centerline.  The  variation  between  the  wall  and  center- 
line  was  -0.003.  The  longitudinal  variation  over  the  chord  of 
the  model  was  0.001.  Temporal  variations  of  Mach  number 
during  a  run  were  -0.002. 

3.6.2  Temperature  variation 

Total  temperature  cannot  be  conuoUed  in  this  facility  and  it 
decreases  with  time  during  a  typical  run  by  about  11  °K. 
Between  the  stagnation  chamber  and  the  test  section  the  total 
temperature  is  constant. 

3.6.3  Flow  unsteadiness 
Velocity:  <u'>/u,^  =  0.005 
Pressure:  <p'>/qoo  =  002 

4  INSTRUMENTATION 

4.1  Model  position 

4.1.1  Measurement  of  geometrical  iru:idetu:e 

The  geometrical  incidence  was  measured  with  a  Swiss  Preci¬ 
sion  Instrument  Co.  Micro  Level. 

4.1.2  Accuracy  of  geometrical  incidence 


I 


±l).()3dci;. 

4.2  Model  pressure  measurements 

4.2.1  Tnlal  number  and  disposition  of  pressure  holes 

The  locations  of  the  pressure  nnfices  are  shown  on  fig.  2.  60 
pressures  were  measured  at  50%  span,  31  on  the  upper  surface 
and  29  on  the  lower.  Fewer  measurements  were  made  at  25% 
and  75%  span  on  the  upper  surface  only;  II  @  25%  and  9  @ 
75%. 

4.2.2  Range  and  accuracy  of  pressure  transducers 

The  static  and  total  pressures  used  to  determine  the  freestream 
Mach  numbers  were  measured  with  Datametnes  Inc.,  model 
570D  transducers  and  model  1015  signal  conditioners.  These 
systems  were  calibrated  at  intervals  duruig  the  test  with  a  Con¬ 
solidated  Electrodynamics  Corp..  type  6-201-001  primary 
pressure  standard.  Cabbrations  were  done  over  3  separate 
ranges  (0-69,  0-310,  and  0-690  kPa)  for  improved  system 
accuracy.  Based  on  these  procedures  and  the  specifications  of 
the  manufacturer,  the  overall  system  accuracy  was  estimated 
to  be  ±0.06%  of  reading.  This  translates  to  an  uncertainty  in 
Mach  number  of  ±0.001.  The  remaining  wall  and  wing  pres¬ 
sures  were  measured  with  Pressure  Systems  Inc.,  ESP-32 
modules  having  ranges  of  ±310  kPa.  These  units  were 
mounted  on  constant  temperamre  healers  to  minimize  temper- 
amre  sensitivity  of  the  calibrations.  All  modules  were  cali¬ 
brated  before  each  run  over  reduced  ranges  to  minimize  the 
uncertainty  in  the  measurement.  As  a  result  of  these  measures 
the  static  error  band  was  reduced  to  approaimatcly  ±0.08%  of 
full  scale  reading  and  the  corresponding  uncertainty  in  pres¬ 
sure  coefficient  was  ±0.(X)6. 

4.2  J  Dynamic  pressures 

Dynamic  pressures  were  not  measured  in  this  expenmenL 

4.3  Force  and  moment  measurements 

Force  and  moment  balances  were  not  used  in  this  eapenment. 

4.4  Boundary  layer  and  Bow  field  measurements 

4.4.1  Measurement  technique 

The  flowfield  velocity  data  were  obtained  with  a  laser  Doppler 
velocimeler  developed  exclusively  for  this  facility  (ref.  4). 
This  two-component  system  employs  a  4  watt  argon  laser  uti¬ 
lizing  the  blue  488  nm  and  green  514.5  nnt  fines  in  forward 
scatter.  One  of  each  pair  of  beams  is  frequency-shifted  40  mhz 
to  prevent  directional  ambiguity  in  the  measurement  plane. 
The  two.  fringe  systems  are  orientated  approximately  ±45°  to 
the  x-direction.  The  beams  are  transmitted  through  a  window 
in  the  pressure  shell  to  an  optical  assembly  that  straddles  the 
test  section.  This  unit  consists  of  a  three-dimensional,  com¬ 
puter-controlled  scanning  mechanism  with  miirors,  focusing 
lens,  and  receiving  optics.  Doppler  signal  is  transmitted  from 
the  receiving  optics  through  a  10  m  optical  fiber  to  photomulti¬ 


plier  tubes  out.side  the  tunnel.  Recau.se  of  large  excursions  in 
the  traversing  mechanism,  provision  was  made  to  easily 
change  the  beam  path  lengths  to  place  the  beam  waist  at  the 
fringe  volume,  thereby  minimizing  variations  in  fringe  spac¬ 
ing.  Since  both  the  inner  and  outer  optical  assemblies  were 
mounted  directly  to  the  pressure  vessel,  special  consideration 
was  given  to  reducing  the  transmission  of  vibration,  and  ther¬ 
mal  or  pressure  strain  to  the  optical  components.  In  order  to 
provide  light-scattering  particles  of  known  aerodynamic 
re.cponse,  the  flow  was  seeded  with  polystyrene  spheres  0.35  to 
0.55  miaons  in  diameter.  A  special  atomizer  was  developed  to 
insure  a  uniform  distribution  of  seed  in  the  core  flow  and  to 
prevent  deposition  on  the  windows  and  side-wall  suction  pan¬ 
els.  For  this  investigation  1792,  simultaneous  measurements  of 
the  blue  and  green  velocities  were  made  at  each  point  in  the 
flow.  The  nominal  data  rate  was  500  samples  per  second 
although  it  varied  somewhat  from  run  to  run  and  with  location 
in  the  flowfield. 

4.4.2  Flaw  regions  investigated 

The  flow  in  the  wake  was  documented  at  two  stations,  x/ 
c=1.04  &  2.5  (see  fig.  7).  Also,  the  flow  above  the  wing 
mcluding  the  shockwave  was  measured  at  various  z/c  loca¬ 
tions  for  0.1204  <  z/c  S  0.6325.  A  sample  of  these  data  arc 
shown  ui  the  following  figure. 


Figures.-  Flowfield  above  wing,  a=l®,  M„=0.780, 
Re«2x10®. 

4.5  Surface  6ow  visuaJizatioo 

4.5.1  Measuremeni  technique  applied 

.A  mixture  of  vacuum  pump  oU  and  titanium  dioxide  was  used 
to  de6ne  the  surface  flow  for  a  few  selected  cases  to  verify  the 
two-dimensionality  of  the  flow. 

4.5.2  VisuaiizaSion  surface 

The  area  of  interest  was  from  the  midchord  to  the  traibng  edge 
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111  the  model,  a,s  shown  on  the  following  hgure. 
0.4 


07 


0.4  0  6 

it* 
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Figurs  6.-  Model  oilflow;  upper  surface,  022“, 
M_e0.782. 

4.5.3  Data  formal 

The  data  are  available  as  photographs  or  digitized  computer 
images. 

4.6  Flow  field  visualization 

No  flow  field  visualization  techniques  were  applied. 

4.7  Tunnel  wall  measurements 

4.7.1  Type  of  measurement 

Wall  pressure  measurements  were  made  on  all  four  walls  of 
the  test  secuon. 


4.7,2  Locaiton  atui  number  of  pressure  holes 
IVessure  tap  locations  are  shown  on  the  following  figure. 


TOP  VIEW 


t.o 

I 

\  0.5  - 

0.0  L  1 


•  pressure  holes 


SIDE  VIEW 
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Figuro  7.-  Test  section  pressure  hole  location. 

5  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 

5.1.1  Number  of  selected  lest  cases 

6 

5.1.2  Number  of  configurations  tested 
1 

5.1.3  Test  matrix  table 

Table  n  below  lists  the  lest  mamx  for  this  investigation 


Table  II:  Test  Matrix 


# 

M„ 

kPa 

Re.xlO'^ 

O.  deg 

Survey 

location 

jJc 

type  of 
measurement 

remarks 

1 

0.73 

57 

6 

0.5, 0.9.  1.5 

2.5 

pressure,  LDV 

2 

0.75 

57 

6 

0.5. 0.9. 1.5 

2.5 

pressure,  LDV 

3 

0.78 

57 

6 

0,5.09, 1.5 

2.5 

pressure,  LDV 

4 

0.8 

57 

6 

0.5, 0.9.  1.5 

2.5 

pressure.  LDV 

5 

0.73 

57 

6 

1.0 

1.04 

LDV 

0.78 

0.8 

x/c= 

z/c= 

6 

0.73 

19 

2 

1.0 

0-0.65 

LDV  (u,v) 

0.12,0.25, 0.5 

0.75 

0.4-0,95 

0.12,0.25, 0.63 

0.78 

0.3-0.95 

0.12,0.38. 0.63 

0.81 

0.45-0.95 

0.25,0.5 
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S.2  Model/lunnel  relaliuns 

5.2.1  Maximum  hlorkane 

The  blockage  in-  this  tunnel  is  very  low  since  the  upper  and 
lower  walls  have  been  contoured  to  account  lor  the  presence  of 
the  model,  boundary  layer  growth  on  all  four  walls,  and  side- 
wall  suction.  An  assessment  of  this  technique  was  given  in  ref. 
3  where  it  was  found  that  the  use  of  wall  contouring  reduced 
wall  interference  effects  on  normal  force  to  less  than  3%. 

5.2.2  Model  span/tunnel  width 
1 

5.2.3  Wing  area/lunnet  cross  section 
0.0427 

5.2.4  Heighi/chord  ratio 

3.048 

5.2.5  WidthJehord  ratio 
2,032 

5.2.6  Adiabatic  wall? 

Yes 

5J  TransitloD  details 

5  J.l  Free  or  fixed  transition? 

Fixed 


5.3.2  Details  of free  transition 

Although  the  investigation  was  ultimately  conducted  with 
transition  fixed  an  assessment  of  free  transition  was  made  dur¬ 
ing  the  initial  stages  of  the  study.  Fig.  8  illustrates  Reynolds 
number  effects  on  wing  pressures  for  Mach  numbers  of  0.73 
and  0.78.  These  two  untnpped  cases  were  chosen  because  of 
their  differences  in  trailing  edge  flows.  At  M_=0,73  the  flow  is 
attached,  and  for  M_=0.78  it  is  separated.  The  departure  of  the 
trailing  edge  pressure  coefficient  from  a  value  of  0.1  was  used 
to  define  the  onset  of  separation  on  the  upper  surface.  For  the 
lower  Mach  number  (attached  flow)  the  effects  of  Reynolds 
number  are  confined  to  the  area  of  the  shockwave,  whereas, 
for  the  separated  case.  Reynolds  number  affects  the  flow  from 
the  shock  to  the  trailing  edge.  The  degree  of  separation  is  cou¬ 
pled  to  the  position  of  the  shockwave  and  both  effects  are  a 
function  of  the  Reynolds  number.  These  changes  in  the  flow- 
field  are  due  to  a  combination  of  boundary  layer  transition 


movement  and  unit  Reynolds  number  vanalions. 


n/c 

(b)  M.BO.TSO.asl". 


Figur*  8.>  Efftct  of  Reynolds  number  on  wing  sur¬ 
face  pressures. 

5.3.3  Details  of  fixed  transition 

Boundary  layer  trips  (230K)  were  applied  at  7%  chord  to  both 
the  upper  and  lower  surfaces  of  the  wing.  Oilflow  data  were 
used  to  determine  the  size  of  grit  necessary  to  cause  transition 
at  the  trip  location.  This  was  accomplished  in  prehmmary  tests 
by  placing  patches  of  various  grit  sizes  at  different  span  loca¬ 
tions  and  finding  the  minimum  grit  size  that  caused  transition 
to  occur  at  the  patch.  Fixing  transition  eliminates  the  possibil¬ 
ity  that  flow-mduced  roughness  would  cause  transition  move¬ 
ment  on  an  otherwise  smooth  model.  The  consequences  of 
fi-xing  transition  are  shown  on  fig.  9.  The  effect  of  trips  on  the 
low  Reynolds  number  flow  of  fig.  9a  is  significant.  The 
amount  of  separation  is  reduced  and  the  pressure  distribuuon 
is  very  similar  to  the  higher  Reynolds  number  flow  of  fig,  9b. 
The  influence  of  trips  is  minimal  at  the  higher  Reynolds  num¬ 
ber.  indicating  that  natural  transition  occurs  very  close  to  the 
trip  location  (x/c=0.07).  Therefore,  further  changes  in  the 
flowfield  above  6  million  Reynolds  number  are  due  to  varia¬ 
tions  in  unit  Reynolds  number.  Whereas,  below  6  million  the 
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6  data 

6.1  AvaiUbilily  of  data 


thanpcs  arc  due  \o  ihc  movcmcnl  of  transHion. 


x/c 


(a)  Re=3x10®,  M.=0.784,  asl.OS”. 


*/c 


(b)  Res6x10®,  M_*0.778,a=1.0®. 

Figure  9.-  Effect  of  boundary  layer  trips  on  wing  sur¬ 
face  pressures. 


A.l.l  Organizalion  owning  the  dala 

National  Aeronautics  and  Space  Administration 

USA 

6.1.2  Responsibility  for  data 
George  G.  Maleer  -  Research  Engineer 
Mail  Stop  229-1 

NASA-Ames  Research  Center 
Moffett  Field.  California 
USA  94035-1000 
phone:  (415)604-6255 
fax;  (415)6044(X)3 

6.1.3  Availability  of  data 
The  data  are  freely  available. 

6.2  Suitability  of  data  for  CFD  validation 

6.2.1  Suitability  for  "in-tunnel’  calculation 

Tunnel  wall  geometry  and  pressure  distributions  are  defined. 

6.2.2  Corrections  to  simulate  "free-air"  condttions 

The  data  were  not  corrected,  however,  the  wind  tunnel  walls 
were  contoured  to  simulate  "free-au'''  conditions. 

6.3  Type  and  form  in  which  data  are  available 

6.3.1  Type  and  form 

The  type  and  form  of  the  data  are  shown  on  Table  111. 

6.3.2  Data  carrier 


A 1 2-9 


The'  d^ila  IS  available  in  ASCII  Immat  iin  .V5  "  llnppy  disk 
(DOS  nr  Unis)  al  72(1  Kbyics  nr  1  44  Mbytes  density 
Electronic  mail  (E-inail)  iranslers  are  also  supported. 

I’nntcd  form  is  also  available 

6.3  J  Extent  of  geometry  data 
9  Kbyics 

6.3.4  Extent  of  aerodynamic  test  data 
104  Kbytes 

6.4  Corrections  applied  to  data 

No  corrections  were  applied  directly  to  the  data,  however,  the 
wind  tunnel  walls  were  contoured  to  accommodate  the  various 
''interferences''  as  discussed  below 

6.4.1  Lift  iruerference  and  blockage  corrections 

For  all  of  the  data  the  walls  were  liscd  at  a  single  shape  corre¬ 
sponding  to  M_=  0.78.  and  a=  1  As  was  shown  in  ref.  1 .  this 
shape  was  sufficient  to  preserve  the  major  features  of  the  flow 
field  (e.g.,  shock-wave  position  and  separation)  with  only  a 
slight  alteration  in  the  pressure  dislnbutions  at  the  "off-con¬ 
tour"  conditions. 

6.4.2  Side  wall  interference  corrections 

Boundary  layer  displacement  effects  on  all  four  walls  as  well 
as  sidewall  suction  effects  were  accounted  for  by  adjusting  the 
upper  and  lower  walls  to  provide  a  constant  M_  at  the  model 
location  when  the  tunnel  was  empty. 

6.4  J  Half  model  corrections 
Not  applicable. 

6.4.4  Sting  and  support  corrections 

The  model  was  supported  by  the  tunnel  sidewalls 


6.4.5  Aern-ekistic  deformation 

Model  deformation  under  load  was  insignificant 

6.4.6  Other  corrections 


Ttie  How  field  was  measured  by  the  noninlrusive  LDV  system 
Ml  no  corrections  were  needed. 

7.  DATA  ACCURACY  A.ND  REI’EATAIIILITY  ASSESS¬ 
MENT 

7.1  Estimate  accuracy  of: 

7.1.1  Free  stream  conditions 
Mach  number=M..  ±0.001 

7.1.2  Measured  data 
pressure=Cp  ±0.006 

It  IS  convenient  to  separate  the  factors  which  affect  the  accu¬ 
racy  of  the  LDV  measurements  into  three  groups.  The  first 
group  consists  of  those  fixed  geometric  uncertainties  which  arc 
invariant  during  a  test  run  or  series  of  runs.  The  second  group 
contains  the  random  variations  generally  introduced  by  sample 
size  statistics.  The  more  difficult  to  quantify  effects  of  tunnel 
flow  unsteadiness,  particle  tracking  fidelity,  velocity  bias,  and 
noise  arc  placed  m  the  third  group.  The  fixed,  geometric  uncer¬ 
tainties  were  evaluated  from  extensive  experience  with  many 
tests  in  which  the  laser  beam  geometry  was  measured  in  a  van- 
ety  of  ways.  These  uncertainties  can  be  as  large  as  ±2%  for  u. 
<u'v'>.  and  <u'^+v’^.  When  v«u  the  geometric  uncertainty 
in  V  is  expressed  as  0.027u.  Uncertainties  due  to  sample  size 
statistics  for  these  measurements  vary  between  ±0.2%  and 
±0.6%  for  the  mean  velocities  and  ±3%  for  the  turbulent  quan¬ 
tities.  Tunnel  flow  variations  (spatial  and  temporal)  are  more 
difficult  to  quantify.  All  data  are  normalized  using  measured 
total  temperatures  to  correct  for  temperature  change  during 
each  nin  and  for  run-to-run  variations.  Small,  unexplained  spa¬ 
tial/temporal  variations  in  the  mean  axial  velocity  were  noted 
for  some  conditions  in  the  flow  downstream  of  the  airfoil. 
While  small  (1-2%)  they  present  difficulties  in  evaluating  the 
drag.  Estimates  of  the  response  of  the  sub-micron  polystyrene 
seed  spheres  indicate  that  a  99%  velocity  adjustment  occurs 
within  0.9  mm  of  passage  through  a  normal  shock.  The  mea¬ 
surements  taken  in  axial  sweeps  through  the  airfoil  shock  sup¬ 
port  this  estimate  of  excellent  tracking  fidelity.  Velocity  bias 
corrections  were  deemed  to  be  mappropnatc  for  these  data  and 
were  not  made.  The  influence  of  noise  is  difficult  to  evaluate. 
Care  was  taken  to  mamtain  clean,  well  aligned  optics.  The  spe¬ 
cial  seeding  mjector  prevented  seed  deposition  on  the  test-sec- 


Tablf  rV:  LDV  Lnecriainties 


quantity 

group  2 

group  3 

worst  case 

root-sum-square 

u 

±1-2% 

±0.2-0.6% 

±1-2% 

±4.6% 

±1. 4-2.9% 

V 

±0.027u 

±0.2-0.6% 

±1-2% 

±0.027u±0.026v 

±0.027u±0.012-0.026v 

<u‘v'> 

±2% 

±3% 

±24% 

±9% 

±4.1.5.4% 

<u'^-i'V'^ 

±2% 

±3% 

±24% 

±9% 

±4.1-5.4% 

AIMO 


lion  windows  and  laser  Hare  was  largely  avoided  in  (he  study 
since  near  suilacc  ineasurernenLs  were  not  attempted  in  the 
thin  airldil  boundary-layer.  The  small  fraction  («l%)of  the 
data  which  exceeded  three  standard  deviations  was  discarded 
in  forming  the  vefocity  histograms.  The  uncertainties  (95% 
confidence  limits)  assigned  to  the  measured  quantities  for  the 
three  groups  are  shown  in  table  IV.  Also  shown  are  the  rool- 
sum-square  and  worst  case  combinations. 

7.2  Repeat  measurements 

7.2.1  Type  and  number  of  repeal  measurerrwnis  within  one  test 
campaign 

A  typical  LDV  wake  survey  required  5-6  separate  tunnel  runs 
to  complete.  Each  segment  had  data  that  overla^^d  neighbor¬ 
ing  segments.  The  repeat^ility  of  the  data  in  these  overlap¬ 
ping  regions  is  shown  on  fig.  1 .  The  following  figure  shows  the 
repeatability  of  the  wing  pressure  data  on  the  upper  surface. 


Figure  10.*  Repeatability  of  wing  pressure  data  for  5 
consecutive  runs;  upper  surface,  a=0.9°, 
M..S0.803,  RazexlO^. 


7.2.2  Type  and  number  of  repeat  measurements  in  successive 
campaigns 

Although  this  Investigation  was  conducted  within  a  single  tun¬ 
nel  entry,  fig.  11  indicates  the  repeatability  of  data  taken 


almo.st  6  months  apart 


Figura  11 .-  Long-tarm  data  repeatability;  wing  upper 
surface,  u^l.O",  M_s0.730,  ResSxlO^ 

7.3  Redundant  measurements 

7.3.1  Quantities  measured  independently  by  different  tech¬ 
niques 

At  certain  locations  where  the  flow  had  undergone  an  isen- 
tropic  expansion  from  the  total  conditions  Mach  numbers  were 
computed  from  both  pressure  and  LDV  data.  The  agreement 
was  ±0.002. 

7.3.2  Internal  consistency  of  data 

Shockwave  locations  were  verified  by  comparing  wing  upper 
surface  pressure  data  with  LDV  flowfield  data  taken  above  the 
wing.  Wake  growth  in  the  z  direction  correlated  with  increas¬ 
ing  shock  strength  and  separation  on  the  upper  surface  of  the 
wing  The  onset  of  separation  as  observed  by  the  trailing  edge 
pressures  also  coincided  with  a  vertical  motion  of  the  mini¬ 
mum  in  the  wake  velocity  profile. 

7.4  Other  tests  on  same  geometry 

7.4.1  Same  model  in  other  tunnels 

This  particular  model  has  only  been  tested  in  the  NAS  A-Ames 
High  Reynolds  Number  Channel  II. 

7.4.2  Same  geometry  and/or  different  scale  in  other  tunnels 
The  VA-2  airfoil  has  also  been  tested  in  the  DFVLR  Transonic 
Tunnel  in  Gottingen  (refs.  6,7)  and  in  Braunschweig  (ref.  8), 
The  data  of  ref.  6  are  uncoirected  and  are  from  an  aspect 
ratio=5  model. 

7.5  Additional  remarks 

The  profile  drag  of  the  airfoil  we^  deteimined  from  wake 
velocity  and  static  pressure  profiles  using  the  momentum  inte¬ 
gral  method  of  Jones  (ref.  9)  extended  to  high-speed  flow  (ref. 
10  -  12).  The  technique  was  modified  to  calculate  the  drag 


I 


AI2II 


usin^:  Ihc  non-inlnjsivc  LUV  and  \idewall  pressure  measure- 
inenLs  rnlhcr  than  the  traJitiunal  pilot  and  sialic  pressure 
traverse  data.  The  results  are  shown  in  the  following  table 
where  oCp  is  the  standard  deviation  of  the  drag  coeflieieni. 


Table  V:  Draj;  Data. 


M.., 

Cn 

oCfi 

(1=0.5 

0.728 

0.01009 

0.00027 

0.759 

0.01010 

0.00059 

0.784 

0,01537 

0.00054 

0,802 

0,03321 

0.00074 

(1=0.9 

0.729 

0.01078 

0.00026 

0.750 

0.01198 

0.00037 

0.781 

0.02684 

0.00142 

0.803 

0.04585 

0.00085 

a=l.5 

0,730 

0.01556 

0.00054 

0.749 

0.02075 

0.00073 

0.781 

0.04031 

0.00095 

0.803 

0.05337 

0.00131 
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9.  LIST  OF  SYMBOLS 
a  speed  of  sound 

c  au’foU  chord 

Cp  pressure  coefficient 

Cp  drag  coefficient 

M  Mach  number 

p  pressure 

q  dynamic  pressure 

Re  free-slream  Reynolds  number  based  on  airfoil 

chord 

s  airfoil  span 


\ 


A1M2 


u  axial  velocity 

V  vertical  velocity 

X  axial  Coordinate  from  the  wing  leading  edge 

y  spanwise  coordinate  from  the  tunnel  wall 

7.  vertical  coordinate  from  the  tunnel  centerline 

u  angle  of  attack 

O  standard  deviation 

<  >  ensemble  average 

Superscripts 

fluctuating  component 

Subsenpts 

l  value  based  on  total  conditions 

<*  free  stream  value 


TWO-DIMENSIONAL  HIGH-LIFF  AIRFOIL  DATA  FOR  CFD  CODE  VALIDATION 
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0.  INTRODUCTION 

The  purpose  of  the  experimental  investigation  summarized  below  was  to  provide  a  complete 
data  set  for  the  validation  of  two-dimensional  multi-element  airfoil  computer  codes.  Tlie  airfoil 
model  used  for  this  investigation  features  four  elements  including  a  double  slotted  trailing  edge 
Bap  and  a  slotted  leading  edge  device  representing  a  section  of  a  transport  wing  in  high-lift 
configuration  with  take-off  flap  setting.  The  leading  edge  flap  was  tested  in  a  nonoptimum 
setting  in  order  to  produce  a  thick  confluent  boundary  layer  on  the  upper  airfoil  surface. 

In  this  wind  tunnel  experiment,  all  data  were  measured  on  a  single  high-lift  airfoil  configuration 
with  a  fixed  flap  setting  at  one  tunnel  freestream  condition.  Emphasis  was  placed  on  the 
acquisition  of  a  few  high  quality  airfoil  data  with  many  repeat  runs  and  redundant 
measurements.  Measured  data  comprise  airfoil  lift,  drag,  pitching  moment,  surface  pressures, 
mean  velocity  profiles  and  Reynolds  stresses  of  the  confluent  boundary  layer.  The  data  was 
obtained  in  the  Boeing  Research  Wind  Tunnel  located  in  Seattle  at  0. 1 1  Mach  number  and  1 .55 
million  Reynolds  number  based  on  tunnel  freestream  velocity  and  a  flaps-up  airfoil  chord  of 
0.6096  m  (2  ft). 

Care  was  taken  to  achieve  a  close  approximation  to  two-dimensional  flow  by  means  of 
turntable  and  tunnel  side  wall  blowing.  Two-dimensional  flow  was  verified  by  comparing 
boundary  layer  mean  velocitiy  and  turbulence  profiles  at  several  spanwise  stations,  and  by 
various  surface  flow  visualizations  methods.  In  addition,  lift  curves  from  balance 
measurements  and  an  integration  of  surface  pressures  were  compared.  Confluent  boundary 
layer  measurements  were  conducted  employing  a  Pitot  probe  and  hot  wires.  Probes  were 
mounted  on  a  mechanical  traverser  designed  to  minimize  disturbances  of  overall  airfoil 
circulation  and  of  the  local  flow  at  the  measuring  station. 

Selected  test  data  and  a  description  of  the  instrumentation  have  been  published  previously  in  the 
open  literature.  A  document  containing  further  details  and  tabulated  data  is  available  upon 
request  from  The  Boeing  Company. 


1.  GENERAL  DESCRIPTION 

1.1  Model  de.signation  BOEING  Model  TR- 1332 

1.2  Model  type  Two-dimensional  four-element  high-lift  airfoil 

1.3  Design  requirements/purpose  of  test  The  model  represents  a  section  of  a 

transport  wing  in  high-lift  configuration 
with  take-off  flap  settings.  The  test  was 
conducted  to  acquire  a  complete  set  of  CFD 
validatio '  data  for  a  modem  high-lift  airfoil. 

1 .4  Dominant  flow  physics  The  leadi;  j  edge  flap  is  in  a  noroptimum 

position  to  produce  a  thick  confluent  boundary 
layer  on  the  upper  airfoil  surface  (Figs.  1, 2, 3). 


1.5 


Recommended  u.se  ol'  data 


2.  MODEL  GEOMETRY 

2.1  General 


2.2  Reference  chord  (llaps-up) 

2.3  Thickness  ratio  of  flap.s-up 
reference  airfoil 

2.4  Span 

2.5  Geometric  definitions 

2.5.1  Shape  definition 

2.5.2  Actual  airfoil  coordinaie.s/ 
tolerances 


2.5.3  Surface  condition 

2.5.4  Flap  sizes  and  positions 


3 .  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

3.2  Organization  running  the  tunnel 

3.3  Tunnel  characteristics 


3.4  Test  section 

3.4.1  Model  installation 


3.4.2  Test  section  dimensions 

3.4.3  Wall  geometry/boundary  layer 


The  data  can  be  u.sed  to  validate  compressible 
or  incompressible  two-dimensional  high-lift 
computer  codes  employing  a  model  for 
conliuent  boundary  layers.  A  model  for 
massive  How  separation  is  not  required  since 
most  boundary  layers  are  attached. 


Four-element  ..lotted  airfoil  (Fig.  1)  tested  at  a 
fixed  setting  o.'flap  angles,  gaps,  and 
overlaps. 

0.6096  m  (2  ft) 

1 1.3% 

1.524  m  (5  ft) 


Shape  of  all  4  airfoil  elements  is  numerically 
specified. 

Airfoil  surface  coordinates  were  checked 
using  templates.  Differences  between 
specified  and  measured  coordinates  are  within 
±  0.08-1 0-5  m  (±  0.003  in). 

Smooth 

See  values  in  table  1 ,  definitions  in  figure  4. 
Flap  gaps,  heights  and  overlaps  were  set  using 
fixed'hiounting  brackets  and  shims  under  the 
pads  as  required. 


Boeing  Research  Wind  Tunnel  (BRWT) 
Boeing  Aerodynamics  Laboratory 
Closed  circuit,  single  return,  continuous  fiow 
tunnel  with  test  section  vented  to  the 
atmosphere. 

Max.  Mach  number:  0. 18 

Max.  Reynolds  number  per  meter:  3.87-10* 

Dynamic  pressure  range  from 

0.479-10^  -  23.938-102  N/m^,  (1-50  psf) 


The  model  was  mounted  horizontally  at 
zero  sweep  angle  between  two  circular 
turntables  installed  flush  with  the  tunnel  side 
walls  (Figs.  5,6). 

1.524  m  wide,  2.438  m  high,  6.096  m  long 
(5  ft  X  8  ft  X  20  ft; 

Solid  walls  with  4  blowing  slots  on  each  side 
wall  upstream  of  model.  In  addition,  4 
blowing  slots  in  each  turntable  (Fig.  6). 

No  measurements  of  tunnel  wall  pressures. 
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3.5  Freestream  conditions 


3.6  Flow  quality  of  empty  tunnel 

3.6.1  Flow  uniformity 

3.6.2  Temperature  variation 

3.6.3  Turbulence  level 

4.  INSTRUMENTATION 

4.1  Model  position 

4.1.1  Angle  of  attack  measurement 

4.1.2  Accuracy  of  angle  of  attack 

4.2  Model  surface  pressure  measurements 

4.2. 1  Number  of  pressure  holes 

4.2.2  Pressure  transducers 

4.2.3  Dynamic  (unsteady)  pressures 

4.3  Force  and  moment  measurements 

4.3.1  Balance 

4.3.2  Range/accuracy  of  balance  data 


Reference  flow  conditions  are  detemiined  from 
total  pressure  and  total  temperature  in  the 
settling  chamber,  atmospheric  pressure,  and 
wall  static  pressure  at  the  test  section  entrance 
3.048  m  (10  ft)  upstfeam  of  the  turntable 
center.  TTiese  measurements  provide 
freestream  conditions  at  the  test  section 
entrance  which  are  corrected  using  tunnel 
calibration  data  to  obtain  freestream  conditions 
at  the  location  of  the  model. 


At  turntable  center  (balance  center  in  Fig.  6), 
0.25°  upflow  angle  and  cross  flow  from 
0.3°  to  -0.5° determined  with  split  film 
anemometer  and  hemispherical  probe. 

Tunnel  is  not  equipped  with  heat  exchanger. 
Temperature  changes  of  up  to  14  (25  °F) 

occurred  during  boundary  layer  measuremenus. 
.see  section  7.5.3. 

At  tunnel  centerline:  0.06  percent  at 
4.788*I0-  N/m^  (10  psf)  dynamic  pres.sure. 
0.18  percental  19.15-102  N/m2(40  psf) 


By  mechanical  encoder 
±0.05° 


77  along  model  centerline  including 
32  on  main  airfoil  element, 

19  on  leading  edge  flap, 

15  on  main  trailing  edge  flap,  and 
1 1  on  aft  trailing  edge  flap 
Range:  3.447*10‘'  N/m2(5  psi). 
Accuracy:  ±0.25%  of  range 
Not  measured 


External  balance  located  below  test  section 
floor 

Lift:  17.791-103  N  (4,000  Ibf) 

Drag:  Not  recorded  (see  4.3.3) 

Pitching  Moment:  2.260-103  mN 

(1.667-103  ft  Ibf) 
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4.3.3  W ake  rake  for  (Jrae 


4.4  Boundary  layer  measurenieni.s 

4.4. 1  Mcasurenaeni  teehnit|ue 


4.4.2  Flow  rcgion.s  investigated 

4.4.3  Probes  and  probe  support 


4.5  Surface  now  visualizations 

4.5.1  Methods  applied 

4.5.2  Surfaces 

4.5.3  Form  of  data 

4.6  Row  field  visualizations 

4.7  Tunnel  wall  measurements 


5 .  TEST  MATRIX  AND  CONDITIONS 

5.1  Test  matrix 

5.1.1  Number  of  test  ca.ses 

5.1.2  Number  of  configurations 

5.1.3  Test  conditions,  lest  matrix 


5.2  Model/tunnel  relations 

5.2.1  Maximum  model  frontal  area/ 
tunnel  cross  section 

5.2.2  Model  span/tunnel  width 

5.2.3  Wing  area/tunnel  cross  section 

5.2.4  Heightychord  ratio 

5.2.5  Width/chord  ratio 

5.3  Transition  details 

5.3.1  Type  of  transition 


5.3.2  Details  of  free  transition 


5.3.3  Details  of  fixed  mansilion 


Pneumatically  integrating  wake  rake  positioned 
1  reference  chord  length  (0.6096  m) 
downstream  of  trailing  edge  of  aft  flap 


Pilot  probe,  double  x-hot  wires  for  mean  flow 
velocity  profiles  and  Reynolds  stresses. 
Thermocouple  for  temperature  profiles 
Confluent  boundary  layer  on  upper  surface  of 
main  section  (Fig.  7) 

See  figure  8 


Tulls,  china  clay,  sublimation 
Upper  airfoil  surface 

Photos  of  china  cl.ay  and  .sublimation  paliems 

Not  performed 
Not  performed 


1 

1 

Freestream  Mach  number:  0.1 1 
Dynamic  pressure:  9.575«10-  N/m-  (20  psO 
Chord  Reynolds  number:  1. 55*10* 

See  lest  matrix  in  table  2 


0.12 

1  (two-dimensional  airfoil  model) 

0.25 

4 

2.5 


Fixed  transition  on  upper  surfaces  of  leading 
edge  flap  and  main  airfoil  element. 

Free  transition  on  all  other  surfaces. 

Laminar  separation  bubbled  observed  on  upper 
surface  of  main  flap  using  china  clay  (kaolin 
powder  in  kerosene).  Free  transition  on  lower 
surface  not  recorded. 

Upper  surface  of  leading  edge  flap: 
XL^Cref=0.074 
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Upper  surface  of  main  airfoil  elenienl: 
x/eref=0.()33 

Trips  consisted  of  aluminum  disks: 

Height  of  disks:  0.2*10'^  m  (0.008  in) 
Diameter:  1.27‘10'^  m  (0.05  in) 

Spanwise  spacing  from  center  to  center: 
2.54.10-^  m  (0.1  in) 

Trip  strip  effectiveness  verified  at  15”  angle  of 
attack  by  sublimation  using  naphthalene  with 
freon  as  solvent,  and  also  using  a  stethoscope. 


6.  DATA 

6. 1  Availability  of  data 

6.1.1  Organization  owning  data 

6. 1 .2  Responsible  manager 

6.1.3  Availability 

6.2  Suitability  for  CFD  validation 

6.3  Type  and  form  of  data 

6.3.1  Form  of  data 

6.3.2  Datacarrier 

6.3.3  Extent  of  geomeuy  data 

6.3.4  Extent  of  aerodynamic  test  data 

6.4  Corrections  applied  to  data 

6.4. 1  Blockage 

6.4.2  Streamline  curvature  correction 

6.4.3  Reference  on  wall  correction 


The  Boeing  Company 
R.  L.  Bengelink,  Chief  of  Aerodynamics 
Boeing  Commercial  Airplane  Group 
P.  O.  Box  3707,  MS  6R-MT 
Seattle,  WA  98124-2207  USA 
Telephone  206-234-9984 
Fax  206-237-0849 

Boeing  document  containing  data  plots  and 
tabulated  data  is  available  upon  request,  sec 
references  8.2. 

Data  are  corrected  for  tunnel  wall  effects  to 
simulate  “free  air”  conditions. 


See  table  3 

Boeing  document  and  AlAA  technical  papers, 
see  references  in  sections  8.2  and  8.3 
4  printed  document  pages  (8l/2”xH”  or  M) 
16  pages  with  tabulated  data  and  data  plots 


Solid  and  wake  blockage,  with  e  =  0.01594 
Angle  of  attack,  lift,  and  pitching  moment 
corrected  with  a  =  0.012851 
A.  Pope,  “Wind  Tunnel  Testing”,  John  Wiley 
&  Sons,  Second  Edition,  1954 


7.  DATA  ACCURACY  AND  REPEATABILITY  ASSESSMENT 


7.1 


Data  accuracy 

7.1.1  Freestream  cond  itions 


Angle  of  attack:  ±0.05“ 

Flow  velocity  accuracy:  ±  0. 14% 
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7.1.2  Measured  daui 

7.2  Repeat  measurements 

7.2.1  Type  and  number 

7.2.2  Other  test  entries 

7.3  Redundant  measurements 

7.3.1  Airfoil  lift 

7.3.2  Boundary  layer  velocity 

7.3.3  Reynolds  stresses 

7.4  Other  tests  on  same  geometry 

7.5  Additional  remarks 

7.5.1  Row  iwo-dimensionalily 


7.5.2  Intrusiveness  of  mechanical 
traverser  and  probes 

7.5.3  Effect  of  temperature  changes 

8.  REFERENCES 


8.1 

Wind  tunnel 

8.2 

Test 

i 


See  section  3.5  for  a  de.scription  of  the 
measurement  of  freestream  conditions. 

Lift  repeatability;  AC]  =  ±0.0095 
Pitching  moment  repeatability:  ACni=  ±0.0051 
Drag:  See  spanwise  variation  in  figure  9 
Surface  pressure  accuracy:  ACp  =  ±  0.09 
Error  of  boundary  layer  mean  velocity:  <  1.5  % 
Error  of  turbulence  data:  <  8  to  10  % 

Probe  position  accuracy:  See  figure  10 


Balance  data:  7  pitch  runs 
Surface  pressures:  3  repeat  runs 
Turbulence  measuremenLs:  See  figure  1 1 
Not  conducted 


From  balance  and  pre.sstirc  integration  (Fig.  12) 
From  Pitot  probe  and  hot  wire  (Fig.  13) 

From  different  hot  wires  (Fig.  14) 

None 


Verified  by: 

a)  Surface  flow  visualization  (tufts,  china  clay). 

b)  Agreement  of  lift  from  balance  and  surface 
pressures  (Fig.  12). 

c)  Boundary  layer  profiles  measured  at 
different  spanwise  locations  (Fig.  15). 

d)  Boundary  layer  momentum  integral  balance 
No  effect  on  surface  pressures  (Fig.  16) 

See  figure  17 
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8.3  Measuremenl  technique  Brune,  G.W.,  Sikavi,  D.  A.,  Tran,  E.T., 

and  Doerzbacher,  R.,  P.,  “Boundary  Layer 
Instrumentation  for  Hiah-Lift  Airfoil  Models”, 
AIAA  Paper  82-0592,  March  1982 

9.  LIST  OF  SYMBOLS 

c  chord  length 

‘^d  drag  coefficient 

^1  lift  coefficient 

pitching  moment  coefficient 
‘^p  surface  pressure  coefficient 

Cref  flaps-up  reference  airfoil  chord 

G  gap 

k  turbulent  kinetic  energy 

U  boundary  layer  mean  ilow  velocity  tangent  to  airfoil  surface 

Ug  boundary  layer  edge  velocity 

Ups  inviscid  flow  velocity  at  airfoil  surface  (reference  velocity) 

X  coordinate  along  chord  of  main  airfoil  element 
xle  coordinate  along  chord  of  leading  edge  llap 
y  coordinate  normal  to  airfoil  surface 

u’2  streamwise  component  of  Reynolds  normal  stress 
-u'v’  turbulent  shear  stress 

a  angle  of  attack 

A  overlap 

5  flap  angle 

Ac]  repeatability  of  lift  coefficient  measurement 

ACm  repeatability  of  pitching  moment  coefficient  measurement 

ACp  accuracy  of  surface  pressure  coefficient  measurement 

e  coefficient  of  blockage  correction 

a  coefficient  of  streamline  curvature  correction 

Subscripts 

aft  aft  trailing  edge  flap 

LE  leading  edge  flap 

mf  main  U'ailing  edge  flap 

ref  reference  v^ue 

oo  freestream  value 
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MEASUREMENTS  OF  THE  FLOW  OVER  A  LOW  ASPECT-RATIO  WING  IN  THE  MACH  NUMBER 
RANGE  0.6  TO  0.87  FOR  THE  PURPOSE  OF  VALIDATION  OF  COMPUTATIONAL  METHODS. 

Pan  1:  Wing  design,  Model  constniction.  Surface  How 
Pan  2:  Mean  flow  in  the  boundary  layer  and  wake  -  4  test  cases 

by 

M  C  P  Firmin 
M  A  McDonald 

Aerodynamics  &  Propulsion  Dept. 

DRA  Famborough 
GUI4  6TD,  UK 


1.  INTRODUCTION  &  GENERAL  DESCRIPTION 

The  experiments  presented  should  improve  the 
understanding  of  the  flow  over  a  wing  as  the  speed  is 
increased  towards  the  buffet  and  separation  boundaries. 
These  boundaries  limit  the  flight  envelopes  of  both  military 
and  civil  aircraft,  and  the  measurements  reported  will  allow 
Computational  Fluid  Dynamic  (CFD)  methods  for  viscous 
flow  to  be  validated. 

The  measurements  are  reported  in  two  documents  (Parts  I 
&  2)^’  giving  detailed  measurements  of  the  subsonic  free 
stream  flow  over  a  low  aspect-ratio  wing  (RAE  Model 
215S)  at  conditions  where  the  boundary  layers  are  subjected 
to  severe  adverse  pressure  gradients.  Part  I  provides 
measurements  of  pressure  distributions  on  both  the  wing 
and  on  the  tunnel  walls  for  a  wide  range  of  Mach  numbers 
and  lift  coefficients,  as  well  as  of  wing  surface  skin  friction 
and  surface  flow  direction  measurements  for  four  test  cases, 
while  Pan  2  contains  detailed  mean  flow  measurements 
within  the  shear  layers.  For  this  detailed  smdy,  the  same 
four  test  cases  have  been  used,  as  presented  in  Pan  I. 
They  were  chosen  to  provide  examples  of  flows  with  severe 
adverse  pressure  gradients,  including  those  with  shock 
waves,  and  leading  in  some  cases  to  separation.  Two  forms 
of  separation  are  considered,  firstly  where  the  flow  close  to 
the  surface  is  moving  upstream  of  the  wing  planfonn 
generatois  in  the  region  of  the  trailing  edge  (i.e.  trailing 
edge  separation),  and  secondly  where  the  boundary-layer 
flow  separates  in  the  region  of  a  shock  wave,  over  pan  of 
the  span,  as  a  result  of  the  sudden  pressure  rise  associated 
with  the  shock  wave  (i.e.  shock  induced  separation).  The 
case  with  shock-induced  separation  has  reattachment 
upstream  of  the  trailing  edge  and,  in  this  respect,  is 
reminiscent  of  the  flow,  CASE  10,  over  the  aerofoil  RAE 
2822*  which  has  shown  up  inadequacies  in  turbulence 
modelling.  The  cases  studied  also  include  flows  on  the 
upper  and  lower  surfaces  where  there  are  severe  adverse 
pressure  gradients,  on  the  aft  40  -  50%  chord,  typical  of  the 
flow  over  the  relatively  thick  wing  sections  with  aft  rear 
loading  found  on  transport  aircraft  wings.  Flows  of  this 
type  revealed  the  need  for  improved  boundary-layer 
methods,  including  'higher  order'  effects,  in  the  methods  for 
aerofoil  flows*. 

For  the  measurements  the  wing  was  mounted  as  a  half 
model  in  the  RAE  8ft  x  6ft  (2.4m  x  1.8m)  Transonic  Wind 
Tunnel  at  Famborough.  The  present  experiment  meets  the 
need  for  data  of  comparatively  high  quality  with  the  initial 
and  boundary  conditions  of  the  tunnel  flow  accurately 


specified.  A  boundary-layer  trip  was  used  to  promote 
turbulent  boundaiy  layeis  at  a  known  location  on  both 
surfaces  of  the  wing  using  a  sparse  distribution  of  particles, 
and  the  boundary-layer  thicknesses  were  also  measured  on 
the  forward  pan  of  the  wing  some  distance  behind  the  trip. 
The  wing  has  been  inspected  and  a  set  of  'measured' 
ordinates  are  available.  Solid  tunnel  walls  have  been  used 
with  pressure  measurements  having  been  made  on  the  walls. 
These  wall  measurements  were  also  used  to  calculate  the 
wall  interference  for  the  full  range  of  conditions,  using  the 
metiiod  of  Ashill  and  Weeks*'*,  so  indicating  the  limitations 
of  the  data  for  validating  'free-air'  methods.  The  wall 
interference  can  be  appreciable  for  the  flows  with  the 
higher  free  saeam  Mach  numbers,  and  it  is  recommended 
that  methods  to  be  validated  include  an  adequate 
representation  of  the  wind-tunnel  walls. 

Reference  2  presents,  in  section  2,  details  about  the  fluid 
dynamic  design  of  the  wing,  details  of  the  ordinates,  the 
model  construction,  including  information  about  the 
distribution  of  the  surface  pressure  points,  the  traverse 
mechanisms,  and  yawmeter  probes.  In  sections  3  and  4 
details  are  given  of  the  tunnel-wall  pressure  measurements. 
Details  of  the  analysis  of  the  wall  pressure  measurements  to 
provide  estimates  of  the  magnitude  of  the  wall  interference 
effects  are  given  in  section  5.  In  this  section  the  results 
from  the  analysis  are  also  compared  with  some  other 
methods  of  predicting  the  effects.  Section  6  is  concerned 
with  the  surface  pressure  measurements  and  surface  oil 
flow.  Discussion  is  included  concerned  with  the  mean  flow 
close  to  the  surface  of  the  wing  and  the  regions  of  flow 
separation  indicated  by  the  pressure  measurements.  Where 
results  exist  these  ate  compared  with  the  separated  flow 
regions  shown  up  by  the  surface  oil  flow.  Also  presented 
in  section  6  are  results  for  the  lift  coefficients  as  determined 
from  integration  of  the  pressure  measuiements.  In  section 
7  results  are  presented  for  the  boundaries  of  significant  flow 
separation  and  flow  breakdown,  as  a  function  of  free  stream 
Mach  number  and  wing  incidence  (lift  coefficient).  These 
boundaries  are  often  used  as  a  guide  to  the  buffet  boundary 
for  a  wing.  The  choice  of  test  cases  for  which 
boundary-layer  measurements  are  presented  in  Ref  3  is 
given  in  section  7,  and  full  details  of  the  four  cases  together 
with  the  description  of  the  flow  for  each  is  given  in  section 
8.  In  section  9  results  are  presented  from  an  analysis  of  the 
surface  oil  flow  riving  flow  directions  close  to  the  wing 
surface  and  measurements  of  the  skin  fifction  of  the  mean 
flow  as  determined  using  the  'razor  blade'  technique  are 
also  given.  In  section  10  some  comments  are  included  about 
using  the  data  presented  in  the  report  for  the  validation  of 
computational  methods. 


Bl-2 


The  results  from  the  analysis  of  the  yawmetcr 
measurements  are  given  in  reference  3,  the  second  report. 
This  includes  a  wide  coverage  of  mean  flow  velocity 
profiles  for  the  four  test  cases,  including  some  profiles 
downstream  of  the  trailing  edge  in  the  near  wake.  There 

2.  DETAILS  OF  MODEI. 

2. 1  General  Geometric  arrangement 

2.3  Wing  data. 

2.3.1  Planfonn 
Aspect  ratio. 

Taper  ratio. 

Leading  edge  sweep. 

Trailing  edge  sweep. 

Twist  distribution. 

Semispan. 

Details  of  tip  geometry. 

2.3.2  Basic  wing  sections. 

Thickness/chord  ratio. 

Nose  radius/chotd  ratio. 

2.4  Body  data. 

2.7  Geometric  definition  of  wing. 

2.7.1  Shape. 

2.7.2  Design  or  Measured  Co-ordinates. 

2.7.3  Tolerances. 

2.7.4  Surface  roughness. 

2.8  Model  support  details. 

2.8.1  Mounting. 

3.  GENERAL  TUNNEL  INFORMATION 


are  a  number  of  examples  where  the  boundary-layer  flow 
has  been  measured  twice,  because  of  the  limited  range  of 
calibration  of  the  yawmeter  probes.  These  give  a  chance  to 
assess  the  repeatability  of  the  flow  and  the  "^oundary-layer 
data  where  valid  information  overlaps. 


Half  wing  mounted  in  mnne!.  See  Figure  1. 

Simple,  swept  back,  tapered  with  parabolic  tip,  see  Fig  2. 


3.271 
0.3906 
39.0  degrees 
15.0  degrees 
See  Figure  3 
1028.7  mm 

Parabolic,  see  reference  2 

See  Figure  4,  a  sample  of  wing  sections  are  given 

Variable,  about  11.5%,  see  Figure  3 

Variable,  0.0215  at  the  root,  reducing  to  0.0157  at  35% 
semi-span.  Nearly  constant  outboard  of  35%  semi-span 

Wing  mounted  on  wall  of  test  section,  with  some  evidence 
on  the  wall  boundary-layer  thickness  available 


Numerically  defined,  131  -  147  ordinates  at  each  section. 
33  chordwise  sections 

Design  at  all  above  locations.  Measured  at  most  locations 
and  new  co-o.dinates  generated  for  all  design  locations 

Requested  10. 1  mm  with  change  in  error  10.002  mm  per 
mm.  Actual  sec  reference  2 

Requested  0.2  micro-metres 


Mounted  on  half  model  balance  with  gap  between  wall  and 
model  sealed,  see  Figure  1 


3.1  Tunnel  designation.  RAE  8ft  x  6ft  transonic  wind  tunnel 

3.2  Organisation  running  the  tunnel. 


DRA,  Famborough 


3.3  Tunnel  character’ties. 
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3.3.1  Type  of  mnnel. 

3.3.2  Operating  envelope. 

3.3.3  Run  time. 

3.4  Test  section. 

3.4.1  Test  section  dimensions 

3.4.2  Wall  geometry  details. 

3.4.3  Wall  measurements. 

3.4.4  Boundary  layer  thickness. 

3.5  Freestream  conditions. 

3  5.1  Total  pressure. 

Static  pressure. 

Total  temperance. 

3.5.2  Tunnel  calibration. 

Last  calibration. 

3.6  Flow  quality  (empty  tunnel). 

3.6.1  Flow  uniformity. 

3.6.2  Temperamre  variation. 

3.6.3  Flow  unsteadiness. 

4.  INCTRUMENTATION 

4.1  Model  position. 

4.1.1  Geometric  incidence. 


Continuous,  variable  pressure,  closed  circuit  plus  bypass 
system  for  M.  >  0.8.  See  Figure  5 

Tests  made  at  constant  Reynolds  No.  based  on  mean  chord 
(4.1  X  10^ 

Variable:  Depends  on  experiment,  usually  >  20  mins.,  <  2 
hours. 


Height  ■  1 .83  m,  width  •  2.43  m,  rectangular  with  comer 
fillets  160.5  mm  x  45°  length  -  5.531  m  no  protruding 
instrumentation  except  for  centre  line  support  rig.  See 
Figure  I 

Solid  walls  for  these  tests  with  slots  at  downstream  end, 
1.08  m  long  on  roof  and  floor  0.64  m  long  on  side  walls 

Pressures  at  about  80  points  on  each  sidewall  and  roof.  See 
Figure  6. 

Boundary  layer  profiles  measured  using  rake  at  mid  point 
on  each  wall  including  floor  at  about  0.56  ahead  of  wing 
apex  for  4  Test  Cases  (separate  tests). 

Details  given  in  reference  2,  average  value  for  displacement 
thickness  is  5mm,  or  0.5%  of  root  chord,  (no  control). 


Measured  on  centre  line  in  working  section  during  a 
calibration  and  related  to  wall  pressure  measured  in 
contraction  ahead  of  working  section 

Wall  pressure  used  at  upstream  part  of  working  section-  see 
reference  2  for  details 

Measured  in  contraction  ahead  of  working  section 

Used  centre  line  static  tube  and  sidewall  pressures  - 
adjustment  of  Mach  number  gradient  using  angle  of  roof 

1985,  just  prior  to  start  of  tests 


No  detailed  measurements  made  for  empty  tunnel  with  solid 
walls 

a)  Control  -  Yes,  for  general  level. 

b)  Variation  within  tunnel  -  No  measurements  made. 

c)  Variation  over  tun  -  Some  variation  permitted,  Reynolds 
Number  held  constant. 

See  Figure  7 


Special  rig  set  with  respect  to  walls  of  mnnel 


4.1.2  Accuracy. 


±0.01' 
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4.2  Mode!  pressure  measurements. 

4.2.1  Pressure  holes. 

4.2.2  Range  and  accuracy. 

4.2.3  Dynamic  pressures. 

4.3  Force  and  moment  measuretr  ’• 

4.4  Boundary  layer  and  flow  1 

4.4.1  Measurement  techniqn* 

4.4.2  Flow  region  investigated. 

4.4.3  Probes. 


4.5  S'',  face  flow  visualization. 

4.5.1  Measurement  technique. 

4.5.2  Surfaces. 

4.5.3  Form  of  data. 

4.6  Flow  field  visualization. 

4.7  Tunnel  wall  measurements 

4.7.1  Tvpe  of  measurement. 

4.7.2  Location  of  pressure  holes. 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix. 

5.1.1  Number  of  test  cases. 


469,  308  on  upper  surface,  161  on  lower  surface,  see 
Figures  8  &  9 

Differential-pressure  capsule-manometers  with  stagnation 
reference  pressure.  1  atmosphere  range  calibrated  to  give 
±0.03%  FSD  accuracy.  Pressure  readings  frozen  when 
steady  and  then  scanned 

Not  measured 

None  measured,  deduced  from  pressures  only 


Pressure  probes  -  mean  values  only 
Yawmeters  x/c  >  0.35 
Flattened  pitots  x/c  <  0.35 

Boundary  layers  &  wakes,  see  Figures  10  &  1 1 

a)  Yawmeters,  x/c  >  0.6, 

Support  -  see  Figure  1 2,  Probe  -  see  Figure  1 3 
0  '5  >  x/c>  0.6 

Support  -  see  Figure  14,  Probe  -  see  Figure  15 

b)  Pitots,  x/c  <  0.35 

Support  -  see  Figure  14,  Probe  -  see  Figure  16 


Oil  flow  with  a  grid  for  measurements 
Upper  &  lower  surfaces  of  wing 

Photographs  taken  during  the  tunnel  runs.  Tables  for  x/c  > 
0.45  -  same  locations  as  for  sldn  friction  also  photographs 
-  see  reference  2. 

None 


Pressure  measurements  on  walls,  excluding  wall  on  which 
wing  is  mounted 

See  Figure  6,  Pressure  differences  between  empty  tunnel 
and  actual  runs  are  presented. 


a)  Full  range  of  data,  including  wing  surface  &  wall 
pressures,  boundary  layer  &  wake  profiles,  skin  friction  (via 
'razor  blades'),  surface  flow  direction  (via  oil  flow):  4 
cases. 

b)  Wing  &  wall  pressures  only;  82  cases. 

c)  Wing  &  wall  pressures  ±  surface  oil  flow  photographs, 
both  surfaces:  12  cases  (4  analysed  under  a)  above) 


5.1.2  Number  of  configurations. 


only 
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5.1.3  Details  of  test  cases.  a)  see  5.1.1  a) 

All  measurements  were  made  for  a  Reynolds  number  based 
on  mean  chord  -  4.1  x  10* 

CASE  1.-  M.  -  0.744,  -  2.5° 

CASE  2.-  M.  -  0.806,  -  2.5° 

CASE  3.-  M.  -  0.843,  -  1.5° 

CASE  4.- M.  -  0.854,  -  1.5° 

b)  see  5.1.1  b) 

The  following  list,  gives  the  nominal  values  for  the  free 
stream  Mach  numbers  and  geometric  settings  for  the 
incidence  of  the  wing. 

For  these  the  CASE  is  determined  by  the  nominal  values  of 
M_  &  a^: 

(i.e.  M.  -  0.84,  -  2.5°  is  CASE  8425): 

-  1.5°,  M.  -  0  60,  0.70  (0.02)  0.82,  0.83  (0.01)  0.87 

V  ■  2  0°,  M.  -  0.60,  0.70  (0.02)  0.78,  0.79,  0.80, 

0  82  (0.01)  0.86 

-  2.5°,  M.  -  0.60,  0.70  (0.02)  0.82,  0.83  (0.01)  0.86 

*  3  0°,  M.  -  0.60,  0.70  (0.02)  0.82,  0.83  (0.01)  0.85 

-  3.5°,  M.  -  0.60,  0.70  (0.02)  0.82,  0.83  (0.01)  0.85 

V  ’  °  °  ™  I®  °2)  0.80,  0.81  (0.01)  0.84 

*  4.5°,  M.  •  0.60,  0.70  (0.02)  0.80,  0.81  (0.01)  0.84 

c)  see  5.1 .1  c) 

The  following  cases  from  b)  above  have  evidence  from  oil 
flow  as  well: 


(1^-  1.5°,  M.  ■  0.84,0.85,  0.86 

-  2.0°,  M.  -  0  80,  0.82,  0.83,  0.84,  0.85 

-  2.5°,  M.  -  0.74,  0.80,  0.82,  0.84 


Model/tunnel  relations. 

5.2.1 

Maximum  blockage. 

1.17% 

5.2.2 

Maximum  span/tunnel  height. 

0.53  (mounted  vertically) 

5.2.3 

Wing  area/tunnel  cross  section. 

0.15 

5.2.6 

Have  adiabatic  wall  tempetatures 
been  reached 

Yes,  minimum  run  times  20  minutes,  usually  much 
longer 

Transition  deuils. 

5.3.1 

Fixed  Transition 

Yes 

5.3.3 

Transition  location 

Bands  cenffed  at  5%  local  chord  on  both  surfaces,  2.5mm 
wide,  faired  into  tip,  ballotini  (glass  balls). 

5.3.4 

Roughness  size 

Sparse  distribution 

upper  surface  0.21mm  to  0.25mm 
lower  surface  0.15mm  to  0.18mm 
resin  in  band  <  0.03mm 


5.3.5  Effectiveness  Calculated  size  for  highest  local  Mach  number  on  each 

surface,  for  CASES  1  to  4.  This  may  have  resulted  in 
"overfixing"  at  some  conditions.  Verified  by  indirect 
checks.  The  profiles,  at  approx  18%  chord  on  both  surfaces 
indicate  that  the  boundary  layers  are  tuibulent. 
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6.  DATA 

6.1  Availability  of  data 

6.1.1  Organisation  owning  data 


6. 1 .2  Who  is  responsible  for  data 


6.1.3  ;  .t  >u.  .  I  eely  available 

6. 1 .4  Contact 

6.2  Suitability  of  data  for  CFD  validation 

6.2.1  "In-tunnel”  calculations. 

6.2.2  "Free-air”  calculations. 


Aerodynamics  &  Propulsion  Depanment 
DRA  Famborough 
UK 

Mr.  M.C.P.  Firmin(c/o  Dr.  P.D.  Smith) 
Aerodynamics  &  Propulsion  Dept., 

RI4I  Building, 

DRA  Famborough, 

Famborough,  Hants.  GUI4  6TD 
Tel:  44  252  24461,  Extn.  3737 
Fax:  44  252  375890 

Yes 

Head  of  Aerodynamics  &  Propulsion  Department. 


Yes,  see  reference  2  for  suggested  method  of  use 

Not  advised,  corrections  available  but  variable  over  wing 
and  large  at  higher  Mach  numbers,  see  reference  2 


6.3  Type  and  form  in  which  data  available 
6.3.1  a)  Free  Sueam 

b)  Surface  Pressures 

c)  Skin  Friction 

d)  Forces 

e)  Boundary  layer 

Integral  quantities 

Profiles 


0  Wake 

Integral  quantities 
Profiles 


g)  Test  section  wall  pressures 

6.3.2  Data  carrier. 

6.3.3  Extent  of  geometry  data. 


Equivalent  empty  tunnel  Mach  number 

Normalized  with  respect  to  free  stream  Total  Pressure 

Coefficient  based  upon  local  flow  conditions 

Based  on  appropriate  area  or  chord  and  Free  Sffeam  (i.e. 
empty  tunnel  values) 


Based  upon  local  flow  conditions  and  in  terms  of  root 
chord. 

Normalized  with  respect  to  velocity  determined  from  Total 
Pressure  at  edge  of  layer  and  local  static  pressure  for 
yawmeier  measurements.  Wall  static  pressure  used  for  pitot 
measurements. 


Based  upon  local  flow  conditions  and  in  terms  of  root 
chord. 

Normalized  with  respect  to  velocity  determined  from  Total 
Pressure  at  edge  of  layer  and  local  static  pressure. 

(See  reference  3  for  statement  about  flow  direction  at  edges 
of  layer) 

Change  in  pressure  from  'empty  mnnel'  values  given  as 
change  in  normalized  wall  pressures.  Empty  tunnel  values 
interpolated  to  same  free  stream  values. 

Floppy  disc 

370  Kbytes 


6.3.4  Extent  of  aerodynamic  test  data. 


a)Boundary  layersAvake  profiles:  500  Kbytes  for  4  Cases 


b)Surface  pressures:  450  Kbytes  for  84  Cases 


c)Tunnel  wall  pressures:  360  Kbytes  for  84  Cases 

6.4  Corrections  applied  to  data 

6.4.1  Upwash  and  Blockage.  None  applied,  because  magnitude  variable  over  planfotm 

6.4.2  Correctable  No,  but  magnitude  available  from  measured  wall  pressures, 

examples: 

M.  -  0.70,  AM.  <  0.002,  Aa  <  0.6“ 

M.  -  0.80,  AM.  <  0.010,  Aa  <  0.8“ 

M.  -  0.85,  AM.  <  0.020,  Aa  <  0.9“ 

6.4.3  Half  model  correcdons  None  applied 

6.4.4  Support  correcdons  Model  mounted  on  wall  of  mnnel  and  thickness  of  wall 

boundary  layer  known 

6.4.5  Aero-elasdc  deformation  Negligible 

7.  DATA  ACCURACY  AND  REPEATABILITY  ASSESSMENT 

7. 1  Estimate  of  accuracy 

7.1.1  Mach  number.  Model  incidence  From  calibradon  AM.  i  0.0015,  Aa  ±  0.01“ 

Datum  angle  of  incidence  from  measurements  on 
symmetrical  aerofoil 

M.  kept  within  ±  0.002  of  required  value  during  tests  to 
obtain  wing  surface  and  nmnel  wall  pressures.  In  addition, 
during  measurements  of  boundary-layer  proFiles,  the 
location  of  the  shock  waves  on  the  upper  surface  of  the 
wing  were  monitored.  M.  was  adjusted  to  keep  the  shock 
location  fixed  for  each  CASE. 

7.1.2  Measured  pressure  coefficients.  Ap/H,  ±  0.0003  based  on  calibration  of  ffansducer  only. 

7.1.3  Boundary  layer/wake  data.  No  assessment  made 


Variation  of  M.  during  tests: 


I 


7.2  Repeat  measurements. 
7.2.1  Wing  pressures. 


7.2.2  Boundary  layers. 

7.3  Redundant  measurements. 

7.3.1  Sldn  friction. 

Surface  flow  direction. 

7.4  Other  tests  on  same  (nominal)  geometry. 


Wing  pressures  measured  many  times  during  measurements 
of  boundary  layers,  and  during  skin  friction  measurements. 
Some  of  these  measured  some  2  years  later.  -  Figure 
I7a-I7d.  For  1987  runs  'razor  blades’  at  x/c  ■  0.45  (upper 
surface)  and  0.55  (lower  surface)  at  most  t).  There  are  some 
inconsistent  values  at  5%  chord,  caused  by  a  local  effect  of 
the  transition  trip. 

Some  repeat  checks  possible  because  more  than  one  probe 
suppon  arm  was  used  for  a  complete  profile,  usually  where 
the  twist  through  the  layer  is  large  -  details  in  Reference  3. 


Determined  by  boundary-layer  profile,  and  by  'razor  blade' 
technique 

Determined  by  boundary-lay^  profile,  and  by  surface-oil 
flow  -  Figure  18,  also  see  Reference  3. 

None,  other  dian  on  a  pilot  model  of  0.45  scale  where 
surface  oil  flow  showed  that  the  design  work  had  resulted 
in  the  required  type  of  flows 
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A  planform  area  of  wing 

c  local  chord  of  planform 

c,  root  chord  of  planform 

F  geometric  mean  chord  of  wing 
"c  aerodynamic  mean  choid  of  wing 
H  Total  pressure 

M  local  Mach  number 

M_  Free  stream  Mach  number,  derived  from  empty 
tunnel  calibration 

p  local  static  pressure 

p  RMS  unsteady  static  pressure 

q  undisnirbed  free  stream  dynamic  pressure 

u  local  velocity  within  a  shear  layer 


Measurements  and  analysis  of  the  mean  shear-layer  flow- 
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A  method  for  determining  wall-interference  corrections  in 
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Up  Velocity  obtained  from  the  total  velocity  at  the 
edge  of  a  shear  layer  and  the  local  static  pressure 

X  measured  from  leading  edge  of  section  in  direction 
of  root  chord  of  planform,  or  from  the  wing  apex 

y  spanwise  distance  measured  from  the  wing  apex 

z  distance  normal  to  the  planform 

a  local  incidence 

geometric  incidence 

P  the  total  change  in  the  direction  of  the  flow  through 
the  shear  layer,  (degrees) 

pf  the  direction  of  the  local  flow  at  the  edge  of  the 
shear  layer  in  the  same  axis  as  for  p  but  measured 
relative  to  the  free  stream  component  of  velocity  in 
the  plane  of  the  surface,  (degrees) 

A  change  in  a  quantity,  usually  over  planform 

t)  spanwise  location  as  a  fraction  of  wing  semi-span 


Figs  8  &  9 
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Fig  8  Plan  view  of  model  showing  upper  surface  pressure  plotting  positions 
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Fig  9  Plan  view  of  model  showing  lower  surface  pressure  plotting  positions 
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Figs  10  &  11 


Fig  10  Locations  of  measured  boundary  layer  and  wake  profiles 
(upper  surface) 


Fig  11  Locations  of  measured  boundary  layer  and  wake  profiles 
(lower  surface) 


Figs  12  &  13 
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Fig  12  Wake  &  boundary  layer  traverse  gear 


Fig  15  Yawrtieler  for  linear  traverse  mechanisms 
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Fig  1/a  Comparison  of  pressure  distributions  measured  at  the  Pig  Comparison  of  pressure  distributions  measured  at  the 

beginning  and  end  of  the  experimental  program  beginning  and  end  of  the  experimental  program 

M  (inf)  =  0.744,  Alpha  (geo)  =  2.5  degs  M  (inf)  =  0.806,  Alpha  (geo)  =  2.5  degs 
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DETAILED  STUDY  AT  SUPERSONIC  SPEEDS  OF  THE 
FLOW  AROUND  DELTA  WINGS. 

by 

M.  J.  Situmons 
DRA,  Bedford 


0  INTRODUCTION 

The  lests  described  iu  this  siibuiissiou  were  made  on  (wo 
half-models  of  delta-wiug/body  coufigtiratioo  suitable  for 
supersonic  combat  aircraft.  The  aim  of  the  prograutme  of 
work  was  to  improve  the  uudcrstaudiug  of  supersonic 
flows  over  wings  with  roiitidcd  leading  edges. 

The  reasons  for  choosing  the  large  half-model  design 
were: 

a)  The  altaiumeut  of  high  chordal  Reynolds  numbers. 

b)  The  facility  to  make  detailed  flow  meastircmeuts. 

c)  The  ability  to  manufacture  the  large  wing  to  the  desired 
model  accuracy  with  couveulional  machitie  (olcrauces. 

The  last  requirement  is  particularly  important  in  the 
highly-curved  region  of  the  leading  edge  which  controls 
the  development  of  trau.souic  flows  on  the  upper  surface. 

Both  wings  are  of  the  same  quasi-delta  plauform  of  60’ 
leading  edge  sweep  and  thickness  form  of  4% 
thickue.ss/churd  ratio  but  with  differing  camber 
distributions. 

Wing  A  has  a  complex  camber  surface  with  camber  iu 
both  spauwi.se  and  streamwise  planes.  Wing  C  has  an 
tmcambered  symmetrical  .section  and  was  used  as  a  datum 
case  for  the  study. 

The  only  design  constraint  on  model  size  was  the  need  to 
ensure  that  the  flow  over  the  wing  was  nut  disturbed  by 
shuck-wave  reflections  from  the  solid  walls  of  the  tunnel. 

The  tests  were  performed  in  the  8ft  x  8ft  Pre.s.surised, 
Subsonic/Supersouic  Wind  Tunnel  at  the  Defence 
Research  Agency  (DRA  Aerospace  Division,  fonnerly  the 
Royal  Aerospace  Establishment)  Bedford  in  July  1985. 

The  statements  in  this  document  apply  to  both  wings 
uule.s.s  otherwise  staled. 


1  GENERAL  DESCRIPTION 

1.1  Model  name  and  designation 

Model  2205  (Wing  A). 

Model  2217  (Wing  C). 

1.2  Model  type  and  flow  conditions 

Della  wing,  '/j  models,  .supersonic  flow. 

(1.4  <  M  <  2.0) 

1.3  Design  requirements,  purpose  of  test 

Wing  A  W.XS  designed  as  the  first  in  a  series  of  three 
models  to  .study  in  detail  the  flow  over  runnded  le.ndiug 
edge  wings. 

The  wing  wjis  based  on  an  earlier  design  .suitable  for  a 
supersonic  transiiorl  aircraft  where  the  leading  edge  was 
the  all.ichmenl  line  at  a  lift  coefficient  of  0.t)5  and  a  Mach 
number  of  2.2. 

The  spanwise  c.amher  distribution  of  the  original  wing 
W.1S  retained,  but  the  spanwise  ordinates  of  the  original 
wing  were  settled,  on  the  bn.sis  of  linear  theory,  so  that 
attached  flow  at  the  leading  edge  occurs  at  a  lift 
coefficient  of  0.10  and  a  Mach  number  of  1,5. 

The  Mach  number  is  typical  of  .supersonic  Sustained  Turn 
Rtile  requirements  but  the  lift  coefficient  is  less  than 
one  third  of  that  needed. 

In  order  to  increase  lift,  through  increased  incidence,  to 
a  more  representative  value  while  maintaining  attached 
flow  at  the  leading  edge,  the  thickness  distribntiuu  chosen 
has  a  rounded  leading  edge. 

Wing  C  is  an  tmcambered,  .symmetric<il  wing,  which  w,is 
used  as  a  datum  for  the  project. 

1.4  Dominant  flow  physics 

a)  Attached  flow  at  the  leading  edge. 

b)  Shock  waves  above  the  upper  surface  with  tiirhiilent 
boundary  layer/shock  w.ave  interactions. 
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c)  Shock-iuJilccd  ‘separaliou  in  some  ca.se<i. 

2  DETAILS  OF  THE  MODEL 

2.1  General  genmetric  arrangement. 

The  general  arr.iugemcut  of  both  models  is  illiisirated  in 
Fig.l.  This  figure  shows  Ihe  low  mounted  wing,  the 
position  of  the  surface  static  pressure  me.^suremeuts,  and 
the  body,  which  is  cyliudric.il  .lud  esseuti.ally  rectangular 
iu  cross  section  at  the  wing/body  juuction.  Further 
upstream,  the  body  becomes  circular  as  the  nose  is 
approached.  (Wing/hody  data  given  iu  Ref.l  aud  Ref. 2  ) 

2.2  ronfigurations 

A.  Wiug  &  Body 

B,  Body  alone 

2.J  M'ing  data 

2.3.1  Planfnmi 

Aspect  ratio  =  1.945 

Leading  edge  sweep  =  60° 

Trailing  edge  .sweep  =  0° 

Twist  Distribution 

Wiug  A  -  See  Fig. 2. 

Wiug  C  -  No  Twist 

Semi-span  =  3.09S8  ft 

Tip  geometry  -  Kiichemauu  tip  See  Fig.l 

Details  of  wing/body  junction  -Low  mounted  wiug,  no 
fillets  or  fairings  used. 

2.3.2  Basic  wing  section 

Thickness/chord  =  0.04 

Nose  radins/churd  -  See  Fig.3 
(approximateiy  0.0013co  over  must  of  the  span). 
co=  Root  chord  =  1.7932m 

2.4  Body  data 

2.4.1  Shape 

Nose  shape  -  See  Fig.l 


Cro.ss  sectional  details  -  The  body  is  cylindrical  aud 
es.senli.ally  rectangular  iu  cross  section  at  the  wing/body 
junction. 

Further  upstream  the  body  becomes  circular  .xs  the  uuse 
is  approached. 

2.7  Geometric  definition 

Wiug  A  is  numerically  defined  iu  Ref.  1 .  Both  design  aud 
actual  ordinates  arc  given. 

Wiug  C  is  numerically  defined  in  Ref.  2.  Body  ordinates 
arc  numeric.ally  defined  in  both  Ref.l  aud  Ref.2 

Manufacturing  errors  are  generally  small  and  within  a 
tolerance  of  O.OSmm  in  the  region  of  the  leading  edge, 
and  0.13mm  over  the  inboard  part  of  the  wing.  Surf.ice 
rini.sli  is  within  the  r.iiigc  0.1  -  0.2  |im. 

2.H  Model  support  details 

Tile  models  were  moniiled  on  the  .sidewall  of  the  working 
section  and  atl.iched  to  a  five-couiponcul  sir.aiu  gauge 
balance  outside  Ihe  tunnel . 

The  model  plane  of  symmetry  is  dispLaced  25. 4mm  from 
the  tunnel  sidewall,  the  resulting  space  is  filled  by  a 
wooden  spacer  shaped  to  the  body.  Tlie  displacement  of 
Ihe  model  is  to  minimise  the  effect  of  the  tunnel  sidewall 
bonndary-laycr. 

3  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

8ft  X  8ft  Snhsouic/Supersouic  Wind  Tunnel. 

3.2  Organisation  running  the  Tunnel 

Defence  Research  Agency 

(formerly  Royal  Aerospace  Establishment), 

Aerodynamics  and  Propulsion  Dept. 

Bedford,  MK41  6AE,  Engliiiid. 

3.3  Tunnel  characteristics 

Type  of  tunnel:  cuntinuons  (low,  closed  circuit. 
Operating  envelope:  See  Fig.  4 

3.4  Test  section 

3.4.1  Test  section  details 


Body  length  =  2707.8mm 


See  Fig,  5 


3.4.2  Test  section 
2.44m  X  2.44m  x  14m. 

3.4.3  Wall  geometry  details 

Type  of  waiis:  .solid,  flexible  upper  .ud  lower  walls  for 
supersonic  operation.  Typical  wail  boundary-layer 
displacement  tbickne.ss:  19mm. 

Fur  further  details  see  Ref.6. 

3.5  Frce>stream  conditions 

3.5.1  Reference  conditions 

Total  pre.ssiire:  Determined  using  a  pilot  in  the  .settling 
chamber  and  a  'Midwuud'  self-b.ilauciug  capsule 
manometer  of  range  l20"Hg  ■  40()kPa  and  .accuracy 
±0.03%  full  .sc.ile. 

Static  pre.ssiire:  The  reference  .static  pressure  lapping  is  ou 
the  centre-line  of  the  .sidew.all  1. 829m  iipstre.ani  of  the 
tunnel  datum  (see  Fig.  5).  The  differential  ’Midwood' 
manometer  itsed  fur  this  me.isiiremeut  w.rs  of  range 
±l00kPa  and  .accuracy  ±0.03%  full  sc.ale. 

Sialic  temperature:  This  is  inferred  from  lot.al  iemper.ature 
measured  to  an  iiccur.acy  of  ±0.IK  by  a  probe  in  the 
settling  ch.amber. 

3.5.2  Tunnel  calibration 

Total  pressure  survey  conducted  to  establish  the  Mitch 
number  distribution  in  the  test  section. 

The  last  supersonic  calibration  was  performed  in  1981. 

3.6  Flow  quality 

3.6.1  Flow  uniformity 

For  static  pressure  variations  along  the  tunnel  centre  line 
see  Ref.4,  but  typically  ACp  =  0(0.0001). 

Mach  number  variation  from  the  nominal  value  set  during 
a  run  is  within  0.001. 

Flow  angularity  is  determined  during  the  calibration,  a 
typical  average  duwnwash  hits  been  found  to  be  up  to 
about  0.05°. 

3.6.2  Temperature  variation 

The  temperature  is  controlled  during  the  run  by  altering 
the  flow  of  water  through  the  cooler  in  the  settling 
chamber. 
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Teniperiiliire  0.10  he  controlled  to  within  0.5K. 
Temperature  variation  within  the  tunnel  is  not  known. 

3.6.3  Flow  unsteadiness 

Overall  turbulence  level  is  not  known  but  overall  noise 
level  is  typically  =  0.004.  For  further  information 
ou  the  noise  characteristics  of  the  wind  tunnel  see  Ref.4. 

4  INSTRUMENTATION 

4.1  Model  position 

Geouietric.'il  incidence  is  measured  by  a  digital  encoder 
attached  to  the  mechanism  fur  rutiiting  the  balance.  The 
d.itum  position  for  the  me.astiremeuts  is  determined  using 
an  eicctrolevel  meter.  The  estimated  acettracy  of  the 
setting  is  ±0.005°. 

4.2  Model  pressure  measurement 

Wing  A  has  306  surface  st.itic  pressure  holes  arranged  in 

9  .spanwisc  rows.  (See  Fig.  1). 

Wing  C  h.as  312  .surface  static  pressure  holes  arranged  in 
9  .spanwise  rows.  (See  Fig.  1). 

The  body  has  28  surface  static  pressure  holes  along  the 
centre  -  line.  The  loc<iliun  of  these  holes  are  giveu  in 
Ref.l. 

The  differential  transducers  used  fur  these  me.astirements 
were  of  range  ±102  kPa  with  an  accuracy  of  ±0.2%  full 
scale . 

No  dynamic  measurements  were  made. 

4.3  Force  and  moment  measurements 

4.3.1  Type  and  location  of  balance 

5  component  half  model  balance. 

4.3.2  Maximum  range  and  accuracy 

Max.  load 

NcTual  Force  44500N 

Axnl  Force  4500N 

PitcL  mg  Moment  56(M)Nm 

Rolling  Moment  56000Nm 

Yawing  Moment  7000Nm 

All  loads 

Precision:  ±0.05% 

Bias;  Not  determined  but  believed  to  be  belter  than 
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±0.2%  . 


4.5  Surface  flow  visualisation 

Ou  bulb  models,  flow  visunlisalious  were  performed  asiog 
oil  supplied  to  the  upper  surface  through  holes  drilled 
uonual  to  surface  in  three  tubes  laid  across  the  spaa. 
Photographs  were  taken  through  a  wiudow  in  the  tunnel 
roof  to  the  rear  of  the  model. 

4.6  Field  flow  visualisation 

Laser  vapour  screens  were  used,  illuminated  by  a  vertical 
fan  of  laser  lig'  t  produced  by  reflecting  a  beam  from  a 
2W  coiitiuiioiis-wave.  Argon  laser  with  an  oscillatiug 
mirror,  the  arrangement  of  the  equipment  in  the  Wind 
Tunnel  is  shown  in  Fig.  6.  The  .slreauiwi.se  position  of  the 
fail  atuld  be  changed  by  rotating  the  mirror  about  a 
vertical  .axis;  thus  the  fan  w.as  normal  to  the  tunnel  axis  .at 
only  one  stre.amwise  .sl<atiou.  The  .angle  of  the  bc.aui 
.across  the  model  is  shown  if  Fig.  7  together  with 
drawings  m.ade  from  phologiaphs  t.akeu  for  Cl  =  0.2,  0,3 
and  0.4.  Photographs  were  taken  from:- 

a)  a  pod  approxim.alely  2.1m  dowustre.aiu  of  the  tr.ailiug 
edge  of  the  wing. 

h)  the  Schlieren  c.aviiy  opposite  the  model, 
c)  a  wiudow  in  the  working  section  roof. 

4.7  Tunnel  wall  mvasiircnicnt.s 

Stiilic  pre.ssures  were  me.asured  along  the  centre-line  of  the 
top  and  bottom  walls  of  the  tunnel.  See  Fig.  5  for 
locations. 

5  TEST  MATRIX  AND  CONDITIONS 

5.1  Details  of  test  matrix 

Results  from  six  test  c.ases  fur  each  wing  may  be  available 
for  the  wiug/body  cunGgtiralions.  The  corresponding 
body  alone  data  may  also  be  made  available.  These  data 
are  summarised  in  Table  I. 

5.2  Model/tunnel  relations 
Model  .spau/tiinnel  width  =  0.38735 

Wing  area/tunnel  cross  sectional  area  =  0.1543 

5.2.6  Wall  temperatures 

Model  temperatures  were  not  measured  but  tunnel 

temperature  was  controlled  so  that  excursions  of  model 
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recovery  temperature  were  minimised. 

5.3  Transition  details 

Triiu.sition  w.\s  fixed  ou  both  surfaces  for  the  tests  by 
narrow  bands  of  epoxy  resin  containing  sparsely 
distributed  balloliui . 

The  bands  were  located  25.4mtn  nonual  to  the  leading 
edge  in  pl.m  view  .md  were  5.08inm  wide. 

On  the  body  the  baud  was  located  101.6mm  from  the 
nose  and  wits  12.7mm  wide.  The  b.illotiui  u.sed  was  of 
diameter  0.2Imm  -  0.25tnm  with  a  density  of  155  (±30) 
be.ids/cm‘. 

6  DATA 

6.1  Availability  of  data 

6.1.1  Organization  owning  data 

Defence  Research  Agency 

Bedford 

Engl.md 

6.1.2  Person  responsible  for  data 

Mr  M  J  Simmons 
Building  17 

Defence  Research  Agency 
Bedford,  MK41  .vVJ^ 

England 

Tel.  44  234  225836 
Fax.  44  234  225848 


6.1.3  Availability  of  data 


Data  specified  in  questionnaire  arc  .available. 


6.2  Suitability  of  data 


The  d.ala  .should  be  suitable  fur  CFD  validation  validating 
’in  tuuner  calculation  methods.  The  data  are,  however, 
corrected  to  'free-air'  conditions. 

6.3  Type  and  form  in  which  data  are  availahle 

6.3.1  a)  Free  stream 

Mach  number 

h)  Pressure 

Coefficients  btised  on  free-stream  dynamic 
pressure. 


c)  Forces 


CoeffluenLs  based  on  free-slreaiii  dyuaiuic 
pressure,  wiug  area  aud  chord  leugih  as 
appropriate. 

6.3.2  Data  Carrier 

Av.stlable  on  floppy  disc. 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage  correction 
Not  applicable  in  supersonic  flow. 

6.4.2  Side  wall  interference  corrections 

No  corrections  have  been  applied  to  either  M.'ich  niiinber 
or  .angle  of  incidence  for  this  effect. 

6.4.3  Acroelastic  deformation 

No  allowauce  w.as  ui.ide  for  the  effect  of  the  variation  in 
aeroelastic  deforuiation  .across  the  span. 

7  DATA  ACCURACY  AND  REPEATABILn  Y 

ASSE.SSMENT 

7.1  Estimated  accuracies 


Free  .strc.aui  conditions: 

Mach  number  iO.IMIl 

Incidence  ±U.tl3° 

Lift  coefficient  ±0.001 

Drag  coefficient  ±0.0001 

Pitching  monteut  coefficient  ±0.001 

Pressure  coefficient  ±0.002 


7.2  Repeat  measurements 


Good  repeatability  has  been  demonstrated  both  within  and 
between  test  campaigns  for  similar  models  see  Ref.  4.  For 
example,  drag  coefficient  has  been  shown  to  repeat  to 
within  about  ±0.0001  aud  pressure  coefficient  to  within 
about  ±0.001  between  test  series  performed  a  number  of 
years  apart. 
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NOTE  2: 

The  po.siliuus  of  the  test  cases  iu  the 
plaue  are  shown  iu 

In  all  cases  the  leading  edge  is  subsonic  M <  I. 

Some  of  the  cases  are  to  the  left  of  the 
Staubrook/Sqitire'  bonudary  where  the  flow  is 
expected  to  be  separated  from  the  leading  edge. 
However,  in  all  the  cases  the  flow  was  observed 
to  be  attached  at  the  leading  edge  except  possibly 
close  to  the  tip  for  case  L. 

It  is  iutere.stiug  to  note,  however,  that  c,^ses  D, 
E,  F,  J,  K,  L  have  flows  with  shock-induced 
separation  on  the  upper  surface  between  70%  and 
80%  .semi-spi-m  at  all  stalious  .is  shown  iu  Figs. 
9  iiud  10.  These  c.ises  ,irc  ,ill  in  the  shtidcd  region 
shown  iu  Fig. 5  where  le.adiug  edge  separ.ilion 
may  occur  according  to  Slitubrook  and  Squire'. 
Some  of  these  ciiscs  .also  lie  within  the  region 
defined  by  Elscnaar'  .as  ’partial  .separation’. 


Moment  ref.  point  (x/co  =  0.7) 
h - O.ko  , 


General  layout  of  model. 


Streamwise  and  Spanwise  wing  sections,  Wing  A. 


Fig.  3 


L.E.  radius/chord  -  Spanwise  position. 


8ff  X  8ft  tunnel  performance 


Fig.  4  Sft  X  8ft  Wind  Tunnel  operating  envelope. 


Hole  No.  56  56A  57  58  59  63  67  68  69  70  Roof 
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Spanwise  Pressure  Distribiilions,  Wing  A. 
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PRESSURE  DISTRIBUTIONS  ON  RESEARCD  WING  W4  MOUNTED  ON 
AN  AXISYMMETRIC  BODY 

by 

J  L  Fulker 
DRA,  Bedford 


0  INTRODUCTION. 

The  experiments  described  in  this  submission 
were  performed  on  a  wing-body  conriguraiiun  suitable  for 
a  dvil  transport  aircraft.  When  the  wing  was  designed 
(1972)  it  was  recognised  that,  in  order  to  achieve  an 
advance  in  technology,  a  significant  increase  in  rear 
loading  would  be  required  compared  to  that  of  earlier 
designs.  As  a  consequence,  the  boundary  layer  conditions 
close  to  the  trailing  edge  on  the  upper  surface  were 
expected  to  be  more  adverse  than  in  previous  designs. 
This  requirement  led  to  the  need  for  a  high  test  Reynolds 
number,  which  was  achieved  by  testing  a  large  half  model 
in  the  Defence  Research  Agency  (DRA)  8ft  X  8ft  Wind 
Tunnel  at  Reynolds  numbers,  based  on  geometric  mean 
chord,  of  up  to  IS  X  10*.  Complementary  tests  were  also 
performed  on  a  smaller  complete  model  in  order  to 
provide  an  accurate  assessment  of  the  drag  characteristics 
of  the  wing.  The  wing  was  designed  to  have  a  weak  shock 
wave  near  mid  chord  on  the  upper  surface  at  the  cruise 
condition  (  *  0.32,  M  »  0.78).  This  feature,  together 

with  the  significant  rear  loading  of  the  wing,  is  illustrated 
in  Fig.  1.  The  overall  aims  of  the  investigation  were  to 
obtain  an  improved  understanding  of  the  behaviour  of  the 
flows  over  wings  of  this  type  over  a  wide  range  of 
subsonic  Mach  numbers  and  Reynolds  numbers. 

The  tests  were  performed  during  1977  on  the  complete 
model  and  1978  on  the  half  model.  The  wind  tunnel  has 
solid  walls  and,  since  the  models  ate  relatively  large,  the 
data  are  strictly  not  correctable.  However,  the  wall 
boundary  conditions  are  well  defined  and  so  the  data  may 
be  useful  for  validating  CFD  codes  which  include 
allowance  for  the  wind-tunnel  walls.  In  addition, 
measurements  were  made  of  the  static  pressures  on  the 
roof  and  floor  of  the  working  section,  providing  an 
independent  chedt  on  the  accuracy  of  the  representation 
of  the  walls  in  any  GT3  method. 

1  GENERAL  DESCRIPTION 

1.1  Model  Hune  or  dcsigBation 

Wing  W4,  Model  873  -half  model 

Model  2063  -  complete  model 

1.2  Model  type  and  flow  conditions 

Full  span  wing-body  and  semi-span  wing-body. 


Subsonic  free-stream  speeds  (  0.3  <  M  <  0.86  )  The 
tests  include  fully  attached  flow  cases  and  flows  with 
shock-induced  separation. 

1.3  Design  requirements  and  purpose  of  tests 

The  model  was  designed  to  exploit  the  benefits 
of  the  high  chordal  Reynolds  numbers  that  can  be 
obtained  by  testing  a  large  half-model  in  a  pressurised 
wind  tunnel. 

1.4  Dominant  flow  physics 

The  dominant  flow  physics  are: 

a)  attached  turbulent  botmdary  layers  with  adverse 
pressure  gradients. 

b)  the  interaction  between  these  boundary  layers  and 
the  inviscid  flow. 

c)  shuck  waves  on  the  upper  stirf,u-e  with,  in  some 
cases,  shuck-induced  separation. 

2.  DETAILS  OF  MODELS 

2.1  General  geometric  arrangement 

Complete  model  see  Fig.  2.  Half  model  see 
Fig.3.  The  linear  dimensions  of  the  half  model  compared 
to  the  complete  model  are  in  ratio  1  ;  0.423. 

2.2  Configurations  tested 

All  tests  on  a  single  configuration. 

2.3  Wing  data 


2.3.1  Aspect  ratio 

8.078 

2.3.2  Taper  ratio 

0.20 

2.3.3  Leading  edge  sweep 

28.3" 

2.3.4  Trailing  edge  sweep 

3.3"  inboard 
14.07" 

outboard 

2.3.5  Semispaa  0.7324m  (complete  model) 

1.7233m  (half  model) 


2.3.6  Tip  geometry 

Both  models  have  a  common  parabolic  tip. 
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2.3.7  Wing/fiuelage  junction 
The  model  wing  datum  is  at  a  height  below  the 
body  axis  divided  by  maximum  body  radius  of  0.488.  A 
small  flat  sided  trailing-edge  Gllet  is  fitted  which  extends 
a  relatively  .short  distance  downstream  of  the  wiug  trailing 
edge. 

There  is  no  leading-edge  fillet. 

2.4  Section  data 

2.4.1  Aerofoil  shape 

A  typical  wing  section  is  shown  in  fig.  1. 

2.4.2  Thickness/chord  ratio 

The  variation  in  thickness/churd  (t/c)  .across  the 
span  is  .shown  in  Fig.  1. 

2.5  Body  data 

Axisymmetric  fuselage  with  tiiugeut  ogive  nose 
and  rear  body.  See  Fig.  2. 

Body  length  =  3.641m  (half  model) 

=  1.46m  (complete  model) 

The  body  lengths  do  not  scale  as  1  :  0.42S  because  of  the 
need  to  shorten  the  body  of  the  complet.^  model  to  allow 
for  the  entry  of  the  sting  in  the  rear  of  the  model.  The 
half  model  body  is  displaced  from  the  wall  by  a  value 
greater  than  one  side  wall  boundary-layer  displacement 
thickness  (in  this  case  2Smm)  so  as  to  minimise  the 
influence  of  the  boundary-layer  flow  on  the  wiug  flow. 

2.6  Geometric  definition  of  wing 

2.6.1  Shape 

Numerically  defined.  98  ordinates  at  each 
section,  11  spanwise  sections. 

2.6.2  Design  or  Measured 

Design  ordinates  available  at  all  above  locations. 
Measurements  available  for  some  locations. 

2.6.3  Tolerances 

Requested  ±0.1mm  with  change  in  error 
±0.002uun  per  mm. 

2.6.4  Surface  roughness 
Requested  0.2  micro-metres. 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

8fl  X  8fl  Subsonic/Supersom'c  Wind  Tunnel. 

3.2  Organisation  nuaiag  the  tunnel 

Defence  Researd  Agency  (formerly  Royal 


Aerospace  Establishment),  Aerodynamics  and  Propulsion 
Department,  Bedford,  MK41  6AE,  England. 

3.3  Tunnel  characteristics 

Type  of  tunnel:  continuous  flow,  closed  circuit. 
Operating  envelope:  see  Fig.  4. 

3.4  Test  section 

3.4.1  Test  section 

See  Fig.  5, 

3.4.2  Test  section 
2.44m  X  2.44m  x  14m. 

3.4.3  Wall  geometry  details 

Type  of  w,ilt.'',:  solid,  flexible  upper  and  lower 
walls  for  supersonic  operation.  Shapes  of  upper  and  lower 
walls  are  set  fur  subsonic  tests  in  such  a  way  as  to 
minimise  the  pressure  gradient  on  the  centre  line  when  the 
test  section  is  empty  (Ref.  1).  Typical  wall  boundary- 
layer  displacement  thickness:  19mm.  Fur  further  detiiils 
.see  Ref.  2. 

3.5  Free-stream  conditions 

3.5.1  Reference  conditions 

Total  pressure:  Determined  using  a  pitot  in  the 
settling  chamber  and  a  ’Midwood’  self-balancing  capsule 
manometer  of  range  12U"Hg  a  4U0kPa  and  accuracy 
±0.03%  full  scale.  Static  pre.ssure:  The  reference  static 
pressure  tapping  is  on  the  centre-line  of  the  sidewall 
6.25m  upstream  of  the  tunnel  datum  (see  Fig.  5.). 

The  diflerential  ’Midwood’  manometer  used  for  this 
measurement  was  of  range  ±100kPa  and  accuracy 
±0.03%  full  scale. 

Sialic  temperature:  This  is  inferred  from  total  temperature 
measured  to  an  accuracy  of  ±0.1K  by  a  probe  in  the 
settling  chamber. 

3.5.2  Tunnel  calibration 

Measurements  are  made  of  static  pres.sures  on  the 
centre-line  of  the  roof  and  floor  of  the  test  section  (Ref  1) 
using  differential  ’Midwood’  manometers  of  range 
±  iOOkPa  and  accuracy  ±0.03%  full  scale. 

The  last  calibration  was  performed  in  October  1991, 
calibrations  being  performed  annually. 

3.6  Flow  quality 

3.6.1  Flow  unifonnity 

For  static  pressure  variations  along  the  tunnel 
centre  line  see  Ref  1,  but  typically  ACp  w  0(0.0001)  with 
the  diffuser  choked,  as  in  the  present  tests. 

Mach  number  during  a  run  is  within  0.001.  Average  flow 
angularity  is  routinely  determined  for  sting-mounted 
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models  by  comparing  force  measurements  made  with  the 
model  erect  and  inverted,  Some  data  on  flow  angularity 
has  also  been  obtained  for  typical  swept-wing  half  models 
on  the  sidewall  as  in  the  present  case  by  testing  a  model 
with  a  horizontal  plane  of  symmetry.  In  both  cases  the 
implied  average  downwash  angle  has  been  found  to  be  up 
to  about  0.03*. 

3.6.2  Temperature  variation 

The  temperature  is  controlled  during  the  run  by  altering 
the  flow  of  water  through  the  cooler  in  the  settling 
chamber. 

Temperature  can  be  controlled  to  within  O.SK. 
Temperature  variation  within  the  tunnel  is  not  known. 

3.6.3  Flow  unsteadiness 

Overall  turbulence  level  is  not  kuuwu  but  overall 
noise  level  is  typically  =  0.004.  For  further 
information  on  the  noise  characteristics  of  the  wind  tunnel 
see  Ref.  1. 

4  INSTRUMENTATION 


Axial  Force 

2200N 

Side  Force 

4000N 

Pitching  Moment 

2200Nm 

Rolling  Moment 

700Nm 

Yawing  Moment 

700Nm 

All  loads  Precision;  ±0.025%.  Bias:  Nut  determined  but 
believed  to  be  better  than  ±0.2%. 

Half  Model  balance: 

Max.  load 

Normal  Force 

44500N 

Axial  Force 

4500N 

Pitching  Moment 

5600Nm 

Rolling  Moment 

56()00Nm 

Yawing  Moment 

7000Nm 

All  loads  Predsiou;  ±0.05%.  Bias:  Nut  determiued  but 
believed  to  be  better  th.in  ±0.2%. 


4.1  Model  Position  S  TEST  MATRIX  AND  CONDITIONS 


4.1.1  Geometric  incidence 

Calculated  from  a  knowledge  of  the  loads  on  the 
model  and  the  elastic  deflection  characteristics  of  the  sting 
and  balance. 

4.1.2  Accuracy 

±0.005* 

4.2  Model  Pressure  Measurements 

4.2.1  Pressure  boles 

252  -  161  on  upper  surface  •  91  on  lower 
surface.  See  Fig.  6. 

4.2.2  Range  and  Accuracy 

Pressures  measured  using  seven  differential- 
pressure  transducers,  each  installed  in  a  48  way  pressure 
switch  and  having  a  working  range  of  ±  170  kPa  with  an 
accuracy  of  ±0.05%  fiill  scale. 

No  dynamic  pressure  measurements  were  made. 

4.3  Force  and  moment  measnements 

4.3.1  Type  and  locatkm  of  balance 
RAE  3*  6  component  internal  balance.  RAE  5 
component  half  model  balance. 

4J.2  Maximnm  range  and  accuracy 
Sting  balance; 

Max.  load 

Normal  Force  17800N 


5.1  Detailed  test  matrix 

Results  fur  a  total  of  8  lest  cases  may  be  available.  These 
are  given  in  Table  1  which  presents  the  lest  matrix. 

5.2  Modcl/tunnel  relations 

5.2.1  Maximum  blockage 

AM  0.026  (halfmodel),  AM  =  0.004 
(complete  model).  This  represents  an  empty  tunnel  Mach 
number  of  M^O.772  for  the  complete  model  and 
M=0.755  for  the  half  model. 

5.2.2  Model  span/tunnel  width 

0.707  (half  model),  0.60  (complete  model). 

5.2.3  Wing  area/tunnel  cross  section 
0.084  (half  model),  0.030  (complete  model). 

5.2.4  Wall  temperatures 

Model  temperatures  were  not  measured  but 
tunnel  temperature  was  controlled  so  that  excursions  of 
model  recovery  temperature  were  minimal. 

5.3  TransitioD  details 

Tests  were  conducted  with  fixed  transition. 

Half  model;-  transition  fixed  at  15%  of  local  chord  on  the 
upper  surface,  and  5%  of  local  chord  on  the  lower  surface 
with  a  width  of  2.54mm  normal  to  the  leading  edge. 
Baliolini  set  in  a  thin  film  of  epoxy  adhesive  of  diameter 
0.064  to  0.076aun  with  a  density  of  155(±30 )  balls/cm'. 
Complete  model;-  transition  fixed  on  both  surfaces  at  5% 
local  chord  with  a  width  of  2.54mm  normal  to  the  leading 
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edge.  Baltolini  set  in  a  thin  film  of  epoxy  adhesive  of 
diameter  0.076  to  0.089mm  with  a  density  of  1SS(±30) 
balls/cm^. 

The  effectiveness  of  the  transition  trip  for  the  complete 
model  was  checked  by  measuring  the  drag  at  a  fixed 
Mach  number  over  a  range  of  Reynolds  number  and 
comparing  with  theoretical  estimates.  No  checks  were 
carried  out  for  the  half  model,  but  it  is  believed  that  the 
trip  was  effective  from  comparisous  of  the  data  presented 
here,  and  that  with  transition  fixed  at  various  positions  on 
the  upper  surface  on  the  half  model  together  with  data 
from  the  complete  model. 

6  DATA 

6.1  Availability  of  data 

6.1.1  Orgunizution  owning  data 
Defence  Research  Agency  Bedford  England 

6.1.2  Person  responsible  for  data 

Mr  J  L  Fulker 
Building  17 

Defence  Research  Agency 
Bedford,  MK41  6AE 
England 

Tel.  44  234  225821 
Fax.  44  234  225848 

6.1.3  Availability  of  data 

Data  specified  in  qnestionnaire  are  available. 

6.2  Suitability  of  data  for  CFD  validation 

The  data  should  be  suitable  for  validating  ’in 
tnnner  calculation  methods.  The  data  are,  however, 
corrected  to  ’free-air'  conditions.  Details  will  be  provided 
of  the  corrections  made  for  blockage  and  wall-induced 
angle  of  inddence 

6.3  Type  and  form  in  which  data  arc  available 

6.3.1 

a)  Free  stream 

Mach  number  corrected  for  tunnel  wall(roof  and 
floor)  interference. 

b)  Pressure 

Coeffidents  based  on  free-stteam  dynamic 
pressure,  corrected  for  tunnel  wall  (roof  and  floor) 
interference. 

c)  Forces 

Coeffidents  based  on  free-stream  dynamic 
pressure,  corrected  for  tunnel  wall  (roof  and  floor) 
interference,  wing  area,  and  mean  diord,  as  appropriate. 


6.3.2  Data  Carrier 

Available  on  floppy  disc. 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage 
corrections 

Model  incidence  has  been  corrected  for  the  effect 
of  wind-tunnel  constraint  on  lift  by  the  method  of  Aciim 
Ref.  3. 

The  effects  of  wall-induced  blockage  on  freestream 
dynamic  pressure,  static  pressure  and  Mach  number  are 
allowed  for  in  the  way  which  is  standard  for  subsonic 
tests  in  the  8ft  x  8ft  tunnel.  Linear  theory  was  used  to 
calculate  the  ratio  of  the  blockage  velodty-Increment  on 
the  outer  wing  of  the  model  to  the  velocity  increment 
(direct  -F  blockage)  at  the  tunnel  wall.  This  factor  was 
then  used  to  obtain  the  blockage-velodty  increment  from 
the  measured  change  in  the  wall  pressures  due  to  the 
model.  For  these  calctilations  the  model  was  represented 
by  a  distribution  of  sources  and  sinks.  An  estimate  of  the 
model  profile  drag  with  attached  flow  was  used  to  derive 
the  relative  strength  of  the  source  representing  the  model 
wake.  Calculations  show  that,  in  the  case  of  the  half 
model,  the  variation  of  the  blockage  over  the  wiug  was 
very  small  despite  the  fact  that  the  blockage-velocity 
increments  due  to  the  model  were  high. 

6.4.2  Side  wall  interference  corrections 

No  corrections  have  been  applied  to  either  Mach 
number  or  angle  of  incidence  for  this  effect. 

6.4.3  Aeroelostic  deformation 

No  allowance  was  made  for  the  effect  of  the 
variation  in  aeroelastic  deformation  across  the  span  other 
than  the  inclusion  of  a  mean  aeroelastic  twist  in  the  wind- 
tunnel  constraint  given  in  6.4.1.  However,  the  caculated 
variation  in  aeroelastic  twist,  for  both  wings,  is  shown  in 
Fig.  7  for  M=0.78,  (^*0.39  and  a  stagnation  pressure 
of  101.4kPa. 

7  DATA  ACt  :iIRACY  AND  REPEATABILITY 
ASSESSMENT 

7.1  Estimated  accura^'ics 

Free  stream  conditions: 


Mach  number 

±0.001 

Incidence 

±0.01' 

±0.03' 

(half  model) 

Lift  coefficieut 

±0.001 

Drag  coefficient 

±0.0001 

PitcUng  moment 

±0.001 

coefficient 

Pressure 

±0.002 

I 

( 


I 


coefficient 


7.2  Repeat  meosumnents 

Good  repeatibilily  has  been  demonstrated  both 
within  and  between  test  campaigns  for  similar  models  see 
Ref.  4,  For  example,  drag  coefficient  has  been  shown  to 
repeat  to  within  about  ±0.0001  and  pressure  coefficient 
to  within  about  ±0.001  between  campaigns  performed  a 
number  of  years  apart. 
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A4  &  B4:  A  flow  with  shock  induced  separation  on  the  outer-wing  upper  surface,  which,  on  the  outermost  stations  extends  to  the  trailing  edge,  and  can  therefore 
be  classifled  as  a  flow  just  beyond  the  buffet  onset  boundary. 


dft  X  8ft  tunnel  performance 


FIG.  4 


TUNNEL  OPERATING  ENVELOPE 
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PLANFORM  IF  WING  W4  SHOWING  PRESSURE  PLOTTING 
STATIONS 


CALCULATED  VARIATION  IN  AEROELASTIC  TWIST  ACROSS  THE 
SPAN  FOR  M.  =  0.78,  C^  =  0.39  AND  1  ATMOSPHERE 
STAGNATION  PRESSURE 
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0  INTRODUCTION 

These  tests  have  been  earned  out  under  the  auspices  of  GARTEUR  in  order  to  provide  an  experimental  data  base  for  a  modern 
commercial  transport  type  aircraft  against  which  results  of  various  computational  methods  may  be  checked.  The  tests  were 
carried  out  in  three  major  European  wind  tunnels  (NLR-HST,  ONERA-S2MA,  DRA-8ft  x  8ft  DRA  Bedford)  in  order  to  com¬ 
pare  the  results  of  the  same  model  in  different  wind  turmels.  For  the  purpose  of  these  tests  the  available  geometry  of  the  DLR- 
F4  model  of  a  wing  body  configuration,  which  was  developed  as  a  research  configuration  of  a  modern  transport  type  aircraft, 
was  selected  by  the  GARTEUR  Action  Group  AD  (AGOl)  ‘Wing  body  aerodynamics  at  transonic  speeds'. 


1  GENERAL  DESCRIPTION 

1.1  Model  name 

1 .2  Model  type  and  flow  conditions 

1 .3  Design  requirements,  purpose  of  tests 

1 .4  Dominant  flow  physics 

2  DETAILS  OF  MODEL 

2.1  General  geometric  arrangement 

2.2  Configuration  tested 

2.3  Wing  and  airfoil  data 

2.3.1  Planform 


DLR  F4  model  1 1). 

Wing  body  configuration  of  a  subsonic  transport  type  air¬ 
craft.  Attached  transonic  flow  on  swept  back  wing  of  aspect 
ratio  9.5. 

Transonic  swept  wing  flow  in  M-range  0.75-0.8  with  super¬ 
sonic  flow  regions  on  upper  wing  surface  terminated  by 
weak  shock  waves.  Data  base  for  validation  of  3D  transonic 
codes.  Comparison  of  data  for  the  same  model  in  different 
wind  tunnels. 

Transonic  or  supercritical  flow  on  sweptback  wing  with 
weak  shock  waves.  A  small  trailing  edge  separation  is 
present  at  design  condition  in  the  kink  region  of  the  trailing 
edge. 


Wing  body  combination;  see  Fig.  1. 

Wing  body  configuration  and  body  alone  tested 


See  Fig.  1 .;  Aspect  ratio  A  =  9.5  :  taper  X.  =  0.3 

L.E.  sweep  =  27.1“  ;  25%  sweep  tp^j  =  25“ 

TWist  distribution  incorporated  in  wing  sections. 

Semispan  s  =  0.5857  m 

Wing  ref.  area:  S  =  0. 1454  m^ 

Aerodynamic  mean  chord:  c  =  0.1412m 

Up  geometry,  half  circle  of  local  wing  section  thickness 
inside  side  edge  of  wing  planform. 

No  special  wing/body  junction;  sharp  comer. 
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2.3.2  Basic  wiiig  sections 

2.4  Body  data 

2.4.1  Shape 

2.7  Geometric  definition  of  c  mponents 


2.8  Model  support  details  (DRA) 

2.8  Model  support  details  (NLR) 

2.8  Model  support  details  (ONERA) 

3  GENERAL  TUNNEL  INFORMATION  (DRA) 

3.1  Tunnel  designation 

3.2  Organisation  running  the  tunnel 

3.3  Tlinnel  characteristics 

3.4  Test  section 

3.4. 1  Model  mounting 

3.4.2  Test  section  dimensions 

3.4.3  Wall  geomeU-y  details 


3.S  Freestream  conditions 

3.S.  I  Reference  conditions 


3.S.2  Dinnel  calibration 


Wing  section  shapes  see  Fig.  2. 

Wing  built  up  by  4  defining  sections  as  shown  in  Fig.  2. 


Nose  and  afterbody  shape  sec  Fie.  3. 

Body  lengtbl=  1.1920  m. 

Cross-sectional  details  see  geometry  data  disk. 

Wing:  Numerically  specified  by  4  defining  sections  (Fig.  2). 
Wing  contour  is  generated  by  linear  lofting  between  defin¬ 
ing  sections.  Body:  Numerically  specified  by  90  cross-sec¬ 
tions  X  =  const. . 

Data  are  design  coordinates. 

Tolerances:  wing  and  body  ±0.0S  mm. 

Tbe  model  was  mounted  on  an  axisynunetric  sting  passing 
through  a  hole  of  elliptic  cross-  section  in  the  rear  of  the 
body  (Fig.  41. 

NLR  Z-sting  Nr.  002  (see  Fie. 5  and  6): 
a  small  unsealed  gap  is  present  at  the  location  where  the 
blade  enters  the  model. 

ONERA  Z-sting  see  Fig.  7. 


8ft  X  8ft  Pressurised.  Subsonic/Supersonic  Wind  Tiinnel. 

Defense  Research  Agency  (formerly  Royal  Aerospace 
Establishment),  Aerodynamic  and  Propulsion  Department, 
Bedford  MK4t  6AE.  England. 

IVpe  of  tunnel:  continuous  flow,  closed  circuit.  Operating 
envelope  see  Fig.  8. 


See  Fig.  4. 

2.44  m  X  2.44  m  x  14  m  (width  x  height  x  length). 

Type  of  walls:  solid,  flexible  upper  and  lower  walls  for 
supersonic  operation.  Shapes  of  upper  and  lower  walls  are 
set  for  subsonic  tests  in  such  a  way  as  to  minimise  the  pres¬ 
sure  gradient  on  the  centre  line  when  the  test  section  is 
empty.  Wall  pressures  are  measured  along  the  centre  lines  of 
the  roof  and  floor.  Typical  wall  boundary-layer  displacement 
thickness:  19  mm.  For  further  details  see  [2). 


Total  pressure:  Delennined  using  a  pitot  probe  in  the  settling 
chamber  and  a  'Midwood'  self-balancing  capsule  manome¬ 
ter  of  range  400  kPa  and  accuracy  ±0.03%  fhll  scale.  Static 
pressure:  Tbe  reference  static  pressure  tapping  is  on  tbe  cen¬ 
tre-line  of  the  sidewall  6.25  m  upstream  of  tbe  strain-gauge 
balance  centre-line.  Tbe  differential  'Midwood'  mam-meter 
used  for  this  measurement  was  of  range  l(X)  kPa  and  accu¬ 
racy  0.03%  full  scale.  Static  temperature:  This  is  inferred 
from  total  temperature  measured  to  an  accuracy  of  ±  0. 1 K 
by  a  probe  in  the  settling  chamber. 

Measurements  were  made  of  static  pressures  on  tbe  test  sec¬ 
tion  centre-line  and  roof  and  floor  [3]  using  differential 
'Mklwood'  manometers  of  range  ±  lOOkPa  and  accuracy 
t  0.03%  full  scale.  The  last  calibration  was  performed 
(using  electronic  scanning  of  pressure  transducers)  in  Octo¬ 
ber  1991,  calibrations  being  p^ormed  annually. 
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3.6  Flow  quality 

3.6.1  Row  unifonnily  For  itatic  pressure  variations  along  the  model  aais  see  [3], 

but  typically  Ac  <  0.001  with  the  dilTuser  choked,  as  in  the 
present  tests.  ^ 

The  variation  of  (uncorrecled)  Mach  number  during  a  run  is 
within  0.001 . 

Average  flow  angularity  was  determined  by  comparing  force 
measurements  made  with  the  model  erect  and  inverted.  The 
implied  average  downwash  angle  was  found  to  be  up  to 
about  0.03 ‘. 

3.6.2  Temperature  variation  The  temperature  is  conirolled  during  the  run  by  altering  the 

flow  of  water  through  the  cooler  in  the  settling  chamber. 
Temperature  can  be  controlleil  to  within  O.S'C.  Tempera¬ 
ture  variation  within  the  tunnel  is  not  known. 

3.6.3  Flow  unsteadines  Overall  turbulence  level  is  not  known  but  overall  noise  level 

is  typically  Cp,„  =  0.004.  For  further  information  on  the 
noise  characteristics  of  the  wind  tunnel  see  [4]. 


GENERAL  TUNNEL  INFORMATION  (NLR) 

3.1  Tiinnel  designation 

3.2  Organisation  tunning  the  tunnel 

3.3  Thnnel  characteristics 

3.4  Test  section 

3.4.1  Model  mounting 

3.4.2  Test  section  dimensions 

3.4.3  Wali  geometry 

3.5  Frecstream  conditions 

3.3. 1  Reference  flow  condition 


3.3.2  Ihnnel  calibration 

3.6  Flow  quality  (empty  tunnel) 
3.6.1  Row  uniformity 


3.6.2  Temperature  variation 


3.6.3  Flow  unsteadiness 


High  Speed  Wind  Thnnel  HST  (3]. 

National  Aerospace  Laboratory  NLR,  Amsterdam,  The 
Netherlands. 

Closed  circuit;  see  Fig.  9  for  operating  conditions. 


Sec  Fig.3  and  6. 

2.00  m  X  1.60  m  X  2.70  m  (width  x  height  x  length). 

Slotted  top  and  bottom  wall;  closed  side  walls;  open  area 
ratio  12%  per  wall. 


Total  pressure;  settling  chamber. 

Static  pressure;  from  plenum  pressure  with  correction 
derived  from  long  static  pipe  calibration. 

Static  temperature:  from  total  temperature  in  settling  cham¬ 
ber  and  Mach  number. 

‘Long  static  pipe’  at  tunnel  center  and  side  wall  pressures. 
Last  ‘long  sialic  pipe’  calibration;  1980;  regular  checks  on 
possible  changes  from  side  wall  pressures. 


Mach  number  variation  over  model  length:  <  .001  (at 
Macfa=.73). 

Mach  number  variation  during  a  run  :<  ±  .001. 

Row  angularity  derived  from  comparison  of  model  upright 
and  inverted  tests  at  tunnel  center;  order  of  magnitude  .2° . 
Variation  of  flow  angularity  over  model  span; 
not  measured;  estimated  to  be  less  than  .2°. 

Temperature  can  be  controlled  during  a  run; 

variation  during  a  run  less  than  1°C  to  3°C  depending  on 

Mach  and  Reynolds  number. 

l\jrbulence  level  not  measured  but  assumed  to  be  very  low 
in  view  of  the  high  contraction  ratio  ( 1 :  25 ). 

Overall  noise  level:  depending  on  Mach  number,  .3% 
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GENERAL  TUNNEL  INFORMATION 
(ONERA) 

3.1  Tlinnel  designation 

3.2  Organization  ninning  tbe  tunnei 

3.3  Ttinnel  characteristics 

Type  of  tunnei 

Indicate  operating  envelope 

3.4  Test  section 

3.4.1  Model  installation 

3.4.2  Test  section  dimensions 

3.4.3  Wall  geometry  details 
Type  of  walls 

Open  area  ratio 

Arc  wall  pressures/wall  displacements 
measured 

Boundary  layer  control  on  walls 

lypical  wall  boundary  layer  displace¬ 
ment  thickness 

3.5  Freestream  conditions 

3.5.1  Reference  conditions 
Total  pressure 
Static  pressure 

Static  temperature 

3.5.2  llinnel  calibration 

How  was  the  tunnel  calibrated 

Date  of  tbe  last  calibration 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

Static  pressure  variation  over  model 
length  and  span 

Mach  number  variaUon  during  a  run 

How  is  average  Dow  angularity  determi¬ 
nation 


ONERA-S2MA  wind  tunnel  (ONERA  Modane  Centre) 

(101.(11) 

ONERA 

Continuous  with  two  interchangeable  test  sections  ( I  tran¬ 
sonic,  I  supersonic). 

As  far  as  the  transonic  test  sechon  is  concerned: 

Mach  number  range:  0.25  ^  M  ^  1.35 

Total  pressure:  0.3  S  Pq  ^  2.5  bar 

Tbe  maximum  total  pressure  depends  on  the  Mach  number. 

Total  temperature:  285  S  T^  S  320 K 


See  Fig.  10. 

1.75  m  X  1 .77  m  X  5.40  m  (width  x  heigth  x  length). 


Perforated  top  and  bottom  walls;  solid  side  walls. 

6%  geometric  porosity  (maximum). 

No 

No 

Side  wall  boundary  layer  displacement  thickness 
6j  =  t4mm. 


Measured  in  the  settling  chamber. 

Measured  on  the  side  wall,  at  reference  pressure  tap  (PT  629 
bis;  see  Fig.  10). 

Derived  from  total  temperature  measured  in  the  settling 
chamber. 


By  static  pressure  measurements  along  tbe  tunnel  axis  using 
a  cylinder  probe  (length  =  6m). 

The  last  calibration  before  the  present  tests  took  place  in 
June  1978. 


AM/m  =  ±3xl0~^/m  in  x-direction  (0.7SM  S  1.2); 
unknown  in  y-direction  at  tbe  time  of  the  F4  tests. 

At  fixed  angle  of  attack  the  Mach  number  is  kept  constrmt  at 
±  0.001 .  During  a  continuous  angle  of  attack  variation,  the 
Mach  number  variation  depends  on  model  size  and  M. 

By  tests  with  model  erected  and  inverted. 


Variation  of  flow  angularity  over  the 
model  length  and  span 

3.6.2  Temperature  variation 

Can  the  temperature  be  controlled 
during  a  run 

Variation  within  the  tunnel 
Variation  over  a  run 

3.6.3  Flow  unsteadiness 
Overall  turbulence  level 

Overall  noise  level 

4  INSTRUMENTATION 

4.1  Model  postion  (DRA) 

4.1.1  Geometrical  angle  of  incidence 

4.1.2  Accuracy  of  geomelricat  incidence 

4.1  Model  position  (NLR) 

4.1  Model  postion  (ONERA) 

4.1.1  How  is  the  geometrical  incidence  mea¬ 
sured 

4.1.2  Accuracy  of  geometrical  incidence 

4.2  Model  pressure  measurements 

4.2. 1  Total  number  and  disposition  of  pres¬ 
sure  boles 

4.2.2  Range  and  accuracy  of  pressure  transdu¬ 
cers 

4.3  Force  and  moment  measurements  (DRA) 
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Unknown  at  the  time  of  the  F4  tests. 


Partially,  depending  on  the  test  conditions. 


Unknown 

Variable,  depending  on  the  test  conditions. 


Til  -  0.002. 

p' 

=  0.012  at  M  =  0.75. 

q 


Model  incidence  derived  from  support  angle  corrected  for 
model  deflection  under  load  as  obuiincd  by  calibration. 

±  0.005  “ 

See  Fig.  6  for  mounting  details; 

model  incidence  derived  from  support  angle  coreected  for 
model  deflection  under  load  as  obtained  by  calibration. 
Accuracy:  ±  .02“. 


By  both  inclinometer  in  the  model  and  model  support  angle 
corrected  for  model  and  sling  deflection  under  aerodynamic 
load. 

±  0.02“. 


Wing:  252  at  7  spanwise  stations. 

Fuselage:  44  in  upper  and  lower  bottom  line  (see  Fig.  111. 

Differential  transducers  were  used  mainly  ranging  from  17.5 
to  33  kPa  and  connected  groupwise  according  to  the 
expected  pressures. 

Accuracy:  ±  .2%  full  scale. 

Forces  and  moments  were  measured  using  a  six-component 
internal  steain  gauge  balance.  The  position  of  the  balance  is 
shown  in  Fig.  4.  The  ranges  of  the  six  components  are  as 
follows: 


Component  Range 

Axial  force  670  N 

Normal  force  7100  N 

Side  force  1560  N 

Pitching  moment  750  Nm 

Rolling  moment  240  Nm 

Yawing  moment  240  Nm 


Accuracies:  Precision  ±  0.05% 

Bias;  not  determined  precisely  but  believed  to  be  belter  than 

±  0.2%. 
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4.3  Force  and  moment  measurements  (NLR) 


4.3  Force  and  moment  measurements  (ONERA) 

4.3. 1  Type  and  location  of  balance 

4.3.2  Indicate  maximum  range  and  accuracy 
of  all  components 


4.5  Surface  flow  visualizations  (NLR) 


4.5  Surface  flow  visualizations(ONERA) 

4.5. 1  Measurement  technique  applied 

4.5.2  On  which  surfaces  is  the  flow  visualized 

4.5.3  In  what  form  are  data  available 
4.7  Tlmncl  wall  measurements  (DRA) 

4.7. 1  Types  of  measurements 


4.7  Tunnel  wall  mcasurcmenls(ONERA) 

4.7. 1  Type  of  measurements 

4.7.2  Location  and  number  of  pressure  boles 

5  TEST  MATRK  AND  CONDITIONS 

5.1  Detailed  test  matrix 

5.1.1  Number  of  selected  lest  cases 

5.1.2  Number  of  conGgurations 

5.1.3  Refer  to  table 
Test  case  number 
Configuration 
Mach  number 
Reynolds  number 
Model  altitude 

Type  of  measurements 

Refer  to  table 
Test  case  number 
Configuration 
Mach  number 
Reynolds  number 
Model  attitude 
Type  of  measurements 


Task  2”  extended  range 


Component  Range 

Normal  force  9220  N 

Axial  force  930  N 

Pitching  moment  461  Nm 


Accuracy:  ±  .3%  full  scale 


Internal  6-component  strain  gauge  balance  <1>5S  n°  2 

Noraial  force  N  =  20000  N 

Axial  force  A  =  1700  N 

Pitching  moment  M  =  1 700  Nm 

the  accuracy  being  0.1%  full  scale. 

Wing  upper  and  lower  surface. 

Acenaphtene  to  optimize  transition  strips. 

Oil  flow  pictures  during  and  after  a  run. 

Data  available  on  photographs. 


a)  Acenaptfaene  for  transition  location. 

b)  Oil  flow  and  c)  Coloured  liquid  for  wall  streamlines. 

a)  Transition  location  on  the  right  wing. 

b)  Wall  streamlines  on  the  left  wing. 

Phomgrapbs 


Four  static  pressures  were  measured  close  to  the  peak  decre¬ 
ment  in  pressure  on  the  roof  and  two  on  the  floor.  These 
holes  were,  respectively,  IS2mm  upstream  and  downstream 
of  the  balance  centre-line  which  is  IL6iiun  downstream  of 
the  moment  reference  point  of  the  model. 


None,  except  static  pressure  reference  measurements 
See  Fig.  10. 


10 

2  ;  wing/body  (W/B)  and  body  alone  (B) 

Table  1:  Force  measurements 
see  Table  I 

wing/body  body  alone 
0.6,0.710.80 
3.0  10® 

-4"<a<10°,  P  =  0° 
force  measurements  (Fig.  12t. 

Table  2:Pressure  measurements,  M-sweep 

seeTkble2 

wing/body 

M  =  0.6,07, 0,75, 0.76, 0.77,0.78, 0.79, 0.80, 0.81, 0.82 
3.0  10° 

Cl  =0.5 

pressure  distribution  on  wing  and  body. 
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Refer  to  table 
Test  case  number 
Configuration 
Mach  number 
Reynolds  number 
Model  attitude 
Type  of  measurements 

S.2  Model/tunnel  relations 

5.2.1  Maximum  blockage 
DRA-8ft  X  8ft 
NLR-HST 
ONERA-S2MA 

5.2.2  Model  span/tunnel  width 
DRA-8ft  X  8ft 
NLR-HST 
ONERA-S2MA 


Table  T:  Pressure  measurements,  c.  -sweep 

see  Table  3 

wing/body 


C|^  =0  3.0.4, 0.5. 0.6 

pressure  disuibulion  on  wing  and  body  tFig.  13). 


0.0044 

0.0081 

0.0084 

0.480 

0.586 

0.662 


5.2.3  Wing  area/tunnel  cross-section 
DRA-8ft  X  8fl 
NLR-HST 
ONERA-S2  MA 

5.2.6  Adiabatic  wail  temperatures  (DRA) 

5.2.6  Adiabatic  wall  temperaiurcs(ONERA) 

5.3  Transition  details 

5.3.1  Free  or  fixed  Uansition 


0.0244 

0.0454 

0.0469 

Reached  by  ensuring  minimal  excursion  of  model  tempera 
ture  between  wind  on  and  wind  off  conditions. 

yes,  in  principle 

fixed 


5.3.3  Details  of  fixed  transition 


DRA-8ft  X  8(1 


NLR-HST 

ONERA-S2MA 


DATA 

6. 1  Availability  of  data 

6.1.1  Organisation 

6.1.2  Responsible  Person 


see  Fig.  14. 

sparsely  disUibuted  carborundum  grains,  strips  about  2  mm 
wide;  optimized  by  each  wind  tunnel. 


upper  surface  220  K,  lower  surface  180  K 

transition  verified  by  special  DRA  routine  including  drag 

measurements 

upper  surface  180  K,  lower  surface  240  K 
transition  verified  with  acenapblene 

upper  surface  220  K,  lower  surface  240  K 
transition  verified  with  acenapblene 


Deutsche  Forscbungsanstalt  fUr  Luft-  und  Raumfahrt  (DLR) 
Inslitut  filr  Entwurfsaerodynamik 


Dr.-Ing.  C.  Redeker 
DLR 

Postfacb3267 
38022  Braunschweig 
Fed.  Rep.  Germany 

Tel.:  49  531  295  2430;  Fax;  49  531  295  2320 


,-.V( 

;*■ 
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6.1.3  Availability 


Data  arc  freely  available. 


6.2  Suitability  of  data  for  CFD  validation 

6.2.1  Are  data  suitable  for 
'in-tunnel'  calculations? 

6.2.2  Corrections 

6.3  Type  and  form  in  which  data  are  available 

6.3.1  Type  and  form 

6.3.2  Data  carrier 

6.3.3  Extent  of  geometry  data 

6.3.4  Extent  of  aerodynamic  test  data 

6.4  Corrections  applied  to  data  (DRA) 

6.4.1  Lift  interference  and  blockage  co- 
rections 


6.4.4  Sting  corrections 


6.4. S  Aeroelastic  deformation 

6.4  Corrections  applied  to  data  (NLR) 

6.4. 1  Lift  interference  and  blockage  cor¬ 
rections 

6.4.2  Sting  and  support  corrections 


6.4.4  Other  corrections 

6.4.5  Aeroelastic  deformation 


No;  but  uncorrected  data  of  DRA  can  be  used  for  in-tunnel 
calculations. 

Data  are  corrected  to  „free-air“  conditions. 


Tables  of  wing  and  body  geomeuy 

Tables  of  force  coefficients  and  pressure  coefficients 

3.5“  floppy  disk  (geometry  and  aerodynamic  data) 

142  kBytes 

2l3kBytes 


Corrections  to  angle  of  incidence  and  drag  coefficient  for  lift 
interference  obtained  using  linear  theory  [7,  8]  and  the 
measured  lift  coefficient.  The  model  is  small  for  the  test  sec¬ 
tion  and  the  data  are  considered  to  be  globally  correctable 
for  lift  interference. 

Corrections  to  Mach  number  and  firee-stream  static  and 
dynamic  pressures  were  obtained  using  a  method  |9|  that  is 
standard  for  the  8ft  x  8ft  Thnnel.  The  method  is  of  the 
model-representation  type  with  the  model  and  wake  dis¬ 
placement  effects  allowed  for  by  an  axial  distribution  of 
point  sources  and  sinks.  The  solid  walls  are  represented  by  a 
suitable  doubly  infinite  array  of  images.  The  ratio  of  the 
blockage  velocity  increment  on  the  tunnel  centre  line  at  the 
moment  reference  point  to  the  total  (direct  plus  blockage) 
velocity  increment  on  the  tunnel  walls  at  the  pressure  meas¬ 
uring  points  is  then  calculated.  The  ratio  is  then  used  in  con- 
juntion  with  the  measured  pressure  increments  relative  to 
empty-tunnel  conditions  to  give  the  blockage  correction.  No 
corrections  have  been  applied  to  drag  for  blockage  buoy¬ 
ancy,  but  see  below. 

Apart  from  correcting  base  pressure  to  free-stream  static 
pressure,  no  corrections  have  been  applied  for  sting  interfer¬ 
ence.  However,  tests  were  made  with  the  body  alone  as  well 
as  with  the  wing-body.  By  differencing  wing-body  and  body 
alone  data,  it  is  possible  to  obtain  notional  'wing  alone'  data 
largely  tree  of  sting  interference  and  blockage  buoyancy 
effects. 

See  6.4.5  Corrections  applied  u>  data  (NLR). 


For  the  size  of  the  model  data  are  considered  to  be  interfer¬ 
ence  free  (this  is  based  on  a  number  of  comparisons  between 
the  HST  and  other  wind  tunnels). 

Static  pressures  are  corrected  for  the  upstream  support  influ¬ 
ence  using  the  empty  tunnel  center  line  pressure  distribution 
(with  the  model  support  present)  as  measured  with  a  long 
static  pipe. 

Buoyancy  drag  derived  from  static  pressure  variation  as 
measured  with  long  static  pipe  and  support  presenL 

A  theoretical  estimate  hat  been  made  of  the  wing  deforma¬ 
tion  under  Joad  (see  Fit.  IS)  for  the  'design'  condition  at 
Res  3  X  10°.  This  deformation  is  not  included  in  the  geo¬ 
metrical  wing  data. 
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6.4  Corrections  applied  to  data  (ONERA) 

6.4. 1  Lift  interference  and  blockage  cor¬ 
rections 


Are  data  considered  globally  correctable  yes 


Type  of  correction  method  applied 


analytical  [12]. 


Specify  what  data  are  actually  corrected  Tbe  following  corrections,  for  example,  have  been  applied  at 
and  indicate  order  of  magnitude  M  =  0.7S.  C|^  =  0.5 

Mach  number:  AM  =  -  0.0001 
Drag  coef&cient:  Acd=4).00059 


6.4.4  Sting  and  support  correcdons 

Correction  method  Computation  of  the  flowfield  induced  by  tbe  support 

Magnitude  and  typical  variation  of  sup-  The  magnitude  of  support  induced  pressure  field  results,  at 
port  induced  pressure  field  M  =  0.75,  Cl=  0.5.  in  a  correction  of  the  drag  coefficient 

Acds  =  +0.00192 

6.4.5  Aeroelastic  deformatio.n 


How  was  deformation  determined 
Typical  order  of  magnitude 

6.4.6  Other  corrections 


by  NLR  computation 

wing  tip  twist  angle  Aa  =  -  0.43"  (Fig.  15) 

Empty  test  section  flow  buoyancy  leading  to  a  correction  of 
the  drag  coefficient  Acpi^  =  +4).O0O71. 


DATA  ACCURACY  AND  REPEATABILITY 
ASSESSMENT  (DRA) 

7.1  Accuracy 


7.1.1  Freestream  conditions  Incidence  ±0.01' 

Mach  number  ±0.001 

7.1.2  Measured  data 

Forces  and  Moments  Lift  coefficient  ±0.004 

Drag  coefficient  ±0.0004 

Pitching  moment  coefficient  ±0 .00 1 

Pressure  Pressure  coefficient  ±0 .002 


7.2  Repeat  measurements  Tests  of  the  model  in  the  erect  and  inverted  positions  have 

been  made.  Tbe  discrepancies  between  the  two  sets  of  data 
for  tbe  drag  are  well  within  tbe  band  AC|^  =  ±0.0(X)l. 

7.4  Other  tests  made  The  same  model  was  tested  in  the  ONERA-.S2MA  and  NLR- 

HST  wind  tunnels. 


DATA  ACCURACY  AND  REPEATABILITY 
ASSESSMENT  (NLR) 

7.1  Accuracy  estimates 

7.1. 1  Free  stream  conditions 

7.1.2  Measured  data 


7.2  Repeat  measurements 

7.3  Redundant  measurements 


A  Mach  <  ±0.002 
Aa<±0.02' 

A  c,  <  ±0.005 
A  Cp  <  ±0  .0005 
A  cjlJ  <  ±0.002 

A  c^  <  ±0.005  (0.01  in  pressure  peaks) 
no  repeat  measurements  made 

Forces  have  been  measured  with  and  without  pressure  wiring 
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7.4  Other  tests  made 

7  DATA  ACCURACY  AND  REPEATABILITY 
ASSI'SSMENT  (ONERA) 

7-1  Accuracy  estimates 

7.1.1  Free  stream  conditions 

Mach  number 
Model  incidence 

7. 1.2  Measured  data 
Forces  and  moments 

Pressure  coefficients 

7.2  Repeat  measurements 

7.2.1  TVpc  and  number  of  repeat  measure 
ments  within  one  test  campaign 

7.3  Redundant  measurements 

7.3.2  Checks  made  on  internal  consistency  of 
the  data 

7.4  Other  tests  on  same  (nominal)  geometry 

7.4.1  Has  the  same  (identical)  model  been 
measured  in  another  wind  tunnel? 


present. 

Static  load  checks  (‘a-sweeps‘)  have  been  made  with 
model  in  inverted  position  showing  agreement  within  meas¬ 
urement  accuracy. 

Measured  wing  and  body  pressures  have  been  integrated  to 
be  compared  with  measured  overall  forces. 

The  same  model  was  tested  in  the  ONERA-  S2MA  and  in 
the  DRA-8ft  a  8ft  wind  tunnels. 


AM  =  ±  0.001 
Aa  =  ±  0.02° 


Ac,  =  ±  0.006 
Ach  =  ±  0.0004 
Ac"  =  ±  0.0014 

ACp  =  ±  001 


Reduced  number  of  total  force  and  moment  measurements 
as  well  as  wing  pressure  distributions. 


Shock  wave  and  separation  locations  by  pressure  distribu¬ 
tion  and  surface  flow  visualisations.  Buffet  onset  determina¬ 
tion  by  lift  curve,  pitching  moment  curve,  tangential  force 
curve,  rms-value  curve  of  wing  root  strain  gauge,  wing  tip 
accelerometer. 


The  same  model  was  tested  in  the  NLR-HST  and  in  the 
DRA  (former  RAE)  8ft  a  8ft  wind  tunnels  as  a  GARTEUR 
eaeicise. 
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9  LIST  OF  SYMBOLS 

Coordinite  system  of  wing/body  configuration  (see  Fig.  1). 

coordinate  system  of  wing  (see  Fig.  I ) 

half  span  in  s-y  system 

half  span  in  s*-y*  system 

wing  ref.  area 

leading  edge  sweep  angle 

quarter  chord  line  sweep  angle 

local  wing  chord 

aerodynamic  mean  chord 

spanwise  coordinate  non<iimensional 

aspect  ratio  of  wing 

taper  ratio 

fuselage  diameter 

fuselage  length 

Mach  number 

angle  of  attack 

lift  coefficient 

pitching  moment  coefficient  with  ref.  to  (see  Fig.  I ). 

drag  coefficient 

normal  force  coefficient 

tangential  force  coefficient 

freestream  dynamic  pressure 

freestream  static  pressure 

local  surface  pressure 

pressure  coefficient 

Reynolds  number  based  on  aerodynamic  mean  chord 


it,yx 
x*.y*.t* 
s  =  b/2 
s*  =  b*/2 
S 

‘‘'le 

hs 


A  =  b^/S 
X 
D 
1 

M 

a 

C|^  =  M/(q^xSxc) 

Cn  =N/(q^xS  ) 

CT  =  T/(q^xS) 

<1- 

P« 

P 

'p  =  (P-P»>'<l» 

Re 


General  arrangement  of  (he  DLR-F4  wind  tunnel  model 


Defining  section  4 


Fig.  2  Definition  of  the  wing 


forebody 


Fig.  3  Geomctiy  of  the  fuselage 


Balance 


Arrangement  for  mounUng  model  in  the  DRA  8ftx8ft  wind  tunnel 


Reynolds  number  as  function  of  Mach  number  in  empty  test  section  of  NLR-HST 


Fig.  10  S2MA-transonic  test  section  with  test  set-up  of  DLR-F4  model 


Comparison  of  force  and  pitching  moment  coefficients  of  DLR-F4  modei 


!C 
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M=0.60 

M»0.70 

M  =  0.75 

M  ==  0.76 

M  =  0.77 

W/B 

W/B 

W/B 

W/B 

W/B 

NLR-HST 

2.1.1.1 

2.1.I.2 

2.1.I.3 

— 

2.1.1.5 

ONERA-S2MA 

2.2.1.1 

2.2.1.2 

2.2. 1.3 

2.2.1.4 

2.2. 1.5 

DRA-8ftx8ft 

2.3.I.1 

2.3. 1.2 

2.3.1. 3 

— 

2.3. 1.5 

M  =  0.78 

M  =  0.79 

M  =  0.80 

M  >=  0.81 

M  =  0.82 

W/B 

W/B 

W/B 

W/B 

W/B 

NLR  -  HST 

2.1. 1.6 

2.1. 1.7 

2.1. 1.8 

2.1. 1.9 

2.1.1.10 

ONERA-S2MA 

2.2.1.6 

2.2.1. 7 

2.2. 1.8 

2.2.1.9 

2.2.1.10 

DRA  -  8ft  X  8fl 

2.3.1.6 

23.1.7 

2.3. 1.8 

2.3. 1.9 

2.3.1.10 

Ihble  2:  Pmsure  dMrlbutloii,  Mach  Buinbcr  •  iweep  Re  s  3.0'l(l^,  Ci,  =  OJO 


Cl  =  0.3 

Cl  =  0.4 

Cl  =  0.5 

Cl  =  0.6 

W/B 

W/B 

W/B 

W/B 

NLR  -  HST 

3.1.1. 1 

3.1. 1.2 

2.1. 1.3 

3.1.1.3 

ONERA-S2MA 

.3.2.1.1 

3.2.1. 2 

2.2.1. 3 

3.2. 1.3 

DRA  -  8ft  X  8fl 

3.3.1.1 

3.3.1.2 

23.1.3 

3.3.13 

Ihbk  3;  Prenan  dIstributloB,  -  sweep  Re  =  3.0-10^,  M  s  0.75 


ExphnatloB  of  the  Botatioo  of  Table  1  to  Table  3. 

In  order  to  identify  tables  with  the  aerodynamic  data,  they  are  numbered  with  a  four  digit  figure  w.x.y.z. 
The  meaning  of  the  digits  w.x.y.z  is  described  below. 

1 .  digit  describes  the  kind  of  aerodynamica  data 

w  s  1  force  and  moment  data 

w  =  2  pressure  distribution  M-sweep 

w  s  3  pressure  distribution  ci,-sweep 

2.  digit  indicates  the  wind  tunnel,  where  the  data  has  been  achieved 

x=l  NLR-HST 

x:°2  ONERA-S2MA 

X  =  3  DRA.8ft  X  8ft 

3.  digit  determines  the  configuration 

y  =  1  wing/body 

y  s  2  body 


4.  digit  is  I  running  number  to  identify  the  various  cases  in  one  group. 


BS-I 


DLR  •  FS: 

T«st  Wing  for  CFD  and  Applied  Aerodynamics 

H.  Sobieczky 
DLR  Gottingen 


INTRODUCTION 

A  swept  wing  with  symmetricai  sections  was  originally  created  to  serve  two  purposes  [1]: 

First,  the  surface  generator  used  for  data  definition  was  under  deveiopment  for  aerodynamic  design  and 
optimization.  The  wing  created  was  intended  therefore  to  be  a  selected  case  of  a  whole  family  of 
configurations  obtained  by  variation  of  the  input  parameters.  Aerodynamic  design  and  optimization  strat^ies 
call  for  such  variations. 


Second,  CFD  code  development  needs  both  accurate  test  case  geometries  as  well  as  experimental  results 
from  wind  tunnels.  The  latter  usually  suffer  from  corrections  which  still  might  suit  practical  purposes  of 
measuring  aerodynamic  coefficients  but  fall  short  of  the  requirement  to  define  the  flow  conditions  to  the  same 
accuracy  as  geometrical  boundaries  are  known. 

Using  the  generator  software,  a  compromise  was  chosen  by  including  the  closed  wind  tunnel  wall  geometry  as 
a  channel  boundary  surrounding  an  aerodynamic  component.  In  order  to  also  avoid  model  support  problems,  a 
wing  half  model  mounted  on  and  Including  a  splitter  plate  was  used  as  ’configuration'.  Geometry  of  the  flow 
boundaries  was  completely  defined  through  the  simple  rectangular  channel  geometry  completed  by  chosen 
inlet  and  exit  planes.  Flow  data  were  required  at  these  planes  to  formulate  a  boundary  value  problem  tor  CFD. 

In  a  workshop  to  compare  CFD  results  with  the  first  test  case  experiment  (1986),  partners  had  obtained  and 
used  a  computer  code  to  generate  the  wing  and  the  wind  tunnel  boundary  conditions,  along  with  the  absolutely 
necessary  parameters  to  formulate  fluid  dynamic  boundary  conditions  for  the  Navier  -  Stokes  equations  [2]. 
This  software  is  a  simplified  version  of  the  geometry  generator  for  aerospace  configurations  and  CFD  grid 
generation  [3]  which  has  since  been  further  developed  as  an  industrial  tool  for  design  aerodynamics.  The 
experiment  and  the  refined  half  •  model  technique  was  published  (4,  5]  and  the  results  of  the  workshop, 
comparing  numerical  results,  have  been  summarised  (6).  Based  on  these  results  we  may  conclude  that  for 
CFD  this  test  case  turns  out  to  be  a  complicated  one  basically  because  of  the  observed  viscous  flow 
phenomena  on  the  wing.  On  the  other  hand,  the  definition  of  the  complete  boundary  value  problem  makes  the 
case  rather  unique  and,  with  the  help  of  generator  software  and  experimental  data,  easy  to  implement  for  CFD 
validation.  The  workshop  software  updated  by  experimental  results  tor  surface  pressure  distributions  [7]  is 
made  available  in  one  package. 


1. 

GENERAL  DESCRIPTION 

2.1 

General  geometric  arrangement;  See  Fig.  1 
Note  that  the  complete  geometry  is  given  in 

1.1 

Model  name:  DLR  -  F5  Test  Wing 

form  of  generator  software  on  the  disk. 

1.2 

Model  type  and  flow  conditions 

20  deg  swept  wing  (AR  >  9.5)  in  transonic 
flow. 

2.2 

Configurations  tested 

Wing  in  fixed  wind  tunnel  boundary  box 

Supercritical  wing  flow  at  Mach  ~  0.82 

2.3 

Wing  and  airfoil  data:  See  Fig.  2 

1.3  Desigtt  requirements 

Defitthion  of  a  complete  boundary  value 
problem  for  CFD;  analytical  description  of 
wing  geometry. 

1 .4  Dominant  flow  physics 

Swept  wing  flow  with  large  fillet  avoiding 
vortex  at  wing  root  leading  edge. 

Laminar  /  transh'ional  /  turbulent  flow 
Initially  laminar  separation  bubble  at  shock  ■ 
boundary  layer  interaction. 

2.  DETAILS  OF  MODEL 


2.3.1  Planform 

Leading  edge  sweep:  20* 

Trailing  edge  sweep;  12° 

Aspect  ratio:  9.5;  no  twist 
Wing  root:  larg^  fillet  smoothing  comer 
Wing  tip:  rounded 
m.  a.  c.:  170  mm 

2.3.2  Wing  sections 

Defined  from  anatytical  blending  of  an 
NACA  0036  airfoil  at  root  with  a  13%  thick, 
shock-  free  designed  (M.  >  0.78) 
laminar  flow  -  type,  symmetrical  airfoil. 
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L.  e.  radius  /  chord  -  0.005,  t.  e.  thickness  / 
chord  -  0.005  over  most  of  the  wing. 

2.4  Body  data 

No  body;  wing  mounted  to  splitter  plate  (see 
FiO.3) 

2.5  Other  components 

Verticat  splitter  plate  extends  through  top 
and  bottom  wind  tunnel  wall  to  allow  for 
rotation  of  5' 

2.6  Engine  /  pylon  /  nacelle  data:  None 

2.7  Geometric  definition  of  all  components 
Wing,  splitter  plate  and  3  tunnel  walls  are 
solid  parts  of  the  geometric  boundary. 

Inlet  and  exit  plane  also  define  boundary. 
ResuHing  surfaces  defined  by 
software,  evaluating  analytical  relations  of 
geometry  generator  code  E88  [3]. 

Model  production  with  new  CAM  software 
based  on  same  code,  therefore  exceptional 
section  accuracy;  max.  dihedral  deflection 
Az-  0.1mm 

Surface  finish:  <  1  \un 

2.8  Model  support  details:  see  Rg.  2, 3. 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

Transonic  Wind  Tunnel  Gottingen  (TWG)  [8] 

3.2  Organization  running  the  tur>nel 
DLR  •  German  Aerospace  Research 
Estabiishment;  Central  Wind  Tunnel  Division 
Gottingen  Research  Center, 

D-37073  Gottingen,  Germany 

3.3  Tunnel  Characteristics 
Continuous,  closed  circuit 

3.4  Test  Section 

Cross  section  1x1m,  length  4m; 
box  length,  where  measurements  were 
taken,  0.938m 

Slotted  top  and  bottom  walls.  In  the  present 
tests,  these  walls  were  closed;  closed  side 
walls. 

3.5  Freestream  condttions 
Transonic:  0.5  <  M  <  1 .2 

3.5.1  Reference  flow  conditions 

Stagnation  pressure:  Variation  between  0.4 
and  1 .6  bar,  measured  in  settling  chamber. 
Stagnation  temperature:  -310  K,  measured 
in  settling  chamber  and  used  to  determine 
static  temperature.  In  the  present  tests  all 
boundary  conditions  including  static  and  total 
pressures  in  the  inflow  plane  were  measured. 

3.5.2  Tunnel  caltoration 


Static  pipe  and  side  wall  static  pressures  [9] 
Last  calibration:  1986 

3.6  Row  quality 

3.6.1  Flow  uniformity 
M.~0.8:  AM.  -0.001 

Aa  -  AP  <  0.05*  ;  measurements  in  the 
inflow  plane  by  wedge  probe  (detailed  data 
simulation  given  by  generator  code). 

3.6.2  Temperature  variations:  Negligible 

3.6.3  Flow  unsteadiness 

Overall  turbulence  level:  <  0.35% 

Overall  noise  level:  (nF(n))1/2  <  0.001 

4.  INSTRUMENTATION 

4.1  Model  position 

Angle  of  attack  calibration  with  Incremental 
Sensor;  accuracy  0.01 ' 

4.2  Model  pressure  measurements 
Scanivalve  pressure  measurements  on  wing, 
splitter  plate  and  three  tunnel  walls. 

4.2.1  Total  number  and  position 

Wing:  230  pressure  orifices  along  10 
sections  (Figures  2, 6). 

Each  section;  20  on  upper,  3  on  lower 
surface. 

Due  to  symmetry  of  the  sections,  the 
effective  number  of  orifices  was  20  on  each 
surface,  realised  by  a  corresponding 
variation  in  angle  of  attack.  The  3  orifices  on 
the  lower  surface  were  used  to  check  data 
compatibility. 

Splitter  plate:  87  pressure  orifices. 

Tunnel  walls;  67  pressure  orifices. 

4.2.2  Range  and  accuracy  of  pressure  transducers 
PSI 780  B  Pressure  Measurement  System 
with  32  ESP  Sensor  Modules 

Range;  15  PSI; 

Static  error  band;  typical  0.07%  FS; 
calibrated  on-line 

4.3  Force  and  moment  measurements:  None 

4.4  Boundary  layer  and  flow  field  measurements 
Boundary  layer  measurements  at  the 
location  of  the  inlet  and  exit  planes  on  the 
three  tunnel  walls  and  the  splitter  plate;  ftow 
field  measurements  in  the  inlet  and  exit 
planes  (Figures  4, 5) 

4.4.t  Measurement  technique  applied 

Traversable,  calibrated  probes  (Fig.  4); 
pressure  (static  and  pi'ot),  temperature 
and  horiz.  and  vert,  flow  angularity 


Pitot  pressure  rakes  (Fig.  5)  for  tx)undary 
layer  and  wake  profiles. 

4.4.2  Flow  regions  Investigated 
Inlet  flow  plane: 

Total  and  static  pressure,  flow  angles, 
temperature,  boundary  layer  profiles; 

Exit  flow  plane:  As  Inlet,  plus  wake  profiles. 

4.4.3  Influence  of  probe  support 

All  pressure  measurements  on  model  were 
taken  for  each  probe  position  to  control 
influence  on  model  flow  quality. 

Rnal  surface  pressure  data  taken  without 
probes 

4.5  Surface  flow  visualization 

4.5.1  Measurement  technique  applied 
Acenaphtene  method  (sublimation 
technique)  for  visualizing  laminar/turbulent 
surface  flow  boundaries  (Fig.  7) 

4.5.2  On  which  surfaces  is  visualization  technique 
applied?  On  wing  upper  and  lower  surface 

4.5.3  In  what  form  are  data  available? 

An  analytical  'transition  ramp  function'  is 
modelled  from  the  visualization  and  added  to 
the  data  generator  code. 

4.6  Flow  field  visualization:  None 

4.7  Tunnel  wall  measurements 

Surface  pressure  measurements,  see  4.2 

4.8  Other  measurements 

Monitoring  unsteady  flow  onset  by  tip 
mounted  accelerometer  and  observing  root 
bending  moment  measured  by  strain  gages. 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 

Mach  number  (inlet  plane)  M_  «  0.82 
Angles  of  attack:  0  and  2  degrees 
(geometric) 

Re  >  2.0x10*  (based  on  mean  chord  of  1 70 
mm) 

5.2  Model  /  tunnel  relations 
Configuration  consists  of  whole  tunnel 
boundary  box  with  wing; 

■  maximum  blockage:  0.0091 
•  model  span  /  tunnel  width:  0.77 
-  adiabatic  wall  conditions  have 

5.3  Transition  details:  Free  transition,  see  4.5.1 

6.  DATA 

6.1  AvailabNity  of  data 


6.1 .1  Organization  owning  data:  DLR 

6.1.2  Responsibility  for  data 
H.  ^ieczky 

tel.  (49)  (551)  709  2287 
fax  (49)  (551)709  2101 
internet  e-mail:  helmut(S>ts.go.dlr.de 

6.1 .3  Are  data  freely  available?  Yes 

6.2  Suitability  of  data  for  CFD  validation 
Complete  formulation  of  viscous  flow 
boundary  value  problem,  wKh  geometry., 
analytical  inlet  and  exit  fbw  m^els. 

Data  already  used  for  Navier-Stokes 
workshop  computations.  Ref. [6]. 

6.3  Type  and  form  in  which  data  are  available 
Diskette  with  analytical  geometry  generator 
FORTRAN  code  and  selected  surface 
pressure  data  [7]. 

6.4  Corrections  applied  to  data 

No  corrections  to  measurements. 

Elastic  model  deformation  for  lifting  flow 
case  (a  -  20)  negligible;  determined  by 
bench  test. 

7.  DATA  ACCURACY  AND  REPEATABIUTY 
ASSESSMENT 

7.1  Accuracy  estimates 

7.1.1  Freestream  conditions 

Inlet  Mach  number  (0.82)  and  flow  angularity 
measured  with  calibrated  probe: 

AM-  0.001;  Aa  -  0.02’  ;  Pressure 
coefficients:  Acp  ~  0.002 

7.1 .2  Acenaphtene  visualization 
Photographic  evaluation  and  analytical 
approximation  by  suitable  generator 
functions  (Fig.  8). 

7.2  Repeat  measurements 
Within  a  lew  days  some  of  the 
measurements  were  repeated  several  times. 
Differences  of  Acp  0.002  were  observed. 

7.3  Other  tests  made 

A  new  experiment  with  DLR  -  F5  has  been 
made  in  1990  with  other  flow  parameters. 
Further  tests  in  an  adaptive  wall  test  section 
will  be  carried  out  in  1994/1995. 
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Figure  1 :  Wind  tunnel  arrangement:  1  Wing,  2  Splitter  plate,  3  Tunnel  walls,  4  Fourth  wall  con¬ 
toured,  5  Inlet  flow  control  plane,  6  Exit  flow  control  plane,  7  Pressure  orifices  (total:  416)  on 
win^.  plate  and  walls,  8  Traversable  probe  or  rake  in  inlet  and  exit  planes,  9  Splitter  plate  leading 
edge  with  transition  strip,  10  Bypass  channel,  1 1  Suction  devices.  12  Diffusor  flap,  13  Rotation 
device  for  plate  plus  wing,  14  Acceleration  and  strain  gages. 


Figure  2:  (a)  Theoretically  shock-free  designed  symmetrical  airfoil  as  basic  wing  section, 

(b)  Wing  planform  view,  mounting  to  splitter  plate  and  tunnel  wall.  Pressure  orifices  on  wing. 


Figure  4;  Traversable  Probe  (a)  for  static  and  pitot  pressure,  horizontal  and  vertical  flow  angu 
larity,  temperature.  Traversing  paths  of  probe  in  inlet  plane  (b)  and  exit  plane  (c). 

Inlet  flow  Mach  number  distribution  (d),  exit  flow  static  pressure  distribution  (e);  analytic  ap¬ 
proximation  by  boundary  conditions  generator  code. 


Figure  5:  Wake  rakes  (a),  Measured  boundary  layer  profiles  in  inlet  and  exit  plane  (b) 
Measured  wake  amplitude  distribution  behind  wing  in  exit  plane  (c) 


Static  pressure  on  the  wing 
Mach  *  0.82,  a  .  2® 


Fig.  6:  Selected  pressure  distributions  for  Mach  =  0.82,  a  =  2' 


Figure  7:  Acenaphtene  visualization  (Sublimation  technique)  of  laminar  /  turbulent  boundary 
layer  on  the  wing  surface. 

(Mach  =  0.82,  a  =  2‘’,  upper  surface) 
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Low  Aspect  Ratio  Wing  Experiment 

Mike  Olsen 
H.  Lee  Seegmiller 

NASA  Ames  Research  Center,  Moflett  Field,  California 


0.  INTRODUCTION 

This  test  was  initiated  to  provide  validation  data  on 
low  aspect  ratio  wings  at  transonic  speeds.  This  is 
one  of  the  NASA  code  validation  experiments  de¬ 
scribed  in  references  1  and  2.  The  test  was  con¬ 
ducted  so  that  the  data  obtained  would  be  useful 
in  the  validation  of  codes,  and  all  boundary  condi¬ 
tion  data  required  would  be  measured  as  part  of  the 
test.  During  the  conduct  of  the  test,  the  measured 
quantities  were  checked  for  repeatability,  and  when 
the  data  would  not  repeat,  the  cause  was  tracked 
down,  and  either  eliminated,  or  included  in  the  mea¬ 
surement  uncertaunty.  The  accuracy  of  the  data  was 
in  the  end  limited  by  wall  imperfections  of  the  wind 
tunnel  in  which  the  test  was  run. 

1.  GENERAL  DESCRIPTION 

1.1  Model  Name 

Low  Aspect  Ratio  Wing 

1.2  Model  Type  and  flow  conditions 

This  is  a  3D,  semispan  model.  The  flow  conditions 
are  transonic  at  high  Reynolds  Number,  and  include 
conditions  with  LEV(leading  edge  vortex)  flow. 

1.3  Design  requirements.  Purpose  of  Test 

The  test  was  designed  to  provide  a  data  set  which 
would  allow  the  unambiguous  validation  of  transonic 
flow  codes.  As  such,  any  sort  of  ‘wind  tunnel  cor¬ 
rections’  were  considered  unacceptable  in  the  use  of 
this  data.  Thus,  the  test  was  run  with  the  idea  that 
the  computer  should  be  able  to  accurately  model  the 
actual  test  conditions.  This  implied  then  that  the 
focus  of  the  experimental  effort  was  in  documenting 
the  actual  flow  conditions,  and  test  geometries,  as 
opposed  to  attempting  to  correct  for  tunnel  walls. 

1.4  Dominant  flow  physics 

The  experiment  concentrates  on  transonic  flow.  The 
experimental  conditions  range  from  subcritical  at¬ 
tached  flow  to  supercritical  flow  with  multiple  shock 
waves  and  with  a  detached  leading  edge  vortex.  ‘Tta- 
ditionai’(i.e.  closed)  separations  are  also  among  the 
flow  physics  encountered. 

1.5  Additional  Remarks 

The  flow  conditions  were  chosen  so  that,  at  each  an¬ 


gle  of  attack  less  than  8°,  the  lowest  Moo  was  sub- 
critical  and  one  Afn>was  close  to  Afw"  when  this  was 
possible.  (At  eight  degrees  angle  of  attack,  the  flow 
was  supercritical  near  the  leading  edge  even  at  Moo= 
0.600.)  Some  of  the  cases  in  the  experiment  are  pre¬ 
dicted  reasonably  well  with  a  free-air,  transonic  full 
potential(^  inviscid),  code.  By  first  solving  the  ‘easy 
case’  and  then  progressing  to  the  more  challenging 
cases  at  a  given  angle  of  attack,  the  confidence  in 
the  numerical  modelling  of  the  geometric  details  can 
be  established  before  simulation  of  more  demanding 
flow  physics  is  attempted. 

2  DETAILS  OF  MODEL 

2.1  General  geometric  arrangement 

The  model  tested  is  a  semispan,  low  aspect  ratio 
wing.  It  is  mounted  in  a  tunnel  2.4  toot  chords  in 
height,  and  1.6  root  chords  in  width.  The  model  is 
symmetric  about  the  s(vertieal)  axis,  as  is  the  mount¬ 
ing  and  the  wind  tunnel  walls  (See  fig  1.0) 

2.2  Conflguratlon  Features 

Single  configuration  reported  in  this  paper. 

2.3  Wing  Geometry 
2.3.J  PJuiform 

Aspect  Ratio :  3.2 
Taper  Ratio ;  0.25 
Leading  Edge  Sweep  :  36.87° 

Trailing  Edge  Sweep  :  0.00  ° 

Twist  Distribution  :  Untwisted 

Semispan  :  254.  mm  (ICr) 

Tip  Geometry  :  When  cut  along  constant 
planes  of  constant  x/c, 
tip  is  a  circular  arc  sec¬ 
tion.  The  arc  is  tangent 
to  the  wing  surface  at  the 
upper  and  lower  sections 
of  the  wing(Fig  Ic). 

Wing  Junction  :  No  fillet  or  smoothing. 
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lb)  Wing  Tip  Details  (Section  A — A) 


Ic)  Airfoil  (Section  B — B) 

FIGURE  1.  Wing  Geometry,  with  section  cuts  along  con¬ 
stant  x/c  and  2y/b 


2.3.2  Buie  wing  Section 

The  airfoil  section  used  was  the  NACA  64A010,  ob¬ 
tained  from  a  program  to  calculate  6-series  airfoils 
(reference  3). 

t  Airfoil  Shape;NACA  64A010  (Fig  2) 

•  Thickness/Chord  Ratio:  .10  (10%  thick) 

•  Nose  Radius/Chord:  0.00687) 

2.3.3  Other  wing  componenti 
None 

t  Ftom  Abbot  and  Von  Doenboff,  reference  4 


2.4  Body  Data 
No  Body 

2.5  Empennage 
No  empennage 

2.S  Engine/Pylon/Nacelle 
None 

2.7  Geometric  definition  of  all  components 

The  airfoil  shape  was  obtained  using  Ref  3.  The  ac¬ 
tual  profile  of  the  airfoil  section  was  checked  at  the 
root  and  tip.  Overall  tolerance  was  within  13  pm 
at  these  stations.  The  surface  roughness  was  called 
out  as  v/63,  but  the  actual  surface  of  the  completed 
model  was  smoother  than  this.  The  surface  finish  of 
the  model  (away  from  the  leading  edge)  is  still  mir¬ 
rorlike,  but  the  leading  edge  of  the  wing  has  been 
roughened  by  debris  in  the  airstream.  The  surface 
roughness  measurements  12mm  downstream  of  the 
leading  edge  were  less  than  0.5  pm.  I'he  roughness 
measurements  of  the  wing  over  the  portion  which  still 
appears  mirrorlike  were  less  than  .1pm,  the  lower 
limit  of  the  measurement  accuracy. 

2.8  Model  Support  Details 

Model  was  semispan,  and  hence  was  bolted  to  the 
wind  tunnel  wall  at  the  root.  The  root  of  the  wing 
contsiins  alignment  pins  assuring  that  the  model  can 
not  rotate  relative  to  the  turntable. 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  Designation 

High  Reynolds  Number  Channel  II. 

3.2  Organisation  operating  the  tunnel 
Thermo-Physics  Facilities  Branch 
NASA' Ames  Research  Center 

3.3  Tunnel  Characteristics 

This  facility  b  a  blowdown  wind  tunnel,  which  oper¬ 
ates  at  high  total  pressures  (up  to  3.3atm  in  this  test) 
to  acheive  high  Reynolds  number  flow.  The  Reynolds 
numbers  acheived  during  this  test  were  nominally  8 
and  14  million,  based  on  wing  root  chord.  The  test 
section  walls  are  solid,  and  diverged  to  account  for 
tunnel  empty  boundary  layer  growth.  In  the  current 
tunnel  configuration,  the  freestream  Mach  numbers 
range  from  .6  to  1.0.  As  thb  is  a  solid  wall  test 
section,  the  actual  upper  limit  on  the  Mach  number 
depends  on  the  model  blockage  and  the  wall  config¬ 
uration. 

The  wind  tunnel’s  upstream  tunnel  boundary  layer 
suction  system  was  removed  for  this  test,  and  the 
suction  panels  replaced  with  windows  to  allow  for 
optical  access  and  to  provide  unambiguous  upstream 
boundary  conditions. 

The  run  times  were  sufficiently  long  to  allow  at  least 
45  seconds  of  steady  flow  after  the  wind  tunnel  came 
to  within  .0005  of  the  desired  Ma>.  The  wind  tunnel 
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is  described  in  detail  in  reference  6. 

3.4  Test  Section 
3.4,1  Test  Section  Dingtun 

Mng  MO  iMdns  Edgs-f  f-Tumm  CM»m 
0  47S-^  t»- 


1 


2a)  Plan  View 


2b)  Side  View 

FKSURE  2.  DiaKram  of  HRC*II  test  section  wall  and 
mounting  details.  Dimensions  are  in  wing  root  chords. 


A  diagram  of  the  test  section  of  the  High  Reynolds 
Number  Channel  II  is  shown  in  figure  2. 

3.4.2  Test  Section  DimensioaM 
Width  ;0.406mt  (1.6Cr) 

Height  :0.610mt  (2.4C,) 

Length  ;2.340  m  (9.2125Cr) 

3.4.3  Wall  Geometry  DettUs 

The  test  section  is  rectangular,  with  a  ratio  of  height 
to  width  of  3:2  at  the  upstream  entrance  to  the  test 
section.  The  side  walls  are  straight,  and  the  upper 
and  lower  walls  were  diverged  slightly  to  allow  for 
boundary  layer  growth. 

The  entrance  section  of  the  wind  tunnel  has  straight 
parallel  walls,  and  extends  approximately  .7  m  from 
the  inlet.  At  this  point,  the  upper  and  lower  walls 
begin  to  thin,  and  1.2  m  from  the  inlet,  the  walls  are 
1/5  of  their  original  thickness.  This  is  the  location  of 
the  first  wall  jacking  station  which  control  the  upper 
and  lower  walls  locations.  There  are  a  total  of  7  wall 
jacking  stations. 

For  this  test,  the  wall  jacking  stations  were  adjusted 
for  tunnel  empty  boundary  layer  growth,  by  diverg¬ 
ing  the  walls  at  an  angle  of  O.!!*  from  the  tunnel 
centerline  at  the  jacking  stations.  The  upper  and 


lower  walls  were  then  scaled  to  the  sidewalls  with  a 
bead  of  silicone  caulk  to  prevent  mass  flow  between 
(he  test  section  and  the  surrounding  plenum  cham¬ 
ber. 

3.6  FVeestream  Conditions 

3.5.1  Determinetioa  of  reference  How  conditions 

The  freestream  Mach  number  by  which  the  results 
are  organized  and  conditions  matched  were  calcu¬ 
lated  from  a  static  pressure  tap  located  2.525Cr  up¬ 
stream  of  the  wing  root  leading  edge,  on  the  opposite 
sidewall  of  the  test  section.  The  total  pressure  was 
measured  by  a  total  pressure  probe  located  2.25Cr 
upstream  of  the  wing  root  leading  edge,  and  .7Cr 
below  the  centerline  of  the  wing  tunnel. 

The  total  temperature  of  the  incoming  air  was  mea¬ 
sured  in  the  stagnation  chamber  upstream  of  the  test 
section  with  3  thermocouples  located  in  the  stagna¬ 
tion  chamber.  The  static  temperature  was  then  esti¬ 
mated  assuming  adiabatic  flow  from  the  stagnation 
chamber  to  the  test  section. 

The  freestream  Mach  number  was  computed  from 
the  ratio  of  the  static  and  total  pressures  measured, 
and  was  required  to  match  to  0.001  (as  a  worst  case) 
for  checks  of  repeatability,  or  to  obtain  the  two  pres¬ 
sure  distributions  (lee  and  windward)  for  a  single 
condition  from  two  separate  tunnel  runs. 

3.5.2  T)inBel  Ctlibntion 

The  most  complete  investigation  of  the  flow  proper¬ 
ties  of  the  wind  tunnel  was  conducted  in  1982,  at  the 
time  of  its  commissioning.  This  is  reported  in  refer¬ 
ence  6.  The  tunnel  is  ‘recalibrated’  when  the  model 
is  removed  from  the  test  section  for  any  changes. 
The  most  recent  calibration  of  this  sort  was  between 
the  pressure  and  laser  Doppler  velocimeter  sessions 
of  the  test,  when  the  model  turntable  was  replaced 
with  a  new  turntable  with  windows.  This  calibration 
consists  of  simply  measuring  the  wall  pressures  and 
inflow  boundary  layers  for  some  flow  conditions,  to 
verify  that  the  tunnel  wall  Cp  have  not  changed  from 
those  obtained  at  the  start  of  the  test. 

3.6  Flow  Qusdity  (empty  tunnel) 

3.6.J  Flow  uniformity 

The  static  pressure  variations  in  the  tunnel  depend 
on  the  Mach  number  and  angle  of  attack,  as  the 
test  was  performed  in  a  closed  wall  test  section  at 
transonic  speeds.  The  spatial  variation  in  Cp  far  up¬ 
stream  of  the  model,  and  in  Cp  at  symmetric  loca¬ 
tions  for  positive  and  negative  angle  of  attack  reveal 
a  nonuniformity  in  Cp  less  than  .01  for  all  conditions 
in  the  test. 


t  At  entrance  section 


The  inflow  velocity  was  measured  with  a  laser  Dopp¬ 
ler  velocimeter  with  and  without  the  model  in  the 
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luiinel.  Tliis  measuremenl  was  obtained  1.775Cr  up¬ 
stream  of  the  wing  leading  edge  at  3  span  locations,  i) 
=  .4,  .8,  and  1.2,  along  the  central  1/3  of  the  tunnels 
vertical  extent.  The  flow  was  uniform  to  within  the 
measurement  accuracy  (±.0111/07).  The  flow  angu¬ 
larity  measured  by  the  two  component  laser  Dopp¬ 
ler  velocimeter  was  also  uniform  and  consistent  with 
the  inclinometer  readings  to  the  accuracy  of  the  LOV 
(.5»). 
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FIGURE  3.  Inflow  Velocity  Profile  at  upstream  window 

Another  means  of  determining  the  incoming  velocity 
is  by  using  the  poo,  pt,  and  Tt  measurements.  The 
Poo  and  Pt  measurements  allow  the  computation  of 
an  isentropic  Mach  number,  Afoo.  With  this  Mach 
number,  uoo/st  can  be  calculated,  at  can  be  calcu¬ 
lated  from  the  Tt  measurements,  and  thus  «oo  can  be 
computed.  The  resulting  velocity,  soo,  can  be  used 
to  normalize  the  laser  Doppler  velocimeter  measure¬ 
ments,  and  a  picture  of  the  uniformity  of  the  incom¬ 
ing  flow  can  be  drawn  independent  of  the  Afoo.  and 
Rec„  of  the  flow.  A  plot  of  this,  with  the  data  for 
three  separate  runs,  with  three  different  flow  condi¬ 
tions  overlaid  is  shown  in  figure  3. 

The  total  pressure  was  also  measured  (although  not 
to  compute  Mach  number)  by  the  exterior  portions 
of  two  boundary  layer  rakes  on  both  sides  of  the 
wind  tunnel,  and  the  pressures  measured  outside  of 


the  wind  tunnel  boundary  layer  agreed  with  the  to¬ 
tal  pressure  measured  for  Mach  number  determina¬ 
tion  to  within  3  parts  per  10,000.  Thus  it  was  con¬ 
cluded  that  the  total  pressure  of  the  incoming  flow 
was  extremely  uniform  over  the  3  upstream  location 
at  which  it  was  measured. 

3.6.2  Temperature  Variation 

The  temperature  cannot  be  controlled  during  a  tun¬ 
nel  run,  and  can  vary  by  30 ’C  over  the  course  of 
a  run.  During  the  portion  of  a  run  in  which  the 
averaged  data  is  obtained  however,  the  variation  is 
generally  less  than  5*C,  and  is  reported  along  with 
the  specific  data  set.  No  measurement  of  the  spatial 
variation  of  temperature  is  available,  but  it  should  be 
negligible.  The  laser  Doppler  velocimeter  data,  the 
only  data  of  the  set  which  will  drift  with  the  dropping 
temperature,  is  normalized  by  a.  or  uoo  compensates 
for  the  temperature  changes. 

3.6.3  Flow  l/osteadiaess 

Overall  Turbulence  Level-  u'/uoo  =  .005 
4  INSTRUMENTATION 

4.1  Model  Position 

4.1.1  Technique  for  Measurement  of  Geometrical  Incidence 
The  geometrical  incidence  was  measured  using  a  me¬ 
chanical  inclinometer  to  measure  the  inclination  of 
the  turntable  on  which  the  model  was  mounted.  As 
the  model  was  mounted  with  two  (press  fit)  align¬ 
ment  pins  to  the  turntable  this  was  equivalent  to 
measuring  the  wing  inclination  directly.  As  the 
model  is  symmetric,  the  relative  inclination  of  the 
flow  to  the  wing  was  measured  by  finding  the  inclin¬ 
ation  of  the  wing  about  which  the  upper  and  lower 
surface  taps  on  the  wing  would  produce  equal  Cp 
at  negative  and  positive  or.  This  condition  deter¬ 
mined  a  =  0.  This  angle  was  identical  (to  within 
measurement  accuracy  of  the  inclinometer  and  Cp) 
for  all  angles  at  which  the  model  was  run  (0,  ±2,  ±5 
&  ±8*).  This  measurement  was  also  consistent  (as 
noted  above  under  flow  uniformity)  with  the  tun¬ 
nel  empty  laser  Doppler  velocimeter  measurements, 
although  these  were  much  less  precise  than  the  incli¬ 
nometer  and  Cp  measurements. 

4.1.2  Accuracy  of  Gtomelrictl  Incidence  Mensurment 
The  repeatability  of  this  measurement  is  to  within 
.03*.  The  scatter  in  the  Cp  measurements  used  to 
provide  the  aerodynamic  angle  of  attack  is  of  the 
same  order.  Thus,  the  accuracy  of  this  measurement 
can  be  considered  to  be  ±.03*. 

4.3  Model  Pressure  Measurements 
4.2.1  Total  Number  of  Pressure  Measaremeots 

On  the  wing,  there  were  128  pressure  taps  located 
along  5  span  stations  on  the  upper  surface  of  the 
wing,  as  shown  in  figure  4.  Four  pressure  taps  were 


rale  for  an  individual  pressure  ineasurment  of  lOHz. 
The  slowest  pressure  tap  had  a  time  response  (1/e 
point)  of  better  than  .1  sec  based  upon  a  vacuum  step 
response  test.  Based  upon  this,  and  pressure  step 
changes  occuring  on  the  model,  the  data  appear  to 
be  accurately  measured  from  lOHz  to  DC.  No  anti¬ 
aliasing  filters  were  employed.  The  data  compiled  for 
mean  Cf  measurements  had  no  significant  deviations 
with  time,  other  than  random  deviations. 

4.3  Fbrce  and  moment  measurements 

No  integrated  force  or  moment  measurements  were 
conducted. 

4.4  Boundary  layer  and  flow  field  measurements 
4.4.i  Mesauremeat  techaique  applied 

A  two  component  laser  Doppler  velocimeter  system 
was  utilized  to  measure  flowfield  axial  and  vertical 
velocities  at  one  flow  condition  -  Mea  =  .775,  a  =  5  ° , 
Aec„  ae  14  X 10*.  In  addition,  inflow  boundary  tunnel 
boundary  layers  were  measured  at  all 


FKSURE  4.  PIsnform  of  wing  showing  upper  and  lower 
surface  pressure  taps 

located  on  the  lower  surface  of  the  wing  to  deter¬ 
mine  the  angle  of  attack  and  the  symmetry  of  the 
flow  at  the  30%  and  50%  span  stations,  also  shown 
in  figure  4.  The  pressure  taps  were  .254mm  in  diam¬ 
eter,  created  using  EDM  machining,  and  were  drilled 
normal  to  the  wing  surface. 

4.2,2  JUnge  sad  accuracy  of  (he  pressure  (rassducers 
The  pressure  transducers  used  to  measure  the  pres¬ 
sures  on  the  model  were  45  psia  (n  300KPa)  pres¬ 
sure  cells.  The  wall  pressure  measurements  utilizied 
ISpsig  («  lOOKPa)  pressure  cells.  These  pressure 
cells  were  calibrated  at  the  start  of  each  tunnel  run 
using  the  Barocel  pressure  transducers  as  secondary 
standards.  The  bwocels  in  turn  were  calibrated  us¬ 
ing  a  dead  weight  tester  as  a  primary  standard  at  3 
times  during  the  pressure  measurement  phase  of  the 
test.  The  accuracy  of  the  calibrations  was  ±  0.01  psi 
in  terms  of  the  standard  deviation  of  the  calibration. 
The  pressures  measured  during  the  run  were  the  de¬ 
viations  from  the  tunnel  static  pressure,  yeilding  an 
overall  accuracy  of  ±  0.02  psia.  These  imply  an  ac¬ 
curacy  of  ±0.0003  in  p/p«.  This  level  of  accuracy  is 
refered  to  as  the  measurement  accuracy,  and  is  much 
higher  than  the  accuracy  of  the  overall  data,  when 
tunnel  wall  and  model  imperfections  are  considered 
as  part  of  the  true  accuracy  of  the  data  set.  This  level 
of  accuracy  was  important,  however,  in  maintaining 
a  ‘controlled  experiment’  in  the  sense  of  reference  9. 
4.2.  J  Are  dyatmk  preasates  meassredf 
The  pressures  measured  during  the  run  bad  a  sample 
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FIGURE  5.  Wake  surveyi;Afcio=.775,  0=7.92'’, 
/tec„=H  X  10*  at  five  span  locations.  Shown  here  are 
mean  axial  and  vertical  velocities,  and  the  three  Reynolds 
stress  terms  measured. 


flow  conditions  documented  with  two  total  pressure 
rakes. 

4.4.2  Flow  regions  iovestigaled 
The  velocities  in  the  wake  and  over  the  suction  sur¬ 
face  of  the  wing  were  measured  at  5  span  stations. 
The  wake  surveys  extend  above  and  below  the  trail¬ 
ing  edge  0.2Cr,  0.025Cr  behind  the  trailing  edge  of 
the  wing.  The  suction  side  surveys  were  conducted 
0.1, 0.15, 0.25,0.45Cr  above  the  wing  reference  plane, 
and  extend  ahead  of  the  leading  edge  and  behind  the 
trailing  edge  of  the  wing. 
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Inflow  velocities  were  measured  far  upstream  of  the 
wing  with  the  wing  in  and  out  of  the  tunnel,  and  with 
the  wing  non-lifting  and  at  maximum  C/. .  The  flow 
was  uniform  to  measurement  accuracy  (±.00Sat),  and 
the  influence  of  the  wing  could  not  be  measured  at 
this  upstream  location  in  either  the  lifting  or  nonlift¬ 
ing  condition. 

4.4.3  Probe  tad  probe  support  details 
The  method  used,  laser  Doppler  velocimetry,  is  non- 
intrusive.  The  boundary  layer  rakes  were  upstream 
of  the  wind  tunnel  model  on  both  sidewalls  of  the 
tunnel.  The  individual  tubes  of  the  rake  were  2.54mm 
(.OlCr)  apart,  with  the  nearest  tube  touching  the 
tunnel  wall.  The  15  tubes  on  each  rake  thus  extended 
from  .005  to  .145  root  chorda  into  the  flow. 

4.5  Surface  flow  visualisation 
4.5.J  Measurement  tedtaique  applied 

The  measurement  technique  used  to  measure  the  sur¬ 
face  flow  direction  is  a  variant  of  the  Settles  lamp¬ 
black/kerosene  technique.  The  model  was  painted 
with  a  mixture  of  flourescent  chalk  and  fuel  oil  (less 
volatile  than  kerosene)  and  observed  with  a  video 
camera  to  verify  that  conditions  captured  wer.  those 
of  the  steady  state  conditions  and  not  startup  or 
shutdown  transients.  After  the  run  was  comph  te,  the 
data  were  recorded  photographically.  The  conditions 
for  which  the  surface  flow  directions  were  recorded 
are  at  5  *  and  v  ’  on  the  suction  surface  of  the  wing. 

4.6.2  On  which  surthces  is  the  flow  visualised 
The  majority  of  the  flow  visualisation  pictures  were 
taken  of  the  suction  surface  of  the  wing.  Some  lim¬ 
ited  pictures  are  available  of  the  sidewall  on  which 
the  iiiodel  VOS  mounted. 

4.6.3  In  whi't  form  are  the  data  available 

The  data  will  be  available  as  8  x  10  photographs  or 
as  Postscript  tiles. 

4.6  flow  flekl  visualization 

All  flowfield  visualization  techniques  attempted  to 
this  date  created  unacceptable  changes  in  the  flow- 
field  over  the  wing. 

4.7  Tunnel  wall  measurements 

4.7.1  Type  of  measurements 

The  wind  tunnel  is  instrumented  with  56  taps  in  the 
upper  and  lower  walls  located  in  two  rows,  25.4  mm 
from  the  tunnel  centerline.  The  sidewalls  are  instru¬ 
mented  with  56  taps  arrayed  in  3  rows  along  with 
two  (tunnel)  boundary  layer  rakes  each  with  15  taps. 
Boundary  layer  measurements  from  these  two  rakes 
are  shown  for  0*  and  8*  angle  of  attack,  and  the 
extreme  insensitivity  to  the  model 

attitude  is  apparent  (figure  6).  Limited  surface  flow 
direction  measurements  are  available  for  the  mount¬ 
ing  wall  at  high  angle  of  attack. 
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•  "Fsr  sida  rake,  O  —  Near  side  rake,  a”0° 

■  “Far  side  take.  a“7.92°  □  —  Near  side  rake,  a-7.92 

FIGURE  6.  Tunnel  wall  boundary  layer  measurements 
showing  insensitivity  to  model  attitude. 


4.7.3  Location  and  number  of  pressure  taps 
A  diagram  of  the  test  section  showing  the  location  of 
the  wall  pressure  taps,  as  well  as  other  measurement 
locations  is  shown  in  figure  6The  pressure  taps  on 
the  tunnel  walls  (as  opposed  to  those  on  the  model) 
are  .78  mm  in  diameter. 

4.8  Other  measurements  and/or  instrumentation 
6  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 

This  is  given  in  table  1,  at  the  end  of  this  paper. 

5.1.1  Number  of  selected  lest  cases 

22  complete  test  conditions  (with  both  lee  and  wind¬ 
ward  surface  pressure  measurements)  are  included. 
Low  Reynolds  number  data  (Rec„  w  7  x  10®)  were 
excluded  from  the  AGARD  dataset,  but  are  avail¬ 
able  in  the  TM. 

5.1.2  Number  of  configurations  tested 

One  configuration,  wing  alone,  is  reported  here. 

5.1.3  Table  of  lest  conditions 

A  detailed  listing  of  test  conditions  is  contained  in 
table  I,  at  the  end  of  the  report. 

5.2  Model/tunnel  relations 

5.2.1  Maximum  Blockage 

The  maximum  blockage  was  less  than  1.63%. 

5.2.2  Model  spaa/Cunsel  width 

The  ratio  of  the  model  span  to  tunnel  width  is  0.625. 

5.2.3  Pltuform  Area/Tbooel  Cross  Section 

The  ratio  of  the  model  planform  area  to  tunnel  cross 
section  is  0.163 
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7«)  Plan  View 


7b)  Side  View 


FIGURE  7.  Diagram  of  HROII  Teat  Section  showing 
measurement  location  details 


Even  at  the  regions  of  the  wing  with  the  highest  unit 
Reynolds  number,  the  roughness  Reynolds  number 
is  certainly  less  than  36,  which  is  less  than  120,  the 
limit  at  which  the  roughness  becomes  effective. 

The  location  of  transition  can  be  fixed  by  exami¬ 
nation  of  the  surface  flow  visualisation  photographs. 
The  method  used  to  visualize  the  surface  flow  direc¬ 
tion  gives  a  clear  indiction  of  transition,  as  the  chalk 
is  "scrubbed”  away  just  downstream  of  the  transition 
location.  This  line  is  easily  identified  on  the  flow  vis 
photographs,  such  as  the  one  reproduced  in  figure  8, 
corresponding  to  the  conditions  documented  by  wake 
measurements. 


5.2.4  Beigbt/Cbord  Rttio 
Inapplicable 

5.2.5  Widtb/Chotd  Ratio 
Inapplicable 

5.2.6  Bare  adiabatic  wail  temperatures  been  reached? 
This  is  unknown,  but  over  the  period  used  to  aver¬ 
age  for  mean  pressures,  the  tunnel  freestream  total 
temperature  is  relatively  constant.  Heat  transfer  is 
not  deemed  an  important  phenomena  in  this  test. 
5.3  TVansition  details 

5.3. J  Was  test  made  with  tree  or  fixed  transition? 

The  test  was  conducted  with  free  transition. 

5.3.2  Details  of  tree  traaaition 
Fixing  transition  was  attempted  with  fine  grit  at  less 
than  10%  chord,  but  the  effects  of  this  grit  were  only 
a  local  perturbation  of  the  airflow  due  to  the  height 
of  the  grit.  No  measureable  variations  in  the  pres¬ 
sures  were  created  outside  of  the  region  of  the  grit. 

From  the  roughness  measurements,  the  leading  edge 
of  the  wing  has  a  roughness  of  .5(tm.  Using  the 
freestream  conditions  of  this  test,  the  maximum 
roughness  Reynolds  number  satisfies 


FIGURE  >.  Flow  vifualizition  photograph  showing  transi¬ 
tion  location,  A/oosO.775,  q=5',  Rec/,=13  xlO®.  Tran¬ 
sition  line  is  just  behind  leading  edge. 
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FIGURE  9.  A  comparison  of  the  Cp  distribution  for  the 
clean  wing  (open  symbol)  and  with  the  Settles  tech- 
nique(closed  symbol).  Outliers  caused  by  plugged  taps 
not  removed. 

For  ail  of  the  data  at  S  ° ,  the  transition  location  is 
well  below  ten  percent,  and  the  Cp  distribution  ob¬ 
tained  during  the  flow  visualization  agrees  well  with 
that  of  the  ‘clean’  wing,  except  of  course  for  the 
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pressure  taps  plugged  by  the  ki^rosene/chalk  mix¬ 
ture.  The  agreement  for  the  case  corresponding  to 
the  conditions  at  which  the  LUV  flowfield  measure¬ 
ments  werejnade  is  shown  in  figure  9.  The  transi¬ 
tion  location  is  from  one  to  two  percent  over  the  first 
eighty  percent  of  the  wing  for  this  case,  and  increases 
to  approximately  six  percent  by  the  tip. 

The  obvious  question  with  this  method  of  determin¬ 
ing  the  transition  location  is  whether  the  presence  of 
the  kerosene/chalk  mixture  affects  the  transition  lo¬ 
cation.  If  the  transition  location  was  altered  by  the 
presence  of  the  chalk,  it  did  not  affect  the  pressure 
field.  The  most  serious  discrepancy  occurs  at  the 
wing  tip  at  the  condition  shown  in  figure  9.  There 
is  a  small  separation  at  ij  =  0.9,  0.225  <  (  <  0.275  on 
the  ditty  wing  not  present  on  the  clean  wing.  This 
separation  was  caused  by  the  accumulation  of  the 
kerosene/chalk  mixture,  and  the  lack  of  evaporation 
of  kerosene  at  this  point. 

0  DATA 

6.1  Availability  of  data 

6.1.1  OrguutttioB  owaing  the  data 
Experimental  Fluid  Dynamics  Branch 
NASA  Ames  Research  Center 

6.1.2  Who  is  respoBiible  for  the  data 
Mike  Olsen 

Research  Scientist 
P.O.  Box  1000 

NASA  Ames  Research  Center 

Moffett  Field,  Ca.  94035-1000 

tel:(415)604-6200 

fax:(415)604-5244 

6.1.3  Are  the  data  freely  *vul»ble 

Data  will  be  freely  available. 

6.2  Suitability  of  data  for  computational  fluid  dy¬ 
namics  validation 

6.2.1  Ate  the  data  suiUble  for  “ia  tunaef  caicuiatioo 
The  data  are  tailored  precisely  for  this  type  of  vali¬ 
dation  effort. 

6.2.2  Aie  the  data  corrected  to  simoUte  “tree-air” 
conditions 

The  data  are  NOT  corrected  in  any  manner  to  simu¬ 
late  free-air  conditions.  The  test  was  run  with  solid, 
straight  wall  test  section.  Wall  pressure  measure¬ 
ments  are  part  and  parcel  of  the  Cf  data,  and  can 
be  used  (if  desired)  to  produce  corrections,  or  to  es¬ 
timate  the  extent  of  wall  interference.  From  com- 
parision  with  free-air,  transonic  full  potential  calcu¬ 
lations,  and  examination  of  the  wall  pressures,  the 
data  is  not  heavily  influenced  by  the  presence  of  the 
tunnel  walls  for  a  good  portion  of  the  cases  in  this 
set  (see  reference  10). 


6.3  Type  and  form  in  which  tlie  data  arc  available 

6.3.1  Type  and  form 

A  listing  of  the  type  and  form  of  data  available  is  lo¬ 
cated  at  the  end  of  this  report,  in  tabic  II.  All  mea¬ 
surements  include  an  estimate  of  the  measurement 
uncertainty. 

6.3.2  Data  Carrier 

A  TM  should  be  completed  by  September,  1993.  The 
anonymous  ftp  (if  allowed)  should  be  operational 
about  the  same  time.  Means  of  distributing  the  flow 
images  may  be  as  PostScript  files,  or  they  may  be 
available  only  via  the  TM. 

6.3.3  Extent  of  geometry  data 

The  geometry  is  available  as  a  FORTRAN  subrou¬ 
tine,  from  reference  4,  or  as  output  of  the  program 
described  in  reference  3. 

6.3.4  Extent  of  aerodynamic  data 

Pressure  Data  3000  Kbytes 

LDV  FlowField  Data  :  200  Kbytes 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage  corrections 
No  corrections  were  applied  to  data. 

6.4.2  Side  wall  interference  corrections 
No  corrections  were  applied  to  data 

6.4.3  Half  model  corrections 

No  corrections  were  applied  to  data. 

6.4.4  Sting  and  support  corrections 
No  corrections  were  applied  to  data. 

6.4.5  Aero-elastic  deformation 

The  aero-elastic  deformation  was  measured,  using 
the  LDV  laser  beams  and  positioning  system.  The 
amount  of  deformation  (bending)  from  the  root  to 
the  tip  was  0.5  mm  over  a  semispan  of  254.0  mm  at 
A/oo=0.775,  a  =  7.92*,  RtCn-  *9®.  From  cal¬ 
culations  using  a  transonic  full  potential  code,  this 
amount  of  dihedral  bad  an  effect  orders  of  magni¬ 
tude  less  than  the  measurment  accuracy.  The  wing 
twist  was  less  than  could  be  measured  with  the  sys¬ 
tem  used,  but  from  consideration  of  the  magnitude 
of  the  aerodynamic  moments  over  the  wing,  and  the 
relative  rigidity  of  the  wing  to  twist,  in  comparision 
to  bending,  aero-elastic  twist  was  even  less  signifi¬ 
cant.  As  this  particular  condition  is  one  of  the  most 
extreme  aerodynamic  loads,  the  aero-elastic  defor¬ 
mation  of  the  model  is  not  believed  to  be  signifleant 
for  this  experiment. 

6.4.6  Other  corrections 

No  corrections  were  applied  to  data. 

7  DATA  ACCURACY  AND  REPEATABILITY 
ASSESSMENT 

7.1  Accuracy  estimates 

7.1.1  Freettream  conditions 
•  Mao:  ±.0005 
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•  Uoo  :  ±.005  at 

•  o  :  ±.033* 

T.1.2  Metstired  dtt* 

•  Cp  i.Ol 

•  ti/oi  :  ±.01  (LDV  data) 

•  u/uoo:  ±.001  (B.L.  rake) 

7.2  Repeat  measurements 

7.2.1  Type  uid  number  ot  repeat  measurements  within 
one  test  campaign 

For  the  pressure  data,  at  each  angle  of  attack  at  least 
two  repeat  runs  were  conducted.  As  a  matter  of 
course,  the  conditions  were  nearly  repeated  (within 
.002  in  Moo)  while  obtaining  the  pressure  data  while 
attempting  to  obtain  the  correct  speed  flap  setting. 
The  differences  in  the  pressure  data  (which  were  in¬ 
deed  reliably  measureable,  i.e.  above  the  measure¬ 
ment  accuracy)  were  consistent  with  the  Moo  dif¬ 
ferences.  This  was  monitored  throughout  the  test 
campaign  to  ensure  that  the  data  aquisition  system 
and  the  tunnel  flow  were  both  operating  well.  The 
measurement  accuracy  of  the  data  aquisition  system 
allowed  changes  much  smaller  than  .01  in  Cp  to  be 
measured  accurately. 

7.2.2  Type  sad  number  of  repent  mensurements  in  suc¬ 
cessive  campaigns 
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FIGURE  10.  A  representative  example  of  the  repeatabil¬ 
ity  of  the  Cp  data  for  two  of  the  five  span  locations. 

The  repeatability  of  the  Cp  distributions  was  excel¬ 
lent,  and  was  generally  under  the  95%  statistical  un¬ 
certainty  margin  for  the  measurements.  This  level  of 
repeatability  exceeded  by  an  order  of  magnitude  the 
actual  accuracy  of  the  Cp  measurements,  as  other  fac¬ 
tors  were  dominant  in  the  Cp  measurement  errors. 


7.3  Redundant  mcasiirnmeiits 

7.3.1  Indicnte  How  quantities  that  have  been  measured 
independently  by  different  techniques. 

One  flow  quantity  measured  independently  by  the 
laser  Doppler  velocimeter  system  and  the  pressure/tem¬ 
perature  data  system  is  the  freestream  velocity.  The 
inflow  velocity  was  measured  at  the  window  1.775  Cr 
ahead  of  the  wing  leading  edge.  The  velocity  ob¬ 
tained  from  the  isentropic  Mach  number  calculated 
frompK  and  pi,  actually  measured  2.525  Cr  ahead  of 
the  wing  root  leading  edge,  and  the  measurement  of 
Ti  (see  section  3.6.1,  and  figure  3)  agrees  with  the 
laser  Doppler  velocimeter  value  to  within  the  accu¬ 
racy  of  the  measurements  and  the  spatial  variation 
of  Moo  over  the  tunnel  inlet.  These  two  means  of 
measuring  inflow  velocity  are  entirely  independent. 

7.3.2  Checks  make  on  internal  consistency  of  the  dntn 
As  the  model  b  symmetric  about  the  xy  plane,  Cp 
measured  at  positive  z  at  positive  angle  of  attack 
should  correspond  with  the  Cp  measured  at  nega¬ 
tive  z  at  negative  angle  of  attack.  The  wing  had  4 
pressure  taps  on  the  lower  surface  (used  in  setting 
the  angle  of  attack)  corresponding  to  pressure  taps 
on  the  upper  surface.  In  addition,  the  wind  tunnel 
walls  have  pressure  taps  at  which  can  be  compared 
in  thb  fashion.  Comparision  of  these  Cp  measure¬ 
ments  indicated  that  the  asymmetries  of  the  tunnel 
geometry  (not  the  wing),  were  the  limiting  factor  in 
the  accuracy  of  the  data.  It  should  be  noted  that 
thb  level  of  uncertainty  (<  ±.01  in  Cp  for  ail  tunnel 
runs)  b  very  good. 

Shock  locations  inferred  from  surface  flow  visualiza¬ 
tion  has  been  compared  with  the  shock  location  in¬ 
ferred  from  pressure  measurements  and  laser  Doppler 
velocimeter  flowfield  measurements. 

7.4  Other  tests  on  same  (nominal)  geometry 

No  other  tests  on  the  same  geometry  have  been  con¬ 
ducted,  although  the  geometry  of  the  model  was  sup¬ 
plied  to  NASA  Langley  for  possible  testing. 

7.5  Additional  remarks 

Thb  test  was  conducted  with  attention  to  careful 
control  of  the  precision  and  accuracy  of  the  quanti¬ 
ties  measured.  The  tabulated  pressure  data  includes 
individual  estimates  of  the  measurement  accuracy  of 
each  Cp.  It  should  be  stressed  that  this  is  a  mea¬ 
surement  accuracy  and  not  an  overall  accuracy.  The 
distinction  is  that  the  tabulated  data  is  a  measure¬ 
ment  of  the  Cp  of  this  particular  wing  in  thb  particu¬ 
lar  wind  tunnel  accurate  to  within  the  measurement 
accuracy,  but  if  the  same  wing  were  tested  in  a  differ¬ 
ent  wind  tunnel  of  nominally  the  same  dimensions, 
the  values  could  differ  by  .01  in  Cp  at  some  point  on 
the  wing  for  some  condition.  Of  course  most  of  the 
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measurements  would  agree  to  better  than  .01  in  Cp. 

The  geometry  of  the  model  has  also  been  measured, 
and  the  fidelity  of  the  actual  tested  wing  geometry  is 
also  quantiffed  (see  section  3.3).  The  imperfections  of 
the  wind  tunnel  walls  were  also  measured  and  quan¬ 
tified  (<  1mm  out  of  406mm  deflections  from  the 
“true  geometry”) 
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9  SYMBOLS 

6  (x  -  xi,(ii))/c(i;)  axial  distance  from  lead¬ 
ing  edge,normalixed  by  local  chord. 


(i  -  j|e(0))/Cr;  axial  distance  from  root 
leading  edge,  normalized  by  root  chord. 

I)  2v/6:  spanwise  distance,  normalized  by 
4/2 

V  kinematic  viscosity 

p  mass  density 

(  z/Cr',  vertical  distance  normalized  by  Cr 

a  local  speed  of  sound 

a*  sound  speed  at  sonic  conditions 

4/2  semispan  of  wing 

c  local  wing  chord  (a  function  of  q) 

Cr  wing  root  chord 

Ci  wing  tip  chord 

Cp  coefficient  of  pressure 

Maa  freestream  Mach  number 

lowest  Mpo  at  which  sonic  flow  is  at¬ 
tained  at  some  point  in  the  flowfield. 

Px  static  pressure  measured  at  (o  2.525, 

S  =  1.6,C  =  0. 

Pi  total(pitot)  pressure  measured  at  fo  = 
2.25,  i;  =  0,  C  =  -0.7. 

foo  freestream  dynamic  pressure  (^peoUx) 

Rtc.  Reynolds  number  based  on  root  chord 

T|  freestream  total  temperature,  measured 

in  stagnation  chamber 
a  axial  velocity 

«  spanwise  velocity 

w  vertical  velocity 

I  axial  position,  origin  at  wing  root  leading 
edge  (see  fig  3) 

tr  spanwise  position,  origin  at  wing  root 
leading  edge  (see  fig  3) 
z  vertical  position(normal  to  xy  plane), 

origin  at  wing  root  leading  edge 

Sub/Superscripts 
r  ^nic  conditions 

loo  static  conditions  at  (o  =  -2.525 

|i  total(stagnation)  conditions  upstream  of 

wing 

lie  wing  leading  edge 

lie  wing  trailing  edge 

wing  quarter  chord 
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Section  at  Angle  of  Attack 
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0  Introduction 

Originally  the  model  was  designed  to  investigate  differences  in  the  interference 
of  fuselage  and  control  surfaces  attached  to  bodies  of  circular  and  rectangular 
cross  sections.  During  the  tests  it  was  found  difficult  to  define  the  interference 
since  the  reference  configuration,  the  isolated  body  without  controls,  showed 
some  disturbances  in  the  pressure  distribution  at  certain  combinations  of  Mach 
number  and  angle  of  attack.  These  disturbances  arc  connected  with  the  appear¬ 
ance  of  shock  waves  on  the  windward  side  of  isolated  circular  bodies.  By  check¬ 
ing  schliercn  pictures  made  during  earlier  test  series  of  missiles  the  range  could 
be  defined  in  which  this  type  of  shock  occurs.  Pressure  distribution  measure¬ 
ments  were  made  in  order  to  find  an  explanation  for  the  formation  of  the  shocks 
and  their  bending  into  the  windward  region.  It  is  believed  that  three  conditions 
must  be  fullfillcd: 

1.  Cro.ssflow  Mach  number  must  be  high  enough  that  a  shock  forms  in  front 
of  the  wedge-like  primary  separation. 

2.  The  primary  .separation  line  must  move  towauls  the  wiiulwarrl  side  of  the 
body.  As  a  result  the  local  Mach  number  normal  to  the  separation  line 
decreases,  and  eventually  the  shock  detaches  -  if  the  crossflow  Mach  num¬ 
ber  is  not  too  high. 

3.  When  the  local  surface  Mach  number  normal  to  the  body  axis  is  less  than 
one,  the  disturbance  propagates  towards  the  windward  region  of  the  body. 

In  .some  eases  this  type  of  disturbance  may  lead  to  confusion  especially  when 
there  arc  not  enough  prc.ssurc  taps:  in  the  prc.ssure  distribution  one  finds  only 
one  or  two  peaks  and  from  this,  one  cannot  identify  the  shock  trace. 

The  model  is  extremely  simple  and  thus  the  generation  of  a  grid  should  not  be 
too  expensive.  The  data  arc  considered  valuable  for  CFD  \  alidation  but  on  the 
other  hand  CFD  should  be  useful  to  get  more  information  of  the  outer  flow  field 
and  further  insight  into  this  more  fundamental  flow  phenomenon. 


1.  General  Description 
l.l  Model  name 


Kreisrumpf 


1 .2  Model  type 


Slender  Body,  supersonic  flow 


1.3  Purpose  of  test 


1.4  Dominant  flow  physics 

Details  of  Model 

2.1  General  geometric  arrangement 

2.2  Specific  features 


2.4  Body  data 

2.4.1  Shape  nose  shape: 

body  length: 

cross  section: 
2.7  Geometric  definition 


2.8  Model  support 


Pressure  distribution  measurements 
and  flow  visualization  were  made  to 
explain  the  appearance  of  shocks  in 
the  windward  region  of  circular  bod¬ 
ies. 

The  shock  in  front  of  the  primary 
separation  of  a  circular  body  at  angle 
of  attack  detaches  and  bends  towards 
the  windward  region,  when  certain 
combinations  of  supersonic  flow 
Mach  numbers  and  incidences  are 
given  (see  figures  I  4). 


Isolated  body  with  circular  cross  .sec¬ 
tion  (fig.  5) 

Diffcrcnl  noses  were  tested  at  differ¬ 
ent  Mach  numbers  but  only  one  con¬ 
figuration  is  included  in  the  data  set 
as  the  nose  fineness  ratios  investi¬ 
gated  here  do  not  change  the  flow 
phenomenon  basically  (see  figs.  6,  7). 
The  influence  is  largest  at  low  super¬ 
sonic  Mach  numbers 
(Ma  =  1.4  and  l..^  figs.  6,  8). 


Tangent  ogive  with  a  fineness  ratio  of 
.3..^ 

Distance  from  nose  tip  to  instru¬ 
mented  model  section 
4.4<X/D<7.4 

Circular 

The  shape  is  analytically  specified 
(design  coordinates). 

Surface  roughness  on  instrumented 
section: 

average  roughness:  .001  mm 
single  roughness:  .00.5  mm 
junction  between  different 
model  .sections:  .1mm 

Central  sting  from  rear 
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3.  General  Tunnel  InTormation 

3.1  Tunnel  dc.signation 

3.2  Organization  running  the  tunnel 

3.3  Tunnel  characteristics 

type  of  tunnel: 
operating  envelope: 

3.4  Test  section 

3.4.1  Model  mounting 

3.4.2  Test  section  dimensions 


Trisonischc  McRstrcckc  TMK 

Deutsche  Foischungsanstalt  fiir  Luft- 
und  Raumfahrt  DLR,  Hauptabtei- 
lung  Windkanale 


Blow  down,  flexible  nozzle 
..S^Ma<4.5(.S.7) 

ambient  <total  temperature^  550  K 
Ma<l.2:  sialic  pressure  a; I  . 
Ma>l.4:  dyn.  press,  q  <|  . 


central  sling 
60  X  60  X  60  (77/ ’ 


3.4.3  Wall  geometry  (supersonic  lest  section) 

type  of  walls  flexible  nozzle,  solid  walls 

open  area  ratio  0  in  supersonic  flow,  wall  pressures 

and  displacement  ihicknc.ss  were  not 
measured 


3.5  Freestream  conditions 

3.5.1  Determination  of  flow  conditions 

3.5.2  Tunnel  calibration 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

Mach  number 

Flow  angularity 


3.6.2  Temperature  variation 


total  prcssiiie  in  settling  chamber, 
position  of  nozzle,  total  temperature 

by  pilot  rake  and  differential  pressure 
vaw-meters;  the  last  check  was  made 
in  1 9X9 


Mach  number  variation  over  model 
length  is  about  AMox  ±  .5%  of  free 
stream  Mach  number.  The  variation 
during  a  run  is  smaller. 

During  the  calibration  local  flow 
angles  at  the  tunnel  axis  were  within 
+  .2y.  Average  flow  angularity  is 
determined  only  for  force  measure¬ 
ments  by  inverting  the  model 

In  supersonic  flow  total  temperature 
can  be  heated  from  ambient  to  550 
K.  The  temperature  distribution 
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3.6.3  Flow  unsteadiness 

4.  Instrumentation 

4.1  Model  position 

4.1.1  Measurement  of  incidence 

4.1.2  Accuracy  of  ^tcomclrical  incidence 

4.2  Model  pressure  measurements 

4.2.1  Total  numherof  pressure  holes 

4.2.2  Range  of  pre.ssiire  tranducers 

4.2.3  Dynamic  pressures 

4.5  Surface  flow  \  isualization 

4.5.1  Measurement  technique 

4.5.2  Surface  of  flow  visualization 

4.5.3  Available  data 

4.6  Flow  field  visualization 

4.6.1  Technique  applied 

4.6.2  Planes  visualized 

4.6.3  Available  data 

Test  Matrix  and  Conditions 

5.1  Detailed  test  matrix 

5.1.1  Number  of  selected  test  ca.ses 

5.1.2  Number  of  selected  configurations 


within  the  test  section  is  not  known. 
During  a  run  total  temperature  may 
drop  by  up  to  XK,  depending  on  run¬ 
ning  time. 

In  supersonic  flow  drops  from 
.9%  at  Ma  =  l.25  to 
.1%  at  Ma=2.5 


Deflection  due  to  aerodynamic  loads 
was  determined  from  schlieren  pic¬ 
tures  and  added  to  the  nominal  angle 
of  attack. 

±  .r 


121  pressure  holes,  but  some  could 
not  be  used  because  of  leakage 
(s.  ng.  5) 

±  I  •  \{)'Nlm^ 

±.\%  full  scale 
(according  to  manufacturer) 

Fluctuating  pressures  were  not  mcas- 
uicd 


Oil  flow  technique 

On  the  complete  body  or  downstream 
of  the  nose  when  a  foil  was  wrapped 
around  the  cylindrical  part 

Copies  of  photographs 


Schlieren  pictures 
x-z-plane  (side  view) 
Copies  of  photographs 
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5.1.3  Tabic  of  test  matrix 
5.2  Modcl/tunncI  relations 
5.2.1  Maximum  blockage 
5.2.6  Adiabatic  wall  of  model 


5.3  Transition  details 
5.3.1  Ficc/fixed  transition 


6.  Data 

6.1  Availability  of  data 

6.1.1  Organization  owning  the  data 

6.1.2  Who  is  responsible  for  the  data 


6.1.3  Availability  of  data 

6.3  Type  and  form  of  available  data 
6.3.1.  Type  and  form 

6.3.2  Data  carrier 

6.3.3  Extent  of  geometry  data 

6.3.4  Extent  of  aerodynamic  test  data 


Table  I 


.35% 

Adiabatic  wall  temperatures  have  not 
been  reached.  For  Ma  =  l.5  the  ratio 
Tn„iilToo  at  the  beginning  of  the  run 
is  1.4  and  drops  to  a  value  of  about 
1.3  when  the  tunnel  stops. 


Most  tests  were  made  without  fixing 
transition.  In  earlier  tests  it  was  found 
that  for  /?(’„>  5- 10^  there  was 
almost  no  infliicnec  of  boundary  layer 
tripping  on  the  normal  force  of  long, 
slender  bodies.  During  the  present 
series,  tests  were  made  with  and 
witlKUil  a  roughness  band  at  the  nose 
-  cylinder-junction  of  the  model. 
There  was  an  influence  on  the  How  in 
the  leeward  region  (circumferential 
angles  (p  >  90")  but  the  main  flow 
phenomenon  to  be  investigated,  the 
shock  trace  in  the  windward  region, 
remained  ncarlv  unaffccicd  (see  Figs. 
6.  9.  12.  13). 


DFR,  llauptabicilung 
Wi  ml  ka  n  ii  le.  K  bln  -  Porz 

Klaus  Fcuerrohi.  Dipl.-Ing. 
Postfach  9()605S 
D.50()()  Kbin  90 
Phone  02203  601  20S3 
Fax  02203  601  2085 

Data  are  freely  available 


Table  2 

Floppy  disk  3  1/2" 
no  data  necessary  (s.  fig.  5) 
45000  vnids 
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6.4  Corrections  applied  to  data  No  crrrrections  were  applietl 

6.4.5  Aeroclastic  deformation  Angle  of  attack  was  taken  from 

schlicren  pictures 

7.  Data  Acci'<acy  and  Repeatability  Assessment 

7.1  Estimated  accuracj  of: 

7.1.1  Free  stream  conditions  Ma:  +.5% 

a  :  ±  .2  " 

7.1 .2  Measured  data  Cp:  +.01 

7.2  Repeat  measurements 

7.2.1  Within  one  test  campaign  Compare  Hgurcs  6  and  It) 

7.2.2  Within  successive  campaigns  Compare  ngurcs  6,  10,  II.  When  the 

How  is  attached,  e.g.  in  the  windward 

region,  AC/>  ist  within  +  .01;  the  flow 
on  the  separated  lecside  is  less  stable. 
Sometimes  flow  details  changed  con¬ 
siderably  in  this  area.  The  main 
objective  of  the  investigations,  how¬ 
ever,  the  trace  of  the  shock,  remained 
almost  unchanged. 

7.4  Different  models  Because  of  the  disturbances,  intro¬ 

duced  by  the  pressure  holes,  oil  flow 
-  ainl  schlieren  pictures  were  taken 
using  nioilcis  with  a  smooth  surface. 
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stoBcn  im  Luvgcbict  von  angcstclllcn  krciszylindrischcn  Riimpfen. 
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windward  region  of  bodies  with  circular  cross  section  at  angle  of 
attack. 
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9.  Symbols 

Cp  Pressure  coefficient 

D  Body  diameter 

I  Distance  between  the  apex  of  the  model  and  the  control  surface  axis 

l/v  Length  of  nose 

Ma  Mach  number 

Ma^  Cross-flow  Mach  number,  4/</,  •  sin  a 

q  Dynamic  pressure 

Rcn  Reynolds  number  referred  to  the  body  diameter 

X  Distance  from  the  apex  of  the  fuselage 

a  Angle  of  incidence 

<p  Polar  angle  windward  side;  (p  =  O” 


ir*" 


I 
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Identification 

Flow  Condition 

Position 

Other  Information 

Case 

No. 

Conf. 

Mach 

q 

kPa 

Rea 

a 

type  of 
measurement 

remarks 

1 

II 

1.5 

79 

1.2.  I0« 

90  ^  23° 

(8  angles) 

surface 

pressures 

D  =  40  mm 

2 

UD  =  3.5 

1.4 

70 

.8  .  I0« 

16° 

schlieren  and 
oil  flow 

D  =  30  mm 

3 

UD  =  3.5 

1.5 

70 

.8  .  10« 

16° 

schlieren  and 
oil  flow 

I)  =  30  mm 

Table  I.  Test  Matrix  Table 


Data 

Fngin. 

Units 

Coeffi¬ 

cients 

Normalized 

Uncorrected 

Corrected 

Frcestream 

Conditions 

X 

Surface 

Pressures 

X 

X 

Table  2.  Data  Availability 


shock 


shock 


Ma  =  1.5  Reo  =  8'10  D  =  30mm 


a  =  9 


Maq  =  0.31 


V  shock 


a  =  14 


a  =  17 


Maq  =  0.24 


Ma=2  Ren=9’10  D  =  30mm 


Fig.  1  Schrsren  photographs  at  Ma  =  1 .5  and  2,  showing  the  appearance  of  shock  waves  at  the  windward 
side  of  circular  cylinders 


Fig.  5  Wind  tunnel  model  for  pressure  distrfcution  measurements 
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ThrMHtInMnttonil  boundary  laytr  and  flow 
fMddata 

of  an  Incllnad  prolata  aphorold 

H.-P.  Kreplln 

Deutsche  Forschungsanstalt  fQr  Luft-  und 
Raumfahrt  e.V.  (DLR) 

Institiit  filr  StrOmungsmechanik 
BunsenstraSe  10,  0-37073  Gottingen,  Germany 


INTRODUCTION 

A  research  project  on  the  investigation  of  three- 
dimensional  boundary  layers  on  inclined  bodies 
of  revolution  has  been  carried  out.  Experimental 
data  for  such  flows  were  provided  which  can  be 
used  for  the  validation  of  calculation  methods 
and  the  testing  and  development  of  turbulence 
models  for  three-dimensional  flows.  Problems 
of  laminar-turbulent  boundary  layer  transition  as 
well  as  laminar  and  turbulent  boundary  layer 
separation  have  been  studied  for  a  range  of 
angles  of  incidence  and  Reynolds  number. 

The  wind  tunnel  model  consists  of  a  6:1  prolate 
spheroid.  This  configuration  was  chosen  for  the 
following  reasons: 

-  The  flow  pattern  around  the  inclined  model 
is  characteristic  for  fuselages  and  missile 
shapes. 

-  The  shape  and  potential  pressure  distrib¬ 
ution  are  represented  by  analytic 
expressions. 

-  Instrumentation  like  probe  traversing  mech¬ 
anism,  hot  film  anemometers  ,  pressure 
transducers  etc.  can  be  stored  inside  the 
model. 

-  As  the  model  can  be  turned  around  its  lon¬ 
gitudinal  axis,  the  flow  can  be  measured  with 
one  probe/sensor  in  each  cross  section  for 
arbitrary  small  steps  of  the  circumferential 
angle. 

Several  incldence/Reytiolds  number  combina¬ 
tions  have  been  investigated.  Data  about  tran¬ 
sition  in  the  3d  boundary  layer,  development  of 
the  boundary  layers,  3d  boundary  layer  sepa¬ 
ration  and  the  separated  flow  field  have  been 
obtained.  Measured  data  are  surface  pressures, 
skin  friction,  mean  velocities  in  the  boundary 
layer  and  in  the  flow  field. 

After  a  number  of  experiments  had  been  per¬ 
formed  at  DLR  Gottingen,  a  cooperation 
between  ONERA  and  DLR  was  established  in 
order  to  extend  the  tests  to  higher  Reynolds 
numbers  wMch  can  be  obtained  in  the  Fi  wind 
tunnel  of  ONERA. 


Three  test  cases  have  been  selected.  These  are 
two  angles  of  incidence,  ok  10  °  and  30  ° 
at  a  low  Reynolds  number  in  the  DLR  tunnel 
with  fixed  and  free  transition,  respectively,  and 
as30  °  at  a  seven  times  higher  Reynolds  num¬ 
ber  in  the  ONERA  tunnel. 

The  data  of  the  first  test  case  (a>  10  °,  fixed 
transition)  has  been  used  a  few  years  ago  within 
the  AGARD  FDP  WG  10  'Calculation  of  3d 
separated  turbulent  flows  in  the  boundary  layer 
limit  for  comparison  with  Integral  and  field  type 
boundary  layer  calculation  methods.  Also  some 
data  of  the  third  test  case  (a=  30  °,  high  Rey¬ 
nolds  number)  was  used  in  this  working  group. 

1.  GENERAL  DESCRIPTION 

1.1  Model  name  or  designation 
DLR  Prolate  Spheroid 

1.2  Model  type 

Slender  body  (6:1  prolate  spheroid) 

1.3  Purpose  of  test 

The  wind  tunnel  model  was  designed  for  the 
investigation  of  three-dimensional  boundary 
layers  developing  on  slender  bodies  of  revo¬ 
lution.  It  has  a  simple  geometry  and  the  potential 
flow  is  given  by  an  analytic  solution. 

1.4  Dominant  flow  physics 

Flow  around  an  inclined  slender  body  of  revo¬ 
lution.  Three-dimensional  boundary  layers  lead¬ 
ing  to  separation  depending  on  model  angle  of 
incidence,  a,  and  Reynolds  number.  "Weak" 
separation  at  10  °,  boundary  layer  thicken¬ 
ing,  Interaction  between  viscous  and  inviscid 
flow  regions  (Figs.  1.1  -  1.5).  Separated  flow 
field  with  leeside  vortices  at  30  °  (Figs.  1 .6  - 
1.9). 

2.  DETAILS  OF  MODEL 

The  experimental  investigations  on  the  flow 
around  the  inclined  prolate  spheroid  carried  out 
in  the  3m  Low  Speed  Wind  Tunnel  NWG  of  DLR 
Gottingen  have  been  extended  to  higher  Rey¬ 
nolds  numbers  within  a  cooperation  between 
ONERA  and  DLR  In  the  pressurized  low  speed 
tunnel  FI  of  ONERA.  For  this  purpose  the 
design  and  construction  of  a  new  model  became 
necessary  due  to  the  seven  times  higher  maxi¬ 
mum  dynamic  pressure  in  the  FI  compared  to 
NWG.  Both  models  were  made  using  the  same 
mould,  thus  shape  and  size  of  the  models  are 
identical. 

2.1  General  geometric  arrangement 
Body  of  revolution 
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2.4  Body  data 

6:1  prolate  spheroid  with  a  length  of  L>  2.4  m, 
major  half  axes  of  1 .2  m  and  0.2  m. 

2.7  Geometric  definition 

The  model  shape  is  described  analytically.  The 
coordinates  are  design  vaiues.  Contour  devi¬ 
ations  are  less  than  0.25%  of  the  maximum 
diameter. 

2.8  Model  support 

The  model  is  mounted  on  a  central  rear  sting. 
The  outer  diameter  of  the  sting  is  110  mm.  The 
model  can  be  turned  around  Its  longitudinal  axis 
through  9=  0°  to  360  Thus  the  flow  in  one 
cross-section  can  be  measured  with  one  pro¬ 
be/sensor  fixed  to  the  model. 

3.  GENERAL  TUNNEL  INFORMATION 

Measurements  with  the  prolate  spheroid  models 
at  angle  of  incidence  have  been  performed  in 
two  different  wind  tunnels.  These  are  the  3m 
Low  Speed  Wind  Tunnel  of  DLR, Gottingen  (A) 
and  the  FI  Wind  Tunnel  of  ONERA,  Le  Fauga 
(B) 

lunoeLA 

3.1.  A  Tunnel  designation 

3m  Low  Speed  Wind  Tunnel,  Gottingen  (NWG) 

3.2. A  Organisation  running  the  tunnel 
Deutsche  Forschungsanstalt  fOr  Luft-  und 
Raumfahrt  e.V.  (DLR),  WT-WK 
BunsenstraBe  10,  D-37073  GOttIngen,  Germany 

3.3. A  Tunnel  characteristics 

Low  speed  wind  tunnel,  Gottingen  type  with 
closed  return  and  open  test  section,  nozzle 
contraction^  5.4,  Speed  range:  0  -  65  m/s,  con- 
tinously  running 

3.4. A  Test  section 

Test  section  dimensions:  3m  wide,  3m  high  and 
6m  long,  open  jet  Fig.  3.1  shows  a  sketch  of  the 
prolate  spheroid  model  in  the  NWG.  It  also  gives 
an  estimate  of  the  dimensions  of  the  model 
support. 

3.5. A  Free  stream  conditions 

a)  Determination  of  free  stream  conditions 
The  total  pressure  is  determined  from  the  wall 
pressure  in  the  settling  chamber.  As  the  tunnel 
has  an  open  (free  jet)  test  section  the  ambient, 
atmospheric  pressure  is  taken  as  the  static 
pressure.  The  dynamic  pressure  in  the  test 
section  is  calculated  from  the  settling  chamber 
pressure  using  a  correction  factor  determined 
from  a  tunnel  calibration.  The  (total)  temperature 


is  measured  in  the  collector  and  assumed  to  be 
constant  in  the  tunnel. 

b)  Tunnel  calibration 

The  tunnel  was  calibrated  after  construction. 
Spot  checks  of  calibrations  have  been  per¬ 
formed  from  time  to  time,  [1.1]. 

3.6.A  Flow  quality 

a)  Flow  uniformity 

Flow  uniformity  data  are  given  in  [1.1].  The 
deviations  of  the  dynamic  pressure  are  less  than 
±0.5%  at  the  standard  position  of  the  models. 
At  distances  from  the  nozzle  exit  between  1m 
and  4m  the  maximum  deviation  of  the  static 
pressure  is  ±1 .5%  of  the  dynamic  pressure.  The 
flow  angularity  on  the  test  section  center  line  is 
constant  within  ±0.25°  In  the  vertical  plane,  as 
measured  by  a  multi-hole  pressure  probe. 

b)  Temperature  variation 

As  the  tunnel  has  no  cooler,  the  temperature 
cannot  be  controlled.  This  means  that  the  tem¬ 
perature  in  the  tunnel  is  Increasing  during  each 
run.  The  temperature  Increase  with  time  is 
depending  on  the  velocity  and  on  the  ambient 
temperature.  It  was  tried  to  keep  the  Reynolds 
number  constant  by  manual  control  of  the  fan 
speed.  Temperature  variations  in  the  tunnel  cir¬ 
cuit  are  assumed  to  be  small  and  therefore  are 
neciected. 

c)  Flow  unsteadiness 

Data  about  the  flow  unsteadiness  in  the  NWG 
are  given  in  [1.2]  and  [1.3].  The  overall  turbu¬ 
lence  level  is  rather  high  compared  to  other  wind 
tunnels.  Values  of  0.33%  to  0.4%  for  the 
streamwise  velocity  fluctuations  and  about  0.6% 
for  the  vertical  and  spanwise  components  have 
been  measured. 

Tunnel  B 

3.1.  B  Tunnel  designation 
FI  Wind  Tunnel  (FI) 

3.2. B  Organisation  running  the  tunnel 

Office  National  d'^tudes  et  de  Recherches 
A^rospatiales  (ONERA),  Centre  du  Fauga- 
Mauzac,  F-31410  Noe,  France 

3.3. B  Tunnel  characteristics 

Pressurized  low  speed  wind  tunnel,  closed  test 
section,  nozzle  contraction  ration  7.2,  Maximum 
pressure  :  4  bar.  Maximum  speed  :  125  m/s  at 
1  bar,  80  m/s  at  4  bar,  continously  running. 

3.4. B  Test  section 

Closed  test  section.  Test  section  dimensions: 
4.5m  wide,  3.5m  high  and  10m  long.  Fig.  3.2 
shows  a  sketch  of  the  test  section  with  the 
nnodel  and  the  FI  sting  support.  A  slight  diver- 


gence  of  the  two  vertical  test  section  walls 
compensates  the  boundary  layers  along  the 
walls  to  ensure  a  flow  without  longitudinal  gra¬ 
dients. 

3.5. B  Free  stream  conditions 

a)  Determination  of  free  stream  conditions 
Several  Prandtl  antennas  placed  in  the 
upstream  part  c!  the  test  section,  wall  pressure 
taps  at  the  end  of  the  contraction  and  a  Pitot 
probe  In  the  settling  chamber  are  used  for  the 
determination  of  the  reference  static,  total  and 
dynamic  pressures.  The  (total)  temperature  is 
measured  in  the  settling  chamber  and  assumed 
to  be  constant  In  the  tunnel. 

b)  Tunnel  calibration 

The  tunnel  has  been  calibrated  after  con¬ 
struction.  Sample  results  are  given  In  (1 .4). 

3.6. B  Flow  quality 

a)  Flow  uniformity 

Flow  uniformity  data  are  given  In  [1.4].  The  lon¬ 
gitudinal  gradient  of  static  pressure  or  Mach 
number  is  negligble.  The  flow  angularity  in  the 
test  section  is  zero,  with  an  inaccuracy  of 
±0  02°.  The  stagnation  pressure  shows  almost 
perfect  uniformity.  The  wind  tunnel  Is  supplied 
with  compressed  air  generated  by  a  centrifugal 
compressor  through  a  buffer  tank.  The  tank  is 
used  in  combination  with  a  senro-control  for 
regulating  the  pressure  around  an  assigned 
value.  The  relative  deviations  of  the  stagnation 
pressure  are  smaller  than  ±10*^. 

b)  Temperature  variation 

A  water  cooler  is  used  to  stabilize  the  stagnation 
temperature  around  an  assigned  value  between 
atmospheric  temperature  and  40°C.  A  servo- 
control  maintains  this  temperature  around  the 
assigned  value  within  better  than  rc. 

a)  Flow  unsteadiness 

Hot  wire  measurements  in  the  test  section 
showed  a  low  streamwise  turbulence  level 
smaller  than  0.1%.  For  Mach  numbers  above 
0.2  the  noise  level  is  less  than  0.01  in  terms  of 
Cp-RMS,  i.e.  if  the  RMS  pressure  fluctuations  are 
normaUzed  by  the  dynamic  pressure  in  the  free 
stream. 

4.  INSTRUMENTATION 

Most  of  the  instrumentation  used  is  described  in 
the  report  of  AGARD  FDP-WG  10,  [2.2.] 

4.1  Model  position 

In  the  NWG  the  model  was  aerodynamically 
aligned  to  the  free  stream  direction.  It  was 
adjusted  horizontally  in  the  FI  tunnel  with  a 


spirit-ievei  on  a  reference  plate  which  was  fixed 
to  the  model.  The  model  Incidence  was  meas¬ 
ured  by  an  inclinometer  located  inside  the  model 
during  the  runs.  The  accuracy  of  the  incidence 
is  estimated  to  ±0.1°. 

4.2  Model  pressure  measurements 

The  model  is  equipped  with  42  pressure  taps 
of  0.3  mm  diameter  positioned  on  one  meridian 
in  non-equkfistant  distances,  cf.  Fig.  4.1.  Due  to 
the  fact  that  the  model  could  be  rotated  around 
its  longitudinal  axis  the  wall  pressures  could  be 
measured  in  the  42  cross  section  with  high 
resolution  in  circumferential  direction. 

Pressure  transducers; 

NWG:  Hottinger  PDI/0.01, 1000  Pa,  accuracy= 
0.1%  of  full  scale  and  SETRA  239,  1400  Pa, 
accuracy*  0.14%  of  full  scale 
FI:  DRUCK  Ltd.  PDCR  22,  2.5  psi=  17000  Pa, 
accuracy*  0.1%  of  full  scale. 

Wall  pressure  fluctuations  have  not  been  mea¬ 
sured. 

4.3  Boundary  layer  measurements 

Mean  velocity  profiles  In  the  three-dimensional 
boundary  layers  have  been  measured  for  a 
model  angle  of  incidence  a*  10°  applying  pres¬ 
sure  probes,  [3.6].  The  probe  with  its  traversing 
mechanism  inside  the  model  could  be  posi¬ 
tioned  in  four  cross  sections,  see  Fig.  4.2.  The 
probe  was  traversed  normal  to  the  model  sur¬ 
face.  A  three-hole-direction-probe.  Fig.  4.3,  was 
used  to  determine  the  longitudinal  and  spanwise 
velocity  components  U  and  V.  The  static  pres¬ 
sure  used  in  the  data  reduction  was  measured 
at  the  wall  and  assumed  to  be  constant  through 
the  entire  boundary  layer  thickness.  Errors  could 
have  been  revealed  here,  if  thick  boundary  lay¬ 
ers  dose  to  separation  were  Investigated. 

4.4  Flow  field  measurements 

Mean  velocities  in  the  flow  field  around  the 
model  were  measured  with  pressure  probes  in 
both  wind  tunnels.  A  10-hole  probe  was  used  in 
the  NWG,  [4.2.],  [3.8],  and  a  five-hole  probe  in 
the  FI  tunnel,  [4.3].  The  NWG  probe  was 
mounted  to  a  traversing  mechanism  outside  the 
test  section.  Fig.  4.4.  The  probe  was  traversed 
in  different  cross  sections  on  rays  perpendicular 
to  the  surface  of  the  model  at  a  given  circum¬ 
ferential  angle  ip.  Fig.  4.5. 

The  ONERA  five-hole  probe  with  a  diameter  of 
3  mm  was  also  travers^  on  rays  perpendicular 
to  the  model  surface,  see  Figs.  4.6, 4.7. 

4.5  Surface  flow  visualisations 

Surface  oil  flow  visualisations  have  been  per¬ 
formed  for  several  angles  of  incidence  and 
Reynolds  numbers.  Photos  have  been  taken. 
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4.6  Flow  field  visualisations 

Some  laser  light  sheet  visualisations  have  been 
carried  out  in  the  FI  tunnel  at  low  Reynolds 
numbers. 

4.7  Tunnel  wall  measurements 

Pressure  distributions  on  the  wind  tunnel  walls 
(FI)  have  not  been  measured. 

4.8  Wall  shear  stress  measurements 
Surface  hot  film  sensors  were  applied  for  the 
magnitude  and  direction  of  the  local  wall  shear 
stress.  Commercially  available  V-type  sensors, 
originally  designed  by  McCroskey,  [4.4],  with 
two  mutually  perpendicular  films.  Fig.  4.8,  were 
flush  mounted  to  the  model  surface  in  12  cross 
sections.  Fig.  4.9.  The  calibration  and  data 
reduction  procedures  are  described  in  [3.3]  and 
[3.4]. 

5.  TEST  MATRIX  AND  CONDITIONS 

Only  some  test  cases  (incidence  and  Reynolds 
number  combinations)  have  been  selected. 

5.1  Detailed  test  matrix 

Number  of  selected  test  cases:  3  ,  see  Table  I 

5.2  Model/tunnel  relations 
Maximum  blockage; 

5%  at  a«  30°  in  NWG 
3%  at  a-  30°  in  FI 
Model  span/tunnel  width: 

0.13  in  NWG,  0.09  In  FI 

5.3  Transition  details 

Measurements  have  been  carried  out  with  free 
and/or  fixed  transition.  The  position  of  natural 
transition  depending  on  the  angle  of  incidence, 
the  circumferential  angle  and  the  Reynolds 
number  was  determined  by  means  of  the  sur¬ 
face  hot  film  sensors.  Fixed  transition  was 
applied  for  Os  10°  in  the  NWG  at  xJi*  0.2.  A  20 
mm  wide  carborundum  strip  with  grains  of  0.7 
mm  average  diameter  was  used,  cf.  Fig  5.1 .  The 
effectiveness  of  the  trip  was  verified  by  the  sur¬ 
face  hot  film  sensor  located  some  30  mm 
downstream  of  the  roughness  strip,  for  details 
see  [3.1]. 

6.  DATA 

6.1  Availability  of  data 
Organisation  owning  the  data: 

DLR,  Institute  for  Flukt  Mechanics 
Bunsenstr.  10,  D-37(.73  Gottingen,  Germany 
and 

ONERA,  OA 

BP  72,  F-92322  Chatillon  Cedex,  France 

Responsable  for  the  data: 

Or.  H.-P.  Kreplin,  DLR,  SM-SM 


Bunsenstr.  10,  D-37073  GOttIngen,  Germany 
Phone  -t-49-(0)551 -709-2259 
Fax  +49-(0)551 -709-2829 

Are  data  freely  available? 

Yes,  the  data  of  the  three  selected  test  cases 
are  available  in  connection  with  this  AGARD 
working  group. 

6.2  Suitability  of  data  tor  CFD  validation.  No 
corrections  have  been  applied  to  the  data. 
Free-air  computations  are  possible  after  stand¬ 
ard  corrections  have  been  applied.  In-tunnel 
computations  are  possible  using  proper  bound¬ 
ary  conditions  (constant  pressure  for  free  jot  - 
NWG,  straight  wall  for  closed  test  section  -  FI). 

6.3  Type  and  form  of  data 

Uncorrected  surface  pressure  coefficients,  wall 
shear  stress  vectors  and  velocity  vectors,  see 
Table  II 

data  carrier:  tape  or  floppy 
Extent  of  geometry  data; 

-  (Model  geometry  is  defined  analytically) 
Extent  of  aerodynamic  data: 

6000  pressure  coefficients 
3600  wall  shear  stress  vectors 
20000  velocity  vectors 

6.4  Corrections 

No  corrections  were  applied  to  the  data.  As  the 
boundary  conditions  are  known  (free  jet  in 
NWG,  straight  solid  wall  in  Ft),  conventional 
corrections  are  possible.  Solid  blockage  effects 
are  estimated  to  AUJU.  «  -0.003  at  a>  10°  and 
-0.01  at  a«  30°  for  NWG  and  to  AUL/L/..  =  0,018 
at  Os  30°  for  FI.  Lift  Interference  effects  are 
estimated  to  Aa>  0.3°  in  NWG  and  0.2°  in  FI 
at  a>  30°.  They  are  negligible  at  a>  10°. 

7.  DATA  ACCURACY  AND  REPEATABILITY 

7.1  Estimate  accuracy  of 
Free  stream  conditions: 

Flow  velocity  ±0.25%  (NWG) 

Dynamic  pressure  ±0.3%  (FI) 

Model  incidence  ±0.1° 

Measured  data: 

Pressure  coefficients;  ACp^.  ±0.01  (NWG,  U.*: 
55  m/s),  ACp=  ±0.005  (FI ,  U.k  75  m/s,  Po*  4  bar) 
Wall  shear  stress:  AC|/C|>  ±0.1,  ±0.1 

Velocity:  AU/U™=  ±0.01,  Ay<  1  ° 

7.2  Repeat  measurements 

Within  one  campaign  only  very  few  repeat 
measurements  (e.g.  velocity  profiles)  were 
made.  In  successive  campaigns  some  spot 
checks  of  repeat  measurements  were  per¬ 
formed. 


7.3  Redundant  measurements 
Comparison  of  wall  streamlines  integrated  from 
surface  hot  film  data  and  oil  flow  visullsatlons. 
Surface  flow  angles  with  surface  hot  films  and 
3-hole  probe  lying  on  the  wall.  Velocities  in  outer 
part  of  the  boundary  layer  by  3-hole  boundary 
layer  probe  and  10-hole/5-hole  flow  field  probe. 

7.4  Other  tests  on  same  geometry 

The  FI  model  has  also  been  checked  In  the 
NWG.  Only  some  surface  pressure  and  wall 
shear  stress  measurements  were  performed. 
Checks  were  made  running  the  same  Reynolds 
number  and  model  incidence  in  both  tunnels, 
NWG  and  FI,  with  the  respective  models.  The 
overall  agreement  between  these  checks  is 
taken  to  be  reasonable. 
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9.  SYMBOLS 

a,b  main  half  axes  of  the  prolate 

spheroid 

L=2a  model  length 

X,  Xg  longitudinal  coordinate,  axial  dis¬ 
tance  from  model  nose 
Xo.yo.Zo  model  oriented  coordinates 

U  longitudinal  velocity  component 

V  circumferential  velocity  component 

U,  resultant  velocity 


U,  at  boundary  layer  edge 

y 

cross  flow  angle 

u. 

free  stream  velocity 

q. 

free  stream  dynamic  pressure 

Re 

Reynolds  number  based  on  model 
length 

Ma 

Free  stream  Mach  number 

Ct  =  Vq. 

skin  friction  coefficient 

Cp 

pressure  coefficient 

a 

model  angle  of  incidence 

8„ 

displacement  thickness  of  resultant 
velocity 

(p,  (b 

circumferential  model  angle 

wall  shear  stress  (magnitude) 

y* 

wall  shear  stress  angle 

Table  I:  Test  matrbc  and  conditions 


IDENTIFICATION 

FLOW  CONDITION 

POSITION 

OTHER  INFORMATION 

CASE 

CONF. 

Ma 

q. 

ROl 

a 

Type  of 

Tunnel 

Transition 

NO. 

kPa 

X  10-* 

o 

measurements 

1 

A 

0.16 

1.75 

7.7 

10 

a,b,c 

NWG 

tripped 

2 

A 

0.13 

1.2 

6.5 

30 

a,b,d 

NWG 

free 

3 

B 

0.23 

12.0 

43 

30 

a,b,d 

FI 

free 

Legend: 

Configuration:  A-  NWG-model 

B=  FI -model 


Type  of  measurement:  a>  surface  pressures 

b-  wall  shear  stress  vectors 
c-  velocity  vectors  in  boundary  layer 
d-  velocKy  vectors  in  flow  field 

Tunnel:  NWG-  Low  speed  tunnel,  DLR  Gfittingen 

FI  «  FI  pressurized  low  speed  tunnel,  ONERA 


Table  II:  Data  availability 


Data 

Engin.  units 

Coefficients 

Normalized 

Uncorrected 

Corrected 

Freestream  conditions 

X 

X 

Surface  pressures 

X 

X 

Skin  friction 

X 

X 

Forces 

Boundary  layer  data 

X 

X 

Wake  data 

Flow  field  data 

X 

X 

Test  section  waR  pressures 
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Fig.  1 .3:  Limiting  (wall)  streamlines, 
a=  10  U.=  55  m/s,  NWG 


Potential  Flow 
Calculation 


Fig.  1.1:  Surface  pressure  distributions, 
a=  10  °,  fixed  transition,  NWG 


Fig.  1 .2;  Wall  shear  stress  distributions, 
a=  10°.  NWG 


Fig.  1.4:  Crossflow  profiles  of  mean  velocity  in 
the  3d  boundary  layer,  a=  10  °,  NWG 


Ua»-  45  m/s 


Fig.  1 .5:  Development  of  the  three-dimensional 
boundary  layer  displacement  thick¬ 
ness,  a=  10  artificial  transition  at 
Xo=  0,2,  NWG 


«  .30* 


Fig.  1.8:  Limitinj  (wall)  streamlines, 
a=  30  °,  NWG 


Fig.  1 .6:  Surface  pressure  distributions, 
a=  30  °,  NWG 


14  •  fcWi.  a  <  K* 


Fig.  1.9:  Crossflow  velocity  vectors  showing 
leeside  vortices,  a=  30  °,  NWG 


Wall  shear  stress  distributions, 
a=  30  °,  NWG 
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Fig.  3.2:  Dimensions  of  the  support  of  the  pro¬ 
late  spheroid  model  In  the  ONERA  FI 
Tunnel 
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Fig.  4.4;  10-hole  direction  probe  and  traversing 
mechanism  (NWG) 


It  lOmm 


Fig.  4.1:  Arrangement  of  the  pressure  taps  on 
the  prolate  spheroid  model 


x/2o=  0.64 


Fig.  4.3:  Three-hole  direction  probe  for  bound 
ary  layer  measurements 


x/'2a=  0.56  0.73 


Fig.  4.2:  Cross  sections  of  boundary  layer 
measurements 
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Fig.  4.5;  Cross  sections  of  flow  field  measure¬ 
ments  (NWG) 


Fig.  4.6;  Traversing  mechanism  of  five  hole 
probe  mounted  on  the  vertical  mast 
(F1) 


■i- 


Fig.  4.7;  Cross  sections  and  rays  for  flow  field 
measurements  (F1) 
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Fig.  4.8;  V-type  surface  hot  film  sensor 


I  Fig.  4.9:  Locations  of  the  surface  hot  film  sen- 

I  sors  in  different  cross  sections  on  the 

!  prolate  spheroid  models  used  in  NWG 

I  (a)  and  F1  (b)  tunnels 
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Force  and  pressure  data  of  an  ogive-nosed 
slender  body  at  high  angles  of  attack 
and  different  Reynolds  numbers 

by 

K.  Hartmann 

Deutsche  Forschungsanstalt  fiir  Lutt-  und 
Raumfahrt  e.V. 

DLR 

D-37073  Gottingen,  Germany 

Introduction 

At  high  angles  of  attack  the  air  flows  around 
missile  configurations  are  dominated  by  the 
phenomenon  of  symmetric  and  asymmetric  flow 
separation  on  the  geometrical  components  of 
body-wing-tail  combinations.  Different  kinds  of 
vortex  pattern  occur.  They  cause  three-dimen¬ 
sional  flow  fields  which  are  extremely  complex. 
I’he  boundary  layers  are  mainly  transitional 
and/or  of  the  turbulent  type.  An  exclusively  the¬ 
oretical  treatment  of  such  flow  fields  is  at  pres¬ 
ent  and  probably  In  the  near  future  not  possible. 
From  this  fact  arises  the  need  of  systematic 
experimental  Investigations  in  order  to  contrib¬ 
ute  to  the  understanding  of  the  observed  fluid 
mechanic  phenomena.  In  addition,  a  data  base 
is  required  for  the  improvement  or  development 
of  semiemperical  prediction  methods  and  also 
for  the  modelling  of  flows  to  establish  theories. 
Computer  codes,  based  on  solutions  of  the 
Euler  or  Navier-Stokes  equations,  can  be  vali¬ 
dated  by  comparison  with  the  experimental 
data. 

For  the  conceptual  design  of  missile  systems 
fast  and  Inexpensive  engineering  prediction 
methods  are  required  which  provide  highly 
accurate  preliminary  estimates  of  aerodynamic 
performance,  stability  and  control.  The  most 
commonly  used  type  of  such  methods  for  this 
purpose  is  the  so-called  component  build  up 
method  which  adds  up  the  forces  acting  on  each 
individual  component  of  a  missile  (body,  wing, 
tail)  and  takes  into  account  interference  loads. 
In  this  connexion  the  body  of  a  missile,  mostly 
of  a  circular  cross-section,  is  the  most  compli¬ 
cated  component  because  the  positions  of  the 
separation  lines  are  not  known  a  priori,  because 
of  the  absence  of  sharp  edges,  but  evolve  from 
the  Interaction  between  the  boundary  layer  and 
the  outer  ftow.  This  causes  a  strong  Reynolds 
number  dependence.  In  certain  regions  of 
angles  of  attack  the  asymmetric  flow  separation 
leads  to  large  lateral  forces  with  random 
directions. 


In  order  to  obtain  the  required  experimental  data 
base,  force  and  moment,  flow  field  and  pressure 
measurements  (steady  and  unsteady)  were 
carried  out  on  an  ogive-nosed  circular  cylinder 
body  with  a  smooth  surface.  The  tests  were 
performed  in  the  two  open  jet  low  speed  wind 
tunnels  of  the  DLR  in  Gdttingen  (NWG,  test 
section  size  3  m  x  3  m)  and  in  Braunschweig 
(NWB,  test  section  size  2.8  m  x  3.25  m).  A  body 
diameter  of  D  =  200  mm  was  chosen  to  achieve 
Reynolds  numbers  as  high  as  possible  at  the 
maximum  speed  in  these  tunnels.  The  tests 
comprise  angles  of  attack  from  0°  to  90°  and 
Reynolds  numbers  of  2.5  x  10*.  3.7  x  10®  and 
7.7  x  10®  (based  on  body  diameter  and  tree- 
stream  conditions).  For  six  angles  of  attack 
between  20°  and  70°  the  dependence  on  differ¬ 
ent  roll  positions  of  the  body  was  systematically 
investigated  with  a  complete  coverage  of  360°. 
In  some  cases  the  turbulence  level  of  the  free- 
stream  was  varied. 

The  body  vortices  were  visualized  in  a  water 
towing  tank  using  hydrogen  bubbles  and  in  the 
wind  tunnel  with  the  aid  of  smoke  and  a  laser 
light  sheet. 

1.  GENERAL  DESCRIPTION 

1.1  Model  name 

Ogive  circular-cylinder  body 

1 .2  Model  type  and  flow  conditions 

Slender  ogive-nosed  body.  Incompressible  sub¬ 
sonic  flow 

1 .3  Purpose  of  test 

Force  and  pressure  distribution  measurements 
to  create  a  data  base  and  to  contribute  to  the 
understanding  of  the  flow  separation  and  the 
very  complex  3D-vortex  flows 

1 .4  Dominant  flow  physics 

Laminar,  transitional  and  turbulent  boundary 
layers,  symmetric  and  asymmetric  flow  sepa¬ 
ration  with  subsequent  formation  of  lee-side 
vortices  with  either  symmetric  or  asymmetric 
pattern  and  corresponding  lateral  forces  with 
random  sign  at  zero  yaw.  Dependence  on  Rey¬ 
nolds  number  and  body  roll  position.  Nonlinear 
characteristic  of  the  forces  as  function  of  angle 
of  attack. 

2.  DETAILS  OF  MODELS 

2.1  General  geometric  arrangement 

Isolated  ogive-nosed  slender  body  with  circular 
cross-section 


■i1 
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2.2  Specific  features 

Configuration  A:  model  for  pressure  distribution 
measurements  with  a  length  to  diameter  ratio 
of  14  (Figure  1) 

Configuration  B:  model  for  force  measurements 
with  a  biack,  smooth  surface  and  a  length  to 
diameter  ratio  of  1 1  (Figure  2) 

2.3  Body  data 

Nose  shape  is  a  tangent  ogive  with  a  fineness 
ratio  of  3.  Contour  equation,  Figure  1 . 

Aftertwdy  of  circular  cross-section  is  8  diam¬ 
eters  long  (force  model)  or  11  diameters  tong 
(pressure  model).  Total  length  is  11  diameters 
or  14  diameters,  respectively. 

2.4  Geometric  definition 

The  shape  is  anaiytically  specified.  The  surface 
of  the  force  model  is  polished,  the  surface  of  the 
pressure  model  is  smooth  with  an  average 
roughness  of  .001  mm.  Contour  deviations  are 
negiigibie  due  to  the  large  size  of  the  model 

2.5  Model  supports 

Central  rear  stings,  four  different  supports;  Fig¬ 
ures  2  to  4.  Support  IV  not  shown  in  a  sketch, 
because  not  relevant  for  the  selected  test  cases. 
For  further  detailed  geometrical  information 
request  drawings  No.  12-1-033-00  and  12-1- 
033-02  from  DLR 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designations 

a. )  3  m  X  3  m  low  speed  wind  tunnel  NWG  at 
DLR  in  Gottingen,  References  8.1.1 

b. )  Low  speed  wind  tunnel  NWB  at  DLR  in 
Braunschweig,  Reference  8.1.3 

3.2  Organization  running  the  tunnels 

Deutsche  Forschungsanstalt  fOr  Luft-  und 
Raumfahrt  e.V.,  DLR,  Hauptabteilung  Wind- 
kanOle 

3.3  Tunnel  characterstics 

a. )  NWG,  continuously  working  wind  tunnel. 
Open  jet  test  section  with  a  cross-section  size 
of  3  m  X  3  m  and  a  length  of  6  m.  Maximum 
speed  is  65  m/s 

b. )  NWB,  facility  with  a  closed  return  circuit 
comprising  an  open  jet  and  a  closed  test  sec¬ 
tion,  the  cross-section  being  3.25  m  x  2.80  m. 
Maximum  speed  is  90  m/s  in  the  closed  tost 
section  and  75  m/s  in  the  open  jet.  Tests  were 
conducted  in  the  open  jet  test  sections 

3.4  Test  section 


3.4.1  Model  mounting 
Central  stings.  Figures  2  to  4 

3.4.2  Test  section  dimensions 

Gottingen  tunnel  NWG  3m  x  3m  x  6m 
Braunschweig  tunnel  NWB  3.25m  x  2.8m  x  6m 

3.5  Freestream  conditions 

3.5.1  Reference  flow  conditions 

Total  pressure  and  temperature  in  settling 
chamber,  ambient  (atmospheric)  pressure  and 
total  temperature 

3.5.2  Tunnel  calibration 

Multi  hole  probe,  long  cylindrical  probe,  thermo¬ 
couples,  hot  wires; 

Date  of  last  calibration; 

1985  for  NWG,  GOttingen  tunnel 
1988  for  NWB,  Braunschweig  tunnel 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

NWG;  Variation  of  dyn.  pressure  ±  0.5%  within 
test  section.  Variatton  of  static  pressure  along 
test  section  center  line  is  less  than  ±  1 .5%  of  the 
dyn.  pressure.  Flow  angularity  is  less  than  0.25° 
on  the  test  section  center  line.  It  was  determined 
by  a  ten-hole  directional  probe 
NWB:  Variation  of  dyn.  pressure  ±  0.2%.  Vari¬ 
ation  of  static  pressure  along  test  section  center 
line  is  less  than  1%  of  the  dyn.  pressure.  Flow 
angularity  is  less  than  0.15° 

3.6.2  Temperature  variation 

Temperature  cannot  be  controlled.  It  increases 
slightly  with  running  time  over  a  long  period. 

3.6.3  Flow  unsteadines 
See  Figures  5  and  6 

4.  INSTRUMENTATION 

4.1  Model  position 

4.1.1  Geometrical  incidence 

Support  positions  changed  by  electric  step 
motors.  Positions  determined  by  potentiometers, 
a  =  0°  position  set  by  spirit  level. 

P  =  0°  position  set  by  geometric  markings 
related  to  nozzle  geometry.  Sting  deflection 
determined  by  calibration. 

4.1.2  Accuracy  of  geometrical  incidence 
Aaless  than  ±0.1° 
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4.2  Model  pressure  measurements 

4.2.1  Total  nurriber  and  disposition  of  pressure 
holes 

A  total  of  360  pressure  holes,  0.5  mm  in  diam¬ 
eter,  are  arranged  in  15  cross-sections.  Figure 
1 

4.2.2  Range  and  accuracy  of  pressure  trans¬ 
ducers 

±7x10’  N/nf,  model  PDCR  22  of  Druck  Ltd. 
England 

±  0.06%  full  scale 

4.2.3  Dynamic  pressures 

Measured  with  Kulite  transducers  mounted 
directly  below  the  model  surface  at  cross-sec¬ 
tions  x/D  =  5  and  11;  16  transducers  in  each 
cross-section 

4.3  Force  and  moment  measurements 

4.3.1  Type  and  location  of  balance 

6  component  internal  strain  gauge  balance  1 .5" 
MK  XVI  TASK  Corporation,  USA 

4.3.2  Maximum  load  range  and  accuracy  of 
components 

normal  force 
side  force 
axial  force 
pitching  moment 
yawing  moment 
rolling  moment 
±1%«full  scale 

4.4  Flow  field  measurements 

9-hole  pressure  probe.  Flow  field  in  three 
crossflow  planes  at  different  turbulent  levels,  the 
latter  varied  by  a  grid. 

4.5  Flow  field  visualization 

4.5.1  Techniques  applied 

Laser  light  sheet  and  smoke.  Hydrogen  bubbles 
in  water 

4.5.2  Visualized  planes 

Planes  of  cross-section  at  x/D  =  1 , 2,  3,  4,  5,  6, 
6.5,  7,  8  and  10; 

Top  view  and  side  view  of  the  3-D  vortices 
(stereo-photos) 

4.5.3  Data  availability 

Video  tape  and  photos  (upon  request) 

5.  TEST  MATRIX  AND  CONDITIONS 


5.1 .  Detailed  test  matrix 

5.1 .1  Number  of  selcted  test  cases 

4  (corresponding  to  Figures  7  to  15),  proposed 
test  cases  are  the  cases  2,  3,  5  and  6  of  Table 
I. 

5.1 .2  Number  of  configurations  tested 

3;  pressure  model,  14  diameters  long 
force  nrodel,  1 1  diameters  long, 
plexiglass  model  for  flow  visualizations 

5.1.3  Table  of  test  matrix 
Table  I  (complete  data  base) 

5.2  Model  /  tunnel  relations 

Blockage  up  to  a  =  45°  is  less  than  1%. 
Blockage  increases  to  10%  if  a  =  90°  and  model 
plan  view  area  is  related  to  cross-section  of  the 
undisturbed  open  jet  =  cross-section  of  nozzle 
exit  minus  mixing  zone  area 
For  the  tests  at  angles  of  attack  a  >  45°  the 
support  III  was  positioned  at  a  lower  level  below 
the  test  section  so  that  the  pressure  instm- 
mented  part  of  the  model  from  the  nose  tip 
towards  the  rear  could  be  kept  in  the  undis¬ 
turbed  region  of  the  open  jet 

5.3  Transition  details 

All  tests  carried  out  with  free  transition.  Natural 
transition  location  can  be  found  approximately 
from  the  Cp-distributions  when  compared  with 
the  characteristics  of  the  2-D  circular  cylinder 
(also  see  Figure  8) 

6.  DATA 

6.1  Availability  of  data 

6.1 .1  Organisation  owning  the  data 

DLR,  Institute  of  Experimental 
FLuid  Mechanics 
Bunsenstr.  10 

D-37073  Gottingen,  Germany 

6.1 .2  Who  is  responsible  for  the  data 

Dr.-Ing.  K.  Hartmann 
DLR,  SM-ES 
Bunsenstr.  10 

D-37073  Gottingen,  Germany 
Phone  49  -  551  -  709  -  2255 
Fax  49  -  551  -  709  -  2811 

6.1.3  Are  data  freely  available 
Yes 

6.2  Type  and  form  in  which  data  are  avail¬ 
able 


N  906  kp 
Y  =  407  kp 
A  =  59kp 
m  =  30  mkp,  N  =  0 
n  =  10  mkp,  Y  =  0 
I  =  14  mkp 
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6.2.1  Type  and  form 

Uncorrected  force,  moment  and  pressure  coef¬ 
ficients 

6.2.2  Data  carrier 

Printed  lists,  see  Ref.  8.3.2 
Computer  tape,  floppy  disk  3  1/2" 

Video  tape,  see  Ref.  8.3.5 

6.2.3  Extent  of  geometry  data 

No  data  are  necessary,  see  Figure  1 

6.2.4  Extent  of  aerodynamic  test  data 

1440  local  force  coefficients 
6480  Cp-values 
468  overall  force  coefficients 
3444  velocity  components 

6.3  Corrections  applied  to  data 

No  corrections  were  applied: 

Conventional  corrections  are  partly  possible, 
because  boundary  conditions  (open  jet  in  both 
wind  tunnels)  are  known.  For  standard  cor¬ 
rection  methods  see  Reference  8.1.8.  The 
maximum  solid  blockage  effect  was  estimated 
to  AVJV.  -  -0.0343. 

7.  DATA  ACCURACY  AND  REPEATABIL¬ 

ITY  ASSESSMENT 

7.1  Estimated  accuracy  of: 

7.1.1  Freesfream  conditions 
Flow  velocity  V_  ±  0.25% 

Model  incidence  A  a  <  ±  0.1°,  geometrical 

7.1 .2  Measured  data 

Pressure  coefficients  ACp:  0.01 

Force  and  moment  coefficients 

More  inaccurate  than  the  pressure  coefficients, 

because  a  very  rigid  strain  gauge  balance  had 

to  be  used.  The  high  load  range  of  this  balance 

was  not  utilized  by  the  relatively  small  static 

aerodynamic  forces. 

normal  force  ±  1% 

side  force  ±  4% 

axial  force  ±  3% 

pitching  moment  ±  2% 

yawing  moment  ±  7% 

All  values  mentioned  above  are  related  to  indi¬ 
vidual  maximum  measured  steady  forces  or 
moments,  respectively 


Flow  field  data 

Amount  of  the  velocity  components:  less  than  ± 
0.25  %  of  V,.  Flow  direction  of  the  vector  com¬ 
ponents  in  the  measuring  plane  (Fig.  15):  Aa 
and  Ajl  less  than  01°  at  velocities  greater  than 
20  m/s,  but  increasingly  higher  at  smaller 
velocities. 

7.2  Repeat  measurements 

7.2.1  Type  and  number  within  one  test  cam¬ 
paign 

Pressure  measurements  were  repeated  for  one 
flow  condition  at  6  different  sampling  rates. 
Pressure  measurements  were  repeated  5  times 
at  the  same  sampling  rate  at  nominally  the  same 
flow  conditions.  Between  these  repeats  the  tun¬ 
nel  was  each  time  stopped  and  started  again. 
Figure  8 

7.2.2  Type  and  number  in  a  successive  cam¬ 
paign 

Pressure  measurements  with  the  same  model 
in  another  tunnel  at  nominally  the  same  flow 
conditions.  See  Figures  9  and  10,  showing  local 
force  distributions  as  derived  from  pressure 
measuments. 
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DFVLR  IB  222  -  83  A  05b:  data  lists,  part  II. 
1983 

8.3.3  Hartmut  Holst 

StrOmungsfeldmessungen  an  einem  FtugkOr- 
perrumpf  bei  hohen  Anstellwinkein 

-  Ergebnisdiagramme  - 
DFVLR  IB  157  -  78  A  11,  1979, 

8.3.4  Hartmut  Holst 

StrOmungsfeldmessungen  an  einem  FlugkOr- 
perrumpf  bei  hohen  Anstellwinkein 

-  Listenbericht  - 

DFVLR  -  IB  157  -  78  A  12,  1979 

8.3.5  Jurgen  Kompenhans  und  Klaus  Hart¬ 
mann 

StrOmungssichtbarmachung  an  einem 
hochangestellen  Ogivkreiszylinderrumpf  mit 
Hilfe  de'  Laser-Llchtschnittmethode 


9.  Symbols 


A,  B 

Designation  of  configuration 

CM 

Pitching  moment  coefficient, 
based  on  q„,  body  base  area  and 
body  diameter.  Reference 
point=body  nose  tip 

CN 

Yawing  moment  coefficient, 
based  on  q, ,  body  base  area  and 
body  diameter.  Reference 
point=body  nose  tip 

Cy,  CY 

Overall  side  force  coefficient, 
based  on  q„  and  body  base  area. 

Cz,  CZ 

Overall  normal  force  coefficient, 
based  on  q.  and  body  base  area. 

(Cy),CYL3 

Local  side  force  coefficient,  based 
on  q..  and  reference  area  D  x  unit 
length 

(Cz)c  CZL3 

Local  normal  force  coefficient, 
based  on  q.  and  reference  area 

D  X  uni  length 

Cp 

Pressure  coefficient,  (p  -  pj/q,.. 

D 

Body  diameter 

L 

width  of  nozzle  exit,  reference 
length 

MR 

Number  of  series 

MP 

Serial  number  within  one  series 

NWB 

Designation  of  low  speed  tunnel 
in  Braunschweig 

C3*6 


NWG 

Designation  of  low  speed  tunnel 

Vyr 

Velocity  component  in  the  cross 

in  Gottingen 

flow  plane  yz 

P 

Pressure  on  model  surface 

V...  V 

Freestream  velocity 

P- 

Freestream  static  pressure 

v- 

Fluctuating  part  of  velocity  com¬ 

q„Q 

Freestream  dynamic  pressure. 

ponent  in  y-direction 

pJ2\ll 

w' 

Fluctuating  part  of  velocity  com¬ 

R 

Maximum  body  radius 

ponent  in  z-direction 

Reo,  RE,  RED 

Reynolds  number,  based  on  body 
diameter  D 

X,  y,  z 

Cartesian  coordinates,  see  Fig¬ 
ures  5,  8  and  9 

r(x) 

Local  body  radius 

a,  ALFA, 
ALPHA 

Angle  of  attack 

Tu 

Turbulence  level 

P-. 

Freestream  density 

Tux 

Turbulence  level  in  x-direction 

<I>,  PHI 

Roll  position  of  body 

Tuy 

Turbulence  level  in  y-direcfion 

0,  THETA 

Angle  of  circumference  in  body 

Tuz 

Turbulence  level  in  z-direcfion 

cross-sections,  measured  from 

U. 

Freestream  velocity 

stagmtion  point  (line),  independ 
enf  of  roll  position. 

u',  v',  w' 

Fluctuating  part  of  velocity  com¬ 
ponents  in  X-,  y-  and  z-direction, 
respectively 

Table  1:  Test  Matrix  and  Conditions 

IDENTIFICATION 

FLOW  CONDITION 

POSI¬ 

TION 

OTHER  INFORMATION 

CASE 

CONF. 

V. 

q- 

Reo 

a 

<i> 

Type  ol 

Remarks 

NO. 

Ifl 

IkPa] 

X  10  ‘ 

measurements 

1 

A 

20 

0.4 

25 

Ki 

a.  NWG 

Fig  13 

2 

A 

20,60 

0.4;2.2 

msm 

Q 

El 

Fig.14+15 

3 

A 

20,30,60 

0  4:0.55:2.2 

25:38:74 

1 

a, 

<!>, 

a.NWG.NWB 

Fig  1610  21 

4 

A 

30,60 

0.55:2  2 

4,7.1 

ou 

b.NWG 

Fig.24  to  31 

5 

B 

'!0.S7 

■J>, 

c,NWG 

Fig  32 

6 

B 

20 

0.4 

m 

Ea 

d.NWG 

Fig  33 

7 

C 

O'; 

0.0053 

0.05 

O; 

‘i'. 

e,V7SG 

Fig  34 

8 

A 

20 

0.4 

2.5 

02 

q>i 

1.NWB 

Legend 

1.  Configuration: 

A  «  pressure  model,  aluminium 

B  >  force  model,  aluminium,  coated  with  a  tiack 
paint 

C  -  plexiglass  model 

2.  a  range: 
a,  ■  50*.  55“ 
a,  »  55“ 

Oj  -  30“.  35“.  50“.  55“.  90" 

04  -  35“.  37  5“.  90“ 

04  «  -5“  to  90“,  with  A  04  ■  2.5“ 

O4  ■  30“ 

Oj  «  30“.  50“.  80“ 

3.  Roll  position: 
a»,  -  0“ 

•  0“  to  360“,  with  A  a»j  -  30“ 


4.  Type  of  measurement: 

a  »  static  pressure  distnbulion  measurements 
via  pressure  taps  and  PSI  pressure  rood 
ules 

b  s  dynamic  pressure  measurements  via  pres¬ 
sure  taps  and  Kulile  pressure  transducers 

c  »  overall  force  and  rrwment  measurements 
with  a  6-component  strain  gauge  belarv:e 

d  «  flow  field  meausrements  with  a  9-hole 
pressure  probe 

e  >  flow  visualization  In  a  water  towing  tank  by 
means  of  hydrogen  bubbles 

f  «  flow  visualization  by  smoke  and  a  laser 
light  sheet 

NWG  s  3  m  X  3  m  low  speed  wind  tunnel  m 

Gottingen 

NWB  ■3  25  mx28mlow  speed  wind  tunnel 

in  Braunschweig 

WSQ  B  Water  lowing  tank  in  Gottingen 
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lO[>pc<1  cross  -  sections 

model  base  view 


0 

0® 

I  Voo  *  sin  a 


coordtnoles  of  pressure  tapped  cross-sections: 


cross-seetton 

1 

2 

3 

4 

5 

6 

7 

6 

9 

10 

n 

12 

13 

K 

IS 

X 

0 

0.525 

1.02  S 

1.525 

2,025 

2,525 

3025 

3775 

4225 

4.B25 

5,825 

6825 

7,825 

8.82  5 

9,825 

IQ82S 

conlcur  o(  model  nose:  0309840-  (-^j  -  Q039667-  (^)’-  QQ02615  ■ 

Fig.  1 :  Model  geometry  and  positions  of  pressure  tapped  cross-sections 


Fig.  2:  Model  for  force  measurements  on 
sting  support  I  in  the  open  jet  test 
section  of  the  DLR's  3m  x  3m  low 
speed  wind  tunnel  NWG  in  Gottingen 


part 

1 

2 

3 

A 

5 

6 

7 

8 

lenqht  [mm] 

175 

no 

600 

750 

600 

1500 

700 

1750 

diomeferlmm] 

60 

65 

115 

175 

175 

150 

75 

60 

Fig.  3:  Geometrical  details  of  model  support  I 


Fig.  4;  Model  for  pressure  measurements  on  sting  support  II 

(a-range  from  0°  to  45°)  and  sting  support  III  (a-range  from 
45°  to  90°) 


T” 

tuy  : 


l« 

s 


O - 


Freestream  Velocity  U.  (m/sl 


Distance  from  Nozzle  Exit  x/L,  L:3m 


Turbulence  levels  of  the  DLR's  low 
speed  wind  tunnels  in  Braunschweig  and 
Gottingen  as  function  of  the  freestream 
velocity;  according  to  U.  Michel  and  E. 
FrObel,  DLR,  SM-ES-BE 


Turbulence  levels  of  the  DLR's  low 
speed  wind  tunnels  in  Braunschweig  and 
Gottingen  as  function  of  the  distance 
from  nozzle  exit;  according  to  U.  Michel 
and  E.  ErObel,  DLR,  SM-ES-BE 


Symbol  Institution 

i  gaTog” 

A  OFVLR 

«  ONtRA 


006  90* 

006  0* 

0.10  ISO* 


occomponying  fXtssutc  di>int>ut>o<is 
in  th«  lowei  f«gu<« 


Fig.  7:  Comparison  of  local  side  force  distributions  from  BAe 
DLR  and  ONERA 
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2.t.  105 

v_= 

20^ 

a  c 

SO* 

0* 

Symb.i 

t  (sec) 

R»0  =  2.5.105 
V_.20-^ 


a)  NWB^  Braunschweig  Tunnel 


SyiT4)  |4*llest  number 


0 
0 
0 

I  X  1 0 1  iei  I 

o  I  0  I  182 


(B)  NWG,  Gottingen  lunnel 


Fig,  10:  Demonstration  of  the  repeatability  of  the  static  pressure  measurements 


Ren '2. 5»  10^  I  a  .SO*)  Reon7.3.10^ 


ReD-2.5.10^  la.S0*|  Reo=7,3»10 


-  NWB.  Braunschweig  tunnel 
NWC,  Gottingen  tunnel 


-  NWB,  Braunschweig  tunnel 
.  NWG.  Gdttingen  Ujnnel 


Fig.  1 1 :  Comparison  of  local  normal  force  distrib-  Fig.  12: 
utions  derived  from  pressure  data  obtained 
(or  different  roll  positions  <1>  at  a  55”  and 
two  Reynolds  numbers  in  the  DLR's  low 
speed  wind  tunnels  NWB  in  Braunschweig 
and  NWG  in  GOttingen 


Comparison  of  local  side  force  distributions 
derived  from  pressure  data  obtained  for  dif 
ferent  roll  positions  <l>  at  a  =  55°  and  two 
Reynolds  numbers  in  the  DLR's  low  speed 
wind  tunnels  NWB  in  Braunschweig  and 
NWG  in  Gflttingen 


Fftqutncy  txrs  (Hz] 


Amplitude  spectra  of  the  dynamic  part  of  the  surface  pressure  of  pressure  tap  1  to  16  at  body  cross 
section  =  5,  related  to  Fig.  13 


Freqvienqr  juts  |Hz) 


Amplitude  spectra  of  the  dynamic  part  of  the  surface  pressure  of  pressure  tap  17  to  32  at  body 
cross  section  -^=11.  related  to  Fig.  13 
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ELLIPSOID-CYLINDER  MODEL 
BY 

D.  BARBERIS 

ONERA  -  BP72-F92322  CHATILLON  CEDEX 


0  -  INTRODUCTION 

The  data  presented  in  this  contribution  were  obtained  in  the  F2  subsonic  wind  tunnel  of  the  ONERA 
Fauga-Mauzac  Center.  The  objective  of  this  work  was  to  obtain  detailed  experimental  data  on  a  separated 
vortex  flow.  The  model  shape  has  been  chosen  to  be  as  simple  as  possible  in  order  to  facilitate  the 
mathematical  modelling.  This  model  has  been  defined  after  preliminary  studies  in  a  water  tunnel. 

The  present  document  reports  the  results  obtained  with  an  axisymmetric  model  at  incidence.  For  this  study, 
attention  has  been  focused  on  the  boundary  layer  evolution  in  the  zone  of  separation  and  on  the  mechanism 
leading  to  the  formation  of  a  well  detached  primary  vortex.  The  flow  has  been  investigated  in  great  details 
by  using  several  experimental  techniques  :  surface  flow  visualizations,  surface  pressure  measurements,  field 
explorations  by  multi-hole  pressure  probes  and  a  LDV  system. 


I  -  GENERAL  DESCRIPTION 

1.1  -  Model  designation 

1.2  -  Model  type  and  flow  conditions 


1.3  -  Design  requirements 


1.4  -  Dominant  flow  physics 


2  -  DETAILS  OF  MODEL 

2.1  -  General  geometric  arrangement 


2.2  -  Body  data 
2.2.1 -Shape 


ECR  model 

Blunt  slender  body  terminated  with  a  slanted  flat 
base.  Subsonic  flow  regime. 

Large  subsonic  model  with  a  thick  boundary  layer 
which  allows  very  detailed  investigations. 
Fundamental  research  on  3D  turbulent  separation  in 
the  case  where  separation  occurs  on  a  regular  surface 
with  a  radius  of  curvature  large  compared  to  the 
boundary  layer  thickness. 

(see  Fig.  1 ).  An  important  feature  of  the  flow  on  a 
blunt  model  is  the  convergence  of  the  skin  friction 
lines  towards  a  common  direction  called  a  3D 
separation  line. 

(see  Fig.  2).  The  model  consists  of  an  half 
axisymmetric  prolate  ellipsoid  with  a  cylindrical 
extension  terminated  by  a  flat  base,  inclined  at  45° 
with  respect  to  the  model  axis,  in  order  to  stabilize 
the  separation  on  the  rear  part  of  the  obstacle. 


The  length  L  of  the  model,  comprised  between  the 
nose  and  the  middle  of  the  base,  is  equal  to 
1600  mm,  the  ellipsoid  major  axis  is  a  =  800  mm, 
its  minor  axis  being  b  =  c  =  200  mm.  Two  models 
with  the  same  shape  have  been  built :  one  model  was 
used  for  surface  flow  visualizations  and  LDV 
measurements,  the  other  for  surface  pressure 
measurements  and  probing  with  a  three-hole  pressure 
probe. 
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2.3  -  Geometric  definition  of  all  components 

2.4  -  Model  support  details 

3  -  GENERAL  TUNNEL  INFORMATION 

3.1  -  Tuitnel  designation 

3.2  -  Or^tanization  running  the  tunnel 

3.3  -  Tunnel  characteristics 


All  models  have  been  built  in  glass  fiber  and  epoxy 
and  covered  with  black  paint. 

(see  Fig.  3) 


F2  wind  tunnel  (see  Fig.  4). 

ONERA  -  Fauga-Mauzac  Centre. 

It  is  a  continuous  closed  circuit  wind  tunnel  driven 
by  a  fan  with  constant  blade  angle  and  a  variable 
motor  speed  with  a  maximum  power  of  700  kW. 
The  air  speed  is  variable  from  0  to  100  m/s.  The 
stagnation  pressure  is  the  atmospheric  pressure.  The 
contraction  ratio  is  equal  to  12.  Following  the  wind, 
the  settling  chamber  is  equipped,  with  a  grid  in  the 
rapid  expansion,  an  honeycomb  and  three  grids  .  The 
cooling  section,  the  fan  section,  the  comer  vanes, 
and  the  central  section  (including  ;  contraction,  test 
section  and  the  beginning  of  the  first  difilisor)  are 
built  of  steel.  The  rest  of  the  tunnel  is  made  of 
concrete. 


3.4  -  Test  section 

3.4.1  -  Model  mounting  in  the  test  section  (see  Fig.  3) 

3.4.2  -  Test  section  dimensions  The  test  section  is  rectangular  :  height  1.80  m,  width 

1.40  m,  length  5m. 

3.4.3  -  Wall  geometry  details  The  side  walls  of  the  test  section  are  formed  by 

several  removable  panels,  which  allows  various 
arrangements  of  transparent  and  opaque  area.  The 
top  and  bottom  walls  are  built  in  ply  with  a  glass 
window  of  0.6  x  2  m*  surface. 

The  divergence  of  the  wind  tunnel  can  be  trimmed 
by  changing  inclination  of  the  top  and  bottom  walls. 


3.5  -  Freestream  calibration 

3.5.1  -  Reference  flow  conditions 


3.5.2  -  Tunnel  calibration 


The  reference  stagnation  pressure  is  measured  in  the 
settling  chamber.  The  reference  static  pressure  is 
obtained  from  a  Prandtl  antenna  situated  at  300  mm 
from  the  top  wall  of  the  test  section  and  at  786  mm 
downstream  of  the  beginning  of  the  test  section.  The 
static  temperature  is  measured  in  the  settling 
chamber  with  a  thermocouple  (C,  -  A,)  connected  to 
digital  AOIP  system  with  0. 1  °C  resolution. 

The  uniformity  of  the  flow  velocity  U  in  various 
transverse  planes  of  the  section  was  checked 
successively  with  laser  velocimetry,  pressure  probe 
and  hot  wire.  The  pressure  probe  and  hot  wire  were 
supported  by  a  three  degrees  of  freedom  device  (X 
horizontal  axial  centreline,  Y  and  Z)  fastened  to  the 
test  section  inside. 

The  figure  5  obtained  by  pressure  probe  gives  the 
comparison  of  the  local  values  U,  in  a  vertical  plane 
located  1  meter  behind  the  beginning  of  the  test 
section,  and  the  reference  value  Uo  measured  by  a 
fixed  pressure  probe  located  0.786  m  behind  the 
beginning  of  the  test  section  and  0.3  m  under  the 
upper  wall ;  in  this  case  Z  =  0.902  m,  Y  =  0.798  m 
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and  U„  =  100  m/s.This  figure  shows  a  very  good 
uniformity  in  the  plane. 

The  laser  accuracy  was  estimated  to  a  relative  error 
AU/U  <  1.5%,  the  absolute  error  on  the  angle 
between  the  velocity  vector  and  the  horizontal  being 
0.5  degree.  These  measurements  show  the  same 
uniformity  as  the  pressure  measurements  and  the 
measured  angles  were  always  smaller  than  the 
estimated  error.  The  hot  wire  measurements, 
although  disturbed  by  small  mechanical  vibrations  of 
the  supporting  device,  shows  the  same  uniformity  of 
the  flow.  Dynamic  measurements^if  pressure 
llucluationslp^ and  speed  fluctuationsiP  were  made 
by  a  microphone  and  a  hot  wire  in  the  test  section. 
A  quarter  inch  Bruel  and  Kjaer  microphone  equipped 
with  a  cone  (16  kHz  pass  band)  was  placed  3.6  m 
from  the  test  section  inle^n  the  horizontal  axial 
centreline.  The  values  of  |/^  were  obtained  without 
filtering  (see  Fig.  6). 

An  horizontal  5  pm  hot  wire  was  placed  0.8m  from 
the  test  section  injet  and  0.2  m  from  the  upper  wall. 
The  values  ofl/u^  were  determined  in  the  0  to 
1000  Hz  frequency  band  (see  Fig.7). 


4  -  INSTRUMENTATION 

4.1  -  Model  position 

4.1.1  -  How  is  the  geometrical  incidence  measured 

By  use  of  a  potentiometer. 

4.1.2  -  Accuracy  of  geometrical  incidence  0.1° 


4.2  -  Model  pressure  measurements 

4.2.1  -  Total  number  and  disposition  of  pressure  holes 

(see  Fig.8).  The  forward  part  of  the  irudel,  which 
can  rotate  along  its  longitudinal  axis,  contains  a  row 
of  46  surface  pressure  holes  distributed  along  a 
meridian  line.  The  possibility  of  rotating  the  model 
around  its  roll  axis  allowed  to  make  detailed  surface 
pressure  measurements  along  circumferential  direc¬ 
tions  ;  thus,  the  rotation  step  for  these  measurements 
was  equal  to  I  °,  with  1 8  mm  axial  step  length. 

4.2.2  -  Range  and  accuracy  of  pressure  transducers 

Pressure  transducer  range  ±  1  PSID 

4.2.3  -  Are  dynamic  pressures  measured  No 

4.3  -  Force  and  moment  measurements  No 


4.4  -  Boudarv  layer  and  flow  field  measurements 

4.4.1  -  Measurement  technique  applied  Field  explorations  by  three-hole  pressure  probes  and 

a  three  -  component  LDV  system. 

The  light  sources  of  the  LDV  system  are  constituted 
by  two  Argon  lasers  with  a  maximum  power  of 
15W.  The  first  laser  gives  the  blue  and  green 
radiations  (respective  wave-length,  0.488|im  and 
0.5145pm);  the  second  laser  provides  the  violet 
radiation  (wave-length  0.4765pm).  In  order  to  detect 
the  direction  of  the  measured  velocity  component, 
the  six  beams  coming  out  from  the  beam  splitters 
traverse  Bragg  cells  inducing  a  fnnge  shift  at  a 
frequency  of  4MHz.  Appropriate  optics  focus  the 
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4.4.2  -  Flow  regions  investigated 


4.4.3  -  Probe  and  probe  supports 


beams  to  constitute  the  probe  volume  whose 
diameter  is  close  to  0.35mm.  The  six  beams  are 
contained  in  a  same  plane  (P)  which  can  be  inclined 
at  a  chosen  angle.  The  blue  and  green  beams  are 
focused  along  a  common  direction  making  an  angle 
of  38°  with  respect  to  the  transverse  axis  Y,  the  two 
fringe  patterns  being  respectively  inclined  at  +45° 
and  -45°  with  respect  to  (P).  The  violet  beams  make 
an  angle  of  -38°  with  respect  to  Y;  so  that  the  angle 
between  the  blue-green  and  the  violet  beams  is  equal 
to  76°.  The  collecting  part  comprises  two  Cassegrain 
telescopes  having  a  diameter  of  200mm.  The  signals 
coming  out  from  the  photomultipliers  are  then 
processed  by  DISA  55L  type  counters  connected  to 
an  acquisition  system  through  a  simultaneity 
checking  device  which  checks  that  the  three  signals 
are  relative  to  the  same  particle  having  crossed  the 
probe  volume.  In  order  to  have  a  sufficiently  high 
data  rate,  the  flow  was  seeded  with  particles  of 
incense  smoke  emitted  downstream  of  the  test 
section,  thus  avoiding  perturbation  of  the  upstream 
flow  by  the  injection  device.  At  each  measurement 
point,  the  three  instantaneous  velocity  components 
were  acquired  from  a  sample  of  2  000  particles. 

(see  Fig.  9).  Different  means  of  investigation  have 
been  used  according  to  the  region  of  the  flow  to  be 
studied. 

The  two  three-hole  pressure  probes  used  to 
investigate  the  boundary  layer  are  shown  in  Fig.  10. 
These  probes,  of  the  "cobra"  type,  are  constituted  by 
three  tubes  welded  together  and  flattened  at  their 
extremity  to  allow  the  probe  to  come  very  close  to 
the  surface.  Thus,  the  minimum  thickness  of  these 
probes  is  equal  to  0.2  mm,  their  width  being 
1.6  mm.  The  traversing  mechanism  supporting  the 
probe  is  installed  inside  the  forward  part  of  the 
model  (see  Fig.  11).  It  could  be  fixed  in  any 
longitudinal  position  in  the  range 
340  mm  <  XG'  <  900  mm  (XG'  represents  the 
distance  along  the  model  longitudinal  axis  measured 
from  the  nose).  The  traversing  mechanism  can  rotate 
in  such  a  way  that  the  displacement  of  the  probe 
remains  normal  to  the  surface  at  the  measuring 
station. 

The  traversing  mechanism  can  be  accessed  through 
a  large  aperture  in  the  model  which  is  closed  during 
operation  (see  Fig.  12).  The  skin  of  the  model  is  a 
shell  built  in  glass  fiber  with  reinforcements  made  of 
foam  and  glass  fiber.  A  longitudinal  slot  in  the  skin 
allows  the  displacement  of  the  probe.  During  test, 
this  slot  is  obturated  by  a  steel  tinsel  fixed  to  the 
model  by  a  magnetic  track.  An  electric  contact  stops 
the  vertical  motion  of  the  probe  when  it  touches  the 
model  wall. 


4.5  -  Surface  flow  visualization 
4.5.1  -  Technique  applied 


The  surface  flow  was  characterized  by  using  a 
viscous  coating  which  allows  the  visualization  of  the 
skin  fKction  line  pattern  (see  Fig.  13) 
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4.5.2  -  Results 


4.6  -  Flow  field  visualization 

4.7  -  Tunnel  wall  measurements 


Results  of  the  surface  flow  patterns  are  presented  by 
side  and  leeward  photographs  of  the  model. 

(no  flow  field  visualization  were  made) 

No  tunnel  wall  measurements  were  made,  because 
attention  has  been  focused  on  the  boundary  layer 
evolution  in  the  zone  of  separation  and  the 
mechanism  leading  to  the  formation  of  a  vortex. 


5  -  TEST  MATRIX  AND  CONDITIONS 

5.1  -  Detailed  test  matrix  Mean  velocity  and  turbulent  shear  stress 

measurements  have  been  executed  in  the  region  of 
the  leeward  plane  of  symmetry  of  the  model  set  at 
an  incidence  a  of  20°  in  a  Uq  =  50  m/s  uniform 
flow.  The  description  of  the  flow  field  has  been 
completed  by  measurements  performed  close  to  the 
model  surface  by  using  three  hole  pressure  probes. 
Also,  surface  pressure  measurements  and  surface 
flow  visualizations  have  been  executed. 

-  All  the  experiments  have  been  made  for  the 
conditions 

Uj  =  50  m/s  and  R,.  =  5.6  10° 

-  Surface  pressure  measurements  (Model  B) 
a  =  20°;  22°;  24°;  26°;  28°;  30° 

-  LDV  measurements  (Model  A) 
a  =  20° 

-Three-hole  pressure  probe  measurements  (Model  B) 
0  =  20° 


5.2  -  Transition  details 


6  -  DATA 


6.1.1  -  Organization  owning  the  data 


6.1.2  -  Responsible  for  the  data 


6.1.3  -  Data  on  ellipsoid-cylinder  model  are 


All  the  tests  have  been  made  with  natural  transition. 
The  technique  used  to  detect  the  phenomenon  of 
transition  is  the  classical  property  of  acenaphtene 
sublimation  in  turbulent  zones.  The  remaining 
acenaphtene  reveals  the  laminar  region.  Furthermore, 
near  the  model  nose,  a  local  separation  can  be 
observed  which  is  revealed  by  an  accumulation  of 
product  on  oil  flow  visualizations.  This  separation 
causes  a  sudden  transition  of  the  flow  from  laminar 
to  turbulent,  the  phenomenon  being  confirmed  by 
visualizations  made  with  acenaphtene. 
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6.2  -  Suitability  of  Data  for  CFD  validation 


No  corrections  have  been  made  for  simulating  free 
air  conditions. 
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6.3  -  Type  and  form  in  which  data  are  available 
6.3.1  -  Type  and  form 


Files  are  in  ASCII  form  on  Floppy  Disks.  For  field 
measurements,  they  contain  the  coordinates  of  the 
measuring  point  and  the  aerodynamic  results  at  this 
point  (see  example,  in  Figs.  14,  15  and  16). 


6a  -  Corrections  applied  to  data  No  corrections  have  been  made  to  take  into  account 

the  wall,  sting  and  support  interference.  In  the  case 
of  boundary  layer  investigations  with  three-hole 
pressure  probes,  tests  have  been  made  to  qualify  the 
effects  of  incidence  and  Reynolds  number  on  probe 
calibration  curves.  These  effects  have  been  found  to 
be  negligible  for  the  considered  range  of  parameters. 
A  special  study  has  also  been  executed  to  elucidate 
wall  effects  on  the  probe  indications.  It  was  found 
that  corrections  are  negligible  when  the  distance  to 
the  wall  is  greater  than  the  probe  thickness  (0.2  mm 
in  our  case). 


7  -  DATA  ACCURACY  AND  REPEAT ABILITV  ASSESSMENT 

7.1  -  Estimate  accuracy  of : 

7.1.1-Free  stream  conditions  The  upstream  flow  velocity  accuracy  is  estimated  to 

a  relative  error  AU„AJ„  =  1%. 

Accuracy,  of  the  geometrical  incidence  is  equal  to 
0.02°. 

7.1.2  •  Measured  data  The  uncertainty  on  surface  pressure  being 

Ap  =  ±  7Pa  leading  to  an  accuracy  AKp  =  ±  1%  for 
Kp  =  -0.5. 

For  three-hole  pressure  probe  measurements,  the 
uncertainty  on  pressure  measurement  on  each  hole  is 
±  7Pa,  leading  to  an  uncertainty  of  ±  0.4°  on  the 
measurement  of  the  direction  of  the  velocity  vector. 
The  laser  accuracy  is  estimated  of  ±  1  m/s  for  the 
value  of  the  velocity  and  of  ±  1  °  for  the  direction  of 
the  local  velocity  vector. 


7.2  -  Repeat  measurements  Several  means  of  investigation  have  been  used 

according  to  the  region  of  the  flow  to  be  studied.  For 
the  first  campaign  results  are  relative  to  the  boundary 
layer  in  the  leeward  plane  of  symmetry.  There,  the 
flow  was  probed  by  using  a  three-component  LDV 
system  working  in  the  forward  scatter  mode  of 
operation.  Reliable  information  concerning  both  the 
mean  and  fluctuating  flow  properties  has  been 
obtained.  However,  with  the  forward  mode  of 
operation  it  is  only  possible  to  make  measurements 
near  the  model  surface  in  meridian  planes  close  to 
the  symmetry  plane.  Thus,  in  order  to  study  the  flow 
in  a  more  extended  region,  during  a  second 
campaign  of  experiments  the  LDV  system  was  used 
in  the  back  scatter  mode  of  operation. 

However,  in  this  configuration  the  quality  of  the 
signal  tends  to  degrade  significantly,  especially  in 
near  wall  regions.  In  the  last  step,  the  description  of 
the  flow  field  was  completed  by  measurements 
performed  very  close  to  the  model  surface  by  using 
three-hole  pressure  probes.  These  measurements  gave 
a  precise  information  on  the  boundary  layer 
behaviour  in  the  region  of  formation  of  the 


r 
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separation  lines.  However,  this  type  of  probe  does 
not  allow  turbulence  measurements. 

Figure  9  shows  the  domains  considered  for  field 
measurements,  A  part  of  the  domain  investigated 
with  the  three  component  LDV  system  in  the 
forward  mode  and  the  one  investigated  with  three- 
hole  pressure  probes  are  common.  Furthermore,  two 
three-hole  pressure  probes  have  been  used.  At  first, 
explorations  were  executed  with  the  straight  probe. 
Then,  in  regions  where  the  angle  between  the  probe 
axis  and  the  velocity  vector  becomes  too  high 
(>30°),  the  bent  probe  is  used. 


7.3  -  Redundant  measurements 

7.3.2  -  Checks  made  on  internal  consistency  of  the  data 

Will  be  made  in  the  near  future  on  measurements 
obtained  with  three-hole  pressure  probes  and  LDV 
system. 

7.4  -  Other  tests  on  same  geometrs'  No 
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X,  Y,  Z  wind  tunnel  referenced  and  fixed 

coordinate  system 

XG' ,  XG^ ,  XG’  model  referenced  coordinate 
system 

X^  X’  local  coordinate  system 

longitudinal  component  of  the 
velocity  in  XYZ  coordinate 
system 

g  velocity  at  upstream  infinity 

model  angle  of  incidence 
Reynolds  number  referenced  to 
the  length  of  the  model 
(C  =  1.6  m) 
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46  PTMiurt  Tips  along  a  Martdian  Lina 


Fig.  8  -  Investigated  Domain  :  Surface  Pressure 
Measurements 
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Fig.  9  -  Investigated  Domains  :  Field  Measurements 
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Fig.  1 1  •  Schematic  Representation  of  the 
Three  Hole  Pressure  Probe. 
Displacement  System  Installed  Inside  the  Model 


Fig.  12  -  View  of  the  Three  Hole  Pressure  Probe 
Displacement  System  Installed  Inside  the  Model 


aw  ouu  aw  \  — 

Domain  Invastlgatad  with  tha  3D  LOV  System 

(Forward  Moda)  ’  DImanslons  In  mm 


Fig.  14  -  Streamlines  Obtained  from  Three  Hole 
Pressure  Probe  Measurements, 
a  =  20°,  U,  =  50  m/s,  R.  =  5.6  10* 


-  Oil  Flow  Visualization,  a  =  20‘ 
U,  =  50m/s,  R,=  5.6I0‘ 
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Fig.  15  -  Projections  of  the  Mean  Velocity 
Vector  in  the  planes  Normal  to  the  Model 
Longitudinal  Axis,  a  =  20°,  U,  =  SO  m/s. 
(From  3D  LDV  Measurements) 


Fig.  16  -Streamlines  Projections  in  the  Planes 
Normal  to  the  Model  Longitudinal  Axis, 
a  =  20°,  U„  =  50  m/s,  =  5.6  I0‘ 
(From  3D  LDV  Measurements) 
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SUPERSONIC  VORTEX  FLOW  AROUND 
A  MISSILE  BODY 
BY 

D.  BARBERiS 

ONERA  -  BP72  -  F92322  CHATILLON  CEDEX 


Boundary-layer  separation  occurring  on  a  missile  body  at  moderate  or  high  angle  of  incidence  leads 
to  the  formation  of  well  organized  vortical  structures,  especially  at  supersonic  flight  Mach  numbers.  Even 
though  a  certain  number  of  experimental  results  are  available  for  this  type  of  flow,  none  of  the  published 
data  provide  complete  information  for  a  supersonic  flow. 

An  experimental  study  of  the  flowfield  around  a  3  calibre  tangent  ogive-cylinder  body  in  a  supersonic  flow 
has  been  carried  out  to  provide  a  consistent  description  of  the  flow.  This  experiment  includes  oil  flow 
visualizations,  primary  separation  line  determination,  surface  pressure  measurements  and  five  hole  pressure 
probe  surveys  for  a  Mach  number  of  2  and  an  angle  of  incidence  varying  from  0°  to  20°.  Results  are 
obtained  for  a  natural  and  fixed  transition. 


ONERA  missile  body 

9  calibre  ogive-cylinder  body  equipped  with  a  3 
calibre  circular  ogive  in  a  continuous  supersonic 
wind  tunnel  test  facility. 

Improvement  and  validation  of  the  numerical 
methods  require  as  complete  as  possible  experimental 
descriptions  of  the  flow  around  missile-type  bodies 
at  incidence.  The  data  base  to  be  constituted  should 
include  detailed  surface  pressure  distributions, 
surface  flow  visualizations  to  determine  the 
separation  lines,  and  also  accurate  external  flowfield 
measurements  to  define  the  vortex  pattern. 
Furthermore,  the  effect  of  the  nature  of  the  boundary 
layer  (laminar  or  turbulent)  on  the  primary 
separation  line  location  and  on  the  external  flowfield 
structure  has  also  been  studied. 


An  important  feature  of  the  flow  is  the  convergence 
of  the  skin  fnction  lines  towards  a  common  direction 
called  a  3D  separation  line.  From  this  line,  boundary 
layer  separates  and  induces  the  development  of  a 
vortex.  Surface  flow  visualizations  by  viscous 
coating  allow  the  determination  of  the  conjectural 
skin-&iction  line  pattern  (see  Fig.l).  All  the  skin- 
fnction  lines  start  at  the  mor'.el  apex.  An  attachment 
line  A,  is  present  in  the  windward  symmetry  plane. 
Primary  separation  occurs  along  line  S,.  An 
attachment  line  Aj  is  visible  in  the  leeward 
symmetry  plane.  A  second  separation  occurs  along 
the  secondary  separation  line  Sj.  Between  Sj  and  S, 
a  third  attachment  line  A,  exists.  The  transverse  flow 
organization  represented  in  Fig.  I  is  deduced  fix>m 
the  skin  fiiction  line  pattern.  It  includes  one  saddle 
point  in  the  outer  flow.  Thus,  the  separation  lines  S, 
and  Sj  are  the  traces  on  the  surface  of  two  separation 
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surfaces  which  roll  up  to  constitute  two  vortices. 


2  -  DETAILS  OF  MODEL 

2.1  -  General  geometric  arranpement 


2.2  -  Body  data 


2.3  -  Geometric  definition 


2.4  -  Model  support  details 


The  experiments  have  been  performed  on  a  9  - 
calibre  ogive  -  cylinder  in  a  continuous  supersonic 
wind  tunnel  test  facility.  Models  consist  of  a  6  - 
calibre  cylinder  extended  by  a  3  -  calibre  circular 
ogive,  whose  meridian  line  is  a  circle  tangent  to  the 
cylinder.  Ogive  extremity  is  tangent  to  a  cone  with 
an  half  angle  of  1 8.9°.  The  area  of  the  test  section  is 
0.3  X  0.3  m^.  The  characteristics  of  the  incoming 
frcestream  have  been  fixed  as  follows  : 

-  Mach  number  M^  =  2 

-  stagnation  pressure  P,,!,  =  0.05  MPa 

-  stagnation  temperature  T,,,,  =  330  K 

As  shown  in  Fig.  2,  the  model  was  sting  mounted 
and  its  incidence  a  could  be  varied  from  0°  to  20°. 

The  model  has  a  length  L  =  270  mm  and  a  diameter 
D  =  30  mm.  The  Reynolds  number  calculated  with 
D  is  R;|,  =  0.16  10‘.  Two  models  of  identical  shape 
have  been  manufactured.  The  first  model,  equipped 
with  17  pressure  taps  equally  distributed  along  a 
meridian  line  (see  Fig.  2),  has  been  used  for  surface 
pressure  measurements. 

The  second  model  was  used  to  make  surface  flow 
visualizations  with  an  oil  flow  technique.  It  was 
equipped  with  only  3  pressure  taps  in  order  to 
control  that  the  flow  was  not  affected  when  the 
model  was  changed. 

All  models  were  manufactured  in  steel  and  covered 
with  a  black  paint. 

(see  Fig.  3).  The  model  was  sting  mounted  to  a 
support  which  can  move  in  a  circular  path  to  obtain 
desired  incidence.  As  the  flow  was  symmetric  for  the 
tested  conditions  (Mj  =  2,  0°  <  a  <  20°),  it  was 
possible  to  determine  the  surface  pressure 
distribution  by  rotating  the  model  around  its  roll 
axis.  This  technique  allows  to  be  carried  out  a  great 
quantity  of  measurements  with  few  pressure  taps. 


3  -  GENERAL  TUNNEL  INFORMATION 

3.1  -  Tunnel  designation 

3.2  -  Organization  running  the  tunnel 

3.3  -  Tunnel  characteristics 


S5Ch  wind  tunnel  (see  Fig.  4) 

ONERA  -  Chalais-Meudon  Centre. 

S5Ch  is  a  continuous  supersonic  wind  tunnel  with 
return  circuit.  The  wind  tunnel  circuit  is  shown 
schematically  in  figure  4.  It  includes  a  twelve-stage 
axial  compressor  with  1400  kW  motor  drive.  The 
stagnation  pressure,  between  0.4  and  1  bar,  is  held  at 
the  required  value  by  an  auxiliary  pumping  unit.  The 
maximum  compression  ratio  of  the  compressor  is 
S.6.  This  value  allows  starting  of  a  Mach  3. IS 
nozzle.  A  heat  exchanger  installed  downstream  of  the 
compressor  maintains  the  stagnation  temperature  at 
approximately  300  K.  To  avoid  condensation 
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phenomena  in  the  test  section,  the  relative  humidity 
is  controlled  according  to  the  Mach  number  by 
injecting  dry  air  into  the  system. 

Different  nozzle  blocks  can  be  mounted  in  test 
section  no.  1,  to  develop  transonic  flows 
(0.8  <  Mo  <  1. IS)  in  a  0.3  X  0.22  m^  test  section,  or 
supersonic  flows  (1.45  <  M„  <  3.15)  in  a  0.3  x 
0.3  m^  section.  Windows  of  Schlieren-quality  glass 
with  a  diameter  of  0.35  m  are  mounted  in  the  side 
walls  of  the  test  section. 

The  general  flow  conditions  are  the  following  : 

-  stagnation  pressure  ranging  from  0.4  10’  to 
I  o’  Pa,  depending  on  the  Mach  number; 

-  stagnation  temperature  T„„  of  about  330  K; 

-  relative  humidity  of  1  g  of  water  vapor  per 
kilogram  of  air,  which  can  be  reduced  to  0.1  g/kg  ; 

-  maximum  unit  Reynolds  number  of  7  lOVm. 

Test  section  no.  2  consists  of  a  box  measuring 
0.5  x  1.2  m^  It  is  used  mainly  for  testing  blade 
cascades  (flat  or  circular)  at  Mach  numbers  of  about 
1.5. 

The  present  tests  were  conducted  in  test  section 
no.  I. 


3.4  -  Test  section 

3.4.1- (see  Figs.  2  and  3) 

3.4.2- Test  section  dimensions  The  cross  section  of  the  test  section  is  0.3  x  0.3  m^ 

The  longitudinal  extension  of  the  region  where  the 
Mach  number  is  uniform  depends  on  the  considered 
Mach  number  M„.  It  varies  from  0.3  m,  when 
M„  =  1.6  to  0.58  m,  when  Mo  =  3. 

3.4.3  -  Wall  geometry  details  Different  nozzle  blocks  can  be  mounted  in  test 

section  n°  1  to  produce  supersonic  flows.  Nozzle 
blocks  can  rotate  slightly  which  allows  to  modify  the 
flow  Mach  number  around  its  nominal  value. 


Nominal  Mach  number 
M(^  =  1.20 

1.61 
1.74 
2.00 
2.28 
2.60 
3.02 


Mach  number  variation 
1.00<M(,<  1.30 
1.45  <  Mo  <  1.71 
1.57  <  Mo  <  1.85 
1.85  <  Mo  <2.12 
2.10  <  Mo  <2.42 
2.47  <  Mo  <  2.78 
2.74  <  Mo  <3.15 
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-  Wall  pressures  and  wall  displacements  are  not 
measured. 

-  No  control  of  the  boundary  layer  on  walls 

-  The  typical  wall  boundary  layer  displacement 
thickness  is  5,  =  1 .3  mm  and  6  =  6  mm. 

3.5  -  Freestream  conditions 

3.5.1  -  How  are  reference  flow  conditions  determined 

The  reference  stagnation  pressure  Pao  and  stagnation 
temperature  Ts,„are  measured  in  the  settling  chamber. 
The  freestream  static  pressure  P„  is  deduced  from  the 
measurements  of  Pp/Ps.o  ratio  obtained  during  tunnel 
calibration  (Pp  being  the  Pitot  pressure). 

3.5.2  -  Tunnel  calibration  Determination  of  Pp/P^o  ratio  with  a  Pitot  pressure 

probe  and  Hg  manometer.  The  last  calibration  has 
been  performed  in  1960. 


3.6  -  Flow  quality 

3.6. 1- flow  unilbrmity  The  Mach  number  variation  over  model  length  is 

AM„  =  ±  0.01. 

For  supersonic  flows,  the  Mach  number  variation 
during  a  test  is  very  small,  and  less  than  the 
accuracy  of  the  measurement  apparatus  : 
AM  <  +  0.002. 

In  fact,  it  is  the  variation  of  the  stagnation  pressure 
Pgp  (±  5  mb)  which  induces  uncertainty  in  the 
determination  of  the  Pp/Pyo  ratio,  thus  reducing  the 
accuracy  of  Mach  number  determination.  The 
variation  of  flow  angularity  will  be  determined  in  the 
near  future.  Up  to  now,  zero  degree  aerodynamic 
angle  of  incidence  is  found  by  inversion  of  the 
model  in  the  test  section. 


3.6.2  -  Temperature  variation  Temperature  cannot  be  precisely  controlled.  In  the 

settling  chamber,  temperature  is  maintained  below 
320  K  by  using  the  heat  exchanger  ;  in  fact  Ts,o  can 
vary  between  310  and  320  K  (this  temperature  is 
function  of  the  atmospheric  conditions  and  the 
reference  stagnation  pressure).  Anyway,  for  fixed 
conditions  and  after  half  an  hour  of  running,  the 
variation  of  T,,,,  during  a  test  is  less  than  2K. 

3.6.3  -  Flow'  unsteadiness  Has  not  been  determined. 

4  -  INSTRUMENTATION 

4.1  -  Model  position 

4.1.1  -  How  is  the  geometrical  incidence  measured 

The  geometrical  incidence  is  measured  by  an  optical 
method. 

4.1.2  -  Accuracy  of  geometrical  incidence  0.1° 


4.2  -  Model  pressure  measurements 

4.2.1  -  Total  number  and  disposition  of  pressure  holes 

(see  Fig.  2) 

4.2.2  -  Range  and  accuracy  of  pressure  transducers 

15  PSI  with  ±  0.3  mb  accuracy 

4.2.3  -  Are  dynamic  pressures  measured  No 
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4.3 -Flow  field  measurements 

4.3. 1  -  Measurement  technique  applied 


4.3.2  -  Flow  regions  investigated 


Measurements  have  been  executed  with  a  five  hole 
pressure  probe.  The  diameter  of  the  probe  extremity 
was  1.5  mm.  The  probe  has  been  calibrated  as 
function  of  Mach  number  Mq  and  angle  of  incidence 
0  in  the  range  : 

0*<  0  <  40* 

0  <  Mo  <  3 

This  probe  allows  the  determination  of  the  local 
Mach  number,  stagnation  pressure,  and  velocity 
vector  deduced  under  the  assumption  of  a  constant 
stagnation  temperature,  which  is  a  good 
approximation  for  this  moderate  value  of  the 
incoming  freestream  Mach  number. 

An  automated  displacement  system  fixed  to  the 
upper  wall  of  the  test  section  moves  the  probe  along 
the  wind  tunnel-reference  system.  This  explorer  is 
driven  very  precisely  by  a  computer  (displacement 
accuracy  ±  0, 1  mm). 

The  pressure  taps  on  the  model  and  pressure  of  the 
five  hole  probe  are  connected  by  pneumatic  tubes  to 
six  Scanivalve  pressure  scanners.  The  pressures  are 
measured  by  Statham  transducers  of  15  PSID  range 
(about  10®  Pa).  The  test  procedure  and  acquisition 
process  is  controlled  by  the  S5Ch  tunnel 
SOLAR  16-40  computer. 

The  surveys  have  been  carried  out  in  planes 
perpendicular  to  the  model  axis,  along  radial  lines. 
Points  were  clustered  near  the  body  surface.  At  each 
incidence,  4  to  7  planes  have  been  surveyed,  each 
one  including  400  to  900  measurement  points.  Due 
to  flow  symmetry  and  accessibility,  only  the  upper 
left  quadrant  has  been  probed  (see  fig.  5). 


4.4  -  Surface  flow  visualization 

4.4. 1  -  Measurement  technique  applied 


4.5  -  Flow  field  visualization 


The  visualizations  were  obtained  by  using  Rhone- 
Poulenc  "X"  paste  as  the  viscous  substance,  diluted 
in  Gilotherm.  The  substance  is  applied  to  the  model. 
As  this  substance  is  sufficiently  fluid  when  the  test 
begins,  it  is  entrained  by  the  shear  forces  at  the 
surface,  revealing  skin  friction  lines.  In  the  course  of 
the  test  the  substance  remaining  on  the  surface 
becomes  thinner  and  gradually  hardens  in  contact 
with  the  surface,  which  is  heated  to  60°  by  the  flow 
(60°  C  is  roughly  the  adiabatic  equilibrium 
temperature).  The  surface  flow  configuration,  or 
surface  pattern,  is  then  frozen  under  stabilized  test 
conditions  and  undergoes  no  further  change  when  the 
flow  is  stopped  at  the  end  of  the  test.  The  patterns 
are  then  photographed  following  the  dismounting  of 
the  model. 

Schiieren  visualizations  were  made  using  the  set  up 
of  Fig.  6.  This  is  the  device  usually  used,  with  the 
source  (S)  on  the  emission  side,  followed  by 
condenser  (L,,)  and  a  planar  mirror  that  reflects  the 
source  image  onto  the  first  knife  (C,),  placed  at  the 
focal  point  of  spherical  mirror  (M,).  The  optical  axis 
of  M,  is  inclined  a  few  degrees  so  that  the  various 


elements  of  the  optical  set  up  do  not  partly  occult 
the  collimated  beam  directed  at  the  test  section.  On 
the  reception  side,  the  optical  path  is  symmetrical 
about  the  centre  of  the  test  section  to  the  path  on  the 
emission  side,  and  includes  the  following  elements  ; 

-  spherical  mirror  Mj,  which  focuses  the  beam  on 
knife  (Cj) ; 

-  planar  reflector  mirror  (m^)  ; 

-  conjugation  objective  (0)  ; 

-  the  collecting  device  to  record  the  Schlieren  image. 
The  laser  tomoscopic  method  was  developed  at 
ONERA  by  the  Physics  Department.  The  principle 
consists  of  illuminating  part  of  the  flow  to  be  studied 
with  a  plane  sheet  of  light.  The  principle  of  this 
method  is  diagrammed  in  Fig.  7.  It  uses  three 
independent  devices  ; 

-  a  tracer  injector; 

-  a  means  for  illuminating  the  tracer; 

-  a  photo  recording  device. 

The  purpose  of  the  injector  is  to  emit  a  tracer  that 
will  be  visible  in  the  region  of  flow  to  be 
investigated.  In  order  to  visualize  and  photograph  the 
phenomenon,  this  area  has  to  be  adequately 
illuminated.  A  laser  having  a  power  of  about  15  W 
is  used  to  do  this.  A  bar  of  glass  placed 
perpendicular  to  the  laser  beam  fans  it  out  into  a 
plane.  The  fanout  is  broader  the  smaller  the  diameter 
of  the  glass  cylinder.  This  diameter  is  therefore 
chosen  so  that  the  illumination  is  maximum,  while 
completely  covering  the  useful  field.  The  recording 
device  consists  of  i  still  or  movie  camera,  arranged 
as  perpendicularly  as  possible  to  the  plane  of 
illumination. 

For  the  present  experiments,  the  tracer  used  was  hot 
water  (hot  to  avoid  the  formation  of  ice  crystals), 
injected  by  a  4  mm  diameter  tube  placed  in  the  wind 
tunnel  collector,  well  upstream  of  the  test  section. 
The  laser  light  enters  the  test  section  through  one  of 
the  side  wall  windows,  along  a  horizontal  line,  and 
fans  out  in  a  plane  perpendicular  to  the  uniform 
freestream  flow.  The  camera  is  placed  outside  the 
test  section  with  its  optical  axis  at  an  angle  of  30°  to 
the  normal  to  the  laser  plane. 

For  all  experiments,  the  characteristics  of  the 

incoming  freestream  have  been  fixed  as  follows  : 

Mach  number  M^  =  2 

Stagnation  pressure  P^o  =  0.05  MPa 

Stagnation  temperature  T,,^  =  330  K 

The  Reynolds  number  calculated  with  D  =  30  mm  is 

ReD  =  0.16x  10‘. 

Experiments  have  been  performed  for  the  two 
following  conditions  :  natural  transition  and  fixed 
transition  (see  table  1 ). 

Surveys  with  the  five  hole  pressure  probe  have  been 
carried  out  in  planes  perpendicular  to  the  body  axis, 
along  radial  lines.  At  each  incidence,  2  to  7  planes 
have  been  surveyed,  each  one  containing  340  to  900 
measurement  points. 


5.2  -  Transition  details  (see  previous  section).  For  natural  transition, 

acenaphtene  coating  visualization  enabled  us  to 
verify  that  the  boundary  layer  remained  laminar  over 
the  entire  body  at  a  =  0  degree.  Transition  was 
triggered  by  means  of  a  5  mm  wide  carborandum 
strip  located  30  mm  downstream  of  the  body  apex. 
It  has  been  verified  by  using  the  acenaphtene 
technique  that  transition  occurred  at  the  location  of 
the  carborundum  strip  for  all  incidences. 


6  -  DATA 

6.1  -  Availability  of  data 

6.1.1  -  Organization  owning  the  data 


OFFICE  NATIONAL  D’ETUDES  ET  DE 
RECHERCHES  AEROSPATIALES  (ONERA) 
B.P.72,  F92322  CHATILLON  CEDEX. 


6.1.2  -  Responsible  for  the  data  BARBERIS  Didier 

Head  of  Research  Group 

ONERA  BiP  72,  F92322  CHATILLON  CEDEX 

Tel  :  33  I  46  23  51  74 

Fax  :  33  I  46  23  50  61 

6.1.3  -  Data  are  freely  available. 


6.2  -  Suitability  of  data  for  CFD  validation  No  corrections  have  been  made  for  simulating  free 

air  conditions. 


6.3  -  Type  and  form  in  which  data  are  available 

6.3.1  -  Type  and  form  Files  are  in  ASCII  form  on  Floppy  Discs.  For  field 

measurements  they  contain  the  coordinates  of  the 
measuring  point  and  the  aerodynamic  results  (see 
example  of  results,  in  Fig.  8). 

6.4  -  Corrections  applied  to  data  No  corrections  have  been  made  for  taking  account  of 

wall  interference,  sting  and  support.  Aero-elastic 
deformation  of  the  model  and  sting  has  not  been 
determined, 

7  -  DATA  ACCURACY  AND  REPEATABILITY  ASSESSMENT 

7.1  -  Estimate  accuracy  of  ■ 

7.1.1  -  Free  stream  conditions  AM  =  ±  0.01 

AP  =  ±  30  Pa  on  the  range  2000  -  50000  Pa 
Aa  =  ±  0.1° 

7.1.2  -  Measured  data  For  the  five  hole  pressure  probe,  accuracy  on 

calibration  results  are 
AM  =  ±  0.02 

AP  =  ±  30  Pa  on  the  range  2000  -  50000  Pa 
AX,  AY,  AZ  =  +  0.2  mm 
Aa  =  ±  0.2’ 

A0  =  ±  0.3*  for  the  rangeO  -  10° 

±0.5*  10° -20° 

±  r  20°  -  40° 

During  experiments,  the  various  quantities  given  by 
the  five  hole  pressure  probe  are  determined  with  an 
accuracy  of  a  few  percent  (2-3%)  in  regions  where 
gradients  are  moderate.  This  accuracy  can  be 
estimated  in  the  range  5-10%  in  the  core  of  the  more 
intense  vortices  due  to  the  existence  of  very  high 
gradients. 
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7.2  -  Repeat  measurements  -  Redundant  measurements  -  Other  Tests 

none 

7.3  -  Additional  remarks  -  Surface  pressure  distributions  have  been  obtained 

by  rotating  the  model  around  its  roll  axis.  The 
symmetry  of  the  flow  is  verified  a  posteriori  from 
these  distributions. 

-  From  the  schlieren  pictures  we  have  observed  that 
there  are  no  interactions  between  the  reflected  shock 
on  wall  test  section  and  the  rear  part  of  the  model. 
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9  -  LIST  OF  SYMBOLS 

a 

angle  of  incidence 

M 

Mach  number 

Po 

static  pressure 

PilO 

stagnation  pressure 

Reynolds  number  referenced  to  the 

TjlO 

diameter  of  the  model  (D  =  30  mm) 
stagnation  temperature 

X,  Y,  Z  : 

model  referenced  coordinate  system 

Table  I 


a° 

5 

10 

15 

20 _ 1 

Natural  Transition 

a  c  d  e 

a 

c  d  e 

a 

c  d  e 

a 

c  d  e 

Fixed  Transition 

a  d  e 
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d  e 

a 

d  e 

a 

b  d  e 

a  :  oil  flow  visualizations 
b  :  tomoscopic  visualizations 
c  :  schlieren 

d  :  surface  pressure  measurements 
e  :  five  -  hole  pressure  probe  measurements 
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Fig.  7  -  Schematic  Diagram  of  the  Laser 
Tomoscopic  System 


stagnation  prassure  p,,  Mach  number 
Transition 


Fig.  8  -  Comparison  between  Natural  and  Fixed 
Transition  of  the  Boundary  Layer 
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TEST  DATA  ON  A  NON-CIRCULAR  BODY  FOR  SUBSONIC, 

TRANSONIC  AND  SUPERSONIC  MACH  NUMBERS 
by 

P.  CHAMPIGNY 

Office  National  d'Etudes  et  de  Recherches  Aerospatiales  (ONERA) 
BP  72  -  92322  CHATILLON  CEDEX  -  FRANCE 


INTRODUCTION 

Measurements  on  a  non-circular  body  were  made  in  ONERA  wind  tunnels.  This  body, 
representative  of  non- conventional  missile  shapes,  was  studied  for  Mach  numbers 
from  0.4  to  3.0  (S2MA  wind-tunnel)  and  4.5  (S3MA  wind-tunnel),  angles  of  attack 
up  to  20*  and  sideslip  angles  up  to  10*,  with  a  free  transition.  The  data  base 
consists  of  static  pressure  measurements. 

The  intent  of  the  experiment  was  to  provide  data  for  evaluation  of  three- 
dimensional  flow  computation  methods,  as  part  of  a  research  program  sponsored  by 
t.e  "Direction  des  Recherches,  Etudes  et  Techniques"  of  the  French  Ministry  of 
Defense . 

The  flow  exhibits  large  separation  regions  and  strong  vortices,  even  at  low 
angles  of  attack,  due  to  the  particular  shape  of  the  body  (lenticular  cross- 
section)  . 


1.  GENERAL  DESCRIPTION 

1.1  Model  name 

1.2  Model  type  and  flow  conditions 

1.3  Design  requirements,  purpose  of 
test 

1.4  Dominant  flow  physics 

2.  DETAILS  OF  MODEL 

2.1  General  geometric  arrangement 

2.2  Various  configurations 

2.3  Wing  data 

2.4  Body  data 
2.4.1  Shape 


ONERA  PPF  body 

Slender  body  ;  sub-trans-supersonic 
speed  regime 

This  model  is  representative  of  non- 
conventional  missile  shapes  (lenticu¬ 
lar  cross-section).  The  test  were 
made  for  the  purpose  of  providing  a 
data  base  for  CFD  validation. 

The  flow  around  this  particular  body 
is  characterized  by  large  separated 
zones  and  strong  vortices,  even  at  a 
relatively  low  angle  of  attack. 


Body  alone  (figure  1) 

None 

None 


Nose 

Body  length 
Cross  section 
Maximum  height 
Maximum  width 
Boatail 


pointed 
1.2  m 

quasi- lenticular 

0.08m 

0.24m 

ogival 
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2. A. 2  Additional  details 

2.5  Fins,  canards,  tail  surfaces 

2.6  Nacelle 

2.7  Geometric  definition 


2.8  Model  support 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnels  designation 

3.2  Organisation  running  the  tunnels 

3.3  Tunnels  characteristics 


None 

None 

None 

Shape  specified  numerically  by  a  CAD 
system,  (see  figure  1) 

Tolerances  :  ±  50pm 

Surface  roughness  :  0.2pm 

Sting  (see  figure  2),  for  which  de¬ 
formations  are  negligible 

S2MA  and  S3MA 
CNERA 

S2MA  :  continuous 

0.3<  M  <1.3 
1.5<  M  <3.0 

S3MA  :  blow  down 
(t>40s) 

0.3s  M  Si. 2-1. 5 
1 .7<  M  S3. 8 
M  =  A. 5/5. 5 


3. A  Test  section 

3.A.1  Model  mounted  in  the  test  Figures  3  and  A 

section 

3. A. 2  Dimensions  (meters)  S2MA  ;  1.76  x  1.75 

(transonic) 

1 .85  X  1.75) 
(supersonic) 
S3MA  :  0.78  x  0.56 
(transonic) 
0.80  X  0.76 
(supersonic) 


3. A. 3  Wall  geometry  details 
.  Type  of  wall 

.  Wall  pressures 

.  Boundary  layer  control  on  walls 

.  Boundary  layer  displacement 
thickness 


Transonic  (S2MA)  ;  perforated  (2.9%) 
Supersonic  (S2MA  and  S3MA) ;  closed 
Not  measured  during  the  test 
No 

<»  15mm  (M-O.A)  to  30mm  (M“A.5) 
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3.5  Freestream  conditions 

3.5.1  Determinations 
.  Total  pressure 

.  Total  temperature 
.  Static  pressure 

3.5.2  Calibration 
.  How  ? 

.  Date  of  the  last  calibration 

3.6  Flow  quality 

3.6.1  Flow  uniformity 

3.6.2  Temperature  variation 

3.6.3  Flow  unsteadiness 

.  Overall  turbulence  level 


.  Overall  noise  level 


A.  INSTRUMENTATION 

4.1  Model  position 

4.1.1  Measured  incidence 

4.1.2  Accuracy 

4.2  Model  pressure  measurements 


Settling  chamber 
Settling  chamber 

Transonic  ;  measured  on  wall,  1500mm 
upstream  of  the  model 

Supersonic  :  calculated 

Transonic  ;  static  probe 

Supersonic  :  pitot  probe 

S2MA  transonic  :  1991 
supersonic  :  1985 

S3MA  M  =  4.5  ;  1968 

Non-provided 

Controlled 

±  1  *  during  a  run 

S2MA  transonic  : 

=  0.1  to  0.25  % 

S2MA  Supersonic  :  unknown 

S3MA  M  =  4 . 5  :  unknown 

S2MA  transonic  ; 

Cp  -  RMS  ■»  0.005  to  0.02 

S2MA  Supersonic  ;  0.005 

S3MA  M  =■  4 . 5  ;  unknown 

"Q-flex"  inclinometer  located  in  the 
model 

±  0.01* 


C6-4 


4.2.1  Pressure  holes 

4.2.2  Pressure  transducers 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 

5.1.1  Number  of  test  cases 

5.1.2  Number  of  configurations 

5.1.3  Test  matrix  table 
5.2  Model/tunnel  relations 

5.2.1  Maximum  blockage 

5.2.2  Model  span/tunnel  width 

5.3  Transition  details 

5.3.1  Transition 


5.3.2  Natural  transition  verified 

6.  DATA 

6.1  Availability  of  data 

6.1.1  Organisation 

6.1.2  Responsible  of  the  data 


6.1.3  Data  freely  available 


Total  number  :  207 
(See  figure  5) 
Range  ±  10*  Pa 
Accuracy  ±  50Pa 


15 

1 

See  table  1 


S2MA  ; 

:  0.5 

S3MA  : 

;  2.5 

S2MA  ; 

:  0.13 

S3MA  ; 

0.31 

The  tests  were  made  with  a  free  tran¬ 
sition  and  the  natural  transition 
location  was  not  determined  during 
these  tests.  Nevertheless,  from  other 
tests  on  the  same  geometry,  and  from 
Navier-Stokes  calculations,  it  seems 
that  the  transition  has  only  a  very 
little  effect  on  the  flow  feature  and 
local  forces,  in  supersonic  flow. 

No 


ONERA 

Patrick  CHAMPIGNY 

Deputy  Head  of  Applied  Aerodynamic 

Pivisipn 

B.P.  72 

92322  CHATILLON  CEDEX  FRANCE 
Telephone  ;  1.46.73.41.88 
Fax  :  1.46.73.41.46 

Yes 


C6-5 


6.2  Suitability  of  data  for  CFD  vali¬ 
dation 

6.2.1  Suitable  for  "in  tunnel"  calcu¬ 
lation 

6.2.2  Correction  to  simulate  "free 
air"  conditions 

6.3  Type  and  form  in  which  data  are 
available 

6.3.1  Type  and  form 

6.3.2  Data  carrier 

6.4  Corrections  applied  to  data 

6.4.1  Blockage  corrections 

6.4.2  Sting  and  support  corrections 

6.5  Test  result  examples 

7.  DATA  ACCUKACY  AND  REPEATABILITY 
ASSESSMENT 

7.1  Estimate  accuracy 

7.1.1  Free  stream  conditions 

7.1.2  Pressure  coefficient 

7.2  Repeat  measurements 

7.2.1  Within  one  test  campaign 

7.2.2  In  successive  campaigns 

7.3  Redundant  measurements 

7.4  Other  tests  on  same  geometry 


No,  because  the  boundary  conditions 
are  unknown. 

Even  without  correction,  the  data  are 
considered  suitable  for  "free-air" 
conditions . 


See  table  2 
Floppy  disk 

No  corrections  have  been  applied  to 
data 

The  blockage  effects  evaluated  by  an 
analytical  method  (using  distributed 
singularities)  are  small  (maximum  for 
Mach  0.9  :  ACp  <  10'^) 

The  sting  and  support  interferences 
evaluated  by  an  analytical  method  are 
more  important  (up  to  ACp  «  5  10"*  at 
the  rear  part  of  the  body). 

Figure  8  shows  some  typical  pressure 
distributions  at  a  -  10*,  for  diffe¬ 
rent  Mach  numbers. 


AM  =  0.5  10'* 
Ao  =  0.01* 
ACp  =  3.10-* 


Yes,  for  each  Mach  number  (example, 
figure  6) 

No 

No 

Flow-field  measurements  on  a  smaller 
model  (L  -  0.36  m)  at  Mach  2  a- 
10*/20*  were  made  in  the  S5Ch  wind 
tunnel,  to  complement  the  pressure 
measurements.  Some  examples  are  given 
in  [1],  which  shows  also  typical 
Navier-Stokes  results  (figure  7). 
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9.  LISTE  OF  SYMBOLS 

Cp  ;  pressure  coefficient 

Mo  :  freestream  Mach  number 

Pto  :  freestream  total  pressure 

Re^  ;  Reynolds  number  based  on  total 
length 

To  :  freestream  total  temperature 
a  :  incidence  angle 
P  :  sideslip  angle 


WIND- 

TUNNEL 

Mo 

Plo3 
( to*  Pa 
) 

To 

(K) 

«*L 

(  \(f'  ) 

a.P 

S2  MA 

0.4 

1.2 

287 

12.5 

a  =  0  / 10  /  20 

P=  10 

0.9 

1.2 

295 

20.5 

a  =  0/ 10/20 

P=  10 

2.0 

1.2 

295 

17.5 

a=0/l0/20 

P=  10 

S3  MA 

4.5 

6.0 

370 

18.6 

a  =0/10 

P=  10 

Table  1  -  Test  matrix  table 


DATA 

ENG  IN. 

UNITS 

COEFFICIENTS 

NORMALIZED 

UNCORRECTED 

CORRECTED 

FREESTREAM 

CONDITIONS 

X 

X 

X 

SURFACE 

PRESSURES 

X 

X 

Table  2  -  Data  availability 
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WIND  TUNNEL  TEST  ON  A  65  DEG  DELTA  WING 
WITH  A  SHARP  OR  ROUNDED  LEADING  EDGE 
-  THE  INTERNATIONAL  VORTEX  FLOW  EXPERIMENT  - 


A.  Elsenaar 

NATIONAL  AEROSPACE  LABORATORY  NLR 
ANTHONY  FOKKERWEG  2 
1059  CM  AMSTERDAM 
THE  NETHERLANDS 


0.  INTRODUCTION 

The  windtunnel  tests  carried  out  on  this  model 
resulted  from  an  international  co-operation  that 
involved  the  aeronautical  laboratories  AFWAL  (US), 
DLR  (Germany),  FFA  (Sweden),  NLR  (The 
Netherlands)  and  the  Universities  of  Braunschweig 
(Germany)  and  Delft  (The  Netherlands).  It  was  the 
basic  aim  of  these  measurements  to  provide  detailed 
pressure  and  flow  field  data  on  a  65  deg  delta  wing 
configuration  of  a  generic  shape  for  the  validation  of 
CFD  methods,  notably  Euler  methods.  For  this  rea.son 
one  of  the  basic  configurations  had  a  sharp  leading 
edge.  However,  there  was  also  considerably  interest 
for  configurations  with  more  realistic  features  and 
therefore  other  configurations  were  added.  These 
featured  a  wing  with  a  smaller  sweep  angle  (SS* 
instead  of  65  ■),  a  rounded  instead  of  a  shaip  leading 
edge  shape,  a  drooped  leading  edge  and  the  addition 
of  a  canard  wing  (see  fig.l).  The  windtunnel  tests 
were  made  in  different  wind  tunnels  with  different 
models  (see  table  1  and  2).  They  covered  a  large 
range  of  flow  conditions  and  measuring  techniques 
(including  force,  pressure  and  flow  field 
measurements)  as  summarized  in  the  tables  3  to  S  (see 
also  reference  I).  The  test  case  to  be  described  here 
covers  only  the  force  and  pressure  measurements  as 
carried  out  at  NLR  in  the  transonic  windtunnel  HST 
and  the  supersonic  windtunnel  SST.  The 
measurements  executed  at  DLR,  including  flow  field 
measurements,  can  be  found  in  case  D-4. 

1.  GENERAL  DESCRIPTION 

1. 1  Model  name  or  designation 

The  International  Vortex  Flow  Experiment 

1.2  Model  type  and  flow  conditions 

65  deg  delta  wing  with  separated  or  partly  separated 
flow  at  the  leading  edge;  tested  at  subsonic,  transonic 
and  supersonic  flow  conditions 

1.3  Design  requirements 

•  simple  geometry 

•  minimal  influence  of  supporting  body  (mounted 
underneath  the  delta  wing,  not  protruding  in  front 
of  the  wing) 

•  constant  airfoil  shape  in  streamwise  direction 


•  cropped  wing  tips 

1.4  Dominant  flow  physics 

a)  Vortex  flow  at  transonic  conditions  with  cross  flow 
shocks  and  a  rear  shock  (fig. 2, 3) 

b)  Classification  of  vortex  flow  development  from 
.subsonic  up  to  supersonic  leading  edges  for  the 
rounded  L.E.  case  (see  fig. 4) 

c)  Well  developed  vortex  flow  with  separation  all 
along  the  (sharp)  leading  edge  (fig.  S  to  8) 

d)  Eff^t  of  wing  leading  edge  shape  (sharp  or 
rounded)  on  primary  vortex  formation  (see  fig. 9, 10) 

0  Vortex  burst  and  the  subsequent  break-down  of  the 
flow  field  (see  fig.  II) 

See  also  ref.  1,2  and  3  for  a  discussion  of  the  flow. 


2  DETAILS  OF  MODEL 

2.1  General  geometric  arrangement 
see  fig.  12  and  Geometry  figures  Gl-GlO 

2.2  Configurations  tested 

A:  sharp  leading  edge,  no  canard 
B:  rounded  leading  edge,  no  canard 
C:  rounded  and  drooped  leading  edge,  no  canard 
D;  sharp  leading  edge,  with  canard 

2.3  Wing  and  airfoil  data 

2.3.1  Planform 

•  leading  edge  sweep:  65  • 

•  trailing  edge  sweep:  0  • 

•  no  twist 

•  cropped  wing  tip 

•  body  mounted  (almost  completely)  underneath  the 
wing 

2.3.2  Basic  wing  section 

•  constant  airfoil  section  in  streamwise  direction 

•  modified  NACA  64A()05  profile;  straight  line  aft 
of  75  %  chord 

-  conf.A  &  D:  sharp  leading  edge  (.7  %  local  chord 
L.E. radius  connected  with  a  simple  polynominal 
curve  to  the  40%  chord  position) 

-  conf.B  &  C;  rounded  leading  edge  as 
NACA  profile 
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•  no  camber 

•  5%  relative  thickness 

2.4  Body  data 

See  fig.  12,  IS  and  GI-G3 

2.5  Canard  wings 

Biconvex  airfoil  with  max.  t/c==.0S 

•  60"  L.E.  sweep;  35  T.E.  sweep 

•  mounted  in  plane  of  main  wing  (see  tig.  12  and 
G8-G10) 

2.6  Geometric  definition  of  all  components 

•  how  is  shape  defined: 

partly  numerically,  partly  analytically 

•  designed  or  measured  coordinates: 
designed 

•  tolerances; 

quoted  as  "close  to  its  prescribed  value" 

2.6  Model  support  details 

I  HST  tests: 

The  model  was  mounted  on  a  rear  sting  connected 
to  the  yaw  angle  support  (see  fig.  15) 

II  SST  tests; 

The  model  was  mounted  on  the  straight  sting 
support  (see  fig.  16) 


3  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

I  High  Speed  Wind  Tunnel  HST  (see  ref.4) 

II  Supersonic  Windtunnel  SST  (see  ref.5) 

3.2  Organisation  running  the  tunnel 
National  Aerospace  Laboratory  NLR, 

Amsterdam,  The  Netherlands 

3.3  Tunnel  characteristics 

I  closed  circuit;  see  tig.  13  for  operating  conditions 

II  blow  down;  see  fig.  14  for  operating  conditions; 
typical  run  time  30  to  60  sec 

3.4  Test  section 

3.4.1  Model  mounting  and  instrumentation 

I  see  fig.  15 

II  see  fig.  16 

3.4.2  Test  section  dimensions 

I  2.00x1.60x2.70  m 
(widthxheightxlength) 

II  1.2x~1.2  m  cross  section;  uniform  flow  over 
-1.2  m  in  flow  direction  (depending  on  Mach 
number) 


3.4.3  Wall  geometry 

I  •  slotted  top  and  bottom  walls; 

closed  side  walls 
•  open  area  ratio  12%  per  wall 

II  •  all  walls  closed 

3.5  Freestream  conditions 

3.5.1  Reference  flow  conditions 

I  •  total  pressure;  settling  chamber 

•  static  pressure:  from  plenum  pressure  with 
correction  derived  from  calibration 

•  static  temperature;  from  total  temperature  in 
settling  chamber  and  Mach  number 

II  •  total  pressure  in  settling  chamber 

•  upstream  wall  pressure  and  correction  derived 
from  calibration 

3.5.2  Tunnel  calibration 

I  *  "long  static  pipe"  at  tunnel  center  and  side  wall 
pressures; 

•  la.st  "long  static  pipe"  calibration;  1980;  regular 
checks  on  possible  changes  from  side  wall 
pressures 

II  •  optimization/calibration  of  the  tunnel  flow  by 
means  of  (vertical)  traversing  rake  with  static 
pressures  along  the  tunnel  centre  line  and  side  wall 
pressures 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

I  •  Mach  number  variation  over  model  chord:  < 
.(X)l  (at  Mach  =  .75; 

•  Mach  number  variation  during  a  run:  <  ±  .(X)l 

•  average  flow  angularity:  average  value  of  k.2* 
(Mach  number  dependent)  and  derived  from 
comparison  of  model  upright  and  inverted  tests  at 
tunnel  centre 

•  variation  of  flow  angularity  over  model  span:  not 
measured;  estimated  to  be  less  then  .2  ° 

II  •  Mach  number  variations  <  .01  to  .02  (Mach 
number  dependent) 

•  flow  angularity  determined  from  model  upright 
and  inverted  tests, 

Mach  number  dependent 

•  flow  angularity  variation  <  .  1  • 

3.6.2  Temperature  variation 

I  *  temperature  can  be  controlled  during  a  tun; 

•  variation  during  a  mn  less  then  1*  to  3* 
depending  on  Mach  and  Reynolds  number 

II  •  temperature  variation  during  a  run  less  then  3* 
(Mach  number  dependent) 

3.6.3  Flow  unsteadiness 

I  •  turbulence  level  not  measured  but  assumed  to  be 
very  low  in  view  of  the  high  contraction  ratio  (1:25); 
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•  overall  noise  level: 

.5%  <  Cp-RMS  <  1% 

II  •  overall  noise  level: 

.5%  <  Cp-RMS  <  2% 
depending  on  Mach  number  and  time 

4  INSTRUMENTATION 

4.1  Model  position 

•  model  incidence  derived  from  support  angle 
corrected  for  model  deflection  under  load 

•  accuracy:  ±  .05' 

4.2  Model  pressure  measurements 

4.2.1  Number  and  disposition  of  pressure  holes 

•  90  pressure  holes  (see  fig.  12  and  GI-G6) 

(measured  by  scanivalves) 

4.2.2  Type,  range  and  accuracy  of  pressure 
transducers 

I  *  model  pressures  with  differential 
transducers  of  ±350  and  ±  100  kPa 

•  wall  pressures  17  kPa 

II  •  model  pressures  measured  with  absolute 
transducers  ranging  from  172  kPa  (Ma=1.31)  up  to 
1035  kPa  (Ma=3.94) 

•  accuracy:  ±  .2%  Full  Scale 

4.3  Force  and  moment  measurements 

•  TASK  2*  extended  range 

•  range: 

normal  force  9220  N 
axial  force  930  N 
pitching  moment  461  Nm 

•  accuracy:  ±  .3%  Full  Scale 

4.4  Flow  Held  measurements 

Made  at  FFA  (5-hole  probe)  and  DLR  (LDV)  on  a 
geometrical  identical  though  smaller  model 

4.5  Surface  flow  visualization 

I  and  II  •  oil  flow  during  and  after  a  run 
data  available  on  photograph’s 

4.6  Flow  field  visualization 

•  Schlieren  pictures  in  side  view 
available  as  photograph's 

4.5  Tunnel  wall  pressure  measurements 
I  •  on  centre  slat  of  upper  and  lower  wall;  25 
pressures  each  (see  fig.  17) 


5  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  lest  matrix 

Out  of  all  NLR  data  (see  fig.  18)  a  selection  has  been 
made  for  cases  of  interest  provided  on  floppy  disk. 
These  cases  are  described  in  the  tables  6-10  and  relate 
to  the  sharp  and  rounded  leading  edge  configuration 
tested  in  the  HST  and  the  SST  (symetrical  conditions 
only)  and  a  few  cases  for  the  sharp  leading  edge 
configuration  with  the  canard  added,  measured  in  the 
HST  at  ijawing  conditions. 

5.2  Mndel/tunnel  relatioas 

•  maximum  blockage:  <  .5% 

•  model  span/tunnel  width: 

1  .24  II  .4 

•  wing  area/tunnel  cross  section: 

I  -.05  II  -.1 

5.3  Transition  details 

5.3.1  Free  or  fixed  Iraasilion 
all  data  with  free  transition 

5.3.2  Details  of  free  transition 

•  for  Mach=.85,  a=10%  20-,  Re=9.10**6 
acenaphtene  tests  have  been  made  that  indicated  on 
the  upper  surface  a  laminar  flow  region  close  to  the 
wing  apex  (less  then  .04  m)  and  an  equally  small 
laminar  region  on  the  fuselage  nose;  also,  test  were 
made  with  a  carborundum  strip  wrapped  around  the 
model  nose  (3  mm  wide,  65  mm  from  the  apax)  that 
indicated  no  noticeable  effect  on  the  pressure 
distril'ution;  from  these  test  it  was  concluded  that  the 
boundary  layer  flow  or.  the  model  was  effectively 
turbulent  for  a  Reynolds  number  (based  on  root 
chord)  of  9  million  and  beyond.  (See  ref.  9  for  a 
di.scussion) 


6  DATA 

6.1  Availability  of  data 

6.1.1  Organisation  owing  data 
NLR 

6.1.2  Who  is  responsible  fur  the  data 

•  P.B.  Rohne 

•  tel  (020)  5113360 

•  fax  (020)  5113210 

6.1.3  Are  data  freely  available 

yes 


6.2  Suitability  of  data  for  CFD  validation 
•  data  are  corrected  to  "free-air"  conditions 
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6.3  Type  and  form  in  which  data  are  available 

6.3.1  Type  and  form 

•  model  geometry;  numerically  (in  tables)  on  floppy 
disc  (canard  wing  given  in  figures) 

•  test  data  available  in  tables  on  floppy  disk 

6.3.2  Data  carrier 
floppy  disk 

6.3.3  Extent  of  data 
460  Kbyte 

6.4  Correclioas  applied  to  data 

6.4.1  Lift  interference  and  blockage  corrections 
for  the  present  model  size  data  are  considered  to  he 
interference  free  and  hence  no  correction  are  applied 
(this  is  based  on  a  number  of  comparisons  between 
the  HST  and  other  wind  tunnels) 

6.4.2  Sting  and  support  corrections 

I:  static  pressures  are  corrected  for  the  upstream 
support  influence  using  the  empty  tunnel  center 
line  pressure  distribution  with  the  model  support 
present 

I  and  II:  drag  values  are  corrected  for  base  drag, 
using  the  measured  base  pressure 

6.4.3  Elastic  deformation 
negligible  small;  no  corrections  applied 


7  DATA  ACCURACY  AND  REPEATABILITY 
ASSESSMENT 

7.1  Accuracy  estimates 

7.1.1  Free  stream  conditions 
A  Mach  <  (I)  .003  ;  (II)  ,01 
A  a  <  (I&II)  .05  • 

7.1.2  Measured  data 


Mach  =  .85 

Mach  =  2. 

A  Cl 

< 

± 

.005 

.002 

A  Cq 

< 

± 

.0005 

.0002 

^  Cm 

< 

± 

.0004 

.00016 

Ac, 

< 

± 

.006 

.005 

7.2  Repeat  measurements 

0  various  tunnel  entries  have  been  made  with  the  same 
model  indicating  no  differences  within  the 
measurement  accuracy 

7.3  Other  tests  madv> 

comparisons  have  been  made  with  results  obtained  for 
an  identical  though  smaller  scale  model  measured  in 


the  1x1  m^  transonic  windtunnel  in  Gottingen  and  in 
the  FFA  5-4  blow  down  tunnel;  these  comparisons  are 
fair,  small  differences  probably  being  due  to 
differences  in  Reynolds  number  (see  flg.  19,20) 

7.4  Additional  remarks 

more  detailed  pressure  measurements  for  the  sharp 
leading  edge  configuration  have  been  obtained-  on  an 
almost  identical  configuration;  however  these  results 
are  as  yet  not  freely  available;  some  results,  however, 
have  been  presented  in  ref.  3 
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TABLE  1 

MODEL  CHARACTERISTICS  (INTERNATIONAL  PROGRAM) 


CANARD 

MOUNTING 

POSSIBLE 


Coablntd  Forcfi  &  Prtsiurtt 
(X/Cj^-.3..6,.8) 


Force!  or  Preifurts 

(x/Cj^-.3,.6..8:  y/ib-.55) 

Coablned  Forcei  &  Pressures 


Plat  Upper  Surface;  Nose  Protruding  in 
Front  of  Ap^x;  No  Pressure  Holes 


TUNNEL 

TYPE 

TEST  SECTION 
DIHEKSIONS 
(■^) 

MACH-RANGE 

NLR-HST 

CONT. 

1.6  X  2 

M<1.3 

NLF-SST 

BLOW  DOWN 

1.2  X  1.2 

1.3<M<*.0 

DFVLR-TWC 

CONT. 

1  X  1 

.4<M<2.2 

FFA-S4 

BLOW  DOWN 

.92  X  .90 
.92  X  1.15 

.5<M<1.2 
M-1. 31/1. 42/1.71 

Dirr-TST27 

BLOW  DOWN 

.28  X  .255 

0.55<M<0.85 

TABLE  2 

WIND  TLTINEL  CHARACTERISTICS  (INTERNATIONAL  PROGRAM) 


WALL  CONFIGURATION 


Slotted  Upper  &  Lower  Wall 
C 


Ptrforrted 


Slotted  Upper  &  Lower  Wall 


AC  clae  of  ceaca 


DFVLR  HBB 


DELFT  DELFT  TST-27 


TABLE  5 

SUMMARY  OF  FIELD  MEASURDIENTS  (INTERNATIONAL  PROGRAM) 
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TABLE  3 

SUHHARY  or  FORCE  AKD  PRESSURE  MEASUREMENTS  INTERNATIONAL  PROGRAM) 


TEST 

BY 

MODEL 

TUNNEL 

c 

A 

^  t/*N 

«rt 

ONFICURAT 

L.E. 

o  o 

UJ  w 

^  o  ^ 
^  Z  Q 

<=3  0 

=  o 

V)  OB  a 

ION 

CANARD 

U.  z 
o  o 

T 

MACH 

EST  CONDITIC 

Q 

(•) 

NS 

8 

(•) 

Re  X  to"*' 

TYPE  OF 
HEASUREHENTS 

NLR 

AFWAL 

HST 

-  X 

XXX 

X  - 

.4 

-1(1)25 

C 

9 

F&P 

" 

" 

-  X 

X  -  - 

X  X 

10,16(2)24 

-5(2))5 

DFVLR 

HBB 

TVC 

-  X 

-  X  - 

X  X 

.5 

0(2)22 
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4.5 

FiP 

FFA 

FFA 

S4 

X  - 

-  X  - 

X  X 

•• 

-1(1)24 

0 

3.3 

" 

NLR 

AFVAL 

HST 

-  X 

XXX 

X  - 

-1(1)25 

0 

9 

F6P 

DFVLR 

HBB 

TWC 

-  X 

-  X  - 

X  X 

.7 

0(2)22 

0 

4.5 

FFA 

FFA 

S4 

X  - 

-  X  - 
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0 
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" 
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9 
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*' 

" 
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X  - 
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0 

13 

F6P 

DFVLR 

HBB 
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■' 

" 
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AFWAL 
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-111)10 

0 

7 

F4P 

DFVLR 

HBB 

TUG 

-  X 

-  X  - 

X  X 

1.2 

oos'*' 

0 

4.5 

F4P 

FFA 

FFA 

S4 

X  - 

-  X  - 

X  X 

-1(1)12 

0 

5.1 

F4P 

NLR 

AFVAL 

SST 
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X  X  - 

X  - 

•'1 .  3 

c(-:)i2 

l) 

-15 

F4P 

'* 

-  X 

X  X  - 

X  • 

-1.7 

0(-2)14 
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" 
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-2.2 
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TABLE  4 

SUMMARY  OF  VISUALIZATIONS  (INTERNATIONAL  PROGRAM) 


TEST 

BY 

MODEL 

TUNNEL 

C 

A 

ONFICURAT 

L.E, 

a  a 

sgi 

V)  as  a 

ION 

CANARD 

b. 

Ik  Z 

o  o 

n 

MACH 

ST  CONDITIO 
a 

(•) 

IS 

6 

(•) 

Rt  11  10‘‘ 

TYPE  OF 

MEASUREMENTS 

FFA 

FFA 

S4 

X  - 

-  X  - 

X  X 

.5 

0(5)25+ 

0 

3.3 

Oil  Flow  4  Schllvrtn 

DELFT 

Darr 

TST-27 

-  X 

FLAT 

X  - 

.55 

5(5)20 

0 

1,5-3. 6 

Oil  Flow  4  Schliartn 

FFA 

FFA 

S4 

X  - 

-  X  - 

X  X 

0(5)25+ 

0 

4.2 

Oil  Flow  4  Schlitr«n 

DELFT 

Darr 

TST-27 

-  X 

FLAT 

X  - 

.7 

5(5)20 

0 

1.6-4. 2 

Oil  Flow  4  Schllortn 

NLR 

AFWAL 

HST 

-  X 

-  X  - 

X  - 

5.10.20 

0 

9 

Oil  Flow 

" 

'* 

II 

-  X 

-  X  - 

X  - 

10,20 

0 

9 

Ac«naphctD« 

" 

-  X 

-  X  - 

X  - 

10(5)25 

0 

9 

Schlltrao 

DFVLR 

MBB 

TWC 

-  X 

-  X  - 

X  - 

25 

0 

4.5 

Oil  Plow 

" 

" 

-  X 

-  X  - 

-  X 

.85 

15,20,25 

0 

4.5 

Oil  Flow 

" 

" 

-  X 

-  X  - 

X  - 

20,25 

0 

4.5 

Laaar  Sb««t 

M 

-  X 

-  X  - 

-  X 

10,15,20 

0 

4.5 

L«t«r  Shoot 

FFA 

FFA 

S4 

X  - 

-  X  - 

X  X 

0(5)25+ 

0 

4.6 

Oil  Flow  4  Schlloron 

DELFT 

DELFT 

TST-27 

-  X 

FUT 

X  - 

5(5)2(H 

0 

2.0-4. 7 

Oil  Flow  4  Schlloron 

FFA 

FFA 

S4 

X  - 

-  X  - 

X  X 

1.2 

6(S51i+ 

6 

i.i  ' 

Oil  Flow  4  Schlloron 

NLR 

AFVAL 

HST 

-  X 

-  X  - 

X  - 

1.32 

10 

0 

15.2 

Oil  Flow  4  Schlloron 

-  X 

-  X  - 

X  - 

1.72 

4.7,9 

0 

15.2 

•1  n 

-  X 

X  X  - 

X  - 

2.16 

6 

0 
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DI-7 


dpn 

NPOL 

series 

Mach 

Reynolds  *  10*6 

alpha 

beta 

CL 

529 

1501 

lie 

1.204 

7.05 

.04 

-.01 

-.003 

534 

1501 

lie 

1.203 

6.99 

5.00 

-.01 

.215 

539 

1501 

116 

1.198 

7.03 

10.00 

-.01 

.459 

541 

1502 

116 

.402 

9.04 

.00 

.01 

-.013 

546 

1502 

116 

.401 

9.00 

5.07 

.01 

.177 

551 

1502 

116 

.400 

8.97 

10.07 

.00 

.411 

556 

1502 

116 

.401 

8.99 

15.06 

.00 

.660 

562 

1502 

lie 

.401 

8.97 

20.08 

.00 

.912 

563 

1502 

116 

.401 

8.97 

21.07 

.00 

.961 

564 

1502 

116 

.402 

8.99 

22.03 

.00 

1.004 

565 

1502 

lie 

.400 

8.99 

23.08 

.00 

1.055 

566 

1502 

116 

.401 

9.01 

24.07 

.01 

1.083 

567 

1502 

116 

.401 

9.00 

25.06 

.00 

1.100 

573 

1503 

116 

.701 

9.00 

-.01 

.00 

-.012 

578 

1503 

116 

.701 

9.02 

5.02 

.00 

.183 

583 

1503 

116 

.701 

9.04 

10.02 

.00 

.431 

588 

1503 

116 

.703 

9.06 

15.05 

-.01 

.682 

593 

1503 

116 

.702 

9.04 

20.04 

.01 

.924 

594 

1503 

116 

.701 

9.04 

21.09 

.01 

.969 

595 

1503 

116 

.701 

9.03 

22.10 

.01 

1.012 

596 

1503 

116 

.702 

9.01 

23.09 

.01 

1.054 

597 

1503 

116 

.702 

9.01 

24.09 

.01 

1.093 

598 

1503 

116 

.702 

9.01 

25.03 

.01 

1.122 

603 

1505 

116 

.851 

9.01 

.00 

.07 

-.011 

608 

1505 

116 

.849 

9.02 

5.03 

.06 

.193 

613 

1505 

116 

.849 

9.03 

10.04 

.06 

.457 

618 

1505 

116 

.850 

9.04 

15.06 

.06 

.719 

624 

1505 

116 

.854 

9.03 

20.04 

.06 

.975 

625 

1505 

116 

.849 

9.00 

21.06 

.06 

1.022 

626 

1505 

116 

.851 

9.01 

22.07 

.06 

1.068 

627 

1505 

116 

.850 

9.00 

23.07 

.06 

1.107 

628 

1505 

116 

.850 

9.00 

24.05 

.06 

.985 

629 

1505 

116 

.850 

9.01 

25.03 

.06 

1.000 

630 

1505 

116 

.851 

9.01 

24.50 

.06 

.993 

TABLE6  VORTEX  FLOW  EXPERIMENT  WITH  SlIARPL.E.  IN  IIST 


dpn 

NPOL 

series 

Mach 

Reynolds  *  10*6 

alpha 

beta 

CL 

454 

2001 

16 

1.201 

7.02 

-.03 

.00 

-.004 

459 

2001 

16 

1.202 

7.01 

4.99 

.00 

.210 

464 

2001 

16 

1.199 

7.04 

9.99 

.00 

.454 

502 

2003 

16 

.849 

9.03 

.03 

.00 

-.011 

507 

2003 

16 

.851 

9.01 

5.01 

.00 

.177 

515 

2003 

16 

.850 

9.03 

10.05 

.00 

.439 

520 

2003 

16 

.849 

9.03 

15.05 

.00 

.704 

527 

2003 

16 

.850 

9.04 

20.05 

.00 

.953 

528 

2003 

16 

.848 

9.03 

21.05 

.00 

1.002 

529 

2003 

16 

.848 

9.04 

22.04 

.00 

.910 

530 

2003 

16 

.850 

9.05 

23.04 

.00 

.946 

531 

2003 

16 

.849 

9.04 

24.06 

.00 

.979 

532 

2003 

16 

.848 

9.04 

25.03 

.00 

.995 

534 

2004 

16 

.700 

8.99 

.03 

.00 

-.011 

539 

2004 

16 

.702 

9.00 

5.03 

.00 

.164 

546 

2004 

16 

.702 

9.00 

10.06 

.00 

.403 

554 

2004 

16 

.701 

8.99 

15.06 

.00 

.665 

561 

2004 

16 

.701 

8.99 

20.04 

.00 

.897 

562 

2004 

16 

.701 

8.99 

21.06 

.00 

.942 

563 

2004 

16 

.702 

9.00 

22.05 

.03 

.948 

564 

2004 

16 

.701 

8.99 

23.07 

.04 

.991 

565 

2004 

16 

.702 

9.00 

24.04 

.00 

.993 

566 

2004 

16 

.701 

8.99 

25.04 

.00 

1.025 

568 

2005 

16 

.400 

9.00 

.06 

.00 

-.009 

575 

2005 

16 

.400 

9.00 

5.07 

.00 

.154 

580 

2005 

16 

.400 

8.97 

10.05 

.00 

.351 

585 

2005 

16 

.399 

9.00 

15.08 

.00 

.579 

591 

2005 

16 

.400 

9.00 

20.06 

.00 

.804 

592 

2005 

16 

.399 

8.99 

21.08 

.00 

.847 

593 

2005 

16 

.400 

8.98 

22.07 

.00 

.894 

594 

2005 

16 

.399 

8.97 

23.03 

.00 

.940 

595 

2005 

16 

.400 

8.97 

24.06 

.00 

.983 

596 

2005 

16 

.400 

8.95 

25.05 

.00 

1.026 

TABLE  7  VORTEX  FLOW  EXPERIMENT  WITH  ROUNDED  L.E.  IN  HST 


DI-8 


dpn 

NPOL 

series 

Mach 

Reynolds  *  10*6 

alpha 

beta 

CL 

164 

702 

172 

.401 

9.01 

10.07 

-5.03 

.417 

167 

702 

172 

.400 

8.97 

20.07 

-4.99 

.946 

729 

1801 

172 

.403 

9.07 

10.05 

-.01 

.419 

732 

1801 

172 

.400 

8.98 

20.07 

-.01 

.930 

741 

1803 

172 

.400 

9.01 

10.05 

5.00 

.420 

744 

1803 

172 

.400 

3.99 

20.07 

5.02 

.943 

182 

706 

172 

.850 

9.04 

10.07 

-5.01 

.458 

185 

706 

172 

.853 

9.03 

20.05 

-4.98 

.983 

747 

1804 

172 

.851 

9.03 

10.07 

.00 

.459 

750 

1804 

172 

.852 

9.09 

20.06 

.00 

.984 

759 

1806 

172 

.850 

9.03 

10.05 

5.03 

.460 

762 

1806 

172 

.850 

9.01 

20.07 

4.99 

.989 

TABLE  8  VORTEX  FLOW  EXPERIMENT  WITH  SHARP  L.E.  AND  CANARD  IN  HST 


dpn 

NPOL 

series 

Mach 

Reynolds  *  10*6 

alpha 

beta 

CL 

1 

801 

111 

1.313 

15.41 

4.39 

.00 

.172 

3 

901 

111 

1.314 

15.34 

8.39 

.00 

.357 

2 

901 

111 

1.314 

15.30 

10.42 

.00 

.445 

4 

401 

121 

1.716 

15.75 

3.79 

.00 

.127 

6 

501 

121 

1.716 

15.59 

7.75 

.00 

.270 

5 

501 

121 

1.716 

15.51 

9.67 

.00 

.336 

9 

701 

131 

2.184 

18.76 

4.02 

.00 

.116 

8 

601 

131 

2.185 

18.87 

8.00 

.00 

.229 

7 

601 

131 

2.184 

18.79 

9.94 

.00 

.281 

10 

1101 

141 

3.022 

27.76 

3.73 

.00 

.088 

12 

1201 

141 

3.020 

27.97 

7.73 

.00 

.169 

11 

1201 

141 

3.022 

27.82 

9.65 

.00 

.206 

13 

1501 

151 

3.937 

42.41 

4.00 

.00 

.082 

TABLE  9  VORTEX  FLOW  EXPERIMENT  WITH  SHARP  LE.  IN  SST 


dpn 

NPOL 

series 

Mach 

Reynolds  *  10*6 

alpha 

beta 

CL 

1 

2601 

211 

1.314 

15.42 

4.32 

.00 

.169 

2 

2701 

211 

1.314 

15.65 

8.41 

.00 

.356 

3 

2801 

211 

1.315 

15.65 

10.35 

.00 

.442 

4 

2001 

221 

1.715 

15.42 

3.82 

.00 

.134 

6 

2101 

221 

1.715 

15.36 

7.75 

.00 

.272 

5 

2101 

221 

1.716 

15.34 

9.70 

.00 

.336 

7 

2401 

231 

2.185 

19.16 

4.13 

.00 

.123 

9 

2201 

231 

2.185 

18.71 

7.98 

.00 

.231 

8 

2201 

231 

2.185 

18.71 

9.96 

.00 

.281 

10 

2901 

241 

3.025 

28.45 

3.79 

.00 

.094 

12 

3001 

241 

3.026 

28.30 

7.70 

.00 

.171 

11 

3001 

241 

3.025 

28.29 

9.67 

.00 

.208 

13 

3201 

251 

3.934 

42.60 

3.97 

.00 

.077 

TABLE  10  VORTEX  FLOW  EXPERIMENT  WITH  ROUDED  LE  IN  SST 
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0  TERMINATING  SHOCK 
0  DOUBLE  SHOCK  SYSTEM 


Fig.3  Fhw phenomena  on  delta  wing  at  Mach  ~  .65. 
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Fig.4  TtnMm  flowctassificalion  (65  deg  delta  wing, 
mundedLE.,  x/c^  >  .6). 
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Fig.S  Test  case  1  of  Ref.  1  (sharp  leading  edge).  Fig.6  Test  case  2  of  Ref.  1  (sharp  leading  edge). 
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.  7  Test  case  3  of  Ref.  1  (sharp  leading  edge).  Fig.  8  Test  case  4  of  Ref .1  (sharp  leading  edge). 
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Fig. 9  Influence  of  leading  edge  shape  at  subsonic 
conditions.  (Mach  =  .4,  a  =?  10°). 


Fig.  10  Influence  of  leading  edge  shape  at  transonic 
conditions.  (Mach  » .85  anda  =  10°). 


Fig.  1 1  Pressure  distributions  before  and  after  vortex  burst. 
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Fig.  14  The  stagnation  pressure  as  a  function 
of  the  Mach  number  at  various  constant 
Reynolds  numbers. 


Fig.  13  Performance  chart  of  the  high  -  speed  wind  tunnel  HST. 


Fig.  IS  Position  of  vortex  flow  modal  In  HST  test  section. 
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Fig.  16  Position  of  vortex  flow  model  in  SST  test  section. 
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Fig.  17  Numbering  of  wall  pressure  orifices  (HST). 
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Fig.  18  Summary  of  65°  delta  wing  tests  at  NLR. 


Fig.  geometry  3  Location  and  number  of  pressure  orifices. 


DM6 


[lUH  NM. 

1  Y  1— .1 

nono 

1  n.rx) 

3Tnii 

1  n.:« 

•Jl'OO 

1  TC.7h 

J300 

1  TS.'tt 

3400 

1  33.57 

35011 

1  4T.n7 

3550 

1  46. T6 

3G00 

t  50.36 

3650 

1  54.56 

J6/5 

1  56. 6C 

1  Sft.7S 

virys 

1  60.65 

3750 

1  67.95 

37  75 

1  65.05 

3ACXD 

1  67. TS 

3075 

1  69.75 

3050 

1  71.35 

30/5 

1  73.44 

3rWii 

1  75.54 

3570 

1  77.2? 

3940 

■  76.90 

39G0 

1  60.56 

3050 

1  41.97 

X65 

54. 5G 

3070 

1  56.75 

'3060 

1  67.15 

3(IP.S 

I  71.35 

3090 

1  75.54 

6&*  A-WING  VORTEX  FLOW  MODEL 
PRESSURE  TAPS  AT  ’^^CR  •  30 
SHARP  C  E _ 


i 


Fig.  geometry  4  Location  and  number  of  pressure  orifices. 
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Fig.  geometry  S  Location  and  number  of  pressure  orifices. 
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Fin.  geometry  7  Comparisort  ot  sharp  and  round  L.  E.  of 
VFE  ■  model  aty  =  40  MM. 
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Fig.  geometry  8  Definition  of  canard  geometry. 


Fig.  geometry  9  Assembly  of  canard  and  sharp 
L.E.  wing. 


Rg.  geometry  10  Some  details  of  canard  support. 
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DELTA-WING  MODEL 
BY 

D.  BARBERIS 

ONERA-BP  72  -  F92322  CHATILLON  CEDEX  (FRANCE) 


0  -  INTRODUCTION 


A  detailed  study  has  been  made  of  the  flow  around  a  75“  sweep  angle  delta  wing  to  provide  reference 
material  for  numerical  codes.  Experiments  were  carried  out  in  the  F2  wind  tunnel  of  the  ONERA  Le  Fauga  - 
Mauzac  Centre.  Firstly  an  examination  of  the  surface  flow  properties  was  carried  out  using  surface  pressure 
measurements  and  surface  flow  visualizations  with  a  viscous  coating.  The  angle  of  incidence  was  varied  between 
5°  and  30“  and  the  upstream  velocity  between  10  and  75  m/s.  Secondly,  the  aerodynamic  field  was  characterized 
by  means  of  laser  tomography  visualizations  and  surveys  with  a  two  component  laser  Doppler  velocimeter  system. 
Mean  and  fluctuating  velocity  fields  were  determined  in  several  vertical  planes  normal  to  the  wind  tunnel  longi¬ 
tudinal  axis.  These  measurements  were  carried  out  for  an  angle  of  incidence  of  20“  and  for  two  values  of  the 
upstream  velocity  (24  m/s  and  40  m/s). 

1  -  GENERAL  DESCRIPTION 

1.1.  Model  designation 

1.2.  Model  type  and  flow  conditions 


1.3.  Design  requirements 


Delta  wing 

Sweep  delta  wing  with  a  sharp  leading  edge. 
Subsonic  flow  regime. 

Large  subsonic  model  which  allows  very  detailed 
investigations.  Fundamental  research  on  the  rules 
governing  the  development  of  vortex  sheets. 


1 .4.  Dominant  flow  phvsics  Development  of  a  primary  and  secondary  vortex  in 

the  organization  of  the  flow  over  a  delta  wing.  The 
vortical  system  remains  stable  and  organized  for 
moderate  values  of  the  incidence  of  the  model. 


2  -  DETAILS  OF  MODEL 

2.1.  General  geometric  arrangement 


2.2.  Body  data 

2.2.1. Shape 


2.3.  Geometric  definition  of  all  components 


The  model  consists  of  a  delta  wing  with  a  75“  sweep 
angle  with  a  chamfer  of  1 5“  on  the  lower  side  of  the 
leading  edge  (see  Fig.  I ). 


The  delta  wing  has  a  1450  mm  chord.  Two  models 
with  the  same  shape  have  been  built  :  model  A  with 
252  pressure  holes  and  a  22  mm  thickness  has  been 
used  for  surface  pressure  and  LDV  measurements; 
model  B  with  only  9  pressure  holes  and  a  30  mm 
thickness  has  been  used  for  surface  flow 
visualizations  with  a  viscous  coating. 

All  models  have  been  built  in  steel  and  covered  with 
black  paint. 


2.4.  Model  support  details 


A  schematic  representation  of  the  test  set-up  is 
shown  in  Fig.2.  The  model  was  mounted  without 
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yaw  to  a  circular  support  fixed  with  a  knee  cap  to 
the  horizontal  sting.  The  model  angle  of  attack  is 
trimmed  by  a  link.  The  horizontal  sting  is  fixed  to  a 
vertical  mast  traversing  the  test  section.  The  vertical 
position  of  the  sting  can  be  adjusted  in  order  to  place 
the  model  in  the  centre  of  the  test  section  for 
different  angles  of  attack. 


3  -  GENERAL  TUNNEL  INFORMATION 

3.1.  Tunnel  designation 

3.2.  Oreanization  running  the  tunnel 

3.3.  Tunnel  characteristics 


3.4.  Test  section 

3.4.1.  Model  mounting  in  the  test  section 

3.4.2.  Test  section  dimensions 

3.4.3.  Wall  geometry  details 


3.5.  Freestream  calibration 

3.5.1.  Reference  flow  conditions 


3.5.2.  Tunnel  calibration 


F2  wind  tunnel  (see  Fig.  3) 

ONERA  -  Fauga-Mauzac  Centre 

It  is  a  continuous  closed  circuit  wind  tunnel  driven 
by  a  fan  with  constant  blade  angle  and  a  variable 
motor  speed  with  a  maximum  power  of  700  kW. 
The  air  speed  is  variable  from  0  to  100  m/s.  The 
stagnation  pressure  is  the  atmospheric  pressure.  The 
contraction  ratio  is  equal  to  12.  Following  the  wind, 
the  settling  ehamber  is  equipped,  with  a  grid  in  the 
rapid  contraction,  a  honeycomb  and  three  grids. 

The  cooling  section,  the  fan  section,  the  comer 
vanes,  and  the  central  section  (including 
contraction,  test  section  and  the  beginning  of  the  first 
diffiisor)  are  built  of  steel.  The  rest  of  the  tunnel  is 
made  of  concrete. 


(see  Fig.  2) 

The  test  section  is  rectangular :  height  1 .80m,  width 
1.40m,  length  5m. 

The  side  walls  of  the  test  section  are  formed  by 
several  removable  panels,  which  allows  various 
arrangement  of  transparent  and  opaque  area.  The  top 
and  bottom  walls  are  built  in  ply  with  a  glass 
window  of  0.6  x  2m^  surface. 

The  divergence  of  the  wind  tunnel  can  be  trimmed 
by  changing  inclination  of  the  top  and  bottom  walls. 

The  reference  stagnation  pressure  is  measured  in  the 
settling  chamber.  The  reference  static  pressure  is 
obtained  from  a  Prandtl  antenna  situated  at  300  mm 
from  the  upper  wall  of  the  test  section  and  at 
786  mm  downstream  of  the  beginning  of  the  test 
section.  The  static  temperature  is  measured  in  the 
settling  chamber  with  a  thermocouple  (Cr-Al) 
connected  to  a  digital  AOIP  system  with  a  resolution 

ofo.rc. 

The  uniformity  of  the  flow  velocity  U  in  various 
transverse  planes  of  the  test  section  was  checked 
successively  with  laser  velocimetry,  pressure  probe 
and  hot  wire.  The  pressure  probe  and  a  hot  wire 
were  supported  by  a  three  degrees  of  freedom  device 
(X|  horizontal  axial  centerline,  Y,  and  Z,)  fastened 
to  the  test  section  inside. 

The  figure  4,  obtained  by  pressure  probe  gives  the 
comparison  of  the  local  values  U,  in  a  vertical  plane 
located  1  meter  behind  the  beginning  of  the  test 
section,  and  the  reference  value  Uq  measured  by  a 
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fixed  pressure  probe  located  0.786  m  behind  the 
beginning  of  the  test  section  and  0.3  m  under  the 
upper  wall  ;  in  this  case  Z,  =  0.902  m  and 
Y|  =  0.798  m  and  Uo  =  100  rn/s.  This  figure  shows 
a  very  good  unifonnity  in  the  plane. 

The  laser  accuracy  was  estimated  to  a  relative  error 
AU/U<1.5%  the  absolute  error  on  the  angle  between 
the  velocity  vector  and  the  horizontal  being  0.5 
degree.  These  measurements  show  the  same 
uniformity  as  the  pressure  measurements  and  the 
measured  angles  were  always  smaller  than  the 
estimated  error.  The  hot  wire  measurements, 
although  disturbed  by  small  mechanical  vibrations  of 
the  supporting  device,  shows  the  same  uniformity  of 
the  flow.  Dynamic  measurements  o^he  pressure 
fluctuations!^  and  speed  fluctuation^?’  were  made 
by  a  microphone  and  a  hot  wire  in  the  test  section. 
A  quarter  inch  Bruel  and  Kjaer  microphone  equipped 
with  a  cone  (16  k  Hz  pass  band)  was  placed  3.6  m 
from  the  test  section  inlet  on  the  horizontal  axial 
centreline.  The  values  of\|^  shown  in  Fig.  5  were 
obtained  without  filtering. 

An  horizontal  5  pm  hot  wire  was  placed  0.8  m  from 
the  test  section  inland  0.2  m  from  the  upper  wall. 
The  values  of  V?’  were  determined  in  the  0  to 
1000  Hz  frequency  band  (see  Fig.  6). 


4  -  INSTRUMENTATION 

4.1.  Model  position 

4.1.1.  How  is  the  geometrical  incidence  measuredBy  use  of  a  potentiometer 

4.1.2.  Accuracy  of  geometrical  incidence  0.1° 

4.2,  Model  pressure  measurements 

4.2.1.  Total  number  and  disposition  of  pressure  holes 

The  model  (A)  is  equipped  with  252  pressure  holes, 
on  the  leeward  and  windward  sides,  distributed  in  9 
cross-sections  (see  Fig.7).  The  longitudinal  positions 
of  the  cross-sections  are  governed  by  the  law 
x/C  =  sin  (k7t/2)  where  x  is  the  longitudinal  position, 
C  the  chord  length  of  the  model,  and  k  is  varied 
from  0.05  to  0.85  with  a  0.1  step.  Some  pressure 
holes  are  distributed  on  the  symmetrical  part  of  the 
delta  wing,  in  order  to  verify  that  the  model  has  a 
zero  degree  yaw.  The  model  (B)  is  equipped  with  9 
pressure  holes  distributed  in  one  section  located  at 
X  =  0,434  m  (see  Fig.  7). 


4.2.2.  Range  and  accuracy  of  pressure  transducers 

Pressure  transducer  range  :  ±  1  PSID 

4.2.3,  Are  dynamic  pressures  measured  No 


4.3.  Force  and  moment  measurements 

4.4.  Boundary  layer  and  flow  field  measurements 
4.4.1.  Measurement  technique  applied 


No 


Field  explorations  by  a  two-component  LDV  system. 
The  light  sources  are  constituted  by  two  Argon  lasers 
with  a  maximum  power  of  15W.  The  first  laser  gives 
the  blue  and  green  radiations  (respective  wave¬ 
length,  0.488nm  and  0.5145)im);  the  second  laser 
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povides  the  violet  radiation  (wave-length  0.4765nm). 
In  order  to  detect  the  direction  of  the  measured 
velocity  component,  the  six  beams  coming  out  from 
the  beam  splitters  traverse  Bragg  cells  inducing  a 
fringe  shift  at  a  frequency  of  4MHz.  Appropriate 
optics  focus  the  beams  to  constitute  the  probe 
volume  whose  diameter  is  close  to  0.35mm.  The  six 
beams  are  contained  in  a  same  plane  (P)  which  can 
be  inclined  at  a  chosen  angle.  The  blue  and  green 
beams  are  focused  along  a  common  direction  making 
an  angle  of  38°  with  respect  to  the  transverse  axis  Y* 
the  two  fringe  patterns  being  respectively  inclined  at 
+45°  and  -45°  with  respect  to  (P).  The  violet  beams 
make  an  angle  of  -38°  with  respect  to  Y;  so  that  the 
angle  between  the  blue-green  and  the  violet  beams  is 
equal  to  76°.  The  collecting  part  comprises  two 
Cassegrain  telescopes  having  a  diameter  of  200  mm. 
The  signals  coming  out  from  the  photomultipliers  are 
then  processed  by  DISA  55L  type  counters 
connected  to  an  acquisition  system  through  a 
simultaneity  checking  device  which  checks  that  the 
three  signals  are  relative  to  the  same  particle  having 
crossed  the  probe  volume.  The  forward  scattering 
mode  of  operation  was  adopted  here  to  take 
advantage  of  a  higher  signal/noise  ratio.  In  order  to 
have  a  sufficiently  high  data  rate,  the  flow  was 
seeded  with  particles  of  incense  smoke  emitted 
downstream  of  the  test  section,  thus  avoiding 
perturbation  of  the  upstream  flow  by  the  injection 
device.  At  each  measurement  point,  the  three 
instantaneous  velocity  components  were  acquired 
from  a  sample  of  2  000  particles. 

4.4.2.  Flow  regions  investigated  (see  Fig.8) 

The  wind  tunnel  reference  axis  system,  0|X|Y|Z|, 
originates  at  the  wing  apex  and  is  such  that  : 

-  X|  is  the  horizontal  axis  of  the  test  section  running 
in  the  direction  of  the  wind, 

-  Z|  is  the  vertical  axis,  positive  upward, 

-  The  vertical  coordinate  Z  runs  vertically  upward 
originating  on  the  wing  in  each  of  the  measurement 
planes. 

-  Y,  is  the  axis  normal  to  the  plane  defined  by  X, 
and  Z,  directions. 

-  The  abscissa  x  originating  at  the  apex,  runs  along 
the  median  chord  of  the  wing  (x  =  X,/cos  a) 

The  velocity  components  U,  V,  W,  are  given  in  the 
system  0|X,Y,Z|. 

LDV  data  have  been  obtained  in  7  vertical  planes  for 
two  upstream  velocities. 

For  the  velocity  U„  =  24  m/s,  the  planes  are  located 
at  X  =  0.4;  0.55;  0.625;  0.71;  0.116  m 
For  the  velocity  Uo  =  40  m/s,  the  planes  are  located 
at  X  =  0.325;  0.375;  0.4;  0.55;  0.116  m. 


4.5.  Surface  flow  visualization 
4.5.1.  Technique  applied 


Surface  flow  visualizations  were  obtained  by 
using  a  mixing  of  parafin  oil,  titanium  dioxide  and 
oleic  acid.  The  visualization  reveals  the  surface  flow 
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Structure  on  the  leeward  side  of  the  model. 

4.5.2.  Results  of  the  surface  flow  patterns  are  presented  by  photographs. 

4.6.  Flow  field  visualization  The  laser  tomoscopic  method  was  developed  at 

ONERA  by  the  Physics  Department.  The  principe 
consists  of  illuminating  part  of  the  flow  to  be  studied 
with  a  plane  of  light.  The  principle  of  this  method  is 
diagrammed  in  Fig.  9.  It  uses  three  independent 
devices  : 

-  a  tracer  injector  ; 

-  a  means  for  illuminating  the  tracer  ; 

-  a  photo  recording  device. 

The  purpose  of  the  injector  is  to  emit  a  tracer  that 
will  be  visible  in  the  region  of  flow  to  be 
investigated.  In  order  to  visualize  and  photograph  the 
phenomenon,  this  area  has  to  be  adequately 
illuminated.  A  laser  having  a  power  of  about  15  W 
is  used.  A  bar  of  glass  placed  perpendicular  to  the 
laser  beam  fans  it  out  into  a  plane.  The  fanout  is 
broader  the  smaller  the  diameter  of  the  glass 
cylinder.  This  diameter  is  therefore  chosen  such  that 
the  illumination  is  maximum,  while  completely 
covering  the  useful  field.  The  recording  device 
consists  of  a  still  or  movie  camera,  arranged  as 
perpendicular  as  possible  to  the  plane  of 
illumination. 

For  the  present  experiments,  the  tracer  used  was 
smoke  produced  by  hot  oil  and  emitted  by  a  tube 
placed  in  the  wind  tunnel  collector,  well  upstream  of 
the  test  section.  The  laser  light  sheet  enters  the  test 
section  through  the  top  wall  window,  along  a 
horizontal  line  and  fans  out  in  a  plane  perpendicular 
to  the  uniform  freestream  flow.  The  camera  is  placed 
inside  the  test  section  in  a  protective  box  fixed  to  the 
vertical  mast. 

Laser  tomoscopic  visualizations  have  been  carried 
out  for  the  following  values  of  the  upstream  velocity 
and  angle  of  incidence. 

U„  =  10;  24;  40  m/s 
a  =  10;  15;  20;  25;  30°. 


5  -  TEST  MATRIX  AND  CONDITIONS 

5.1.  Detailed  test  matrix  The  selected  test  cases  concern  the  delta  wing  tested 

for  several  values  of  the  upstream  velocity  and  angle 
of  incidence.  All  the  configurations  and  types  of 
investigation  are  given  in  Table  I . 

General  test  conditions  :  the  stagnation  pressure  is 
the  atmospheric  pressure.  The  Reynolds  numbers 
based  on  the  chord  length  C  (C  =  1 .45  m)  were  : 

U„  =  10  m/s,  R,,  =  10‘ 

U„  =  75  m/s,  R.,  =  7.5  10‘ 

5.2.  Transition  details  All  the  tests  have  been  made  with  natural  transition. 

Transition  can  be  observed  on  the  visualizations 
using  viscous  coating  by  an  inflexion  of  the 
separation  lines  occurring  where  transition  takes 
place.  The  location  of  transition  depends  of  Reynolds 
number  and  angle  of  attack  of  the  model  (see  Figs. 
10  and  1 1). 
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6  -  DATA 

6.1.  Availability  of  Data 

6.1.1.  Organization  owning  the  data  OFFICE  NATIONAL  D’ETUDES  ET  DE 

RECHERCHES  AEROSPATIALES  (ONERA) 
B.P.  72,  F92322  CHATILLON  CEDEX  -  FRANCE. 

6.1.2.  Responsible  for  the  data  BARBERIS  Didier 

Head  of  Research  Group 
ONERA-B.P.  72-F92322  CHATILLON  CEDEX 
Tel  ;  33.1.46.23.51.74 
Fax  :  33.1.  46.23.50.61 

6.1.3.  Data  on  the  present  delta  wing  model  are  freely  available 


6.2.  Suitability  of  data  for  CFD  validation  No  corrections  have  been  made  for  simulating  free 

air  conditions. 


6.3.  Type  and  form  in  which  data  are  available 
6.3.1.  Type  and  form 


Files  are  in  ASCII  form  on  Floppy  Discs,  For  field 
measuments  they  contain  the  coordinates  of  the 
measuring  point  and  the  aerodynamic  results  at  this 
point  (see  example  of  results,  in  Fig.  12). 


6.4.  Corrections  applied  to  data 

6.4.1.  Lift  interference  and  blockage  corrections  A  correction  has  been  made  on  incidence.  It  was 

based  on  the  results  of  GARNER  and  ROGERS 
from  AGARDograph  n°  1 09  (Oct.  66).  The  correction 
is  function  of  the  geometrical  incidence  of  the  model 
and  can  vary  from  1.4°  for  20°  incidence  to  3.4°  for 
42°  incidence. 

6.4.2.Sting  and  support  corrections  No  corrections  have  been  made  to  take  into 

account  the  wall,  sting  and  support  interference. 

7  -  DATA  ACCURACY  AND  REPEATABILITY  ASSESSMENT 

7.1.  Estimate  accuracy  of ; 

7.1.1.  Free  stream  conditions  The  upsu-eam  flow  velocity  accuracy  is  estimated  to 

a  relative  error  AU„/U„  =  1%. 

Accuracy  of  the  geometrical  incidence  is  equal  to 
0.02°. 

7. 1 .2.  Measured  data  The  uncertainty  on  surface  pressure  being 

Ap  =  ±  7pa,  leading  to  an  accuracy 
AKp  =  ±  1%  for  Kp  =  -0.5. 

The  LDV  system  accuracy  can  be  estimated  to 
±  1  m/s  as  far  as  the  flow  speed  is  concerned  and  to 
+  1  °  as  concerns  the  direction  of  the  local  velocity 
vector. 

7.2.  Repeat  measurements 

7.2.1.  Repeat  measurements  within  one  test  campaign 

No 

7.2.2.  Repeat  measurements  in  successive  campaigns 

Plane  located  at  x  =  1160  mm  has  been  probed 
twice.  The  upstream  velocity  was  U„  =  40  m/s  and 
the  angle  of  incidence  20°. 

No 


7.3.  Redundant  Measurements 

7.4.  Other  tests  on  same  nominal  geometry 


Experiments  were  carried  out  in  three  different 
facilities  to  generate  data  for  different  Reynolds 
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numbers  :  the  S2L  wind  tunnel  of  the  Chalais- 
Meudon  Centre  and  the  FI  and  F2  wind  tunnels  of 
the  Fauga-Mauzac  Centre.  In  the  first  of  these 
tunnels,  the  flow  has  a  laminar  boundary  layer, 
whereas  it  exhibits  a  natural  transition  on  the  wing 
in  the  second  and  third  ones. 

Figure  13  gives  the  diagram  and  dimensions  of  the 
test  section  and  shows  how  the  model  was  mounted 
in  each  case. 

The  various  tests  cen  be  broken  down  as  follows  ; 

-  experiments  in  the  S2L  research  tunnel  at  the 
Chalais-Meudon  Centre  on  a  wing  with  0.5  m  chord 
length,  placed  at  a  20°  angle  of  incidence  and 
providing  the  field  characteristics  of  a  laminar 
boundary  layer  on  the  wing. 

-  experiments  on  a  wing  of  1.45  m  chord  length 
tested  in  two  wind  tunnels  (FI  and  F2)  at  the  Fauga- 
Mauzac  Centre.  The  purpose  was  to  determine  the 
effects  of  the  Reynolds  number  and  of  the  transition 
from  laminar  to  turbulent  flow  in  the  upper  surface 
boundary  layer. 

The  following  table  specifies  the  conditions  of  the 
tests  run  in  the  S2L,  FI  and  F2  wind  tunnels,  as  well 
as  the  main  means  of  investigation  used. 


1  Wind 
Tunnel 

Chords 

(m) 

Uo 

(m/s) 

Re^^/lC' 

Wall  measurements 

Field  measurements 

Pressure 

Visual. 

Probe 

LDA 

S2L 

0.5 

20 

0.7 

X 

X 

X 

3-D 

F2 

1.45 

24 

2.3 

X 

X 

- 

2-D 

F2 

1.45 

40 

3.9 

X 

X 

- 

2-D 

FI 

1.45 

20 

2.5 

X 

- 

X 

- 

FI 

1.45 

40 

4.1 

X 

- 

X 

- 

FI 

1.45 

80 

8.3 

X 

- 

X 

- 

Reynolds  number  obtained  with  a  stagnation  pressure  of  2  x  lO’  Pa. 

Comparisons  between  the  various  test  sections  have 
not  been  carried  out  up  to  now  because  it  was 
outside  the  objectives  of  the  research  programme. 

7.5.  Additional  Remarks  Recently,  tests  have  been  conducted  in  the  F2  wind 

tunnel  with  the  1.45  m  chord  wing,  with  emphasis 
being  placed  on  vortex  breakdown  investigation.  The 
flow  above  the  wing  has  been  probed  with  a  three 
component  LDV  system  for  an  angle  of  incidence 
equal  to  26°. 
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Table  1 


1  Uq  m/s 

10 

15 

20 

25 

30 

a 

a 

a 

a 

a 

24 

b 

b 

b  d 

b 

b 

c 

c 

c 

c 

c 

a 

a 

a 

a 

a 

40 

b 

b 

b  d 

b 

b 

c 

c 

c 

c 

c 

a  :  oil  flow  visualizations 
b  ;  tomoscopic  visualizations 
c  :  surface  pressure  measurements 
d  :  LDV  measurements 
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Dimensions  In  mm 


Fig.  1  -  Derinition  of  Delta  Wing 


Fig.  3  -  The  F2  Wind  Tunnel 
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Dimensions  in  mm 


Incidence  mechanism 


Fig.  2  -  Schematic  Representation  of  the  Model 
in  the  Wind  Tunnel 


Fig.  4  -  Transverse  Survey  in  the  Test  Section 


Fig.  5  -  Fluctuation  of  the  Static  Pressure 
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Fig.  6  -  Axial  Turbulence 


Fig.  7  -  Pressure  Taps  Locations  on  the  Models 


Fig.  10  -  Reynolds  Number  Effect  on  Transition  Location 
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Fig.  1 1  -  Angle  of  attack  Effect  on 
Transition  Location 
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Fig.  13  -  Model  Setup  in  the  Different  Test  Sections 


EXPERIMENTAL  INVESTIGATION  OF  THE  VORTEX 
FLOW  OVER  A  76/60-DEG  DOUBLE  DELTA  WING 

BY 
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INTRODUCTION 

Data  was  obtained  from  a  low-speed  wind-tunnel  experiment  carried  out  on  a  sharp-edged  76/60- 
deg  double-delta  wing.  The  objective  of  the  investigation  was  to  generate  data  on  the  vortex 
interaction  downstream  of  the  strake-wing  leading-edge  kink  of  a  double-delta  wing.  An  oil-flow 
and  laserlight-sheet  technique  was  used  to  visualize  the  flow  on  and  off  the  surface  of  the  wing. 
Balance  measurements  were  performed  to  determine  the  forces  and  moments  acting  on  the  wing. 
In  addition,  the  pressure  on  the  upper  surface  of  the  wing  was  measured  at  several  wing 
chordwise  stations.  Using  a  thin  five-hole  probe,  the  flowfield  over  the  wing  panel  was  surveyed  in 
detail  for  an  incidence  of  20  deg.  The  data  provide  information  on  the  interaction  process  of  the 
wing  and  strake  vortex  as  well  as  the  development  of  the  secondary  separation  downstream  of  the 
leading-edge  kink. 


1.  GENERAL  DESCRIPTION 

1.1.  Model  Designation  LSW  Model  144 

1.2.  Model  Type  Double-Delta  Wing 

1.3.  Design  Requirements  Slender,  double-delta  wing  to  study  the 

interaction  of  vortices  over  strake/wing 
configurations.  Sharp  leading  edges  to  fix 
boundary  layer  separation. 


2.  MODEL  DETAILS 

2.1.  Wing  Data 

2.1.1.  Wing  Planform  see  Fig.  1. 

.  Aspect  ratio  2.06 

.  Leading  edge  sweep  76  deg  (strake) 

60  deg  (main  wing) 

2.1.2.  Wing  section 


.  Cross-sectional  shape 


flat  plate  with  chamfered  edges  (Fig.  1) 
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.  Thickness/choio  ratio 

.  Edge  thickness 

2.1.3.  Geometric  definition 
wing 

.  Surface  roughness 

2.2.  Model  support  details 

2.2.1.  Type  of  support 

2.2.2.  Strut/model  pivot  location 

2.2.3.  Fairing  details 

.  cross-sectional  shape 
.  mean  chord 
.  taper  ratio 

.  mean  thickness/chord  ratio 

3.  TUNNEL  INFORMATION 

3.1.  Designation 

3.2.  Organization 

3.3.  Tunnel  characteristics 
•  Type 

3.4.  Test  section 

3.4.1.  Test  setup 

3.4.2.  Dimensions 

3.5.  Freestream  conditions 

3.5.1.  Reference  conditions 

3.6.  Flow  quality  (empty  tunnel) 


.03 

0.2  mm 

polished 

single  strut  with  fairing  (Fig.  2) 

75%  root  chord 

symmetric  profile 
0.15m 
0.5 
0.22 

low-speed  low-turbulence  wind  tunnel 
TUD  Faculty  of  Aerospace  Engineering 

closed  circuit 

see  Fig.  2 

1.80  X  1.25  X  2.60  m-^ 

for  Mach  number  and  root-chord-based 
Reynolds  number;  sec  table  1 


3.6.1.  Turbulence  level 


0.05% 
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4.  INSTRUMENTATION 

4.1.  Model  position 

4.1.1.  Geometrical  incidence 

4.2.  Surface  pressure  measurements 

4.2.1.  Total  number 

4.3.  Force  and  moment  measurements 

4.3.1.  Type 

4.3.2.  Location  of  balance 

4.4.  Flowfield  measurements 

4.4.1.  Technique 

4.4.2.  Planes  surveyed 

4.5.  Surface  flow  visualization 

4.5.1.  Technique 

4.5.2.  Surfaces  visualized 

4.5.3.  Data  available  from 

4.6.  Rowfield  visualization 

4.6.1.  Technique 

4.6.2.  Planes  visualized 

4.6.3.  Data  available  from 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1.  Detailed  test  matric 

5.2.  Model/tunnel  relations 

5.2.1.  Model  span/tunnel 
width 


measured  with  inclinometer 

485  (Fig.  3) 

six-component  balance 
overhead  test  section 

five-hole  probe  (Figs.  4  to  7) 

50,  56.25,  62.5,  75  and  87.5%  chord;  normal 
to  wing  surface 

oil-flow 

upper  and  lower  surface 
photographs  (fig.  8) 

laserlight  sheet 

50,  56.25,  62.5,  68.75,  75,  81.25,  87.5,  100 
and  112.5%  chord;  normal  to  free  stream 

photographs  and  video  movie  (Fig.  9) 

see  table  1 

0.552/1.800 


5.2.2.  Wing  area  tunnel 
cross-sectional  area 


.148/2.070 


D3-4 


5.3.  Transition  details 

5.3.1.  Transition 

5.3.2.  Data  available  in  form  of 

6.  DATA 

6.1.  Availability  of  data 

6.1.1.  Organization 

6.1.2.  Originator 
.  Name 

.  telephone 
.  fax 

.  e-mail  adress 

6.1.3.  Availability  of  data 

6.1.4.  Type  and  form 

6.1.5.  Data  carrier 

6.2.  Corrections  applied  to  data 

6.2.1.  Lift  interference  and 
blockage  correction 

.  type  of  correction 
method 

.  corrected  data 

6.2.2.  Strut  corrections 
.  corrections 


secondary  separation  of  boundary  layer  on 
wing  upper  surface 

photographs  (Fig.  8) 


Delft  University  of  Technology  Faculty  of 
Aerospace  Engineering 
P.O.  Box  5058 

2600  GB  Delft,  the  Netherlands 

ir.  N.G.  Verhaagen 
015-786.385  or  781320 
015-78.3533 

vlaangv(®dutrcx.tudelft.nl 

free 

see  table  2 

data  reports,  disk,  videomovic 


empirical 

incidence,  dynamic  pressure 

-  strut/model  interference  determined  from 
dummy  strut  measurements 

-  strut  deflection  under  aerodynamic  load 
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7.  DATA  ACCURACY  AND  REPEATABILITY 


7.1.  Estimated  accuracy 

.  incidence  0.02  deg 


7.2.  Estimated  repeatability 
.  forces  and  moment  coefficients 
.  surface  pressure  coefficients 
.  vortex  flow  velocities 


within  0.1% 
within  0.05% 

within  0.0.1  U„  outside  subcore 
within  0.05  U„  inside  subcore 


8.  DATA  REPOR  li 

For  flow  visualization  results  and  balance  measurements: 

.  N.G.  Verhaagen  An  Experimental  Investigation  of  the 

Vortex  Flow  over  Della  and  Double-Delta 
Wings  at  Low  Speed. 

TUD  Ret  irl  LR-.172,  September  198.1. 


For  flowfield-surveys  and  surface-pressure  measurements: 


N.G.  Verhaagen 
J.E.J.  Maseland 


J.E.J.  Maseland 
N.G.  VcThaagen 


Investigation  of  the  Vortex  Flow  over  a 
76/60-dcg  Double  Della  Wing  at  20  deg 
Incidence. 

AIAA  Paper  91-1208,  AIAA  9th  Applied 
Aerodynamics  Conference  CP918, 
September  1991. 

Experimental  and  Numerical  Investigation 
of  Vortex  Flow  over  a  76/60-deg  Double- 
Delta  Wing,  Delft  University  of  Technology, 
Report  LR-680,  April  1992. 


Model  Geometry 


Wing  geometry 


Setup  for  flowfield  surveys  (schematic) 


Fig.  3:  Upper-surface  pressure  distribution 
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Fig.  8: 


Surface  flow  pattern  at  20  deg 
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Fig.  9;  Vortex  flow  visualized  with  laserlight-sheet  technique 
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WIND  TUNNEL  TEST  ON  A  65° 
DELTA  WING  WITH  ROUNDED 
LEADING  EDGES 

-  THE  INTERNATIONAL  VORTEX  FLOW 
EXPERIMENT  • 

BY 

K.  HARTMANN 
K.  A.  BUTEFISCH 
H.  PSZOLLA 

DEUTSCHE  FORSCHUNGSANSTALT  FUR 
LUFT-  UND  RAUMFAHRT,  DLR 

BunsenstraDe  10 
37073  GOTTINGEN 
GERMANY 


INTRODUCTION 

The  wind  tunnel  tests  carried  out  on  this  model 
resulted  from  an  international  cooperation  that 
involved  the  aeronautical  laboratories  AFWAL 
(US),  DLR  (Germany).  FFA  (Sweden),  NLR  (The 
Netherlands)  and  the  Universities  of 
Braunschweig  (Germany)  and  Delft  (The 
Netherlands).  It  was  the  basic  aim  of  these 
measurements  to  provide  detailed  pressure  and 
flow  field  data  on  a  65°  delta  wing  configuration  of 
a  generic  shape  for  the  validation  of  CFD 
methods,  notably  Euler  methods.  For  this  reason 
one  of  the  basic  configurations  had  a  sharp 
leading  edge.  However,  there  was  also 
considerable  Interest  for  configurations  with  more 
realistic  features  and  therefore  other 
configurations  were  added.  These  featured  a  wing 
with  a  smaller  sweep  angle  (55°  instead  of  65°),  a 
rounded  instead  of  a  sharp  leading  edge  shape,  a 
drooped  leading  edge  and  the  addition  of  a  canard 
wing.  The  wind  tunnel  tests  were  made  in  different 
wind  tuiinels  with  different  models.  They  covered 
a  large  range  of  flow  conditions  and  measuring 
techniques  including  force,  pressure  and  flow  field 
measurements.  The  test  case  to  be  described 
here  covers  the  force,  pressure  and  flow  field 
measurements  and  flow  visualization  as  carried 
out  at  DLR  in  the  transonic  wind  tunnel  TWG  on 
the  smaller  scale  model  with  round  leading  edges. 
This  configuration  was  designed  and  manufac¬ 
tured  by  the  MBB  company  in  Germany. 


1.  GENERAL  DESCRIPTION 

1.1  Model  name  or  designation 

The  International  Vortex  Flow  Model,  VOMO, 
provided  by  MBB,  Germany 

1 .2  Model  type  and  flow  conditions 

65°  delta  wing  with  separated  or  partly  separated 
flow  at  the  leading  edge;  tested  at  subsonic  and 
transonic  flow  conditions 

1.3  Design  requirements,  purpose  of  test 

Generic  wing  model  with  rounded  leading  edges  to 
study  the  effect  of  viscosity:  sweep  angle  high  to 
produce  strong  vortices  but  not  too  far  from 
realistic  configurations;  lee  side  not  disturbed  by  a 
supporting  fuselage.  Supply  of  a  data  base 
including  field  data  for  the  validation  of  computer 
codes  (Euler,  Navier-Stokes);  study  of  the  flow 
physics, 

1 .4  Dominant  flow  physics 

a.  Vortex  flow  at  subsonic  and  transonic 
conditions  with  embedded  shocks 

b.  Vortex  burst  and  the  subsequent  break-  down 
of  the  flow  field 

c.  Unsteadiness  of  vortex  burst  location 

d.  There  are  cases  with  only  partly  separated 
flow,  i.e.  not  extending  over  the  entire  length  of 
the  leading  edge.  Leading  edge  separation 
boundaries  are  represented  in  Figures  1  and  2 
in  a  M„,  a-plane. 

2.  DETAILS  OF  MODEL 

2.1  General  geometric  arrangement 
See  Figures  3  and  4 

2.2  Configurations  tested 

Rounded  leading  edges  with  and  without  canard; 
only  data  without  canard  are  included 

2.3  V/ing  and  airfoil  data 

2.3.1  Planform 

•  Aspect  ratio:  1.377 

•  Taper  ratio:  0.15 

•  Leading  edge  sweep:  65° 

•  Trailing  edge  sweep:  0° 

•  No  twist 

•  Cropped  wing  lip 


•  Body  mounted  (almost  completely)  underneath 
the  wing 

2.3.2  Basic  wing  section 

•  Constant  airfoil  section  in  streamwise  direction, 
see  Figures  3  and  4 

•  Modified  NACA  64A005  airfoil  with  straight  line 
aft  of  75%  chord,  greater  nose  radius,  greater 
thickness  over  the  first  40%  of  the  chord 

•  No  camber 

•  5%  relative  thickness 

2.4  Body  data 
See  Figure  3 

2.5  Geometric  definition  of  all  components 

•  Shape  partly  numerically,  partly  analytically 
defined 

•  Designed  and  measured  profiles:  see  Figure  4 

•  Average  of  deviation  of  the  actual  airfoil 
contour  from  the  nominal  one  is  less  than  0.25 
mm.  Check  carried  out  for  two  cross-sections, 
see  Figure  4 

•  For  detailed  geometry  information  see  T est 
Case  Df .  All  linear  D1  dimensions  have  to  be 
multiplied  by  0.7  to  obtain  the  geometry  of  the 
present  model. 

2.6  Model  support  details 

The  model  was  mounted  on  a  rear  sting  in 
combination  with  a  15°  cranked  part  in  order  to 
achieve  higher  angles  of  attack  than  the  nominal 
tunnel  sting  ailows,  see  Figure  5 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

Transonic  Wind  Tunnel  (TWG)  in  Gottingen 

3.2  Organisation  running  the  tunnel 
DLR 

Central  Wind  Tunnei  Division 
Bunsenstr.  10 
37073  Gdttingen 
Germany 

3.3  Tunnel  characteristics 

Continuously  operating  with  closed  circuit; 
perforated  test  section  in  tandem  with  a  supersonic 
test  section;  operating  conditions,  see  Figure  6 

3.4  Test  section 

3.4.1  Model  mounting  and  instrumentation 


See  Figures  3  and  5 

Model  positioned  in  the  downstream  position  0  for 
subsonic  and  transonic  tests.  Figure  5 

3.4.2  Test  section  dimensions 
Imx  Imx  3m 

3.4.3  Wall  geometry 

4  perforated  walls  with  holes  of  60°  inclination, 
open  area  ratio  6%,  suction  from  the  plenum  is 
applied  at  M.  >0.9 

3.5  Freestream  conditions 
See  Figure  6 

3.5.1  Reference  How  conditions 

•  Total  pressure:  settling  chamber 

•  Static  pressure:  from  plenum  pressure  w'lh 
correction  derived  from  calibration 

•  Static  temperature:  from  total  temperature  In 
settling  chamber  and  Mach  number 

3.5.2  Tunnel  (.  libration 

•  Static  pipe  at  tunnel  center 

•  Last  calibration:  1987 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity  (model  position),  see 

References  8.1.1 

•  Mach  number  uniformity: 


AM,  = 

±  0.005  at 

M.  = 

0.5 

AM_  = 

±0.01  at 

M.  = 

0.9 

AM_  = 

±0.015  at 

M_  = 

1.0  and  1.5 

Average 

gradient 

of  Mach 

number 

M_  =  0.70:aM_/  a(x/H)S  0.002 
•  Flow  angularity  at  0.70:  0.1°;  Mach 

number  and  model  dependent,  derived  from 
wedge  calibrations 

3.6.2  Temperature  variation 
Temperature  variation  during  a  run  iess  than  3°C 

3.6.3  Flow  unsteadiness 

Turbulence  level  determined  in  settling  chamber: 
see  Figure  7  and  Reference  8.1.2 
Turbulence  level  estimated  for  the  test  section  as 
to  be  approximately  0.05  %,  J.E.  Beckwith, 

J.C.  Rotta,  see  References  8.1.3 


4. 


INSTRUMENTATION 


4.1  Model  position 

4.1.1  Determination  of  geometrical  incidence 

•  Model  incidence  derived  from  support  angle 
corrected  for  sting  deflection  under  load  and 
checked  by  telescope 

•  In  addition  to  the  incidence  the  true  position  of 
the  model  (height  w'lth  respect  to  the  wind 
tunnel  center  line)  was  determined  in  order  to 
know  accurately  the  model-fixed  field 
coordinates  where  LDV  data  were  obtained 

4.1 .2  Accuracy  of  geometrical  incidence 

Angle  of  incidence:  ±  0.05° 

Position:  ±  0.1  mm  pius  vibration  amplitude.The 
latter  was  not  measured.  It  is  supposed  to  be  less 
than  one  millimeter  at  the  wing  tip 


4.2  Model  pressure  measurements 

4.2.1  Number  and  disposition  of  pressure  holes 
60  pressure  holes,  see  Figure  3 

4.2.2  Type,  range  and  accuracy  of  pressure 
transducers 

•  All  surface  pressures  were  measured  with  two 
ESP-32  pressure  sensor  modules  and  the 
corresponding  pressure  measurement  system 
7808  of  Pressure  System  Inc.  (USA). 

•  Pressure  range  of  the  sensors  ±  15  psi,  static 
error  band  ±  0.1 5%  FS, 

•  Scanning  rate  1 5  K  samples/s. 

•  Modules  installed  inside  the  body 

4.3  Force  measurements 

4.3.1  Type  and  location  of  balance 

1.25  inch  extended  range  TASK  balance,  type  MIC 
XIV  A,  6  components,  installed  inside  the  body 

4.3.2  Maximum  load  range  and  accuracy  of 
components 

Normal  force:  (pitching  moment  =  0  )  5790  N 
Side  force:  (yawing  moment  =  0  )  2895  N 


Axial  force:  (total)  400  N 

Pitching  moment:(normal  force  =  0  )  384  Nm 

Yawing  moment:  (side  force  •  0 )  156  Nm 

Rolling  moment:  (total)  68  Nm 

Accuracy:  ±  0.3  %  full  scale 


4.4  Boundary  layer  and  flow  field 
measurements 

4.4.1  Measurement  technique  applied 


3D  LDV  measurements,  see  Table  I  and  Fig.  8 

4.4.2  Flow  regions  investigated 

The  selected  cross  sections  were  identical  to  those 
of  the  pressure  taps  and  of  the  field  measurements 
at  FFA  by  means  of  a  5-hole  probe.  In  addition, 
measurements  in  the  plane  of  symmetry  were 
performed. 

4.4.3  Details  of  the  LDV 

•  3  components,  operated  simultaneously  in 
back-scatter  mode,  Figure  8 

•  Size  of  the  measurement  volume:  0.1  mm  x 
0.1  mm  X  1  mm  (reduced  length  in  crosswise 
direction  due  to  off-axis  observation) 

4  5  Surface  flow  visualization 

Oil  flow  pictures,  see  Table  I  and  paragraph  7.5 

4.6  Flow  field  visualization 

4.6.1  Technique  applied 

Laser  light  sheet  technique  with  smoke 

4.6.2  Planes  visualized 

•  Planes  perpendicular  to  the  model  axis  and 
roughly  normal  to  the  surface 

•  Planes  moved  along  the  model  axis  from  the 
tip  toward  the  trailing  edge  (T.E.)  and 
somewhat  beyond  the  T.E. 

•  Pictures  taken  by  a  high  sensitivity  CCD 
camera  from  behind  the  model,  see  Figure  9 

4.6.3  In  what  form  are  dala  available? 

Video  tape  (U-matic,  VMS)  PAL 

4.7  Tunnel  wall  pressure  measurements 
No  measurements 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  test  matrix 
See  Table  I 

5. 1 . 1  Selected  test  cases 

8,  cases  1  to  6  and  9  of  Table  I 

Overall  forces  and  moments,  surface  pressures, 
flow  field  velocity  vectors.  Examples  of  results  are 
included  in  Figures  1 0  to  18 

5.1 .2  Number  of  configurations  tested 
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Two:  wing  alone 

wing-canard  combination  (not  included) 

5.2  Model  /  Tunnel  relations 

•  Maximum  blockage:  about  0.75  %  at  a  -  0° 

•  Model  span  /  tunnel  width:  0.333 

•  Wing  area  /  tunnel  cross  section:  0.081 

5.3  Transition  details 

All  data  with  free  transition 
6.  DATA 

6.1  Availability  of  data 

6.1 .1  Organisation  owning  data 
DLR,  Institute  for 

Experimental  Fluid  Mechanics  (SM-ES) 

Bunsenstr.  10 
D-37073  GOTTINGEN 
GERMANY 

6.1 .2  Who  is  responsible  for  the  data 

Dr.  K.  Hartmann 
DLR,  SM-ES 
Tel.  (0049)  551  709  2255 
Fax  (0049)551  709  2811 

Dr.  K.A.  Butefisch 
DLR,  SM-ES 
Tel.  (0049)  551  709  2660 
Fax  (0049)  551  709  2830 

6.1 .3  Are  data  freely  available 
Yes 

6.2  Suitability  of  data  for  CFD  validation 

Data  are  considered  essentially  interference  free 
thus  suitable  for  "free-air"  calculations,  see  also 

6.4.1 

6.3  Type  and  form  in  which  data  are  available 

6.3.1  Type  and  form 

•  Table  II 

•  Model  geometry:  Techn.  drawings  (also  see 
2.5) 

•  All  test  data  available  in  tables,  plots  and  data 
reports 

6.3.2  Data  carrier 

3.5"  disc  containing  geometry  of  airfoil  and  body 
and  aerodynamic  data. 


6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage  corrections 

No  corrections  applied  because  blockage  ratio  is 
small  and  a  comparison  with  NLR  data,  which  are 
considered  interference  free,  suggests  that  wall 
interference  is  negligible 

6.4.2  Sting  and  support  corrections 

No  corrections  applied.  Pre-tests  were  carried  out 
in  4  model  positions,  see  Rgure  5.  It  was  found 
that  in  the  upstream  positions  0  and  0  the 
pressures  on  the  wing  suction  side  are  no  longer 
affected  by  the  model  support.  Therefore  all  tests 
were  carried  out  in  position  0. 

6.4.3  Elastic  deformation  of  the  sting 

Sting  deflection  was  corrected  with  regard  to  the 
angle  of  attack  a  in  the  usual  way  by  calibrating  the 
deflection  with  known  loads 

7.  DATA  ACCURACY  AND 

REPEATABILITY  ASSESSMENT 

7.1  Accuracy  estimates 

7.1.1  Freestream  conditions 

Mach  number  <  0.005:  average  value  for  the  Mach 
number  range  0.5  to  1.2 

Angle  of  incidence  ±  0.05°  or  better 

7.1.2  Measured  data 

Normal  force,  attached  flow  AC^,  «  +  0.006; 

±  0.5%  of  max.  load.  Pitching  moment,  attached 
flow  AC„,  =  ±0.0002;  ±  0,5%  of  max.  moment. 
Pressure  coefficients,  attached  flow  ACp  «  ±  0.01 ; 

±  0.6%  of  max.  .  Accuracy  of  velocity  data 
measured  by  3  component  LDA: 

Absolute  accuracy:  ±  5% 

Relative  accuracy:  ±  1% 

All  depends  on  wind  tunnel  conditions:  worst  case 
about  5% 

7.2  Repeat  measurements 

Various  tunnel  entries  have  been  made  with  the 
same  model  indicating  no  differences  within  the 
measurement  accuracy 

7.4  Other  tests  made 

Comparisons  were  made  with  results  obtained  for 
an  identical  though  greater  scale  model  measured 
in  the  High  Speed  Wind  Tunnel  (HST)  at  NLR, 
Amsterdam,  The  Netherlands.  These  comparisons 
are  fair,  small  differences  probably  being  due  to 
differences  in  Reynolds  number,  see  Rgures  12  to 
14 


7.5  Additional  remarks 

A  systematic  series  of  oil  flow  visualization 
experiments  was  carried  out  later  in  1991  in  the 
High  Speed  Wind  Tunnel  (HKG)  in  Gottingen, 
which  is  of  the  blow  down  type  with  an  open  jet  test 
sectbn.  See  Figures  15  to  17.  Results  of  Figure  18 
were  derived  from  pressure  measurements.  They 
are  comparable  with  the  oil  flow  pattern  of  Figures 
15  to  17. 

7.6  Actual  angle  of  attack 
Force  measurements: 

Aa  •  ±  0.05,  less  than  1 0.25%  of  max.  a 
Pressure  and  field  measurements; 

Less  than  ±  1%  of  a  -  10°  and  20°,  respectinely. 
See  test  cases  4  to  6  and  9  of  Table  I. 
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9.  SYMBOLS 


a 

Distance  between  screen  and 
turbulence  level  measuring  plane 
in  settling  chamber,  see  Fig.  7 

Cm.  Cm 

Pitching  moment  coefficient 

Cn,CN 

Normal  force  coefficient 

'  q- 

Surface  pressure  coefficient 

cr 

vying  root  chord 

i(y) 

Local  wing  chord 

M„,  Ma„^  MA 

Freestream  Mach  number 

P 

Pressure  on  model  surface 

Poo 

Freestream  static  pressure 

Freestream  dynamic  pressure 

R 

Radius  of  the  circle  on  which 
turbulence  data  were  measured 
by  a  hot  wire  probe,  see  Fig.  7 

Re,  RE 

Reynolds  number  based  either 
on  0.1  VJ  In  case  of  wind  tunnel 
or  on  root  chord  in  case  of  model 

S 

Cross  section  of  test  section 

s 

Wing  semi-span 

s(x) 

Local  wing  semi-span 

Ty.Ty, 

Components  of  the  turbulence 
level 

Uoo 

Freestream  velocity 

X,  y,  2 

Cartesian  coordinates, 
see  Rgure  3 

X 

Coordinate  of  pressure  section  4, 
origion  at  leading  edge,  see  Fig.3 

-1 

cJs 

Range  of  attached  flow  along 
wing  leading  edge,  measured 
from  wing  tip 

a.  ALPHA,  ALFA 

Angle  of  attack 

Voo 

Freestream  kinematic  viscosity 

Poo 

Freestream  density  of  air 

) 


1  lOeNTlFICATtON 

FLOW  CONO 

TK)N 

FOSITtON 

OTHER  INFORMATION  1 

CASE 

NO 

CONF 

MKh 

q(kP«l 

(talio"* 

o 

TYPE  OF 

MEASUREMENTS 

REMARKS 

1 

A 

0.85 

1353 

24 

a 

TWG, 

sling  position  0,  Fig.  3 

2 

A 

0.85 

26.20 

45 

a 

3 

A 

0.85 

42.11 

7.0 

«, 

a 

4 

A 

0.85 

13.53 

2.38 

o. 

b 

5 

A 

0.85 

26,20 

4.57 

b 

6 

A 

0.85 

42.11 

7,12 

a, 

b 

7 

A 

0.85 

32.32 

6 

06 

c 

HKG 

8 

A 

C.85 

26.20 

45 

O, 

d 

TWG, 

MP,  0.2  to  1.2 

«■« 

9 

A 

0,85 

26.20 

45 

O. 

e 

TWG. 

MP,  -^.0.6  and  0.8 

r. 

1.  Configuratton 

2.  a-ranga; 


A  -  cropped  detta  wing,  see  Fig.  3 
a,(^]«  t.O.  1.2 to  22,  2 

a2(*)-'l.O.  1.2  to  20.  Aa  •  2 
1.210  10.  Aa  -  2 

a,ri-10.  20 
o,ri-io 

OjH-  10. 15,20 

a,ri.20 


3.  Type  of  measurements:  a  •  overall  forces  and  moments 

b  •  pressures  on  model  sudace 
c  •  oil  flow  pictures 

d  -  visualization  with  smoke  and  laser  light  sheet 
e  •  ftow  field  measurements 

4.  Remarks:  TWG  «  transonic  wind  tunnel  of  OLR  Gdttingen 

HKG  •  high  speed  wirxf  tunnel  of  OLR  GOttingen 
MP  •  measuring  plane  at  x/c.  see  Figures  9  and  10 
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uncorrected  velocity  vectors  in  planes  as  indicated  in  Table  I  | 
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Figure  1:  Leading  edge  separa¬ 
tion  boundary  in  M„,  a-plane. 

Black  points  represent  selected 
test  cases. 


n  16 


Figure  2:  Effect  of  Reynolds  number  on 
leading  edge  separation  boundary 


Figure  3:  Main  geometric  dimensions  of 
MSB's  vortex  flow  model 


c) 


0  *  ■  ■  - - - - - 
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obtcinas  *  body  a><s 

0  too  20Q  300 

Figure  4:  Comparison  of  the  nominal  and  actual  airfoil 
contours  of  the  wing  sections  at  y/s  =  0.21  and  y/s  = 
0.55.  Differences  are  depicted  five  times  enlarged.a) 
and  c):  without  black  coating,  b)  and  d)  with  black 
coating.  Determination  of  actual  contours  by  G. 
Eifler.DLR  Braunschweig 


fcw  ..i-i.  ,<  i>^  _ _ V 

Figure  5:  Model  support  arrangement  with 
alternative  positions  ©  to  @  of  model  relative 
to  tunnel  window 


Figure  6:  Performance  envelope  of  the  1m  x  1m  Tran¬ 
sonic  Wind  Tunnel  (TWG)  of  the  DLR 


0,6  0,8  1,0  1,2  Moo 

Figure  7;  Turbulence  level  in  the  settling 
chamber  of  the  Transonic  Wind  Tunnel 
(TWG)  of  the  DLR.  T^.  Ty,  Tyy  are  averages 
on  a  circle  with  the  radius  R,  data  taken  at 
stagnation  pressure  pn  =  1  bar 
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Figure  8;  Schematica!  view  of  the 
750  mm  three  component  dual  beam 
Laser  Doppler  Veiocimeter 


Figure  9:  Primary  and  secondary  vortices  visual¬ 
ized  by  laser  light  sheet  technique  at  =  0.85, 

Re  =  4.5x1 0®  and  a  =  20° 


Figures  10:  Vector  plot  in  a  cross-flow  plane  at  x/c  =  0.6. 
=  0.85,  Re  =  4.5  X  106.  a  =  20°. 


Rgure  11:  Streamlines  in  a  cross-flow  plane 
derived  from  measured  LDA-data. 

M<«=  0.85,  Re  =  4.5  x  lO®*  a  =  20°. 
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Figure  12:  Normal  force  and  pitching  moment  coefficients  at  different  Reynolds 
numbers.  Comparison  with  NLR  data 
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Figure  15:  Oil  flow  picture  taken  in  the  open  jet 
High  Speed  Wind  Tunnel  (HKG)  of  the  DLR  at 
Moo  =  0.85,  a  =  1 0°,  and  Re  =  5.9  x  1 0^ ,  the 
latter  based  on  a  root  chord  length  of  42  cm 


Figure  16;  Oil  flow  picture  taken  in  the  open  jet 
High  Speed  Wind  Tunnel  (HKG)  of  the  DLR  at 
Moo  =  0.85,  a  =  1 5°,  and  Re  =  5.9  x  1 0® ,  the 
latter  based  on  a  root  chord  length  of  42  cm 


Figure  17:  Oil  flow  picture  taken  in  the  open  jet 
High  Speed  Wind  Tunnel  (HKG)  of  the  DLR  at 
Moo  =  0.85,  a  =  20°,  and  Re  =  5.9  x  1 0®.  the 
latter  based  on  a  root  chord  length  of  42  cm 


Figure  18:  Positions  of  the  primary  vor¬ 
tices  depending  on  angle  of  attack, 
Mach  number,  and  Reynolds  number. 
Dashed  lines  are  footprints  of  the  vortex 
cores  derived  from  pressure  peaks. 
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Invesligalion  of  the  How  development  on  a 
highly  swept  canurd/wing  research  model  with 
segmented  leading-and  trailing-edge  flaps. 

D.  Slanniland,  ARA,  Bedford 


INTRODUCTION 

The  results  included  in  this  submission  are  drawn  from  the  extensive  testing  which  has  been  carried 
out  on  a  simple  canard/wing  research  model  with  a  low  aspect  ratio  (2.3),  highly  swept  (58°)  wing 
with  leading-and  trailing-edge  flaps.  The  purpo.se  of  these  tests  was  to  improve  the  understanding  of 
the  flow  development  on  this  class  of  configuration,  to  validate  the  CFD  method  and  philosoph;,  used 
for  the  wing  design  and  to  provide  an  extensive  data  base  of  pressure  data  on  a  precisely  specified 
model  geometry  for  the  validation  of  CFD  methods  which  are  capable  of  handling  more  complex 
geometries. 

The  wing  was  designed  using  an  FP  wing/body  code,  aiming  for  attached  flow  at  a  high  subsonic 
manoeuvre  design  point.  This  results  in  a  highly  cambered  and  twisted  wing  with  a  complex  flow 
breakdown  on  the  upper  surface.  The  use  of  a  segmented  leading-edge  flap  means  that  the  vortical 
flow  develops  as  a  series  of  part-span  vortices,  even  at  a  constant  flap  setting  with  the  gaps  between 
the  flap  segments  sealed. 

The  model  has  been  tested  in  the  ARA  9ft  x  8ft  Transonic  Wind  Tunnel  over  the  period  1985  -  1992 
to  investigate: 

1)  The  effect  of  a  canard,  including  variation  in  its  position  and  setting  angle. 

2)  The  effect  of  alternative  leading-and  trailing-edge  flap  angles,  including  both  positive  and 
negative  settings.  Although  the  model  is  capable  of  being  tested  with  graded  settings  across 
the  span,  this  option  has  not  been  investigated  to  date. 

3)  A  three  surface  configuratio.i  (canard/wing/tailplane), 

4)  A  blended  wing/body  derivative  of  the  model,  using  the  existing  outer  wing  and  canard 
designs. 

Obviously  these  tests  provide  an  extensive  data  base  and  the  results  included  here  comprise  the  datum 
wing  without  flap  deflection,  both  with  and  without  a  canard. 
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1  GENERAL  DESCRIPTION 

1.1  Model  name  and  designation 

ARA,  M165  canard/wing/body 
research  model,  based  on  RAE  wing 
design  M2091/6. 

1.2  Model  type  and  flow  conditions 

Sting  mounted  complete  Delta  wing 
pressure  plotted  model  with  variable 
camber  and  close  coupled  canards 
ahead  of  and  above  the  wings,  (see 
Fig.  1)  Tested  over  the  range  of 
0.5  £  M  £1.35,  -2£  a  £20  in  the 
ARA  Transonic  Wind  Tunnel. 

1.3.1  Design  requirements 

Tbe  datum  wing  was  designed  for 
attached  flow  with  moderate  shock 
strengths  on  the  wing  upper  surface  at 
the  primary  manoeuvre  design  point 
of  M  =  0.90,  Cl  =  0.45'°. 
Alternative  design  points  around  the 
flight  envelope  were  to  be  satisfied  by 
both  positive  and  negative  deflections 
of  the  leading-and  trailing-edge  flaps. 
This  was  tested  on  the  DRA  M2091/6 
forces  model,  which  has  a 
representative  fuselage,  in  the  DRA 
(Famborough)  8ft  x  6ft  Transonic 
Tunnel. 

The  M 165  model  uses  the  same  wing 
design  mounted  on  a  simple, 
rectangular  fuselage.  The  net  canard, 
which  has  5  alternative  positions  on 
the  fuselage,  each  with  5  alternative 
setting  angles,  is  a  0.3336  scale 
version  of  the  wing. 

1.3.2  Purpose  of  test 

The  purpose  of  the  tests  was  to 
provide  overall  forces  and  moments, 
canard  forces  and  wing  pressure 
distributions  for: 

a)  assessing  the  basic  performance  of 
the  datum  wing  design  and  validating 
the  theoretical  design  method. 

b)  Determining  the  benefit  of  leading 
edge  and  trailing  edge  camber 
variations  including  graded  deflections 
along  th  t  wing  span  using  segmented 
leading-and  trailing-edge  flaps.  (Data 
presented  relates  to  LE/TE  at  0/0 
only). 

c)  Investigating  the  aerodynamic 
coupling  between  the  canards  and 
wings. 


1 .4  Dominant  flow  physics 

Attached  flow  at  the  leading  edge  to 
moderate  incidence  with  high  suctions 
on  forward  facing  areas  of  the  wing. 
The  flow  breakdown  depends  on 
Mach  number  thus: 

a)  At  moderate  subsonic  Mach 
numbers  a  leading  edge  vortex 
develops.  This  breaks  down  into  part 
span  vortices  originating  from  the 
split  lines  in  the  segmented  leading 
edge  flaps,  even  in  cases  where  all 
the  segments  have  the  same  angle, 
and  the  junction  between  the  flaps  is 
sealed. 

b)  At  high  subsonic  Mach  numbers 
the  vortex  development  can  still  be 
seen  at  high  incidence,  but  this  is 
preceded  by  a  shock-induced 
separation  on  the  outer  wing  at 
moderate  incidences. 

c)  At  supersonic  Mach  numbers  there 
is  a  highly  swept  shock  which  leads  to 
a  shock-induced  separation  in  the 
cross  flow  plane. 

2  DETAILS  OF  THE  MODEL 

2. 1  General  geometric  arrangement 

The  general  arrangement  of  the  model 
is  illustrated  in  Fig.  2. 

Fore  and  aft  bodies  are  derived  from 
the  ESDU  11  family  of  bodies  (ESDU 
77028).  Ref.  8,2.1  (see  Fig.  7). 
Long  parallel  slab-sided  fuselage 
centre  body  accommodates  a  change 
of  canard  position  with  ease.  iTiere 
is  extensive  pressure  plotting  on  the 
upper  surface  of  the  port  wing  and  the 
lower  surface  of  the  starboard  wing. 


2.2  Conllgurations 

Configuration  A: 

Datum  wing  with  0°  LE  and 
TE  deflections  (WO/0). 

Configuration  B: 

Datum  wing  with  0°  LE  and 
TE  deflections  (WO/0)  plus  canards  in 
position  4  at  0'  (C4/0)  (see  Fig. 3). 

2.3  Wing  data 

2.3.1  Planform 

Reference  geometry  of  the  wing 
shown  in  Fig.  4. 
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•  Reference  wing  area  ■=  0.4002m^ 

•  Reference  wing  chord,  5  = 
0.4833m 

•  Reference  span  =  0.9594m 

•  Moment  reference  centre  = 
0.4163m  aft  of  wing  l.e.  apex  on 
fuselage  axis. 

•  Aspect  ratio  =  2.3 

•  Taper  ratio  =  0.1833 

•  Leading  edge  sweep  =  58° 

•  Trailing  edge  sweep  =  21.8° 

•  Twist  angle  of  tip  relative  to  root  = 
-5.45°  (wing  twist  is  included  in 
the  section  ordinates). 

•  Gross  semispan  =  0.4797m 

•  Root  chord  =  0.7050m 

•  Tip  chord  =  C-p  =  0.1292m 

•  Tip  LE  point  =  0.7676m  from 
wing  leading  edge  apex. 

•  Details  of  fuselage/wing  junction: 
low  mounted  wings  on  vertical 

fuselage  side,  (see  Fig.  5) 

2.3.2  Basic  wing  section 

•  Wing  streamwise  sections,  shown  in 
Fig.  6,  were  derived  from  a  3D 
wing  design  process. 

•  Thickness/chord  ratio  =  5.05J 
constant  across  span. 

2.3.3  Other  components  on  wing 

•  Full  span  leading  and  trailing-edge 
flaps  were  later  used  to  increase 
wing  camber  -  but  are  not  included 
in  this  data  set. 


2.4  Body  data 

2.4.1  Shape 

•  Forebody  and  afterbody  are  derived 
from  the  ESDI!  II  family  of  bodies 
(see  Fig.  7). 

•  Body  length  =  1.7018m 

•  Maximum  cross  sectional  area  = 
0.023m= 

•  Fuselage  details  are  shown  in 
Fig.  8 

•  Base-rear  elevation  is  shown  in 
Fig.  9 

•  Typical  longitudinal  area 
distribution  is  shown  in  Fig.  10 


wing  area  (see  Fig.  1 1) 

•  Canard/wing  relationship  is  shown 
in  Fig.  12 

•  Data  presented  relates  to  afterbody 
without  tailplane.  Data  also  exists 
for  tailplane  on  configurations. 


2.7  Geometric  definition 

Wing  co-ordinates  are  specified  by 
129  points  from  the  lower  surface 
trailing  edge,  around  the  leading  edge 
and  back  to  the  trailing  edge  upper 
surface  at  1 1  equally  spaced  stations 
across  the  span. 

Modular  wings  comprise  a  main  spar 
with  lap  joints  at  front  and  rear  on 
which  are  mounted  4  separate  LE 
segments  and  2  TE  segments  for  each 
wing.  Each  LE  segment  is  0.25  of 
exposed  semispan,  each  TE  segment 
is  0.5  of  exposed  semispan,  allowing 
the  fitting  of  graded  deflections  along 
span  to  produce  smooth  contours  on 
upper  surface  of  wings  at  all 
conditions. 

Fuselage  co-ordinates  given  in  Fig.  7. 

•  The  wing  leading  edge  shape  is 
manufactured  to  within  0.03mm. 
Elsewhere  the  shape  is  within  a 
tolerance  of  0.08mm. 


2.8  Model  support  details 

The  model  was  supported  in  the 
tunnel  by  an  83.8mm  OD  (at  base  of 
model)  tapered  rear  sting  to  the  ARA 
full  model  cart.  Sling,  fuselage  and 
strain  gauge  balance  share  a  common 
axis.  Fuselage  base  was  121.92mm 
ahead  of  sting  taper  diameter 
increase,  (see  Fig.  13) 


3  GENERAL  TUNNEL 

INFORMATION 

3.1  Tunnel  designation 

ARA  2.74m  x  2.44m  (9ft  x  8ft) 
Tran.sonic  Wind  Tunnel  (see  Fig.  14) 


3.2  Organisation  running  the  tunnel 

2.5  Information  on  canards 

Aircraft  Research  Association  Ltd 

Configuration  B  only.  Manton  Lane 

•  Nett  canard  planform  as  wing  Bedford  MK41  7PF 

planform,  scaled  to  be  12.5%  gross 
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3.3  Tunnel  churacteri.stic.s 

The  ARA  Transonic  Tunnel  is  a 
rectangular  continuous  flow,  closed 
circuit  tunnel  with  perforated  walls. 

•  Mach  numbers:  0  to  1.4 

•  Incidence  range  (straight  sting): 
-10°  to  40° 

•  Roll  range:  0  to  360° 

•  Pressure  range:  stagnation  pressure 
0.8  to  1.2  bar. 

•  Temperature  range:  stagnation 
temperature  up  to  50°C  based  on 
Mean  Aerodynamic  Chord. 

•  Reynolds  number:  4.8  x  10^  at  M 
=  0.55  to  6.6  X  10^  supersonically. 

•  Run  time:  continuous. 


3.4  Test  section 

3.4.1  Test  section  details 
See  Fig  15. 

3.4.2  Test  section 

2.74m  X  2.44m.  The  perforated  walls 
extend  1.33m  upstream  of  the  model 
nose  and  1.23m  dowmstream  of  the 
model  base.  The  region  of  uniform 
onset  Mach  number  extends  at  least 
2.10m  upstream  of  the  model  nose 
(the  forward  limit  of  pressures 
measured  on  the  calibration  probe). 

3.4.3  Wall  geometry  details 

•  The  perforated  tunnel  walls  have  a 
22%  open  area  (normal  holes), 
varying  over  the  length  of  the 
working  section  to  minimise 
interference  at  high  subsonic  Mach 
numbers. 

•  No  wall  pressures  were  measured 
for  these  test  series. 

•  Wall  boundary  .  lyer  thickness  was 
13  mm  at  the  model  centre  of 
rotation,  measured  for  tests  with  a 
centreline  calibration  probe  (‘empty 
tunnel’). 

3.5  Free-stream  conditioas 

3.5.1  Reference  conditions 

Total  pressure  in  the  working  section 
is  obtained  from  the  static  pressure  in 
the  settling  chamber  using  calibration 
data. 


Static  pressure  in  the  working  section 
is  obtained  from  the  static  pressure  on 
the  wall  of  the  plenum  chamber. 

The  reference  pressure  used  to 
calibrate  pressure  transducers  is  an 
applied  pressure  in  a  large  reservoir 
in  the  tunnel  control  room. 

Stagnation  temperature  is  measured  to 
■  n  accuracy  of  ±0.2°K  over  the 
operating  range  of  the  tunnel,  using  a 
probe  installed  in  the  settling 
chamber. 

3.5.2  Tunnel  calibration 

•  The  tunnel  is  calibrated  using  a 
centreline  static  probe  with  wall 
static  pressures. 

•  Last  calibration  was  performed  in 
October  1986  (complete  model 
testing). 

3.6  Flow  Quality 

3.6. 1  Flow  uniformity 

Mach  number  variation  along  the 
length  of  a  model  is  set  to  a  nominal 
zero  using  settings  of  the  wind  tunnel 
walls  derived  from  the  tunnel 
calibration.  Typical  errors  of  AM  = 
0.0002  were  measured  in  the  last 
calibration  of  the  tunnel.  Mach 
number  is  held  to  within  0.001  of  the 
required  value  up  to  moderate 
incidence,  at  subsonic  Mach  numbers. 
Mean  flow  angularity  is  obtained  for 
each  model  using  a  small  incidence 
traverse  with  the  model  upright  and 
inverted.  Flow  angles  are  normally 
found  to  lie  with  ±0.02°  of  the 
standard  values  for  most  models.  For 
a  detailed  discussion  of  the  tunnel 
How  angularity,  see  Ref.  8.1.2. 

3.6.2  Temperature  variation 

Tunnel  temperature  is  not  controlled 
directly,  although  the  increase  in 
temperature  during  a  run  is  minimised 
by  a  cooler.  Stagnation  temperature 
increases  by  approximately  2°K  for  a 
moderate  incidence  traverse  at  a  given 
Mach  number.  Temperature  variation 
across  the  tunnel  is  not  known. 


D5-5 


3.6.3  Flow  unsteadine.ss 

Early  measurements  of  the 
unsteadiness  in  the  ARA  TWT 
indicated  a  peak  at  M  =  0.7.  A 
more  extensive  investigation,  carried 
out  in  1990  following  the  installation 
of  a  long  cell  honeycomb,  showed 
that  this  peak  is  due  to  a  tone  at  2.6 
KHz  which  is  not  present  when  a 
model  is  present  in  the  working 
section.  See  Ref  2  for  further  details. 


4  INSTRUMENTATION 

4.1  Model  position 

4.1.1  Geometrical  incidence  measuremenl.s 

Geometrical  incidence  is  measured  by 
an  accelerometer  located  in  the  model 
cart  and  corrected  for  deflection.^  of 
the  model  support  system  under  load 
using  an  accelerometer  in  the 
forebody  of  the  model. 

4.1.2  Accuracy  of  geometrical  incidence 
Model  incidence  accuracy  is  +0.01°. 


4.2.3  Dynamic  pressures 

Kulite  DDP/N  500/350  semi¬ 
conductor  strain  gauges  were  used  to 
measure  buffet  on  wings  (see  Fig.  16) 
and  starboard  canard. 


4.3  Forces  and  Moment  measurements 


4.3.1  Type  and  location  of  balances 

•  Overall  model  loads  were  measured 
with  ARA  No.  4,76.2mm  (3") 
diameter  6  component  strain  gauge 
balance,  situated  on  the  model 
centreline  (see  Fig.  2). 

•  Overall  loads  were  measured  on  the 
port  canard  (configuration  B),  using 
a  3  component  canard  panel 
balance. 

4.3.2  Maximum  range  and  accuracy 

Balance  sensitivities  are  shown  in 
Table  la  for  Main  Balance  and  Table 
lb  for  Canard  Balance, 


4.5  Surface  flow  visualisation 


4.2  Model  pressure  measurement 


4.5.1  Measurement  techniques  applied 


4.2. 1  Number  &  locations  of  pressure  holes 

Total  no.  of  pressure  locations:  344 
(see  Fig.  16) 

6  X  29  Port  wing  upper  surface. 

6  X  26  Starboard  wing  lower  surface. 
6  Starboard  canard  upper  surface 
(configuration  B) 

8  Fuselage  base  +  2  standard  base 
pressures. 

Pressure  holes  are  positioned  in  6 
streamwise  rows  along  the  port  wing 
upper  surface  and  starboard  wing 
lower  surface,  across  the  starboard 
canard  upper  surface  at  0.94  chord 
(conflg.  B),  around  the  fuselage  base 
(see  Fig.  9)  and  within  the  model 
cavity  in  the  region  of  the  main 
balance. 

4.2.2  Range  and  accuracy  of  pressure 
transducers 

±1034mbar  range  Druck  type 
transducers  were  used,  with  a  nominal 
sensitivity  of  14.S3S/rV/mbar  scan, 
calibrated  in  every  scan. 


Oil  How  visualisation  runs  were 
conducted  for  both  configurations  A 
and  B  at  M  =  0.8,  a  =  6°,  9°,  12°, 
15°  and  18°. 

For  configuration  B,M  =  0.7,  0.9, 
0.95  and  1.2  were  also  visualised  at  a 
reducing  from  maximum. 

4,5.2  Recording  of  visualisation 


Video  tape  recording  was  made  of 
runs,  with  flash  photographs  taken 
through  the  plenum  shell  at  each 
incidence.  Still  photographs  were 
taken  post  run  of  the  interesting 
features. 
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Field  flow  vi*  jalisation 


A  survey  of  the  flow  field  has  been 
carried  out  using  a  seven  hole  probe, 
but  results  are  not  included  here. 


4.7  Tunnel  wall  measurements 


measured. 


Tunnel  wall  measurements  were  not 
carried  out  at  this  lime. 

4.8  Instrumentation  used 

All  measurements  were  made  using 
the  ARA  standard  data  acquisition 
system. 

5  TEST  MATRIX  AND 

CONDITIONS 

5. 1  Details  of  test  matri.\ 

5.1.1  Number  of  test  cases 

Two  test  cases  have  been  selected. 

5.1.2  Number  of  configurations 

One  configuration  from  each  test  case 
is  presented. 

5.1.3  Summary  of  test  cases 

For  summary  of  test  cases  see  Table 
II. 


5.2  Model/tunnel  relations 

5.2. 1  Blockage  effect 

Blockage  effect  caused  the  Mach 
number  settings  to  vary  over  the 
Transonic  region  as  follows: 

Mjet  =  0-902  :  0.958  : 

1.040 

*^CORRECTED  ~  0.900  :  0.950  : 

1.000 

Maximum  blockage  of  the  model  at 
zero  incidence  is  0.5%. 

5.2.2  Model  span/tunnel  width 

Ratio  of  model  wing  span  to  tunnel 
width  =  0.35. 

5.2.3  Wing  area/tunnel  cross  section 

Wing  area:  tunnel  cross  sectional  area 
=  0.060. 

5.2.6  Wall  temperatures 

Wall  temperatures  were  not 


5.3  Transition  details 

5.3.1  Transition  fix 

Both  test  cases  were  conducted  with 
transition  fixed  on  wings  at  0.05C 
(see  Table  III). 

5.3.3  Details  of  transition  fix 

Transition  was  fixed  with  a  sparse 
distribution  of  Ballotini  set  on  a  thin 
film  of  epoxy  resin. 

Subsidiary  runs  to  investigate  the 
effect  of  transition  fixing  were  carried 
out  with  transition  free  wing  upper 
surfaces  and  with  small  discrete 
leading  edge  strips  wrapped  around 
the  leading  edge  at  38mm  intervals 
{—  20/wing),  midway  between  the 
pressure  holes. 

5.3.4  Transition  verification 

The  effectiveness  of  the  transition 
band  was  confirmed  using  the 
sublimation  of  acenaphthene  at  M  = 
0.9,  C|_  =  0.35.  In  fact,  natural 
transition  occurs  just  ahead  of  5% 
chord  at  moderate  incidence,  and  the 
only  significant  difference  between 
transition  free  and  transition  fixed  is 
a  small  difference  in  the  drag  level  at 
low  Cl  ( <  0.4). 

6  DATA 

6.1  Availability  of  data 

6.1.1  Owners  oi  data 

U.K.  Ministry  of  Defence 
Technical  Authority  represented  by 
Aerodynamics  and  Propulsion 
Department 

Defence  Research  Agency 

Famborough 

England 

6.1.2  Person  responsible  for  data 

Mr  D  Stanniland 
Aircraft  Research  Association  Ltd 
Manton  Lane 
Bedford  MK41  7PF 

Tel:  0234  -  350681 

Fax:  Groups  2  &  3,  0234  -  328584 


6.1.3  Queries  about  data 

Contact  ARA  in  the  flrst  instance. 


6.2  Suitability  of  data  for  CFD 
validation 

6.2. 1  Suitability  for  "in  tunnel"  calculations 

The  tests  were  carried  out  in  a 
perforated  tunnel  with  no  measured 
wall  pressures.  Hence,  the  data  is 
unlikely  to  be  appropriate  fur  in- 
"Jnnel  calculations  with  a  specified 
boundary  condition. 

6.2.2  Simulation  of  ‘Free  Air'  conditions 

The  data  are  corrected  to  'Free  Air’ 
conditions.  Extensive  calculations 
have  been  carried  out  at  ARA  and 
elsewhere,  notably  usinij  the  ARA 
Multiblock/Euler  code,  which  gives 
confidence  in  using  the  data  for 
attached  flow  conditions. 

However,  validation  of  Navier-Stokes 
Solvers  with  some  flow  breakdown  is 
likely  to  be  complicated  by  the  fact 
that  the  model  uses  a  segmented 
leading  edge  which  is  sufficient  to 
create  a  part-span  vortex  breakdown, 
even  though  the  junctions  are  sealed. 
Representing  this  flow  in  an  N-S 
Solver  is  likely  to  require  some 
empirical  treatment  to  create  an 
equivalent  numerical  effect. 


6.3  Type  and  form  in  which  data  are 
available 

6.3.1  Type  and  form  of  data 

For  list  of  available  data  see  Table 
IV. 

6.3.2  Format  of  data  available 


model  rolled  through  180°  with 
data  at  0°. 

•  Correction  to  incidence  to 
compensate  for  tunnel  wall 
constraint  in  the  form  Aa 
constraint. 

•  Base  drag. 

•  Balance  axial  force  drift  through  the 
run. 

6.4.5  Aero-elastic  deformation 

Correction  has  been  applied  for 
aeroelastic  deformation  under  load. 
Calculations  suggest  that  for 
atmospheric  stagnation  pressure 
testing  deflections  will  be  small. 

7  DATA  ACCURACY  AND 

REPEATABILITY  ASSESSMENT 

7.1  Estimated  accuracies 

7.1.1  Free  stream  conditions 

Mach  number  measured  in  these  tests 
has  a  bias  of  -0.0015  which  has  been 
recently  identified,  with  an  accuracy 
of  +0.001.  Model  incidence  is 
estimated  to  be  accurate  to  ±0.02°  up 
to  a  =  10°. 

7.1.2  Measured  data 

The  RMS  errors  presented  in  Table  1 
imply  errors  at  M  =  0.8  of  typically  - 


Main  balance 

CY  ±0.0002  based  on  gross  wing 
reference 
dimensions. 

CN  ±0.0009 
CA  ±0.00006 
Cm  ±0.0001 
a  ±0.00003 
Cn  ±0.00003 


Data  will  be  supplied  on  an  IBM  Canard  balance 

compatible  floppy  disk. 

CNj  ±0.002  based  on  nett  canard 
reference 

6.4  Correction  applied  to  data  dimensions. 

Cm^  ±0.005 

6.4.1  Lift  interference  and  blockage  Cf^  ±0.002 

•  Mach  number  is  corrected  for 

model  blockage.  7.4  Other  tests  on  some  (nominal) 

•  Incidence  is  corrected  for  small  geometry 

tunnel  upwash  angle,  measured 

during  tests  by  comparing  data  for 


7.4.2  Similar  models  in  another  tunnel 


3.  K  H  Wilson 


•  Further  tests  have  been  conducted  at 
ARA  with  this  model,  varying 
configuration.  Results  are  not  for 
general  use  at  this  time. 

*  Companion  model  has  been  tested 
as  M2091/6  in  the  8’  x  6'  tunnel  at 
DRA,  Famborough,  with  forces 
and  oil  flow  visualisation  only, 
(scale  0.8658  of  ARA  model 
MI65). 
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8.2  On  the  Model 

1.  ESDU  77028 

-ESDI!  II  Family  of  Bodies 

2.  K  Pallister,  J  Parker, 

B  Proben. 

Comparison  of  recent  results  from 
different  wind  tunnel  facilities  along 
with  comparisons  of  measured  flight 
results  and  wind  tunnel  based 
predictions.  AIAA  Paper  92-3985, 
July  1992. 
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Table  la  | 


M165  MAIN  BALANCE  SENSITIVITIES 


COMPONENT 

■ 

RMS  ERROR 
(N  or  Nm) 

MAXIMUM 

LOAD 

AV. 

MAX. 

% 

SIDE  FORCE 

B 

2.41 

5.84 

0.06 

4080  N 

NORMAL  FORCE 

N 

10.58 

32.73 

0.06 

17792  N 

AXIAL  FORCE 

B 

0.72 

2.44 

0.03 

2224  N 

PITCHING  MOMENT 

ni 

0.82 

1.84 

0.04 

2264  Nm 

ROLLING  MOMENT 

f 

0.34 

1.29 

0.05 

725  Nm 

YAWING  MOMENT 

n 

0.30 

1.05 

0.04 

725  Nm 

AXIAL  FORCE  (spare) 

As 

0.77 

2.28 

0.03 

2224  N 

RMS  ERROR  IS  EXPRESSED  AS  A  %  OF  THE  MAXIMUM  LOAD, 
DERIVED  FROM  THE  BALANCE  CALIBRATION 


Table  lb 


M16S  CANARD  BALANCE  SENSITIVITIES 


COMPONENT 

RMS  ERROR 
(N  or  Nm) 

MAXIMUM  LOAD  | 

AV. 

MAX. 

% 

NORMAL  FORCE 

Nc 

1.856 

12.44 

0.19 

1000  N 

PITCHING  MOMENT 

me 

0.673 

12.42 

1.3 

50  Nm 

BENDING  MOMENT 
(about  cal. centre) 

fc 

0.297 

5.72 

0.46 

65  Nm 

RMS  ERROR  IS  EXPRESSED  AS  A  %  OF  THE  MAXIMUM  LOAD,  J 

DERIVED  FROM  THE  BALANCE  CALIBRATION  i 
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TABLE  in 

M165  TRANSITION  HXING 


SURFACE 

START  OF  BAND 

WIDTH  OF  BAND 

BALLOTINI  SIZE 

Fuselage  nose 

101.6ttun  from  apex 

S.Omm 

0.13-0. 15mm 

Wing  upper  surface 

5%  local  chord  from  L.E. 

2.Snim 

0.13-0. 15mm 

Wing  lower  surface 

As  for  wing  upper  surface 

Canard  upper  and  lower  surface 

No  bands  applied 

TABLE  IV 

DATA  AVAILABILITY 


DATA 

ENGIN.  UNITS 

COEFFICIENTS 

NORMALIZED 

UN-CORRECTED 

CORRECTED  j 

FREESTREAM 

CONDITIONS 

X 

SURFACE 

PRESSURES 

X 

X 

HEATTRANSFER 

SKINFRICTION 

FORCES 

X 

X 

BOUNDARY 
LAYER  DATA 

WAKE  DATA 

FIELD  DATA 

J 

TEST  SECTION 

wall 

PRESSURES 

X  INDICATES  DATA  AVAILABLE 


j 


FIG  1  M-165  COMPLETE  MODEL  IN  TUNNEL  WORKING  SECTION 


INCIDEIICE 

HEIEn 


SQUARE  SECTION 
WITH  RADIUSED 
CORNERS. 

MODULAR  BUILD 
AROUND  CANARD, 
REMOVABLE  TOP 
CAP  FOR  ACCESS 
TO  INSTRUMENTATION 


VARIABLE  ANGLE. 
PORT  CANARD 
BALANCED. 


WINGS 

, 

AFT  BOnV 

LOW  MOUNTING  ON  BODY. 

RETAINS 

ALTERNATIVE  L.E./T.E.  PIECES 

SQ.  SEaiON. 

L.E.-A  SEGMENTS 

WITH  A 

TE.  -  2  SEGMENTS 

ALL  PIECES  PRESSURE 

TAILPLANE 

PLOTTED  -  6  STATIONS 

nXATION 

PORT  WING  U.S.  TUBES 

FOR  A  3 

STBD.  WING  L.S.  TUBES 

SURFACE 

CONFIGURATION 

FIG  2 


general  layout  of  m-165  model 


TG 


M165  DATUM  WING  SECTICNS 


FIG  7  M165  FUSELAGE  SPEG-'FICAIION 


tSSZm’ 

OOtOmM 
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FOR  BOTH  WING  AND  CANARD 

A  >23  X  >01833 
ALE.58’  ATE. 218* 


PROJECTED  ONTO 
HORIZONTAL  PLANE 


?RW- =00250.' 


PANEL  A 

AREA  '  0  2001m 


'n.b.  canard  profiles  are  identical] 

SCALED  VERSIONS  OF  WING  WO/0  J 


FIG  12 


M-165  CANARD /WING  RELATIONSHIP 


CMT?  vmjr  Pitiat  u»*«< 
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SUBSONIC  FLOW  AROUND  US-ORBITER  MODEL  PALKE  IN  THE  DNW 

BY 


R.  RADESPIEL,  A.  QUAST 

DEUTSCHE  FORSCHUNGSANSTALT  FUR  LUFT-  UND  RAUMFAHRT  E.V.  (DLR) 
Institut  fur  EntwurfsaerodynamiR,  Flughafen,  3300  Braunschweig,  Germany 

D .  ECKERT 


DNW,  P.O.  Box  175,  8300  AD  Emmeloord,  The  Netherlands 


0.  INTRODUCTION 

The  contribution  describes  wind  tunnel  measurements  of  aerodynamic  forces,  pressure  dis¬ 
tributions  and  surface  visualization  for  the  FALKE  model.  FALKE  is  a  model  of  the  US- 
Ott)iter  in  the  scale  1:5.427.  The  test  results  taken  in  the  subsonic  wind  tunnel  DNW 
enable  validation  of  computational  methods  for  reentry  vehicles  in  landing  conditions  at 
high  Reynolds  numbers,  where  strong  vortical  flow  occurs  on  the  upper  side  of  the  confi¬ 
guration. 


1.  GENERAL  DESCRIPTION 

1.1  Model  name  or  designation 

1.2  Model  type  and  flow  conditions 


1.3  Design  requirements,  purpose  of  test 


1.4  Dominant  flow  physics 


2  DETAILS  OF  MODEL (S) 

2.1  General  geometric  arrangement 


2.2  Various  configurations 

2.3  Wing  and  airfoil  data 
2.3.1  Planform 


•  Aspect  ratio 

•  Taper  ratio  la/li 

•  Leading  edge  sweep 

•  Trailing  edge  sweep 

•  Semispan  b 

•  Reference  chord  c 

•  Details  of  tip  geometry 

•  Details  of  fuselage/wing 
junction 

2.3.2  Basic  wing  section (s 

•  Airfoil  shape 

•  Thickness/chord  ratio 

•  Nose  radius/chord 

2.3.3  Other  components  on  wing 

•  Control  deflection 

•  Strake  leading  edge  sweep 

2.4  Body  data 

2.4.1  Shape 

•  Nose  shape 

•  Body  length 

•  Cross-sectional  details 


FALKE 

Blunt  body  with  delta  wing  and  strake  in 
subsonic  flow. 

Investigate  vortical  flow  on  reentry  vehi¬ 
cles  at  landing  conditions  with  high  angle 
of  attack  and  high  Reynolds  number. 

Primary  and  secondary  separations  on  smooch 
surfaces  of  wing  and  fuselage,  see  Figure  1. 


FALKE  is  a  geometrical  model  of  Che  US- 
OrbiCer  in  the  scale  1:5.427,  see  Figure  2. 
It  consists  of  a  blunt  fuselage,  a  cropped 
delta  wing  with  strake,  a  swept  vertical 
tail,  and  a  body  flap.  The  model  is  built 
from  composite  materials. 

No 


The  wing  is  a  combination  of  a  cropped 
delta  wing  and  a  strake. 

2.265 

0.2 

45* 

-10* 

2180  mm 
2222  mm 

Tip  planform  and  tip  cross  section  rounded. 
The  junction  between  fuselage  and  wing  is 
sharp. 


Round  leading  edge 

0-il37  -  0.112  (root  to  tip) 

Nose  radius  varies  along  the  span 


0* 

80’ 


Blunt  nose 
6000  mm 

Vertical  side  walls  with  rounded  upper  and 
lower  contour. 


2.4.2  Additional  details 


2.5  Information  on  vertical/horizontal 
tail  surface 

2.6  Engine/pylon/nacelle  data 

2.7  Geometric  definition  of  all  compo¬ 
nents 

•  Shape  specification 

•  Design  or  measured  coordi¬ 
nates? 

•  Tolerances 

•  Surface  roughness 

2.8  Model  support  details 

2.8.1  Sting  and  support  geometry 

2.8.2  Special  features  of  mounting 


3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

3.2  Organization  running  the  tunnel 

3.3  Tunnel  characteristics 

•  Type  of  tunnel 

•  Operating  envelope 

3.4  Test  section 

3.4.1  Model  mounted  in  the  test 
section 

3.4.2  Test  section  dimensions 

3.4.3  Wall  geometry  details 

•  Type  of  walls 

•  Open  area  ratio 

•  Wall  pressures/wall 
displacement  measurement 

•  Boundary  layer  control  on 
walls 

•  Typical  wall  boundary  layer 
displacement  thickness 

3.5  Freestream  conditions 

3.5.1  Reference  flow  conditions 

•  Total  pressure 

•  Static  pressure 

•  Static  temperature 

3.5.2  Tunnel  calibration 

•  Tunnel  calibration 

•  Date  of  last  calibration 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

•  Static  pressure  variations 
over  model  length  and  span 

•  Mach  number  variation  during 
a  run 

•  Determination  of  average 
flow  angularity 

•  Variation  of  flow  angularity 
over  the  model  length  and 
span 

3.6.2  Temperature  variation 

•  Temperature  controlled 
during  a  run 

•  Variation  within  the  tunnel 

•  Variation  over  a  run 


Vertical  tail  with  leading  edge  sweep  45’ 
and  round  leading  edge, 
body  flap 
N.  A. 


Numerical 

Design  coordinates 
±  1  mm 
5  pm 

3  stings  on  lower  surface,  see  Figure  3. 
No 

DNW,  Refs.  [1,4] 

DLR  and  NLR 

Subsonic,  continuous  operation 
Max.  speed  =  116  m/s 

Figure  3 
8  X  6  X  20  m^ 

Closed  walls 

0.0 

No 

No 

20  mm 

I  See  Figure  4 

See  Figure  4 
14  March  1988 

lApI  <  0.002  q 
lAMI  <  0.004 

5  hole  probe  measurement 
lAal  <  0.2’ 

Yes 

lATI  <  0.2’ 

[ATI  <  0.2’ 


3.6.3  Flow  unsteadiness 

•  Overall  turbulence  level 

•  Overall  noise  level  (Cp-RMS) 

Tu  <  0.15% 

Lp  =  100  dB  (0.1-40  kHz) 

4.  INSTRUMENTATION 

4.1 

Model  position 

4.1.1  Geometrical  incidence  measure¬ 
ment  technique 

Inclinometer  inside  model 

4.1.2  Accuracy  of  geometrical  inci¬ 
dence 

lAal  <  0.02“ 

4.2 

Model  pressure  measurements 

4.2.1  Total  number  and  disposition 
of  pressure  holes 

110  pressure  holes,  see  Figure  2 

4.2.2  Range  and  accuracy  of  pressure 
transducers 

Pressure  transducers  brand 
lApI  <  6  Pa 

DRUCK, 

20  kPa, 

4.2.3  Dynamic  pressures 

No 

4.3 

Force  and  moment  measurements 

4.3.1  Type  and  location  of  balance 

External  balance  below 
(Schenk) . 

test 

section 

4.3.2  Maximum  range  and  accuracy  of 
all  components 

See  Figure  5 

4.4 

Boundary  layer  and  flow  field 
measurements 

No 

4.5 

Surface  flow  visualization 

4.5.1  Measurement  technique  applied 

oil,  infrared  pictures 

4.5.2  Surfaces  with  flow  visuali¬ 
zation 

Upper  surface  of  wing  and  body. 

4.5.3  Form  of  data 

Copies  of  photographs 

4.6 

Flow  field  visualization 

No 

4.7 

Tunnel  wall  measurements 

No 

4.8 

Other  measurements  and/or  instru¬ 
mentation  used 

No 

5.  TEST  MATRIX  AND  CONDITIONS 

5.1 

Detailed  test  matrix 

5.1.1  Number  of  selected  test  cases 

6 

5.1.2  Number  of  configurations 
tested 

1 

5.1.3  Flow  conditions 

Defined  in  Table  1 

5.2 

Model/tunnel  relations 

5.2.1  Maximum  blockage  factor 
after  Ref.  (41 

0.0175 

5.2.2  Model  span/tunnel  width 

0.545 

5.2.3  Wing  area/ tunnel  cross 
section 

0.177 

5.2.6  Adiabatic  wall  temperature 

No,  because  model  structure  is  made  of 
reinforced  epoxy.  However,  due  to  the  low 
Mach  number,  temperature  effects  on  the 
turbulent  boundary  layers  are  assumed  to  be 
negligable , 

■1 
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5.3  Transition  details 

5.3.1  Free  or  fixed  transition 

5.3.2  Details  of  free  transition 

5.3.3  Details  of  fixed  transition 

•  Transition  location 

•  Type  and  size  of  trip 

•  Verification  of  effecti¬ 
veness  of  trip 

•  Flow  conditions  with  effec¬ 
tiveness  of  trip  verified 


6.  DATA 

6.1  Availability  of  data 

6.1.1  Organization  owning  the  data 

6.1.2  Responsible  for  the  data 

•  Name  and  title 

•  Address 

•  Telephone  and  fax  numbers 


6.1.3  Data  freely  available? 

6.2  Suitability  of  data  for  CFD 
validation 

6.2.1  Data  suitable  for  "In-tunnel" 
calculation 


6.2.2  Data  corrected  to  simulate 
"free-air"  conditions 

6.3  Type  and  form  in  which  data  are 
available 

6.3.1  Type  and  form 

6.3.2  Data  CR  rier 

6.3.3  Extent  of  geometry  data 


6.3.4  Extent  of  aerodynamic  test 
data 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage 
corrections 

•  Data  considered  globally 
correctable 

•  Type  of  correction  method 
applied 

•  Specify  what  data  are  actu¬ 
ally  corrected  and  indicate 
order  of  magnitude 

6.4.2  Side  wall  interference 
corrections  (2-D  tests) 

6.4.3  Half  model  corrections 

6.4.4  Sting  and  support  corrections 


6.4.5  Aero-elastic  deformation 

6.4.6  Other  corrections 


Fixed  transition 
N.A. 


500  mm  behind  nose  of  fuselage,  2%  of  local 
chord  of  wing 

Zick-zack  tape  of  0.25  mm  height 


Infrared  pictures 

M„  =  0.176,  Rej.  =  9.0  X  10‘,  a  =  5” 


DLR 


Dr.-Ing  R.  Radespiel 

DLR,  Am  Flughafen,  D-3300  Braunschweig 
Phone:  ..49-531-3952488 
FAX;  ..49-531-3952320 

Yes 


Yes.  if  corrections  to  data  are  removed 
according  to  Refs.  [2.  4). 


Yes 


Table  2  and  Figures  6-7 

Printed,  and  on  tape 

Geometry  defined  as  sets  y=const 
and  x=const  (40.000  Records) 


4000  Records 


Yes 

Classical 

Mach  number,  incidence,  c-,  dynamic  pres¬ 
sure,  forces  and  moments,  %rder  of  magni¬ 
tude  is  given  in  Table  3. 


N.A. 

N.A. 

Not  applied,  the  order  of  magnitude  of 
aerodynamic  distortions  induced  by  the  3 
stings  is  estimated  for  Cl=1.0  and  Cj3=0.33 
according  to  [5):  iq/q„=0.03,  ia=(r.35", 
flCL=-0.0312,  ACj3=0.003. 

No 

No 
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7.  DATA  ACCURACY  AND  REPEATABILITY 
ASSESSMENT 

7.1  Estimate  accuracy  of: 

7.1.1  Free  stream  conditions  The  accuracy  of  the  free  stream  conditions 

may  be  estimated  by  adding  the  errors  of 
flow  uniformity,  Chapter  3.6,  the  errors  of 
the  measurement  system  according  to  Ret. 
(6)  ,  the  estimate  of  the  sting  interference 
according  to  Chapter  6.4.4,  and  10%  of  the 
classical  lift  and  blockage  corrections 
according  to  Chapter  6.4.1. 


•  Mach  number 

•  Dynamic  pressure 

•  Model  incidence 

7.1.2  Measured  data 


•  Forces  and  moments 

•  Pressure  coefficients 


Table  4 


The  accuracy  of  the  measured  data  is  esti¬ 
mated  by  adding  errors  of  flow  uniformity 
(pressure)  ,  measurement  system  including 
dynamic  pressure  for  nondimensionalization, 
estimate  of  sting  interference  according  to 
Chapter  6.4.4.  and  10%  of  the  classical 
lift  and  blockage  corrections  according  to 
Chapter  6.4.1. 

I  Table  5 


7.2  Repeat  measurements 

7.2.1  Type  and  number  of  repeat 
measurements  within  one 
test  campaign 


7.2.2  Type  and  number  of  repeat 
measurements  in  successive 
campaigns 

7.3  Redundant  measurements 


Pressure  and  force  measurements  have  been 
repeated  for  M  =  0.172.  a  =  21.5’.  Global 
force  coefficients  are  reproduced  by  0.005, 
and  moments  by  0.002.  Pressure  coefficients 
differ  by  0.05  on  the  suction  side  and  by 
0.01  on  the  pressure  side. 


No 


7.3.1  Flow  guantities  that  have 
been  measured  independently 
by  different  techniques 

7.3.2  Check  made  on  internal 
consistency  of  the  data 

7.4  Other  tests  on  same  (nominal) 

geometry 

7.4.1  Has  the  same  (Identical) 
model  been  measured  in 
another  wind  tunnel? 

7.4.2  Has  a  different  model  (same 
geometry  and/or  different 
scale)  been  measured  in  the 
same  or  another  wind  tunnel? 

7.5  Additional  remarks 


8.  REFERENCES 

8.1  On  the  wind  tunnel 


8 . 2  On  the  model 


Separation  lines  on  the  surface  are  meas¬ 
ured  by  oil  and  infrared  pictures,  see 
Figure  8. 


No 


No 


No 


Data  can  be  compared  to  aerodynamic  data  of 
US-Orbiter. 


(1)  Eckert,  D.  :  Der  Deutsch-Niederiandische 
Windkanal  als  Hilfsmittel  der  Flugzeugent- 
wlcklung.  DGLR  Jahrbuch,  1982. 

[21  Radespiel,  R.;  Quast,  A.:  Kraftmessun- 
gen,  Druckverteilungsmessungen  und  Str6- 
mungssichtbarmachung  am  Raumgleiter  FALKE 
Im  Niedergeschwlndigkeitsberelch.  DLR-IB 
129-89/37,  1989. 
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8.3  On  the  particular  test  and 
test  results 


8.4  On  the  applied  measurement 
techniques  and  correction 
methods 


Ref.  [2]  (see  above),  and  [3]  Fischenberg, 
D.  :  Auswertung  von  Windltanalmessungen  an 
der  FALKE-Space-Shuttle-Kon figuration . 
DLR-IB  111-89/32,  1989. 

141  Eclcert,  D.  :  Wall  Correction  Formulae 
for  On-Line  Processing  of  Measurements  With 
Conventional  Aircraft  Models  at  DNW.  Report 
DNW-PA-88. 018,  1988. 

151  Eckert,  D.  :  Korrekturen  fur  Flugzeug- 
Vollmodell-Messungen  mit  der  externen 
Waage.  DNW-PA-83 . Oil ,  1983. 

(61  Eckert,  D.  :  Kontrolle  der  MeKstrecken- 
strdmung  im  DNW.  DNW- PA-78 . 002 ,  1978. 

(71  Quast,  A.:  Detection  of  Transition  by 
Infrared  Image  Technique.  International 
Congress  on  Instrumentation  in  Aerospace 
Simulation  Facilities,  ICIASF,  Williams¬ 
burg.  June  22-25,  1987. 


IDENTIFICATION 

FLOW  CONDITION 

POSITION 

OTHER  INFORMATION 

CASE 

NO. 

CONF. 

Mach 

q 

kPa 

Re 

a 

3 

type  of 
measurements 

remarks 

1 

A 

0.176 

2.204 

9.0x10® 

5.28 

0 

a,b,d 

2 

A 

0.175 

2.193 

9.0x10® 

10.65 

0 

a ,  b,  d 

3 

A 

0.174 

2.156 

9.0x10® 

16.12 

0 

a,b,c,d 

4 

A 

0.171 

2.082 

9.0x10® 

21.10 

0 

a,b,c,d 

5 

A 

0.311 

6.895 

16.0x10® 

10.60 

0 

a,b,d 

6 

A 

0.172 

2.120 

9.0x10® 

21.54 

-5.01 

a,  b 

7 

A 

0.172 

2.120 

9.0x10® 

21.54 

+  5.01 

_ 

a,b,d 

Legend; 

1)  type  of  measurements  e.g.;  (a)  pressures;  (b)  overall  forces; 
(c)  oil  flow,  (d)  infrared 


Table  1  Test  matrix 


DATA 

ENGIN. 

UNITS 

COEFFI¬ 

CIENTS 

NORMALIZED 

UN¬ 

CORRECTED 

CORRECTED 

FREESTREAM 

CONDITIONS 

X 

X 

X 

X 

SURFACE  a  4 

PRESSURES 

X 

X 

HEATTRANSFER 

SKINFRICTION 

FORCES  1 ) 

X 

X 

1)  corrections  can  he  undone  by  user 


Table  2  Data  availability 
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Fig.  5  Set  up  of  external  balance  and 
accuracy 
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a)  =  0.172,  a  =  16.1*,  P  =  0",  Re  =  9.0  x  10® 


Fig.  8  Comparison  of  oil  flow  and  infrared  picture 
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Fig.  8  continued 
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PRESSURE  DISTRIBUTION  MEASUREMENTS 
ON  AN  ISOLATED  TPS  441  NACELLE 

BY 

R.  KIOCK-  AND  W.  BAUMERT** 

DEUTSCHE  FORSCHUNGSANSTALT  FUR  LUPT-  UND  RAUMFAHRT  E.V.  (DLR) 

Institut  fur  Entwurf saerodynamik ,  Flughafen,  D-38110  Braunschweig,  Germany 
Hauptabtellung  WindkanSle,  BunsenstraSe  10,  D-3707J  GGttingen,  Germany 


0.  INTRODUCTION 

The  demand  for  even  more  economic  jet  engines  requires  extensive  expei -..ental  investiga¬ 
tions  of  the  complete  flow  field  around  wing-body-engine-pylon  (WBEP)  configurations.  The 
engine  can  be  simulated  best  by  pressure-driven  devices,  so-called  Turbine- Powered  Simu¬ 
lators  (TPS).  Though  they  have  been  applied  for  about  20  years,  very  few  nacelle  surface 
pressure  measurements  were  carried  out  up  to  now.  The  reason  is  seen  in  the  small  size  of 
the  engine  and  in  the  poor  theoretical  capabilities  in  the  past.  Nowadays,  WBEP  configu¬ 
rations  are  handled  by  the  Euler  code,  but  experimental  validation  is  required.  One  pre¬ 
step  is  the  experimental  investigation  of  the  isolated  nacelle  which  is  presented  here. 


1 .  GENERAL  DESCRIPTION 

1.1  Model  Name: 

1 . 2  Model  Type 


TPS  441 

Turbine-Powered  Simulator  of  Tech  Develop¬ 
ment  Inc.  with  axisymmetric  nacelle  based 
on  CE  CF6-50C2 

Flow  condition:  low  speed 


1.3  Purpose  of  Test 


1.4  Dominant  Flow  Physics 


«  Preliminary  testing  of  wing-body-engine- 
pyion  interference  in  view  of  later  in¬ 
vestigations  with  Ultra-High-Bypass  En¬ 
gines 

•  Simulation  of  fan  flow  upstream  and  down¬ 
stream  of  the  engine 

•  Validation  of  the  computational  methods 

Parameters  at  engine  simulation 

•  Mach  number  Ha^,  =  V„/a 


•  Reynolds  number 


Ren  V.d/v 


•  Degree  of  turbulence  Tu.  =  100 


•  Thrust  coefficient  c-j.  =  (Ay-  g.) 


•  stre?’:  tube  area  ratio 


X- 


/ 


RT„ 


^HL  AJJl  " 

Cp  ~  A^/Ap 

•  Fan  pressure  ratio  Hp  =  Pt2^Ptl 

•  Bypass  ratio  p  =  mp/m,j, 

fig  ■ _ 1  shows  the  variation  of  Cm  and  ejj^ 

vs.  Ma„  for  maximum  number  of  revolutions. 
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2.  DETAILS  OF  MODEL 

2.6  Engine/Pylon/Nacelle  Data  Details  of  the  simulator  are  shown  in 

Fig,  2.  Pressurized  air  drives  the  three- 
stage  turbine  which  is  combined  with  the 
two-stage  fan  of  5"  blade  tip  diameter.  The 
fan  area  (centre  of  first  fan  rotor) 
amounts  to  Ap  =  9840.3  mm*.  More  data  are 
given  in  Table  1 . 


The  geometry  of  Intake,  fan  cowl,  core  cowl 
and  plug  are  shown  in  Fig.  3.  The  highlight 
area  amounts  to  Aj^i  =  13710.0  mm',  the 
maximum  nacelle  diameter  is  d  =  170  mm. 


2.7  Geometric  Definition  of  all  Compo¬ 
nents 

2.8  Model  Support  Details 

3.  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  Designation 

3.2  Organization  Running  the  Tunnel 

3.3  Tunnel  Characteristics 

3 . 4  Test  Section 

3.4.1  Test  set-up 

3.4.2  Test  section  dimensions 


The  pylon  is  symmetric  and  ranges  from  x  = 
236  to  615  mm.  It  has  a  maximum  width  of 
*^max  =  29  mm,  see  Fig.  4, 

•  Shape  is  numerically  specified. 

•  Coordinates  are  measured  on  ZEISS-meas- 
uring  machine. 

The  simulator  was  supported  on  a  half  model 
balance  via  a  sting  as  shown  in  Figs.  5  to 
7. 


Low-Speed  Wind  Tunnel  GOttlngen  (NWG) 

DLR 

•  Type  of  tunnel:  closed  loop,  open  test 
section,  running  continuously,  see  also 
ID  . 

•  Operating  range:  =  65  m/s,  Tgj,  =  290 

to  310  K. 


was  shown  in  Fig.  5  already.  The  tube  tor 
pressurized  air  is  equipped  with  three 
compensators  for  a  force-free  connection. 

3m  X  3m  X  6m 


3 . 5  Freestreara  Conditions 
3.5.1  Reference  flow  conditions 


3.5.2  Tunnel  calibration 


3.6  Flow  Quality  in  Model  Range 
3.6.1  Flow  uniformity 


Settling  chamber  pressure  Pg^, 
one  side  wall  tapping. 


taken  by 


Ambient  pressure  Pg  measured  by  digital 
barometer  Bell  &  Howell  (range  105000  Pa. 
accuracy  +  10  Pa) . 


Dynamic  pressure  from  calibration, 
q„  =  1.035  (Pgj,-  Pg) 


pressure  difference  measured  by  sensor 
MKS  Baratron  310  (range  10000  Pa,  accura¬ 
cy  t  0.5  Pa  via  calibration). 


Settling  chamber  temperature  Tg;,  measured 
by  thermocouple  (accuracy  ±  0.3"). 


Rake  of  pitot  probes  in  1961,  often 
checked. 


Ten-hole  probe. 


Static  pressure  1.5  %  of  dynamic  pres¬ 
sure 


Dynamic  pressure  ±  0.5  % 


*)  Basis  was  a  private  communication  from  VEREINIGTE  FLUGTECHNISCHE  WERKE-FOKKER 
(3mbH,  Bremen,  of  June  11,  1980. 
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•  Flow  angularity  ±  0.1° 

•  Flow  velocity  variation  during  a  run 
°  0.2  ra/s 

3.6.2  Temperature  variation 

3.6.3  Flow  unsteadiness 

4.  INSTRUMENTATION 

4.1  Model  Position  •  Geometrical  adjustment  by  spirit  level 

(a  =  0°  only) 


•  Maximum  10  K/h 

•  Overall  turbulence  level  0.8  %. 


4 . 2  Model  Pressure  Measurements 
4.2.1  Description  of  pressure  tappings 


4.2.2  Pressure  transducers 

4.2.3  Reference  pressure  of  scanivalve 

4 . 3  Force  and  Moment  Measurements 
4 . B  Other  Measurements 


5.  TEST  MATRIX  AND  CONDITIONS 
5.1  Detailed  Test  Matrix 


5 . 2  Model/Tunnel  Relations 

5.3  Transition  Details 


see  Figs.  3  and  4  as  well  as  Table  2  . 

•  Intake  and  fan  cowl:  3  rows,  78  tappings 
(totally) 

•  Core  .owl  :  5  rows,  31  tappings 

(totally) 

•  Plug  :  3  rows,  9  tappings 

( totally) 

Pressure  tubes  of  core  cowl,  plug  and  Pitot 
rakes  of  fan  and  turbine  were  purged  in 
order  to  prevent  blockage  by  oil  and  ice. 

Range:  0.07  bar.  0.5  bar.  1  bar 
Accuracy:  ±  0.06  %  full  scale 

was  ambient  pressure. 

See  121. 

Total  pressure  and  temperature  downstream 
of  fan  and  turbine  were  measured  by  probes, 
see  Figs.  3  and  4.  These  data  and  the  re¬ 
sults  from  the  simulator  calibration  in  the 
Calibration  Tank  Gdttingen  (ETG)  enable  the 
evaluation  of  mass  flows  of  fan  and  tur¬ 
bine. 


Table  3  shows  that  10  test  cases  were 
chosen  for  presentation. 

All  tests  were  carried  out  with  zero  angle 
of  attack,  N  =  18000  to  45000  RPM  and 

V„  =  20  to  60  m/s. 

Surface  pressure  measurements  were  taken  as 
described  in  chapter  4.2. 

The  blockage  of  model  including  support 
amounts  to  1.6  %  (maximum  width  of  strut 
90  mm). 

Tests  were  made  with  free  transition. 
Transition  was  not  measured. 


6.  DATA 

6.1  Availability  of  Data 

6.1.1  Organization  owning  the  data  DLR 

6.1.2  Responsible  for  the  data  Dr.-Ing.  R.  Kiock 

DLR.  SM-EA 
Flughafen 

D-38110  Braunschweig 
Tel.:  0531-295-2412 
Fax  :  0531-295-2320 
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6.1.3  Data  are  freely  available 

6.2  Suitability  of  Data  for  CFD  Validation 


0.3  Type  and  Form  in  which  Data  are 
Available 

6.3.1  Surface  pressures 


6.3.2  Data  carrier 

6.3.3  Extent  of  geometrical  data 

6.3.4  Extent  of  aerodynamic  test  data 

6.4  Corrections  Applied  to  Data 


7.  DATA  ACCURACY  AND  REPEATABILITY  ASSESSMENT 

7 . 1  Estimated  Accuracy 

7.1.1  Freestream  conditions 

7.1.2  Measured  data 


Data  correspond  to  "free-alr"  conditions 
because  of  low  blockage 


were  transformed  to  Mach  numbers  because  of 
the  wide  range  of  Internal  and  external 
pressures.  Isentropic  flow  Is  assumed,  i.e. 
total  pressure  =  const.  The  surface  Mach 
numbers  are  defined  in  the  following  way: 

•  Intake,  fan  cowl 
Ma  =  f(p/Pt„) 

•  Core  cowl 

Ma  =  f(p/pjp) 

•  Plug 

Ma  =  f(p/P;-y) 

p^p  and  Pjtj.  are  area  averaged  total  pres¬ 
sures  taken  from  pitot  rake  measurements 
downstream  of  fan  and  turbine. 

One  example  is  shown  in  Fig.  B.  Results  at 
X  =  261  and  397  mm  refer  to  probe  measure¬ 
ments  downstream  of  fan  and  turbine,  re¬ 
spectively.  Experimental  results  were  pub¬ 
lished  in  [2]  to  (61  . 

Due  to  the  large  number  of  pressure  tap¬ 
pings  it  was  possible  to  evaluate  the  loca¬ 
tion  of  the  stagnation  point  directly  from 
the  pressure  measurements,  see  Fig.  9. 


Floppy  disc  3  1/2’’ 

189  pairs  of  coordinates  [5) 

17  general  test  data,  120  surface  loca¬ 
tions,  120  surface  Mach  numbers. 


Table  2  contains  simulation  parameters  like 
thrust  coefficient  c,].  and  stream  tube  area 
ratios  and  ep  which  might  be  used  for 
computations.  Definitions  were  given  in 
chapter  1.4.  The  parameters  like  net  thrust 


F|g,  fan  mass  flow  irip  and  speed  N  were 
transformed  to  standard  conditions  as  fol¬ 
lowing: 

F  =  F„/6  ;  m  =  ^ 

W1  Lh 


Pf.  IPa) 

■rci  325 


Tr.  tKl 

288.15 


i- 

a 


•  flow  velocity:  4V„  =  ±  0.25  % 

•  model  incidence:  Aa  =  t  0.1  % 

•  surface  Mach  number:  AMa  =  0.005 
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9.  LIST  OP  SYMBOLS 

a  speed  of  sound 
A  area 

c^j-  thrust  coefficient 

d  maximum  nacelle  diameter,  d  =  0.17  m 
Fjg  net  thrust 
h‘  altitude 
m  mass  flow 
Md  Mach  number 
N  number  of  revolutions 
p  pressure 
q  dynamic  pressure 
Re  Reynolds  number 
T  temperature 
Tu  degree  of  turbulence 
V  velocity 
X  axial  coordinate 


a  angle  of  attack 
c  stream  tube  area  ratio 
<  ratio  of  specific  heats 
V  kinematic  viscosity 
p  density 

f  angle  in  circumferential  direction, 
pilot' s  view 


SuDscrlpts 

«  far  upstream  condition 
a  ambient  condition 
F  fan 

HL,  highlight,  tangent  to  nacelle  intake 

m  measured 

nom  nominal 

sc  settling  chamber 

t  total  conditions 

T  turbine 

w  wing 


[■ 

TPS  S41. 

OE  CFO 

'50C2 

delation 

1 

u 

TDI 

DATA  from 
Jane '  s 
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Inlet  temperature.  K 
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1600 

Mass  flow,  kg.'s 
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1  25 
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y/nTT  • 

Its 

Overall  values 

Bypass  ratio 

2  .  22 

o.;s7^> 

4 . 3 

4-33 

1  95 

Net  enrust.  MTO.  kN 

206.8 

223  6 

y/2V,.*'  - 

Fan  net  thrust .  MTO.  kN 

Net  thrust.  MC.kN 

0.59.'5t 

50.3*’ 

157.6 

,a.4« 

ii.o” 

VTSTTr  - 
16.0 

Net  thrust.  Ft.  kN 

O.COO*> 

/TmTT  ■ 

t3.S 

1)  C«lcul«lion  lor  (.dko-otr  (MTOI  .  alciiude  0  n.  Ma.  >  0 

2)  Calculation  lor  cruise  (MC) :  altitude  lDe68  a.  Ma,  •  O.BO 
1)  Calculation  tor  landing  (Idle  FI):  altitude  0  m.  Ha.  0  20 
4>  Cruise  (MC);  altitude  10870  n.  Ka.  •  OSS 

5)  Extrapolation  o{  Masuremenia  tor  Ma.  *  0 

6)  Measurement  at  Ha.  *  0.172,  n  >  IBOOO  ftPH 


Table  1  Data  of  model  and  real  engine 


;Gcr.  ion 


Pai  L 


Sect  I  on 


IntOKi 


!:xicrnal 


Core 

cowl 


Part. 


StTLion 


F.xt.ernal 


Fan 

Cf.’Wi 


External 


Part  I  Section 


External 


Table  2  Location  of  surface  pressure  tappings 
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Table  3  Test  matrix 
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Thrust  coefficient  and  stream  tube  area  ratio 


Geometry  of  TPS  441 
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Fig.  3  TPS  441  with  cowlings  and  axial  position  of  measurement  places 
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Fig.  6  Front  view  of  TPS  in  test  section 
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Fig.  9  Location  of  stagnation  point  vs.  wind  tunnel  speed 
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Fig.  7  Side  view  of  TPS  on  strut 
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SINGLE-ENGINE  TAIL  INTERFERENCE  MODEL 
BY 

BOBBY  L.  BERRIER 
NASA  LANGLEY  RESEARCH  CENTER 
MS  2S0 

HAMPTON,  VIRGINIA  23665 

0  INTRODUCTION 

The  data  presented  in  this  contribution  were  obtained  in  the  NASA  Langley  16-Foot  Transonic  Tunnel.  Multiple  test  entries 
were  completed  and  the  results  have  been  completely  reported  in  five  NASA  reports.  The  objective  of  the  initial  investigation 
was  to  determine  the  effect  of  empermage  (tail)  interference  on  the  drag  characteristics  of  an  axisymmetric  model  with  a  single 
engine  Tighter  aft-end  with  convergent  divergent  nozzles.  Two  nozzle  power  settings,  dry  and  maximum  afterburning,  were 
investigated.  Several  empennage  arrangements  and  afterbody  modifications  were  investigated  during  the  initial  investigation. 

Subsequent  investigations  were  used  to  determine  the  effects  of  other  model  variables  including  tail  incidence,  tail  span,  and 
nozzle  shape.  For  the  final  investigation,  extensive  surface  pressure  instrumentation  was  added  to  the  model  in  order  to 
develop  an  understanding  of  the  flow  interactions  associated  with  afterbody/empennage  integration  and  also  to  provide  data  for 
code  validation.  Extensive  computational  analysis  has  been  conducted  on  the  staggered  empennage  configuration  at  a  Mach 
number  of  0.6  utilizing  a  three-dimensional  Navier  Stokes  code. 

Most  of  the  investigations  were  conducted  at  Mach  numbers  from  0.60  to  1.20  and  at  ratios  of  jet  total  pressure  to  free  stream 
static  pressure  (nozzle  pressure  ratio)  from  1.0  (jet  ofO  to  8.0.  Some  angle  of  attack  variation  was  obtained  at  jet  off 
conditions. 

1  GENERAL  DESCRIPTION 

1 . 1  Model  name  or  designation  NASA  Single-Engine  Tail  Interference  Model 

1.2  Model  type  and  flow  conditions  Axisymmetric  forebody,  afterbody  and  nozzle;  with  and 

without  tail  surfaces;  with  and  without  jet  exhaust. 

Subsonic  and  transonic  speed  regime  (limited  data  at 
M  =  2.2) 

1.3  Design  requirements,  purpose  of  test  This  model  was  designed  to  determine  the  effect  of 

empennage  interference  on  the  drag  of  a  typical  (generic) 
single-engine  fighter  aft-end  and  to  provide  extensive 
surface  pressures  for  code  validation. 

1 .4  Dominant  flow  physics  Flow  separation  on  nozzle  as  illustrated  by  flow 

visualization  photographs  shown  in  Figure  1  and 
pressure  distributions  of  Figure  2;  afterbody/empennage 
interactions  as  illustrated  in  Figure  3;  and  exhaust/aft-end 
interactions  as  illustrated  in  Figure  4. 

1.5  Additional  remarks  Many  additional  model  variables  were  tested  (tail 

incidence,  tail  span,  nozzle  geometry,  afterbody  contour, 
etc.)  and  these  data  are  available  in  graphical  format. 
However,  the  remainder  of  this  description  will  be 
limited  to  the  model  with  extensive  surface  pressure 
instrumentation. 

2  DETAILS  OF  MODEL 

2.1  General  geometric  arrangement  A  sketch  of  the  general  model  arrangement  is  shown  in 

Figure  S.  Only  the  afterbody,  nozzle  and  tails  were 
metric  (forces  and  moments  measured  by  strain  gage 
balance).  The  metric  portion  of  the  model  extended  from 
Station  40.89  inches  to  the  nozzle  exit.  Internal  nozzle 
forces  were  not  metric. 
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Connguritions  tested 

The  major  model  geometry  varied  was  empennage 
arrangement.  As  illustrate  in  Figure  6,  aft  tails,  forward 
tails,  staggered  tails  and  body  alone  conFigurations  were 
tested. 

Wing/airfoil  data 

Not  ai^licable.  Model  did  not  include  wing. 

Body  data 

2.4.1  Shape 

-  Nose  shape 

Axisymmetric  ogive,  24  in.  in  length  with  14  deg. 
initial  angle  followed  by  a  constant  area  cylinder. 

-  Body  length 

71.70  inches 

-  Cross-sectional  details 

Entire  body  is  axisymmetric  in  cross-section  with  a 
maximum  diameter  of  7.34  inches. 

2.4.2  Additional  details 
-  Afterbody 

The  after  body  had  closure  representative  of  a  typical 
single-engine  fighter. 

-  Nozzle 

Nozzle  expansion  ratio  v/as  1.02;  length  was  6.81 
inches;  and  exit  (base)  diameter  was  2.748  inches. 

Tail  surfaces 

2.S.I  Vertical  tail 

■  Tip  airfoil 

NACA  64-003 

•  Root  airfoil 

NACA  64-005 

-  Height 

13.26  inches 

•  Tip  chord 

4.20  ii;ches 

-  Root  chord 

16.40  inches 

-  Taper  ratio 

0.256 

-  Exposed  aspect  ratio 

1.288 

-  Leading  edge  sweep 

42.62  deg. 

2.5.2  Horizontal  tail 
-  Tip  airfoil 

NACA  64-003 

-  Root  airfoil 

NACA  64-005 

-  Span  (aft  location) 

27.26  inches 

-  Tip  chord 

2.20  inches 

-  Root  chord 

12.70  inches 

-  Taper  ratio 

0.173 

-  Exposed  aspect  ratio 

2.724  ■ 

•  Leading  edge  sweep 

45.97  deg.  ^ 

Engine/pylon/nacelle  data 

Not  applicable 
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2.7  Geometric  definition 

2.8  Model  support  details 

2.8.1  Support  geometry 

2.8.2  Special  features  of  mounting 

3  GENERAL  TUNNEL  INFORMATION 

3.1  Tuimel  designation 

3.2  Organization  running  the  tunnel 

3.3  Tunnel  characteristics 

-  Type  of  tunnel 


-  Operating  envelope 

3.4  Test  section 

3.4.1  General  anangement 


3.4.2  Test  section  dimensions 

3.4.3  Wall  geometry  details 

-  Type  of  walls 

-  Open  area  ratio 

-  Are  wall  pressures/wall 

displacements  measured? 


Shape  is  numerically  specified  with  design  coordinates.  (See 
Section  6.3.3).  Afterbody  coordinates  (x/l  from  0.370  to 
0.905)  were  measured  from  model  hardware.  Tolerances  and 
surface  roughness  are  unknown  but  are  typical  of  transonic 
tunnel  models. 


As  shown  in  Figure  7,  the  model  was  supported  in  the 
wind  tunnel  by  a  sting-strut  ("hockey  stick") 
arrangement.  Geometric  information  on  this  support 
system  is  given  in  Figure  8. 

The  3%  thick  strut  attached  to  the  bottom  side  of  the 
non-metric  forebody  and  carried  all  instrumentation  leads 
and  high  pressure  air  lines  (for  exhaust  simulation) 
internally. 


16-Foot  Transonic  Tunnel 

NASA  Langley  Research  Center 
Applied  Aerodynamics  Division 
Propulsion  Aerodynamics  Branch 


Continuous-flow,  single-return,  atmospheric  wind  tunnel 
with  a  slotted  octagonal  throat  and  test  section  and 
continuous  air  exchange.  Boundary  layer  air  removal 
(suction)  is  utilized  at  Mach  numb«s  above  1.0.  Up  to 
4.5%  (depends  on  desired  Mach  number)  of  the  tunnel 
mass  flow  is  removed  by  this  system. 

Mach  0.2  to  1.3  at  aunospheric  pressure. 

The  photograph  shown  in  Figure  7  also  shows  the 
general  anangement  of  the  turmel  test  section.  The 
octagonal  test  section  is  surrounded  by  a  32  foot 
diameter  plenum  into  which  air  expands  to  permit 
supersonic  flow.  Air  is  removed  from  this  plenum  by  a 
compressor  suction  system  at  Mach  numbers  above  1.0. 

No  protruding  instrumentation  exists  near  or  upstream  of 
the  model  except  in  the  quiescent  chamber  upstream  of 
the  test  section. 

Regular  octagon  with  an  approximate  distance  between 
flats  of  15.5  feet.  Wall  divergence  angle  is  variable  and  is 
set  to  provide  best  flow  quality  at  each  Mach  number. 
Thus,  test  section  dimensions  are  slightly  dependent  on 
tuiuiel  Mach  number.  Test  section  length,  as  determined 
from  facility  calibrations,  is  also  dependent  on  tunnel 
Mach  number  and  varies  from  40  feet  at  M  =  0.2  to  10  feet 
at  M  =  1.3. 


Eight  solid,  flat  steel  platesfmaximum  width  of  6.66  ft.) 
separated  by  slots.  Divergence  angle  of  plates  is  variable. 

Nominally  4%  (depends  on  divergence  angle  and  thus 
tuimel  Mach  number). 

Wall  pressures  not  measured  for  cunent  model  but  are 
available  when  needed.  Wall  divergence  angle  is  measured. 
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-  Boundary  layer  control  on  walls 


3.S  Free  stream  conditions 

3.3.1  How  are  reference  flow  conditions 
determined  for; 

-  Total  pressure 


-  Static  pressure 


-  Total  temperature 


-  Dew  point 


3.3.2  Tunnel  calibration 

-  How  was  tunnel  calibrated? 


-  Date  of  last  calibration 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Row  uniformity 

-  Mach  number/static  pressure 

variations  over  model  length  and 
span 


-  Mach  number  variation  during  a  run 


How  is  average  flow  angularity 
determined? 


-  Variation  of  angularity  over  model 
length  and  span 


3.6.2  Temperature  variation 

■  Temperature  control  during  run 


-  Variation  within  the  tunnel 


No  direct  control  on  walls  but  some  level  of  boundary  layer 
control  results  from  varying  wall  divergence  angle  and,  at 
supersonic  speeds,  plenum  suction  through  comer  slots. 


Rusks  absolute  pressure  sensor  located  in  quiescent 
chamber. 

Ruska  absolute  pressure  sensor  located  in  plenum  tank  and 
calibrated  to  the  tunnel  centerline. 

Three  platinum  resistance  thermometers  located  in 
quiescent  chamber. 

Tunnel  wall  divergence  angle  is  a  function  of  dew  point. 
Dew  point  is  measured  with  a  condensation  minor-type 
dew  point  indicator  using  continuously  sampled  air  from 
the  wind  tunnel. 


The  tunnel  was  calibrated  using  a  centerline  probe  which 
reached  forward  of  the  mnnel  throat  Some  flow  survey  (off 
centerline)  and  dynamic  data  were  also  obtained. 

Spring  1991  (not  yet  published) 


The  usable  test  section  length  is  defined  by  the  extent  of 
constant  static  pressure  down  the  test  section,  which 
decreases  with  Mach  number.  For  the  Mach  numbers  of  the 
cunent  test,  the  average  Mach  number  variation  per  foot 
(over  6  foot  length)  was  0.000267. 

Mach  number  is  maintained  within  approx,  -t-/-  0.003 
during  a  run.  Actual  Mach  number  is  recorded  for  each  data 
point. 

Row  angularity  is  determined  by  running  models  through 
angle-of-attack  sweeps  at  upright  and  inverted  conditions. 
The  intersection  of  ^e  lift  vs.  angle-of-attack  curves  yields 
the  upflow  angle.  Tunnel  upflow  angle  for  models  without 
wings  is  assumed  to  be  the  average  of  this  data  from  many 
tests. 

Angularity  determined  by  the  above  method  is  found  at  the 
model  center  of  lift.  A  flow  angularity  survey  of  the  test 
volume  was  made  during  the  1991  tunnel  calibration. 

These  results  are  currently  being  analyzed  for  future 
publication. 


Tunnel  temperature  is  not  controlled.  Jet  exhaust 
temperature  is  typically  controlled  at  about  70°F. 

With  the  present  system  for  cooling  the  tuimel  by 
continuous  air  exchange  in  which  the  cool  air  is  introduced 
in  an  aimulus  adjacent  U>  the  wall  of  the  return  passage,  a 
radial  gradient  of  temperature  in  the  test  section  airstream 
is  almost  inherent.  After  passing  through  the  drive  fans, 
the  airstream  in  the  return  passage  is  of  uniform 


lempeiilure.  On  the  downstreun  side  of  the  air  exchange, 
the  step  difference  in  temperature  between  the  cool 
incoming  air  and  the  recirculated  airstieam  is  equal  to  the 
difference  between  stagnation  and  outside  air  temperatures. 
By  the  time  that  the  airstream  has  traveised  the  third  and 
fourth  sets  of  turning  vanes,  an  antiturbulence  screen,  the 
quiescent  chamber,  and  the  entrance  cone,  the  region  of 
radial  gradient  of  temperature  extends  inwardly  from  the 
test  section  wall  for  about  one-half  of  the  test  section 
radius.  The  temperature  of  the  airstream  core  is  very 
uniform  and  is  identical  with  sugnation  temperature 
indicated  by  probes  located  in  the  quiescent  chamber.  The 
difference  between  the  test  section  core  and  wall 
temperatures  is  about  0.90  of  the  difference  between 
stagnation  and  outside  air  temperatures.  The  gradient  of 
temperature  in  the  test  section  is  not  a  desirable  feature  but, 
in  general,  has  no  adverse  effect  on  most  investigations. 
The  temperature  gradient  has  no  effect  on  Mach  number 
distribution  but  does  result  in  a  velocity  gradient  directly 
related  to  the  temperature  gradient.  Most  models  are  much 
smaller  than  the  airstream  hot  core  and  are  therefore  not 
affected. 

-  Variation  over  a  run  Depends  on  Mach  number  and  length  of  run.  Initial 

temperature  is  aunospheric  and  increases  as  the  run 
progresses.  The  tunnel  temperature  limit  is  180“F 
(normally  occurs  only  at  supersonic  speeds  during  summer 
months)  at  which  time,  the  tunnel  power  is  reduced  for 
tunnel  cooling. 


During  the  tunnel  calibration  of  1950-1951  and  on  several 
occasions  prior  to  the  use  of  test  section  air  removal  and 
before  an  antiturbulence  screen  was  installed  in  the 
quiescent  chamber,  attempts  were  made  to  measure 
airstream  nirbulence.  Fluctuating  flow  angle  was  measured 
with  a  three  degree  cone  meter,  but  interpretation  of  the 
data  was  uncertain.  If  isotropic  turbulence  can  be  assumed, 
these  results  indicated  that  the  stream  angle  fluctuation 
expressed  in  radians  ranged  from  about  0.003  to  0.008. 

Low  turbulence  in  the  tunnel  is  likely  because  of  the 
addition  of  antiturbulence  screens  in  the  quiescent  chamber 
and  a  contraction  ratio  of  13.31  into  the  test  section. 

-  Ovetall  noise  level  For  M  of  current  lest,  ACp  =  0.46%  -  1.13%. 

4  INSTRUMENTATION 

4.1  Model  position 

4.1.1  How  is  geometrical  incidence  measured?  Inertial  accelerometer 

4.1.2  Accuracy  of  geometrical  incidence  +/■  0.02° 

4.2  Model  pressure  measurements 

4.2.1  Total  number  and  disposition  As  shown  in  figure  9,  257  static  pressure  orifices  were 

located  in  longitudinal  rows  on  the  model  afterbody  and  I 

nozzle.  In  addition,  the  vertical  and  horizontal  tails 
contained  20  pressure  orifices  in  2  longitudinal  rows  near 
the  root  region  of  each  tail. 

Range  and  accuracy  of  pressure  transducers  Electronic  scanning  pressure  transducers  with  15psi  range  j 

and  0.5%  accuracy. 

Dynamic  pressures  None  measured.  | 


4.2.2 

4.2.3 


3.6.3  Flow  unsteadiness 

-  Overall  turbulence  level 
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4.3  Force  and  moment  meisuremenU 

4.3. 1  Type/Iocetion  of  balince 

4.3.2  Range/accuracy 

4.4  Boundary  layer/flow  Field  measurements 

4.5  Surface  flow  Visualization 

4.3.1  Measurement  technique  applied 

4.5.2  On  which  surface  is  flow  visualized 

4.5.3  Data  available  in  what  form 

4.6  Flow  field  visualization 

4.7  Tunnel  wall  measurements 

4.8  Other  measurements  or  insuumentation 

5  TEST  MATRIX  AND  CONDITIONS 


Drag  on  the  external  shell  of  the  metric  aft  end  and  pressure 
distributions  on  the  aft  end  were  measured  during  separate 
test  entries.  The  model  arrangement  for  the  pressure  test  is 
shown  in  figure  5.  For  the  drag  test,  the  dummy  balance 
shown  in  Figure  5  was  replaced  with  a  six-component 
strain-gage  balance  and  the  body  Filler  material  in  the 
metric  break  gap  removed.  Forces  on  the  internal  flow 
system  (thrust)  were  not  measured  by  the  balance. 

Range  of  balance  not  known.  In  general,  balance  forces  are 
considered  to  be  accurate  to  0.5%. 

None. 


Ink  flow 

Afterbody  and  nozzle 
Photographs  (generally  poor  quality) 

None 

None 

Exhaust  total  pressure  (4  probes)  and  total  temperature  (1 
probe). 


3.1  Detailed  test  matrix 

5.1.1  Number  of  selected  test  cases 

5.1.2  Number  of  conFigurations  tested 

5.1.3  Test  matrix  table 

5.2  Model/tunnel  relations 

5.2.1  Maximum  blockage 

5.2.2  Model  span/tunnel  width 

5.2.3  Wing  area/tunnel  area 

5.2.4  Height/chord  ratio(2-D) 

5.2.3  Width/chord  ratio(2-D) 

5.2.6  Have  adiabatic  wall  temperatures  been 
reached 

5.3  Transition  details 

5.3.1  Free  or  Fixed  transition 

5.3.2  Details  of  free  transition 

5.3.3  Details  of  Fixed  transition 

-  Transition  location 

-  Type  and  size  of  trip 


32 

4 

A  complete  test  matrix  is  provided  in  TABLE  1. 

0.00147  (at  alpha  =  0°) 

N/A 

N/A 

N/A 

N/A 

Not  known  , 

i 

Fixed. 

N/A 

2.25  in.  aft  of  nose  tip.  0.63  in.  aft  of  horizontal  tail 
leading  edge.  0.82  in.  aft  of  vertical  tail  leading  edge. 


I.'  etansegb,. 
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-  How  wu  effectiveness  of  trip  Procedure  in  NASA  TN  D-3579  followed. 

veriHed 


6  DATA 


6.1  Availability  of  data 

6.1.1  Organization  owning  data 

6.1.2  Who  is  responsible  for  the  data 

6.1.3  Are  data  freely  available 

6.1.4  If  not.  who  should  be  contacted 

6.2  Suitability  of  data  for  CFD  validation 

6.2.1  Are  data  suitable  for  "in-tunnel" 

calculation 

6.2.2  Are  data  conected  to  simulate  "firee-air" 

conditions 

6.3  Type  and  form  in  which  dau  are  available 

6.3.1  Type  and  form 

6.3.2  Data  carrier 

6.3.3  Extent  of  geometric  data 

6.3.4  Extent  of  aero,  data 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage  conections 

6.4.2  Sidewall  interference  conections 

6.4.3  Half  model  coirections 

6.4.4  Sting  and  support  corrections 


NASA-Langley  Research  Center 

Bobby  L.  Berrier 
NASA-Langley  Research  Center 
MS  280 

Hampton,  Virginia  2366S 

(804)  864-3001/FAX  (804  )  864-819S 

Yes. 

N/A 


No 


Yes 


Free-siream  conditions  -  Engineering  units 
Surface  pressures  -  CoefFicients 
Drag  -  Coefficients 

Surface  pressures  -  Printed  (NASA  TP-2753) 

Drag  -  Graphical  (NASA  TN  D-8326) 

Data  for  selected  cases  (Case  5:  nominal  NPR  =  2.0  and  5.0; 
Case  29:  nominal  NPR  =  2.0.  3.0,  and  5.0)  arc  available  on 
a  3.5  inch  floppy  disk. 

Model  sketches  and  coordinates  provided  in  references. 
Electronic  transfer  of  model  geometry  and  grid  definition  for 
cases  1-8  and  cases  25-32  can  be  arranged  by  contacting 
Bobby  L.  Berrier  (See  Section  6.1.2). 

N/A 


No  corrections  were  made  for  blockage.  Blockage  effects 
for  the  Mach  numbers  and  model  blockage  tested  have  been 
shown  to  be  negligible. 

None 

N/A 

No  data  correction  has  been  made  for  the  sting/strut 
support.  Past  research  on  the  present  support  system 
indicated  that  the  major  effect  was  a  total  pressure  defect  in 
the  wake  downstream  of  the  strut.  Effects  of  the  support  on 
static  pressure  and  force  measurements  were  negligible. 
Similar  results  were  found  on  the  current  model  as  reported 
in  NASA  TN  D-8326.  Because  the  model  was  partially 
metric,  the  metric  break  and  cavity  areu  were  correct^  to 
free  stream  static  pressure. 
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6.4.5  Aeroelastic  defonn'ation 

6.4.6  Other  corrections 


7  DATA  ACCURACY  AND  REPEATABILITY 

7.1  Estimite  accuracy  of: 

7. 1. 1  Free  stream  conditions 

-  Mach  number 

-  Model  incidence 

7.1.2  Measured  data 

-  Forces  and  moments 

-  Pressures 


7.2  Repeat  measurements 

7.2.1  During  same  test 

7.2.2  During  different  tests 

7.3  Redundant  measurements 

7.3.1  Flow  quantities 

7.3.2  Checks 

7.4  Other  tests  on  same  (nominal)  geometry 

7.4.1  Same  model  in  other  facilities 

7.4.2  Different  model  with  same  geometry 


7.S  Additional  remarks 
B  REFERENCES 

8.1  On  the  wind  tunnel 


N/A 

None  other  than  standard  wind  tunnel  corrections  for  metric 

break,  internal  cavity  and  base  pressures  if  different  from  j 

free  stream.  I 

I 

I 


+/-  0.002  j 

+/-  0.02» 

0.5% 

( 

The  following  values  are  for  pressure  coefficients;  ■ 

+/-  0.0170  at  M  =  0.60 

+/-  0.0100  at  M  =  0.90 

+/-  0.0096  at  M  =  0.95 

+/-  0.0082  at  M  =  1.20 


Pressure  data  repeatability  was  not  investigated  during 
pressure  test.  Some  limited  repeat  data  were  obtained 
during  force  test  (usually  jet  off  and  one  value  of  NPR). 
Figure  10  shows  the  most  extensive  set  of  repeat  drag  data 
obtained. 

Some  limited  repeat  pressure  data  were  obtained  during 
pressure  and  force  tests.  These  pressures  were  located 
primarily  on  the  nozzle. 


None 

None 


The  same  (identical)  model  was  tested  in  the  Langley  4- 
Fool  Supersonic  Pressure  Tunnel  but  at  different  How 
conditions  (M  ^  2.20).  That  is,  a  tunnel  to  tunnel 
comparison  is  not  possible. 

During  the  force  test,  two  nozzles  having  the  same 
geometry  were  tested.  One  nozzle  had  20  static  pressure 
measurements  and  the  other  nozzle  had  56  sialic  pressure 
measurements.  Figure  10  compares  Ih:  integrated  (pressure 
X  area)  nozzle  drag  coefficients  obtained  from  these 
nozzles. 

None 
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8.4  On  the  applied  measurement  techniques  and 
correction  methods 


LIST  OF  SYMBOLS 
b 


c 


CD 


CD.t 


Tail  span  (root  to  tip),  in. 

Tail  chord,  in. 

Drag  coefficient 

Total  (afterbody,  nozzle  and  tails)  drag  coefficient 
Nozzle  pressure  drag  coefficient 
Pressure  coefficient 


H.P. 


Pressure  coefficient  for  sonic  flow  (critical) 
Noise  (fluctuating  pressure),  rms,  % 

High  pressure 
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I 

M 

NPR.  pg/p~ 
Pt.j 

P~ 

q 

R 

Rey 

TS 

X 

y 

a,  alpha 
0.  phi 


Model  length,  in. 

Mach  number 

Nozzle  presiure  ratio  (jet  total  to  freestream  static) 

Jet  exhaust  toul  pressure,  psi 
Freestream  static  pressure,  psi 
dynamic  pressure,  psi 
Radius,  in. 

Reynolds  number  based  on  model  length  of  71.70  inches 
Tunnel  station 

Axial  distance  downstream  from  nose  tip,  in. 

Spanwise  distance  from  tail  root.  in. 

Angle  of  attack,  deg. 

Meridian  angle  about  model  axis,  deg. 


IDENTIFICATION  FLOW  CONDITION  POSITION  OTHER  INFORMATION 


Ql  q. 

z  z 

IS  ^ 

I  I 

i  i 


o  <  o  <  o  CQ  o  o|o  <  o  <  o  CQ  o  Olo  <  o  <  o  o  o|o  <  O  <  O  CD  O  o 


<b<bu>inv'4’'oj(\i 


0.80,  jet  off  M  =  0.80, 
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Figure  1.-  Ink  flow  photographs  showing  effect  of  jet  exhaust  flow  and  Mach  number  on 
nozzle  separation.  Aft  tails  configuration. 


.'WJSfrtr: 


B.VI8 


Figure  7.-  Photograph  showing  general  arrangement  of  model,  support  system  and  test 
section. 
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(a)  Afterbody/nozzle. 


Figure  9.-  Pressure  instrumentation  and  external  geometry  details. 
Linear  dimensions  are  in  inches. 
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O  Cq  , 


Figure  10,-  Comparison  of  repeat  drag  force  data  on  tails  off  conf iruration. 
Flagged  symbols  indicate  repeat  data  taken  during  NPR  sweep.  Tailed 
symbols  Indicate  data  from  different  nozzle  with  same  geometry.  All 
other  repeat  points  are  from  different  run. 


TWIN  ENGINE  AFTERBODY  MODEL 


by 

David  J.  Wing 

Propulsion  Aerodynamics  Branch/M  .S.  280 
NASA-Langley  Research  Center 
Hampton,  VA  23665 
USA 


INTRODUCTION 

This  test  was  originally  conducted  to  determine  the  effects  of  several  empennage  and  afterbody 
parameters  on  the  aft-end  aerodynamic  characteristics  of  a  twin-engine  fighter-type  configuration. 
Model  variables  were  as  follows;  horizontal  tail  axial  location  and  incidence,  vertical  tail  axial 
location  and  configuration  (twin-  vs  single-tail  arrangements),  tail  booms,  and  nozzle  power 
setting.  Jet  propulsion  was  simulated  by  exhausting  high-pressure,  cold-flow  air  from  the  nozzles. 

Following  a  successful  test  conducted  on  a  single  engine  nacelle  model  to  validate  a  CFD  code, 
this  model  was  chosen  to  be  instrumented  with  pressure  taps  on  the  afterbody  and  nozzles  and  used 
as  a  follow-on  test,  providing  a  more  complex  geometry  for  the  CFD  code  validation. 

A  more  limited  test  matrix  was  run  to  collect  the  [vessure  data,  employing  only  the  twin-tail 
configuration  and  varying  only  the  horizontal  and  vertical  tail  locations.  Mach  number  was  varied 
from  0.6  to  1 .2.  Nozzle  pressure  ratio  was  varied  from  jet-off  to  8.  Angle-of-attack  was  varied 
from  0°  to  8°. 


GENERAL  DESCRIPTION 


1.1 

Model  Designation  of  Name 

Twin-engine  afterbody  model. 

1.2 

Model  Type 

Generic  twin-engine,  twin-tail  fighter  model, 
45°  swept  wing,  propulsion  simulation. 

1.3 

Design  Requirements 

This  model  was  designed  to  be  tested  at 

uansonic  speeds  with  twin-engine 
propulsion  simulation  such  that  pressures 
and  forces  only  on  the  afterbody,  excluding 
the  thrust,  would  be  measured. 

1 .4  Dominant  flow  physics  Empennage/afterbody  interactions  (see  fig. 

1),  flow  separation  (see  fig.  2),  and 
exhaust/aft-end  interactions  (sec  fig.  3). 

1 .5  Additional  remarks  Afterbody  lift  and  drag  data  are  presented  in 

NASA  TP-2116.  The  remainder  of  this 
description  will  be  devoted  to 
aherbody/nozzle  surface  pressure 
measurements  made  over  a  more  limited  test 
matrix.  Approximately  180  static  pressure 
measurements  were  m^  on  the  afterbody, 
nacelles,  and  nozzles  for  the  purpose  of  (TFD 
code  validation.  Vertical  and  horizontal  tail 
longitudinal  position  were  varied. 


DETAILS  OF  MODEL 


2.1  General  geometric  arrangement 

2.2  Describe  conrigurations 


2.3  Wing  and/or  airfoil  data 

2.3.1  Planform 

•  A.spcct  ratio 

•  Taper  ratio 

•  Leading  edge  sweep 

•  Trailing  edge  sweep 

•  Twist  distribution 

•  Semispan 

•  Tip  geometry 

•  Fusclagc/wing  junction 

2.3.2  Basic  wing  section 

•  Airfoil  shape 

•  T/C  ratio 

•  Nose  radiu-s/chord 

2.4  Body  data 


The  model  is  a  generic,  twin-engine,  twin- 
tail,  high-wing  Tighter  with  a  45°  swept 
wing.  See  photograph  in  figure  4  and  sketch 
in  figure  5.. 

The  configurations  tested  for  static  pressure 
distributions  include  six  tail  positions 
(H=horizontal,  V=venical): 

Config  1:  H(mid),  V(fwd) 

Config2:  H(mid),  V(mid) 

Config  3:  H(mid),  V(aft) 

Config  4:  H(aft),  V(fwd) 

Config  5;  H(aft),  V(mid) 

Config  6;  H(aft),  V(aft) 

See  NASA  TP-21 16,  fig.  2(0  for  definition 
of  tail  locations. 


2.4 

0.5 

45° 

Cranked 
None 
50.80  cm 

Thickened  for  sUuctural  support 
(wingtip  support  system  employed) 

Faired  junctions 


Symmetrical 

0.067  at  root,  increases  from  0.077  to  0.10 
from  BL  27,94  to  support  booms 

Relatively  sharp  leading  edge,  mean  chord 

44.4  cm 


2.4.1  Shape 

•  Nose  shape 


Circular  cross-section 


•  Body  length 

•  Cross-sectional  details 

2.4.2  Additional  details 
Information  on  tails 


2.5.1  Vertical  tails 

•  Airfoil  section 

•  Chord 

•  Taper  ratio 

•  Tail  height  (root  to  tip) 

•  Aspect  ratio 

•  Leading  edge  sweep 

2.5.2  Horizontal  tails 

•  Airfoil  section 

•  Chord 

•  Taper  ratio 

•  Span 

•  Aspect  ratio 

•  Leading  edge  sweep 
Nozzle  data 

•  Nozzle  type 

•  Attachment  station 

•  Maximum  diameter 


174.74  cm  to  nozzle  exit  plane 

Fuselage  has  rectangular  c/s  (25.40  cm  x 
12.70  cm)  with  rounded  corners  (2.54  cm 
radius),  maximum  area  317.04  sq.  cm. 

Faiied-over  inlets 

Leading  edges  of  horizontal  and  vertical  tails 
can  be  positioned  at 
FS  127.00,  FS  136.68,  or 
FS  145.57. 


Tip:  NACA  64-003.5 
Root:  NACA  64-005 

Tip:  9.14  cm 
Root:  24.38  cm 

0.375 

25.4  cm 

1.514 


36.52° 


Tip:  NACA  64-002.5 
Root:  NACA  64-005.5 

Tip:  5.08  cm 
Root:  28.96  cm 

0.175 

Fwd  position:  69.09  cm 
Mid  position:  68.58  cm 
Aft  position:  67.51  cm 

2.564 

50.0° 


Twin-engine,  axisymmetric,  convergent- 
divergent 

FS  165.53 

9.86  cm 


Throat  diameter 


4.71  cm 


Exit  diameter  (internal) 

5.05  cm 

Exit  diameter  (external) 

5.67  cm 

Nozzle  length 

9.11  cm 

2.7  Geometric  dennilion 

■  Is  shape  analytically  or  Numerical  spcciHcation  exists 

numerically  spcciH^?  for  Config  2:  H(mid),  V(mid) 

•  Design  or  measured  co-ordinates?  Model  was  analytically  designed 


•  Tolerances 

•  Surface  roughness 

2.8  Model  support  details 

•  Sting  and  support  geometry 

•  Special  features  of  mounting 

GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

3.2  Organization  running  the  tunnel 

3.3  Tunnel  characteristics 

•  Type  of  tunnel 

•  Operating  envelope 

3.4  Test  Section 

3.4.1  General  arrangement 


Varied  due  to  body  filler  used  in  fairing 
surface 


Bifurcated  wing-tip  support  system  (sec 
figures  4  and  S) 

Structural  support  requirements  resulted  in 
unrealistic  wing  thickness  near  tip. 


16-Fooc  Transonic  Tunnel 

NASA-LangIcy  Research  Center 
Applied  Aerodynamics  Division 
Propulsion  Aerodynamics  Branch 


Continuous-flow,  single-return,  atmospheric 
wind  tunnel  with  a  slotted  octagonal  throat 
and  test  section  and  continuous  air  exchange. 
Boundary  layer  air  removal  (suction)  is 
utilized  at  Mach  numbers  above  1.0.  Up  to 
4.5%  (depends  on  desired  Mach  number)  of 
the  tunnel  mass  flow  is  removed  by  this 
system. 

Mach  0.2  to  Mach  1 .3  at  aunospheric 
pressure. 


See  photograph  in  figure  4  of  model 
mounted  with  wing-tip  support  in  the 
tunnel.  The  octagonal  test  section  is 
surrounded  by  a  32  loot  diameter  plenum 
into  which  air  expands  to  permit  supersonic 
flow.  Air  is  removed  from  this  plenum  by  a 
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3.5 


3 .4 .2  Test  section  dimensions 


3.4.3  Wall  geometry  details 
•  Type  of  walls 


•  Open  area  ratio 


•  Are  wall  pressures/wall 
displacements  measured? 


•  Boundary  layer  control 
on  walls 


Free  stream  conditions 

3.5.1  How  are  reference  flow 
conditions  detennined  for; 

•  Total  pressure 

•  Static  pressure 

•  Total  temperature 


compressor  suction  system  at  Mach  numbers 
above  1 .0.  No  promiding  instrumentation 
exists  near  or  upstream  of  the  model  except 
in  the  quiescent  chamber  upstream  of  the  test 
section.  High  pressure  air  for  jet  simulation 
is  routed  to  the  model  through  the  sting 
supports. 

Regular  octagon  with  an  approximate 
distance  between  flats  of  IS.S  feet  Wall 
divergence  angle  is  variable  and  is  set  to 
provide  best  flow  quality  at  each  Mach 
number.  Thus,  test  section  dimensions  are 
slightly  dependent  on  tunnel  Mach  number. 
Test  section  length,  as  determined  from 
facility  calibrations,  is  also  dependent  on 
tunnel  Mach  number  and  varies  from  40  feet 
at  M  =  0.2  to  10  feet  at  M  =  1.3. 


Eight  solid,  flat,  steel  plates,  6.66  ft 
maximum  width,  separated  by  slots. 
Divergence  angle  of  plates  is  variable. 

Nominally  4%  (depends  on  divergence  angle 
and  thus  tunnel  Mach  number). 

Wall  pressures  not  measured  for  current 
model  but  arc  available  when  needed.  Wall 
divergence  angle  is  mea.surcd. 

No  direct  control  on  walls  but  some  level  of 
boundary  layer  conuol  results  from  varying 
wall  divergence  angle  and,  at  supersonic 
speeds,  plenum  suction  through  comer  slots. 


Ruska  absolute  pressure  sensor  locauxl  in 
quiescent  chamber. 

Ruska  absolute  pressure  sensor  located  in 
plenum  tank  and  calibraurd  u>  the  tunnel 
centerline. 

Three  platinum  resistance  thermometers 
located  in  quiescent  chamber. 


3.5.2  Tunnel  calibration 


•  How  was  the  tunnel 
calibrated? 


•  Date  of  last  calibration 
Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

•  Mach  numbcr/static 
pressure  variations  over 
model  length  and  span 


•  Mach  number  variation 
during  a  run 


•  How  is  average  flow 
angularity  determined? 


•  Variation  of  angularity 
over  model  length  and  span 


3.6.2  Temperature  variation 

•  Can  temperature  be 
controlled  during  a  run? 


•  Variation  within  the  tunnel 


The  tunnel  was  calibrated  using  a 
centerline  probe  which  reached  forward  of  the 
tunnel  throat  Some  flow  survey  (off 
centerline)  and  dynamic  data  were  ^so 
obtained. 

Spring  1991  (not  yet  published) 


The  usable  test  section  length  is 
deflned  by  the  extent  of  constant  static 
pressure  down  the  test  section,  which 
dccrea.scs  with  Mach  number.  For  the  Mach 
numbers  of  the  current  test,  the  average 
Mach  number  variation  per  foot  (over  6  foot 
length)  was  0.000267. 

Mach  number  is  maintained  within 
ai^roximately  +/-  0.003  during  a  run. 

Actual  Mach  number  is  recorded  for  each  data 
point. 


Flow  angularity  is  determined  by 
running  models  through  angle-of-attack 
sweeps  at  upright  and  inverted  conditions. 
The  intersection  of  the  lift  vs  angle-of-atuick 
curves  yields  the  upflow  angle.  Tunnel 
upflow  angle  for  models  without  wings  is 
assumed  to  be  the  average  of  this  data  from 
many  tests. 

Angularity  determined  by  the  above  method 
is  found  at  the  model  center  of  lift.  A  How 
angularity  survey  of  the  test  volume  was 
made  during  the  1991  tunnel  calibration. 
These  results  arc  currently  being  analyzed  for 
future  publication. 


Tunnel  temperature  is  not  conutrlled. 

Jet  temperature  is  typically  controlled  at 
about  70°F. 

With  the  present  system  for  cooling  the 
tunnel  by  continuous  air  exchange  in  which 
the  cool  air  is  introduced  in  an  annulus 
adjacent  to  the  wall  of  the  return  passage,  a 
ra^al  gradient  of  temperature  in  the  test 
section  airstream  is  almost  inherent.  After 
passing  through  the  drive  fans,  the  airstream 
in  the  reuim  passage  is  of  uniform 


•  Variation  over  a  run 


Flow  unsteadiness 
•  Overall  uirbulencc  level 
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temperature.  On  the  downstream  side  of  the 
air  exchange,  a  radial  temperature  gradient  is 
created  by  differences  between  stagnation  and 
outside  air  temperatures.  By  the  time  that 
the  airstream  has  traversed  the  third  and 
fourth  sets  of  turning  vanes,  an 
antiturbulence  screen,  the  quiescent  chamber, 
and  the  entrance  cone,  the  region  of  radial 
gradient  of  tempeiauire  extends  inwardly 
from  the  test  section  wall  for  about  one-half 
of  the  test  section  radius.  The  temperature 
of  the  airstream  core  is  very  uniform  and  is 
identical  with  stagnation  temperature 
indicated  by  probes  located  in  the  quiescent 
chamber.  The  difference  between  the  test 
section  core  and  wall  temperatures  is  about 
0.90  of  the  difference  between  stagnation  and 
outside  air  temperabires.  The  gradient  of 
temperature  in  the  test  section  is  not  a 
desirable  feature  but,  in  general,  has  no 
adverse  effect  on  most  investigations.  The 
remperature  gradient  has  no  effect  on  Mach 
number  disU'ibution  but  docs  result  in  a 
velocity  gradient  directly  related  to  the 
temperature  gradient.  Most  models  are  much 
smaller  than  the  airstream  hot  core  and  arc 
therefore  not  affected. 

Depends  on  Mach  number  and  length  of  run. 
Initial  temperature  is  aunospheric  and 
increases  as  the  run  progresses.  The  tunnel 
temperature  limit  is  180°F  (normally  occurs 
only  at  supersonic  speeds  during  summer 
months)  at  which  time,  the  tunnel  power  is 
reduced  for  tunnel  cooling. 


During  the  tunnel  calibration  of  1950-1951 
and  on  several  occasions  prior  to  the  use  of 
test  section  air  removal  and  before  an 
antiturbulence  screen  was  installed  in  the 
quiescent  chamber,  attempts  were  made  to 
measure  airstream  turbulence.  Fluctuating 
flow  angle  was  measured  with  a  three  degree 
cone  meter,  but  inter]  retation  of  the  data  was 
uncertain.  If  isotropic  turbulence  can  be 
assumed,  these  results  indicated  that  the 
sueam  angle  fluctuation  expressed  in  radians 
ranged  from  about  0.003  to  0.008.  Lx>w 
turbulence  in  the  tunnel  is  likely  because  of 
anti-turbulence  screens  in  the  quiescent 
chamber  and  a  contraction  ratio  of  13.31  into 
the  lest  section. 


Overall  noise  level 


For  M  of  current  test,  ACp  =  0.46%  - 
1.13%. 
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INSTRUMENT  'ATION 

4.1 

Model  position 

4.1.1 

How  is  the  geometrical 
incidence  measured? 

Inertial  accelerometer. 

4.1.2 

Accuracy  of  geometrical 
incidence 

+/-0.02° 

4.2 

Model  pressure  measurements 

4.2.1 

Total  number,  disposition 

Approximately  120  taps  on  afterbody  and  60 
taps  on  nozzles,  arranged  in  longiuidinal 
rows  (see  fig.  6). 

4.2.2 

Range  and  accuracy  of 
pressure  transducers 

Electronic  sensing  transducers  (ESPs). 
Range,  15  psi;  accuracy  0.5% 

4.2.3 

Dynamic  pressures 

Not  measured. 

4.3 

Force  and  moment  measurements 

Sec  NASA  TP-2116  for  information 
regarding  force  and  moment  data. 

4.4 

Boundary  layer  and  flow  field 
measurements 

None. 

4.5 

Surface  flow  visualization 

None. 

4.6 

Flow  field  visualization 

None. 

4.7 

Tunnel  wall  measurements 

None. 

'•,.8 

Other  measurements  or 
inshumentation  used 

None. 

TEST  MATRIX  AND  CONDfriONS 

5.1 

Detailed  test  matrix 

5.1.1 

Number  of  selected  test  cases 

Six  configurations  with  surface  static 
pressures 

5.1.2 

Number  of  configs  tested 

Six  configurations  with  surface  static 
pressures 

5.1.3 

Test  matrix  table 

Static  pressure  measurements  on  the 

aftertxxly  and  nozzles  were  made  for 
configurations  1  through  6  (see  section  2.2) 
at  the  following  conditions; 
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MflCll _ 

0  OP 

0.6.  0.8,  0.9,  1.2  (f 

0.6,  0.8,  0.9,  1.2  4° 

0.6,  0.8,  0.9,  1.2  8“ 


Approximate  Reynolds  Number  range; 
Approximate  dynamic  pressure  range: 


Nozzle  Pressure  Ratio 
1.5,2,  3,  3.46,  4,  6,8 
1,1.5,  2,  3,  3.46,  4,6,8 
1.  3.46 
1,  3.46 

3xl06to4  .4x10^  based  on  a  wing 
mean  aerodynamic  chord  of 
44.4  cm. 

4200  psf  to  8800  psf 


ModelAunnel  relations 

5.2.1 

Maximum  i  a  :  c  • 

Less  than  approx.  0.0025 

5.2.2 

Model  spai.-i,  •. 

Approx.  0.215 

5.2.3 

Wing  areaAuniicI  x/c 

0.023 

5.2.4 

Height/chord  ratio  (2-D  only) 

N/A 

5.2.5 

Width/chord  ratio  (2-D  only) 

N/A 

5.2.6 

Have  adiabatic  wall 
temperaturcs  been  reached.' 

Not  known. 

Transition  details 

5.3.1 

Free  or  fixed  transition 

Fixed. 

5.3.2 

Details  of  free  transition 

N/A 

5.3.3 

Details  of  fixed  uansition 

•  Transition  location 

S.08  cm  from  nose  tip. 

Along  wing  span  at  5%  of  root  chord  and 
10%  of  tip  chord. 

1.27  cm  ftom  leading  edges  of  vertical  and 
horizonial  tails. 

•  Type  and  size  of  trip 

0.254-cm-wide  strip  of  No.  120 
corborundum  grit,  sparccly  distributed. 

•  How  was  effectiveness 
of  trip  verilied? 

Procedure  in  NASA  TN  D-3579 
followed. 

DATA 

6.1  Availability  of  data 

6.1.1  Organization  owning  data  NASA-Langley  Research  Center 
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6.1.2 

Who  is  responsible  for 
contacted? 

Bobby  L.  Berrier, 

Head,  Propulsion  Aerodynamics  Branch, 
NASA  Langley  Research  Center 

MS  280 

Hampton,  VA  23681-0001 
(804)864-3001/FAX(804)864-8 195 

6.1.3 

Are  data  freely  available? 

Yes 

6.2 

Suitability  of  data  for  CFD  validation 

6.2.1 

Are  data  suitable  for 
"in-tunnel"  calculation? 

No 

6.2.2 

Arc  data  corrected  to 
simulate  "free-air"  conditions? 

Yes 

6.3 

Type  and  form  in  which  data  arc  available 

6.3.1 

Type  and  form 

Free  stream  conditions  -  engin.  units 

Surface  pressures  -  coefficients 

6.3.2 

Data  carrier 

NASA  TP 

Data  for  selected  cases  (configuration  1,2 
and  3;  sec  Section  2.2)  at  a  nominal  Mach 
number  of  0.90  and  a  nominal  NPR  of  3.4 
are  available  on  a  3.5  inch  floppy  disk. 

6.3.3 

Extent  of  geometry  data 

Model  drawings  are  available. 

Electronic  transfer  of  model  geometry  and 
grid  definition  for  configurations  1 , 2  and  3 
(See  Section  2.2)  can  be  arranged  by 
contacting  Bobby  L.  Berrier  (Sec  Section 
6.1.2). 

6.3.4 

Extent  of  aero,  data 

N/A 

6.4 

Corrections  applied  to  data 

6.4.1 

Lift  interference  and 
blockage  corrections 

No  corrections  were  made  for  blockage. 
Blockage  effects  at  the  Mach  numbers  tested 
have  been  shown  to  be  negligible. 

6.4.2 

Sidewall  interference  corrections 

None. 

6.4.3 

Half  model  corrections 

N/A 

6.4.4 

Sting  and  support  corrections 

The  wing-tip  support  system  was  designed 
to  provide  minimum  interference,  yet 

provide  a  more  realistic  aircraft  flow  field  for 
the  afterbody  than  that  from  a  blade-mounted 
support  system.  By  design,  the  model  is 
supported  by  wings  and  not  a  support  stmt 
(See  Section  2.8).  Interference  from  the 
"wings"  on  the  metric  afterbody  is 
considered  a  real  effect  and  not  support 
interference.  The  twin  booms  are  not 


6.4.5  Aeroelastic  deformation 

6.4.6  Other  corrections 

DATA  ACCURACY  AND  REPEATABILITY 

7. 1  Estimate  accuracy  of: 

I  '  Free  stream  conditions 

•  Mach  number 

•  Model  incidence 
7.1.2  Measureddata 

•  Pressures 

7.2  Repeat  measurements 

7.3  Redundant  measurements 


7.4  Other  tests  on  same  geometry 

7.5  Additional  remarks 
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Cp 

ACp 

H(  ),  HTAIL 
1 

M 

NPR 

V(  ),  VTAIL 


o,  alpha 

5 

e 


Pressure  coefficient 
Noise  (fluctuating  pressure),  rms,  % 
Horizontal  tail  position 
Model  length,  inches. 

Mach  number 

Nozzle  pressure  ratio  (jet  total  to  freestream 
static) 

Vertical  tail  position 

Axial  distance  downstream  from  nose  tip, 
inches. 

Angle  of  attack,  degrees. 

Angular  position  of  pressure  tap  tow  on 
nozzles,  Agrees. 

Angular  position  of  pressure  tap  tow  on 
afterbody,  degrees. 

Angular  position  of  pressure  tap  row  on 
interfairing,  degrees. 
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Figure  4.-  Photograph  of  the  twin-engine  afterbody  model  installed  in  the  Langley  16-Foot 
Transonic  Tunnel. 


TOP  VIEW 


(a )  Top  surface. 


BOTTOM  VIEW 


(b)  Bottom  surface 


LEFT  NOZZLE 


RIGHT  NOZZLE 


(c)  Nozzles 


'i  1 

Figure  6.-  Oistribulion  ol  static  pressure  orifices 
on  the  twin  engine  afterbody  model. 
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STOVL  CFD  MODEL  TEST  CASE 

KARLIN  R.  ROTH 
NASA  AMES  RESEARCH  CENTER 


0  INTRODUCTION 

The  transitional  flight  characteristics  of  a  geometrically  simplified  Short  Take-Off  Vertical  Landing  (STOVL) 
aircraft  configuration  have  been  measured  in  the  NASA  Ames  7-  by  10-Foot  Wind  Tunnel.  The  experiment  Is  the 
first  in  a  sequence  of  tests  designed  to  provide  detailed  data  for  evaluating  the  capability  of  computational  fluid 
dynamics  methods  to  predict  the  important  flow  parameters  for  powered  lift.  The  model  consists  of  a  60“  cropped 
delta  wing  planform,  a  blended  fuselage  and  two  circular  in-line  jets  that  exit  perpendicularly  from  the  flat  lower 
surface.  The  measured  flows  have  a  maximum  frecstream  Mach  number  of  0.2.  Model  angle  of  attack  is  varied 
between  -10“  and  ■f20“.  The  flow  is  ambient  temperature  in  both  jet  exits  and  the  nozzle  pressure  ratios  arc  varied 
between  1  and  3.  The  data  presented  includes  forces  and  moments,  pressures  measured  at  281  surface  pressure  ports 
and  the  pressures  and  temperatures  of  the  jets.  Measurements  of  the  flow  ate  also  made  in  the  tunnel  test  section 
upstream  and  downstream  of  the  model  and  at  the  jet  exits  to  guide  boundary  condition  selection  for  the  planned 
computations.  Flow  visualization  and  total  pressure  measurements  in  the  jet  plumes  provide  a  description  of  the 
three-dimensional  jet  efflux  flowfield. 


1  GENERAL  DESCRIPTION 

1.1  Model  name  or  designation 

1.2  Model  type  and  flow  conditions 


1.3  Design  requirements,  purpose  of  test 


1.4  Dominant  flow  physics 


l.S  Additional  remarks 


STOVL  CFD  Model 

The  STOVL  CFD  Model  consists  of  a  60“  cropped  delta 
wing,  a  blended  fuselage  and  two  circular,  in-line  jets 
that  exit  perpendicularly  from  the  flat  lower  surface  (sec 
Figure  1).  Tests  were  conducted  subsonically,  with  and 
without  lift  jets. 

The  model  was  designed  and  tested  for  the  purpose  of 
validating  CFD  methods  for  powered  lift  applications. 
The  selection  of  a  blended  fuselage  and  a  rounded  leading 
edge  facilitates  computational  gridding.  Nevertheless, 
the  simplified  geometry  retains  the  important 
aerodynamic  and  propulsive  interactions  for  powered  lift 
aircraft. 

The  dominant  flow  physics  include  the  interaction  of  the 
lift  jets  with  the  aerodynamic  surface  and  the  wing 
vortices  on  the  delta  wing.  The  influence  of  the  lift  jets 
and  the  wing  vortices  on  the  surface  pressure  distribution 
is  illustrated  in  Figure  2. 

The  data  acquired  is  suitable  for  CFD  validation  as  well  as 
for  limited  study  of  powered  lift  parameters. 


2  .  DETAILS  OF  MODEL 

2.1  General  geometric  arrangement  Top  and  side  views  of  the  model  are  sketched  in  Figure  1. 

High  pressure  air  is  supplied  to  the  nozzles  through  the 
internal  plenum.  Jet  thrust  is  non-metric.  Loads  on  the 
aerodynamic  shell  are  metric. 

2.2  Configurations  tested  Only  one  set  of  hardware  was  tested.  However, 

measurements  were  made  with  two  model  orientations  and 
with  and  without  lift  jets. 

(1)  wing  mounted  vertically  without  lift  jets 

(2)  wing  mounted  vertically  with  lift  jets 

(3)  wing  inverted  without  lift  jets 

(4)  wing  inverted  with  lift  jets  exhausting  vertically 
A  sketch  of  the  wing  vertical  installation  is  shown  in 
Figure  3. 
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2.3  Wing/airfoil  data 

2.3.1  Planform 

-Aspect  ratio 

-Taper  ratio 
-Leading  edge  sweep 

-Trailing  edge  sweep 
-Twist  distribution 
-Semispan 

-Mean  aerodynamic  chord 
-Details  of  tip  geometry 
■Details  of  fuselage/wing  junction 

2.3.2  Basic  wing  sections 

-Airfoil  shape 

-Thickncss/chord  ratio 
-Nose  radius/chord 
■Leading  edge  radius 

2.4  Body  data 
2.4.1  Shape 

-Nose  shape 

•Body  Length 

-Cross-sectional  details 


2.4.2  Additional  remarks 

2.5  Nozzle  Details 

2.6  Engine. pylon/nacclle  data 

2.7  Geometric  definition 

-Is  shape  analytically  or  numerically  specified? 

-Design  or  measured  coordinates? 

-Tolerances 


1.59 

0.13 

60.00* 

-10.98° 

No  twist. 

34.290  cm  (13.500  in) 

51.592  cm  (20.312  in) 

Cropped  wing  with  numerically  rounded  tip 
Blended  fuselage  wing  junction 


Numerically  defined,  flat-bottomed  airfoil 

0.05 

0.0033 

2.54  mm  (0.100  in)  at  the  nose  tip  and  varies  smoothly 
to  0.36  mm  (0.014  in)  at  the  wing  tips. 


N/A 

76.200  cm  (30.000  in) 

A  typical  cross-section,  taken  at  x/c  =  0.800,  is  sketched 
in  Figure  4.  The  canopy  transitions  from  a  4,445  cm 
(1.750  in)  radius  at  x  =  20.320  cm  (8.000  in)  to  a 
constant  4.001  cm  (1,575  in)  fuselage  radius  for  x  > 
27,986  cm  (11.018  in).  The  fuselage/wing  junction  is 
blended  with  a  3.810  cm  (1.500  in)  radius  fillet. 

None. 

The  circular  jet  nozzles  have  a  3.048  cm  (1.200  in)  exit 
diameter.  Nozzle  length  is  4.666  cm  (1.837  in)  and  the 
contraction  ratio  is  1.417:1  A  perforated  plate  is  placed 
between  the  plenum  and  the  nozzle  to  provide  uniform 
flow  distribution  at  the  nozzle  exit  (see  Figure  5). 

N/A 


The  model  geometry  is  numerically  specified.  Cross- 
sections  from  the  CAD  database  are  available. 

Design  coordinates  are  specified. 

The  CAD  database  is  accurate  to  ±0.003  cm  (±0.001  in) 
The  as-built  tolerance  is  unknown. 

The  upper  surface  of  the  model  is  a  fiberglass  shell  and 
the  lower  surface  is  aluminum.  Both  surfaces  are  painted 
and  lightly  sanded.  No  additional  surface  roughness  is 
applied. 


Surface  roughness 
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2.8  Model  support  details 
2.8.1  Support  geometry 


2.8.2  Special  features  of  mounting 


GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

3.2  Organization  running  the  tunnel 

3.3  Tunnel  characteristics 

•Type  of  tunnel 

-Operating  envelope 

3.4  Test  section 

3  4.1  General  arrangement 


3.4.2  Test  section  dimensions 

3.4.3  Walt  geometry  details 

-Type  of  walls 

-Contraction  ratio 

-Are  wall  prcssures/wall  displacements 
measured? 


The  model  support  system  consists  of  a  vertical  support 
approximately  1.067  m  (42.0  in)  in  total  height  and  a 
horizontal  sting  approximately  1.016  m  (40.0  in)  In 
length  which  attaches  to  the  internal  plenum  at  the  rear 
of  the  STOVL  CFD  Model.  A  sketch  of  the  model  and  it.s 
support  system  installed  in  the  test  section  is  shown  in 
Figure  3.  The  model  support  geometry  is  specified  in  the 
design  drawings.  A  numerical  database  containing  the 
model  support  geometry  also  exists. 

High  pressure  air  is  delivered  through  the  sting  support 
system  to  a  2.540  cm  (1.000  in)  flow  distribution  lube 
located  on  the  centerline  of  the  internal  plenum.  A 
series  of  small  holes  drilled  on  either  side  of  the  tube 
create  a  high  pressure  drop  and  help  to  distribute  the  flow 
uniformly  along  the  length  of  the  plenum,  equalizing 
flow  in  the  front  and  rear  nozzles.  Instrumentation  leads 
are  attached  to  the  outside  of  the  sting. 


NASA  Ames  7-  by  lO-Foot  Wind  Tunnel,  Number  1 

Full  Scale  Aerodynamics  Division 
NASA  Ames  Research  Center 


Subsonic,  closed  throat,  single  return,  atmospheric 
tunnel  with  approximately  10%  air  exchange. 

Maximum  operating  speed  is  483  km/hr  (300  mi/hr)  or 
M  <  0.4 


See  the  installation  sketch  in  Figure  3  which  is  drawn  to 
scale.  A  humidity  sensor  is  mounted  on  the  tunnel 
ceiling,  near  the  upstream  edge  of  the  test  section, 
approximately  30  cm  (1  ft)  from  the  side-wall.  No  other 
protruding  instrumentation  exists  upstream  of  the  model 
except  in  the  quiescient  chamber  upstream  of  the  tc.sl 
section.  A  streamlined  trapeze,  which  is  used  for  lest 
section  surveys,  is  retracted  to  the  ceiling  at  its  must 
downstream  position  when  not  in  use. 

The  rectangular  test  section  has  a  constant  height  of 
2.134  m  (7.0000  ft)  and  the  width  increases  linearly 
from  3.048  m  (10.0000  ft)  to  3.089  m  (10.1335  ft)  over 
the  lest  section  length  of  4.572  m  (15.0000  ft)  The 
lum-iable  axis  is  1.524  m  (5.0000  ft)  from  the  start  of 
the  lest  section. 

Solid,  removable  side-walls  and  roof  panels,  each 
containing  laser  access  windows,  were  used  for  this  test. 

14.14:1 


Wall  pressures  were  not  obtained  during  this  test  entry. 

No  direct  boundary  layer  control  is  applied  on  the  walls. 
However,  the  variation  of  tunnel  width  over  the  length  of 
the  test-section  provides  some  allowance  for  boundary 
layer  growth. 


-Boundary  layer  control  on  walls 
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-Wall  boundary  displaccmcnl  thickness 


3.5  Frcoslream  conditions 

3.5.1  How  are  reference  flow  conditions 
determined  for. 

-Total  pressure 


-Static  pressure 


-Total  temperature 

-Relative  humidity 

3.5.2  Tunnel  calibration 

-How  was  tunnel  calibrated? 


-Date  of  last  calibration 


3.6  Empty  tunnel  flow  quality 
3.6.1  Flow  uniformity 

-Static  pressure  variations  over  model 
length  and  snan 


•Velocity  variation  in  the  test  section 


-Flow  meander  during  a  run 


-Variation  of  angularity  across  the  test 
section 


3.6.2  Temperature  variation 

-Temperature  control  during  run 


Based  on  empty  lest  section  data,  the  wall  boundary  layer 
thickness  is  approximately  15.2  cm  (6.0  in)  and  the 
displacement  thickness  is  approximately  1.3  cm  (0.5  in) 
in  the  lest  section  at  u  =  71.9  m/s  (236  ft/s). 


Reservoir  static  pressure,  measured  using  a  6.985  kl’a 
(1.000  psi)  Barocel  transducer  in  the  quicscieni  chamber 
upstream  of  the  test  section,  is  a  reasonable  estimate  of 
tunnel  total  pressure. 

Static  pressure  was  measured  at  the  static  rin'',  a  series  of 
wall  pressure  taps  located  in  the  contraction  cone  31.45 
cm  (12.38  in)  upstream  of  the  'est  section,  using  a  6.895 
kPa  (1.000  psi)  Barocel  transducer.  The  difference 
between  the  reservoir  static  pressure  and  the  static 
pressure  is  the  tunnel  dynamic  pressure,  q^.  Measured  q,, 
is  corrected  in  the  lest  section  using  the  wind-tunnel 
calibration  data. 

Temperature  is  measured  in  the  quiescient  chamber 
upstream  of  the  test  section. 

A  humidity  sensor  is  located  near  the  upstream  edge  of 
the  test  section. 


P.-essure  probe  and  hot  wire  surveys  made  on  the  tunnel 
centerline  as  well  as  some  limited  off-cenierline  flow 
surveys  were  reported.  Some  unsteady  measurements  were 
also  reported.  Sec  Ref.  1. 

Tunnel  calibration  data  was  acquired  in  1987  and  is 
reported  in  Ref.  1.  A  new  calibration  of  the  test  section 
dynamic  pressure  was  made  in  August  1992. 


A  small  favorable  pressure  gradient.  ACp  =  -0.005, 
exists  over  the  first  3.048  m  (10.000  ft)  of  the  test 
section.  Apj/q®  is  less  than  sO.2%  over  the  model 
span. 

Aq/q„  is  less  than  0.3093  or  Au/u^  is  less  than  0.15% 
across  the  test  section. 

Low  frequency  unsteadiness  in  the  tunnel  dynamic 
pressure  at  constant  fan  rpm,  Aq/q^^,  is  less  than  ±1%. 

Flow  angularity  was  measured  using  a  5-hole  pressure 
probe  to  make  vertical  and  lateral  surveys  at  the  test 
section  centerline.  Aa  =  ±0,1°  and  AP  =  ±0.5° 

Tunnel  temperature  is  not  controlled.  Jets  are  maintained 
at  ambient  temperature  which  is  approximately  21°C 
(70°F). 


-Variation  within  the  tunnel 


Not  known. 
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Tunnel  temperature  variation  depends  on  the  air 
exchange,  jet  lempcralurc  and  run  length.  For  a  typical 
run  lasting  1  to  2  hours  during  the  STOVL  CFD  Model 
test,  temperature  increased  approximately  3  to  6°C  {5  to 
10”F) 

3.6.3  Flow  unsteadiness 

•Overall  turbulence  level  e'-'Ujj  =  .11%  at  30  m/s  (100  ft/s) 

c'''u^  =  .94%  at  91  m/s  (300  fl/s) 

-Overall  noise  level  (Cp-RMS)  Not  known. 


4  .  INSTRUMENTATION 

4.1  Model  position 

4.1.1  How  is  geometrical  incidence  measured?  For  the  wing  vertical  installation,  angle  of  attack  is 

varied  by  rotating  the  turntable;  a  resolver  is  used  to 
obtain  the  incidence. 

For  the  wing  horizontal  installation,  the  model  remained 
in  a  Fixed  position  for  all  measurements.  This  position 
was  measured  with  a  digital  protractor  and  with  a  hand 
held  bubble  protractor. 

4.1.2  Accuracy  of  geometrical  incidence  The  accuracy  of  the  yaw  resolver  is  0.05°. 

Model  incidence  accuracy  is  0.1°  for  the  inverted  wine. 

4.2  Model  pressure  measurements 

4.2.1  Total  number  and  disposition  2S1  pressure  ports  are  located  on  the  model  surface  with 

88  taps  on  the  upper  surface,  63  taps  clustered  radially 
near  the  front  jet.  62  laps  clustered  radially  near  the  rear 
jet  and  the  remaining  laps  distributed  on  the  lower 
surface.  See  Figure  6  for  the  pressure  tap  layout. 

4.2.2  Range  and  accuracy  of  pressure  transducers  All  pressure  tubing  and  six,  48  port  electronically 

scanned  pressure  modules  were  internal  to  the  STOVL 
CFD  Model,  Transducer  ranges  were  chosen  by 
estimating  the  expected  pressures  to  be  acquired  on  the 
model.  Pressures  were  measured  with  better  than  0.1% 
full  scale  accuracy  using  transducers  ranging  from  2.491 
kPa  (10  inches  of  water)  in  the  expected  low  pressure 
regions  to  17,24  kPa  (2.50  psi)  transducers  in  the 
regions  near  the  jet  exits.  Specifically,  the  selected 
range  of  modules  included  one  module  at  2.491  kPa  (10 
inches  of  water),  two  modules  at  4.982  kPa  (20  inches  of 
water),  two  6.895  kPa  (1.000  psi)  modules  and  one 
17.24  kPa  (2.50  psi)  module. 

4.2.3  Unsteady  pressures  Unsteady  pressures  were  measured  at  16  pressure  port 

locations.  Most  of  these  ports  were  located  near  the  jet 
exits  (7  symmetry  plane  locations  and  6  off-symmetry 
plane  locations)  to  gather  information  on  jet-induced 
unsteadiness. 
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4,3  Force  and  moment  measurements 
4.3.1  Type  and  location  of  balance 
-Aerodynamic  loads 


-Jet  thrust 


4.3.2  Range/accuracy 

-Aerodynamic  ioads 


-Jet  Thrust 


4.4  Boundary  layer  and  (lowfield  measurements 
4.4.1  Measurement  technique  applied 
-Nozzle  instrumentation 


-Pressure  probe  measurements 


A  2.54  cm  (1.00  in),  six-component  force  balance  was 
installed  in  the  STOVL  CFD  Model  to  measure 
aerodynamic  loads  on  the  model  surface.  The  balance 
center  is  located  37.465  cm  (14.750  in)  from  the  model 
nose  tip. 

The  jets  were  calibrated  in  an  independent  test  by 
mounting  the  internal  plenum  and  nozzles  on  a 
calibration  rig  instrumented  with  a  3.81  cm  (1.50  in)  , 
six-component  force  balance. 


For  the  2.54  cm  (1.00  in)  balance  installed  in  the  model, 
gauge  limits  are  890  N  (200  lb)  for  the  normal,  axial  and 
side  forces  and  271  N-m  (200  ft-lb)  for  the  rolling 
moment.  An  accuracy  of  0.5%  full  scale  gauge  limit  was 
attained  during  the  tests. 

For  the  3.81  cm  (1.50  in)  balance  used  for  nozzle 
calibration,  the  gauge  limits  arc  2224  N  (500  lb)  for  the 
normal.  1334  N  (300  lb)  for  the  axial  (thrust  direction) 
and  1112  N  (250  lb)  for  the  side  gauges  and  91  N-m  (67 
ft-lb)  for  the  rolling  moment.  An  accuracy  of  0.5%  full 
scale  gauge  limits  was  attained. 


Each  of  the  jet  nozzles  contains  a  total  temperature  probe 
and  a  reference  pressure  port.  All  nozzle  pressure 
measurements  were  made  using  690  kPa  (100  psia) 
pressure  t.  isducers. 

A  micropt't  it  probe  instrumented  with  a  690  kPa  (100 
psia)  transducer  was  used  to  survey  the  jets  in  the  exit 
plane  and  at  selected  locations  above  the  jet  exits  to 
determine  the  jet  exit  profile  and  decay  of  the  jet  core  for 
static  tunnel  conditions. 

A  5-hole  pressure  probe  instrumented  with  6.895  kPa 
(1.000  psid)  pressure  transducers  was  used  for  (lowfield 
surveys. 


4.4.2  Flow  regions  investigated 

-Jet  plumes  Jet  plume  measurements  were  made  with  q,  =  0.0  kPa. 

Micropilot  surveys  were  made  in  the  jet  exit  plane  with  a 
spacing  of  Ax  =  Ay  =  2.54  mm  (0,10  in).  Vertical 
surveys  were  made  at  the  center  of  the  nozzle.  Symmetry 
plane  surveys  were  made  at  locations  1,  2,  4  and  8  jet 
diameters  above  the  nozzle  exit. 

-Farfield  Measurements  were  made  using  a  five-hole  probe  in  the 

symmetry  plane  and  in  several  planes  perpendicular  to 
the  .'.-eestream.  Measurement  planes  were  located  at  0.96. 
0.98  and  1.00  chords  and  at  1.46,  1.48,  1.50  chords 
downstream  of  the  model.  Some  surveys  were  also  made 
upstream  and  to  the  side  of  the  model.  These 
measurements  are  expected  to  guide  the  selection  of 
appropriate  computational  boundary  conditions. 


E5-7 


4.4.3  Details  of  probe  and  probe  supports 


4.5  Surface  flow  visualization 

4.6  Flowfield  visualization 

4.6.1  Measurement  technique  applied 

4.6.2  Visualized  planes  in  the  (low 

4.6.3  Data  available  in  what  form 

5  TEST  MATRIX  AND  CONDITIONS 

5.1  Detailed  lest  matrix 

5.1.1  Number  of  selected  lest  cases 


i  5.1.2  Number  of  configurations  tested 

I 

I  5.1.3  Test  matrix  table 

( 

f 

5.2  Model  /  tunnel  relations 

5.2.1  Maximum  blockage 

5.2.2  Model  span/tunnci  width 

5.2.3  Wing  area/tunnel  cross  section 

5.2.6  Have  adiabatic  wall  lemperaiurcs  been 
reached? 

5.3  Transition  Details 

5.3.1  Free  or  fixed  transition 

I  5.3.2  Details  of  free  transition 

5.3.3  Details  of  fixed  transition 


All  probes  were  mounted  on  the  wind  tunnel  survey  rig 
using  probe  mounts  to  extend  the  probe  lip 
approximately  79  cm  (31  in)  ahead  of  the  rig  to 
eliminate  rig  interference  on  the  probe  measurement 
Positioning  accuracy  for  the  probes  positioned  using  the 
facility  survey  rig  was  determined  by  a  survey  rig 
calibration  immediately  preceding  the  STOVL  CFD  Model 
tests.  Positioning  accuracy  for  the  probes  was  0.3  mm 
(0.01  in)  for  the  nozzle  surveys  and  1.3  mm  (0.05  in)  for 
surveys  across  the  test  section. 

Not  used 


Schlieren  and  laser  light  sheet  were  used. 

Schlieren  photos  were  taken  in  the  symmetry  plane  while 
the  laser  light  sheet  was  used  in  the  cross  plane. 

Photographs  of  the  visualization  are  available. 


One  test  case  includes  force  and  pressure  measurements  a.s 
well  as  detailed  flow  surveys  and  is  suitable  for  CFD 
validation.  This  "detailed  case"  is  representative  of 
decelerating  transition  or  short  landing  conditions.  In 
addition,  force  and  pressure  measurements  for  the  model 
through  a  range  of  angles  of  attack  arc  presented  for  30 
combinations  of  freestream  Mach  number  and  jet  nozzle 
pressure  ratio.  Table  1  summarizes  the  range  of  test 
parameters  and  deflr'S  the  detailed  case. 

Tests  were  conducted  with  and  without  lift  jets.  Also, 
two  installations  of  the  same  hardware  were  tested. 
Configurations  are  defined  in  Section  2.2 

A  summary  of  the  measured  conditions  without  lift  jets  is 
presented  in  Table  2.  Table  3  presents  the  lest  m.ilri.s 
for  configuration  (2). 

Maximum  test  section  blockage  for  the  model  and  its 
support  system  is  approximately  2%  at  a=20°. 

Model  span  /  tunnel  width  =  0.23 
Model  span  /  tunnel  height  =  0.32 

Wing  area  /  tunnel  cross  section  =  0.05 


Not  known. 


Free  transition. 

Transition  was  not  verified 
N/A 


( 


E5-8 


6  DATA 

6.1  Data  Availability 

6.1.1  Organization  owning  dai.i 

6.1.2  Person  responsible  for  ti  e  data 


U.S.  Government  /  NASA  Ames  Research  Center 

Name  /  title:  Dr.  Karlin  R.  Roth 
Aerospace  Engineer 
Fi.\ed  Wing  Aerodynamics  Branch 

Address:  Mail  Stop  247-2 

NASA  Ames  Research  Center 
Moffett  Field,  CA  94035-1000 

Telephone:  (415)  604-6678 
FAX:  (415)  604-3489 


6.1.3  Are  data  freely  available 

6.1.4  If  no,  who  should  be  contacted 

6.2  Suitability  of  data  for  CFD  validation. 

6.2.1  Are  data  suitable  for  ''in-tunnel"calculation? 

6.2.2  Are  data  corrected  to  simulite  "free-air" 
conditions? 

6.3  Type  and  form  in  which  data  arc  available. 

6.3.1  Type  and  form 

6.3.2  Data  carrier 

6.3.3  Extent  of  geometric  data 


6.3.4  Extent  of  aerodynamic  data 

6.4  Corrections  applied  to  data 


Yes. 

N/A 


Yes. 


No. 


Frecstream  conditions  -  Engineering  Units 
Jet  exit  conditions  -  Engineering  Units 
Forces  and  moments  -  Coefficients 
Surface  pressures  -  Coefficients 
Flow  survey  data  -  Engineering  Units 

Data  will  generally  be  available  in  printed  or  graphical 
form.  Some  force  and  pressure  data  is  available  on  8.9 
cm  (3.5  in)  floppy  disk  from  a  Macintosh  computer. 

Geometric  data  for  177  cross-sections  has  been  extracted 
from  the  design  database  and  requires  2500  blocks  of 
storage  on  a  Microvax  computer.  A  subset  of  this 
database  containing  less  than  50  cross-sections  resides 
on  a  Macintosh  computet  and  is  suitable  for 
computational  gridding. 

Full  database  requires  45000  blocks  of  storage  on  a  VA-X 
computer.  However,  only  a  subset  of  this  database  will 
be  available. 

The  data  is  currently  uncortected. 


7  DATA  ACCURACY  AND  REPEATABILITY  ASSESSMENT 


7.1  Accuracy  Estimates 

7.1.1  Frecstream  conditions 
-Dynamic  pressure 

*14  Pa  (±0.3  psf) 

-Model  incidence 

Wing  vertical:  0.05° 

Wing  inverted:  0.1° 

7.1.2 

Measured  data 
-Forces  and  moments 

0.5%  full  scale  gauge  limit 

-Pressures 

0.1%  full  scale 
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7.2  Repeat  Measurements 

7.2.1  Type  and  number  of  repeat 

measurements  within  one  test  campaign 


7.2.2  Type  and  number  of  repeat 

measurements  in  successive  campaigns 

7.3  Redundant  measurements 

7.3.1  Flow  quantities 

7.3.2  Checks  on  data  consistency 

7.4  Other  tests  on  same  geometry 

7.4.1  Same  model  (in  other  facilities) 

7.4.2  Similar  models  tested  in  other  facilities. 


8  REFERENCES 

S.I  On  the  wind  tunnel 


8.2  On  the  model 


8.3  On  similar  models 


Approximately  3  repeat  points  were  taken  during  each 
run  sequence  with  the  wing  mounted  vertically.  Repeat 
runs  were  made  and  are  noted  in  Table  2.  Multiple  force 
and  pressure  measurements  were  repeated  while  How 
surveys  were  made  with  the  model  inverted.  Selected 
pressure  probe  measurements,  flow  visualization  and 
unsteady  surface  pressure  measurements  were  also  repeated 
during  this  phase  of  the  test. 


Only  one  test  entry  has  been  completed. 


Compared  force  measurements  with  integrated  pressure 
distribution 

Compared  no^le  instrumentation  readings  with  schlieren 
photos  and  jet  exit  surveys 

The  repeat  runs  described  above  were  used. 

To  dale,  only  one  test  entry  has  been  made  using  this 
model. 

(1)  Tests  were  conducted  in  the  NASA  Langley  14-  by 
22-Foot  Wind  Tunnel  (Ref.  3)  to  investigate  the  jet- 
induced  effects  on  a  planform  identical  to  the  STOVL 
CFD  Model  using  the  same  jet  nozzles  and  internal 
plenum.  Only  the  upper  surface  differed  from  the  present 
STOVL  CFD  Model  geometry.  Data  from  both  tests 
follow  similar  trends. 

(2)  A  water  tunnel  lest  of  a  similar  configuration  at 
roughly  1/3  scale  is  reported  in  Ref.  4. 


Hvadcock,  A.,  "The  NASA  Ames  7-Fool  by  10-Fool 
Wind  Tunnel-  Present  Flow  Quality  and 
Recommendations  for  Improvement,"  Analytical  Methods 
Report  8708,  July  1987. 

^Roth,  K.  R.,  "A  Powered  Lift  Experiment  for  CFD 
Validation,”  AIAA  Paper  91-1731,  June  1991. 

^Kuhn,  R.  E.  and  Stewart,  V,  R.,  "Effect  of  Forward 
Speed  and  Jet  Arrangement  on  Jet  Induced  Suckdown  and 
Fountain  Effects,",  KSA  Report  92-2,  Apr.  1992. 

‘*Millcr,  L.  S.,  Papadakis,  M.  and  Klausmeyer,  S.,  "Flow 
Visualization  fro  a  STOVL  Aircraft  in  Ground  Proximity," 
AIAA  Paper  91-0769.  Jan.  1991. 


E5-I0 


9  LIST  OF  SYMBOLS 

b 

c 


M’R 

P. 

P 

q 

u,v,w 

N.y.z 


a 

|5 

Subscripts 

j 


Wing  span,  68  580  cm  (27.000  in) 

Chord  length,  76.200  cm  (30.000  in) 

Turbulence  intensity,  I-’  J 

Nozzle  pressure  ratio,  p,  j  /  p, 

I'otal  pressure,  kPa  (psf) 

Pressure,  kPa  (psO 

Dynamic  pressure,  kPa  (psf) 

Cartesian  velocity  components,  m/s  (ft/s) 

Cartesian  design  coordinate  system  with  origin  at  model 
nose  tip,  x  is  streamwise  and  y  is  spanwise  coordinate, 
cm  (in) 

Effective  velocity  ratio,  (q./qj)'’^ 

Angle  of  attack,  degrees 
Yaw  angle,  degrees 

Jet 


X 


Frccstream 


ES-II 


Remarks: 


Table  1.  Test  Parameicrs. 


VARIABLE 

Number  of  jets 
Angle  of  attack,  a 
Yaw,  p 

Freestream  dynamic  pressure,  q„ 
Freestream  Mach  number,  M, 
Nozzle  pressure  ratio,  NPR 

Effective  velocity  ratio,  Ve 


RANGE  DETAILED  CASE 


0.  1  or  2 

2 

-10“  to  +20“ 

+  10“ 

0“  to  5“ 

0“ 

0.48  kPa  to  2.39  kPa 

1.44  kPa 

0.08  to  0.18 

0.14 

1.0  to  3.3 

1.9  (Front  nozzle) 

2.0  (Rear  nozzle) 

0,  0.05  to  0.32,  oo 

0.15  (Front  nozzle) 

0.14  (Rear  nozzle) 

Table  2.  Test  Matrix  for  Configuration  (1) 


q.  (kPa) 

a  (degrees) 

Remarks 

0.72 

-10  to  +20 

(R).  (a) 

0.96 

-10  to  +20 

1.20 

•10  to  +20 

1.44  1 

-10  to  +20 

1.68 

-10  to  +20  ' 

1.92 

-10  to  +18 

(b) 

2.15 

-10  to  +10 

2.39 

-10  to  +12.5 

(R)  denotes  repeat  runs. 

(a)  a  varies  from  -10“  to  +20“  with  a  2.5“  increment. 

(b)  a  range  is  limited  by  model  forces  for  q„  a  1.92 
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Table  3.  Test  Matrix  for  Configuration  (21 


Ox  (kPa) 

a  (degrees) 

NPR 

Front  Nozzle 

NPR 

Rear  Nozzle 

Ve 

Front  Nozzle 

Vc 

Rear  Nozzle 

Remarks 

0.00 

0 

1.3  to  3.1 

1.4  to  3.3 

0.00 

0.00 

0.00 

0 

2.1 

2.3 

0.00 

0.00 

(R).  (a),  (b) 

0.00 

0 

1.4  to  3.1 

1.4  to  3.3 

0.00 

0.00 

(R).  (c) 

0.72 

0  to  10 

1.3 

1.4 

0.17 

0.14 

0.72 

0  to  10 

1.6 

1.7 

0.13 

0.11 

0.72 

-10  to  +20 

1.8 

2.0 

0.11 

0.10. 

0.72 

-10  to  +20 

2.2 

2.3 

0.10 

0.09 

0.72 

-10  to  +20 

2.5 

2.6 

0.09 

0.08 

0.96 

-10  to  +20 

1.5 

1.6 

0.16 

0.13 

0.96 

-10  to  +20 

2.1 

2.3 

0.11 

0.10 

1.20 

-10  to  +20 

1.8 

2.0 

0.15 

0.13 

1.20 

-10  to  +20 

2.1 

2.3 

0.13 

r  .11 

1.20 

-10  to  +20 

2.4 

2.6 

0.11 

0.10 

1.44 

-10  to  +20 

1.9 

2.0 

0.16 

0.14 

(d) 

1.44 

-10  to  +20 

2.2 

2.3 

0.14 

0.12 

1.44 

0 

1.3  to  3.0 

1.4  to  3.3 

0.24  to  0.11 

0.20  to  0.09 

(c) 

1.68 

-10  to  +20 

2.4 

2.7 

0.13 

0.12 

(R) 

1.92 

-10  to  +15 

2.1 

2.3 

0.16 

0.14 

(R) 

2.15 

-10  to  15 

2.4 

2.6 

0.15 

0.13 

2.15 

0  to  10 

2.8 

2.9 

0.14 

0.13 

2.39 

-10  to  +15 

1.8 

2.0 

0.20 

0.18 

2.39 

-10  to  +10 

2.1 

2.3 

0.18 

0  16 

(R) 

2.39 

-10  to  +10 

3.1 

3.3 

0.13 

0.12 

2.39 

0 

1.3  to  3.1 

1.4  to  3.3 

0.32  to  0.14 

0.26  to  0.12 

(c) 

1.44  to  2.39 

0 

2.1 

2.3 

0.14  to  0.18 

0.12  to  0.16 

(0 

Remarks:  (R)  denotes  repeat  runs. 

(a)  a  is  varied  between  -10°  and  +20°  with  a  5°  increment.  Aa  =  2.5°  for  some  sequences. 

(b)  probe  surveys  in  the  symmetry  plane  at  the  nozzle  exit  plane 

(c)  pressure  probe  measurement  in  the  nozzle  exit  plane  at  the  center  of  the  nozzle 

(d)  conditions  selected  for  detailed  measurement  in  configuration  (4) 

(e)  NPR  increased  in  increments  of  approximately  0.3,  Ve  decreases  due  to  change  in  NPR 

(f)  q,,  increased  in  increments  of  0.12  kPa,  Ve  increases  due  to  change  in  q. 


Tunnel  Ceiling 


Rg.  3  STOVL  CFD  Model  installed  in  the  NASA  7-by  10-Foot  Wind  Tunnel.  Wing  mounted  vertically. 


Fi^:.  4  Tx'pical  cross-scclion  taken  at  x/c  = 
is  >kciciK'J  for  the  syntmoiric  model. 


Porous  plate 


\ 


Fig.  S  Details  of  inslnimenled 


Reference  pressure  port 
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LOW  SPEED  PROPELLER  SLIPSTREAM  AERODYNAMIC  EFFECTS 

I.  Samucisson 

FFA,  The  Aeronautical  Research  Institute  of  Sweden 
P.O.  Box  11021.  S-I6ni  Bromma 
SWEDEN 


SUMMARY 

The  data  presented  in  this  contribution  to  AGARD  WG-I4: 
"EXPERIMENTAL  TEST  CASES  FOR  CFD  VALIDATION" 
were  obtained  at  tests  in  the  FFA  Low  Speed  Wind  Tunnel 
LTI  (diameter  3.6  m)  as  part  of  an  aeronautical  research  pro¬ 
gramme  sponsored  by  the  Swedish  Board  for  Technical  De¬ 
velopment  (STU).  The  intent  of  the  experiment  was  two¬ 
fold:  a)  to  gain  some  physical  insight  to  the  complex  aero¬ 
dynamic  interference  phenomena  occuring  when  the  slip¬ 
stream  from  a  highly  loaded  propeller  washes  downstream 
located  surfaces  (nacelle  and  wing);  b)  to  provide  surface 
pressures  and  flow  field  data  for  evaluation  of  three-dimen¬ 
sional  flow  computation  methods. 

The  performed  wind  tunnel  tests  show  that  ir  high  power 
conditions  at  low  speeds  large  asymmetrical  loads  can  deve¬ 
lop  on  the  nacelle  and  on  the  wing.  For  e.g.  an  aircraft  with 
two  propellers  having  the  same  sense  of  rotation  these 
loads  do  not  cancel  out  but  combine  to  a  net  increase  in  a- 
symmetrical  loads  (in  particular  side  force  and  yawing 
moment).  These  effects,  if  not  known  or  accounted  for  in 
advance,  could  lead  to  a  resizing  of  the  aircraft  control  sur¬ 
faces  and/or  necessary  trim  changes  with  subsequent  in¬ 
creased  trim  drag. 

INTRODUCTION 

The  lest  setups  represented  propeller,  nacelle  and  a  sche¬ 
matic  wing  layout  with  a  wing  span  of  about  3.2  propeller 
diameters,  that  is.  only  the  aerodynamic  surfaces  closest  to 
the  propeller  slipstream  were  set  up  in  the  tests  (no  tail). 
The  1 :5  scale  propeller  (diameter  =  0,64  m)  Is  considered  to 
be  typical  of  moden;  medium  speed  turboprop  commuter 
aircraft.  Four  different  configurations  were  tested: 

1)  propeller  +  axisymmetrical  nacelle  (no  wing); 

2)  propeller  -f  axisymmetrical  nacelle  +  symnietrical  mid- 
wing; 

3)  propeller  -v  'high'  nacelle  (no  wing); 

4)  propeller  -i-  'high'  nacelle  +  symmetrical  low  wing. 

Each  of  these  configurations  represents  a  selected  test  case 
at  one  and  the  same  power  condition; 
thrust  coefficient  Cj  =  0,23 
power  coefficient  Cp  =  0,23 
advance  ratio  J  =  0.7 
angle  of  attack  a  =  0°  (no  sideslip). 

The  wind  tunnel  measurements  included  wing  and  nacelle 
surface  static  pressures,  propeller  thrust  and  shaft  torque  (by 
means  of  a  rotating  two-component  balance)  and  f.ow  field 
velocities  and  pressures  (by  means  of  a  traversing  five-hole 
probe). 

During  the  tests  there  were  some  concern  about  the  consist¬ 
ency  of  the  rotating  two-component  (thrust  and  torque) 
balance  used.  In  order  to  cheek  this,  the  slipstrean  flow 
field  immediately  downstream  of  the  propeller  disk,  as  mea¬ 
sured  by  means  of  the  radially  traveising  five-hole  probe, 
was  Integrated  for  both  thrust  and  torque  and  good 


agreement  was  found  between  the  balance  values  and  the 
integrated  probe  data.  For  more  details  of  the  comparisons 
between  the  balance  and  probe  measurements,  see  Ref  (4| 
and  |S|. 

The  data  set  included  in  this  report  (on  diskettes)  comprises 
distributions  of  static  pressures  (on  nacelle  and  wing)  and 
>lipstrcam  flow  field  data  (three  velocity  components,  total 
and  dynamic  pressures)  in  a'  least  three  axial  planes 
(perpendicular  to  the  propcilci  .ixis)  obtained  by  means  of 
radially  traversing  five-hole  pressure  probe.  Also  some 
limited  prop/off  data  (surface  pressure  and  flow  field  data) 
arc  included  in  the  data  set. 

The  original  test  programme  also  included  variation  of  an¬ 
gles  of  attack  and  sideslip  and  variation  of  the  propeller 
power  setting  (thrust,  power  and  advance  ratio),  but  no 
results  from  this  are  included  in  the  data  set.  These  data  can 
however  be  made  available  from  FFA  upon  request. 
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nCURECAFTIONS 
TABLES 
RGURES 
4  DATA  DISKS: 

No.  1:  AGARD  WG-14,TESTCASE:SW-4(1) 
No.  2:  AGARD  WG-14,  TEST  CASE:  SW-4  (2) 
No.  3:  AGARD  WG-14,  TEST  CASE:  SW-4  (3) 
No.  4:  AGARD  WG- 1 4,  TEST  CASE:  SW-4  (4) 

DISK  DATA  DESCRIPTION 


GENERAL  DESCRIPTION 


Model  name  or  designation 
Model  type,  flow  conditions 


Design  requirements,  purpose  of  test 
Dominant  flow  physics  (see  Figures  la,b) 

Additional  remarks 

DETAILS  OF  MODELS 
General  geometric  arrangement 
Various  configurations 


Wing  and  airfoil  data 

2.3.1  Planform 

•  Aspect  ratio 

•  Taper  ratio 

•  Leading  edge  sweep 

•  Trailing  edge  sweep 

•  Twist  distribution 

•  Semispan 

•  Details  of  wing  tip  geometry 

•  Details  of  nacelle/wing  junction 

2.3.2  Basic  wing  section 

•  Airfoil  shape 

•  Thickness  chord  ratio 
« Nose  radius/chord 

2.3.3  Other  components  on  wing 

Body  data 

Information  on  fins,  canard  wings  and/or 
vertical/horizonlal  tal  surfaces 

Enginc/pylon/nacelle  data 

2.6.1  Engine 

2.6.2  Pylon 

2.6.3  Nacelle 


Geometric  definition  of  all  components 

« Is  shape  analytically  or  numerically 
specified? 

*  Design  or  measured  coordinates 


LOW  SPEED  PROPELLER  SLIPSTREAM  AERODYNAMIC 
EFFECTS 

Isolated  nacelles  (axisymmctrical.  high) 

Nacelle/wing  (symmetrical)  combinations 

Propeller  (scale  1:5)  (model  propeller  diameter  =0.64  m) 

Subsonic  frcesircam:  50  m/s 

Propeller  power  setting:  N  =  6650  RPM,  Cr=  0.23,  Cp  = 
=0.23.  J  =  0,7 

Investigation  of  high  power  slipstream  induced  aero¬ 
dynamic  effects  (asymmetrical  loads)  on  nacelle  and  wing. 

Complex  interaction  of  the  swirling  propeller  slipstream 
(with  increased  total  pressures  and  velocities)  with 
downstream  located  aerodynamic  surfaces. 

Propeller  thrust  and  torque  measured  by  means  a  rotating  2- 
component  balance. 

Surface  static  pressure  measurements  (nacelle  and  winp). 
Some  prop/off  measurements  exist  (  static  pressures  and 
flow  field  surveys). 


See  Figure  2 

Four  different  nacelle/wing  combinations,  sec  Figure  3: 
CONFI:  isolated  axisymmctrical  nacelle 
CONF2:  axisymmctrical  nacelle  with  symmetrical  mid¬ 
wing 

CONF3:  isolated  high  nacelle 

CONF4:  high  nacelle  with  symmetrical  low  wing 

See  Figure  4 
Rectangular 
4.12 
1.0 
0“ 

0” 

No  twist 

1,03  m  (span=2.06  m) 

Hoerner  tip 

No  blending  (only  tape  fairing) 

NACA  63(|0)A-O12  (scaled  up  NACA  63A-010) 

See  Figure  4 
12  % 

1,068  % 

None 

-(not  applicable) 

-(not  applicable) 


Hydraulic  propeller  drive  motor  (located  inside  nacelle) 
None 

See  Figure  Sa  for  geometry,  Figure  5b  for  nacelle  coordi¬ 
nates.  Note:  the  middle  part  of  the  high  nacelle  (CONF3  and 
CONF4)  is  composed  by  plane  sides  (completely  faired-off 
air  inlet) 

Numerically 

Design  (nominal  coordinates) 
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•  Tolerances 

•  Surface  roughness 

2.8  Model  support  details 

.^.8.1  Sting  and  support  geometry 

2.8.2  Special  features  of  mounting 


3  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

3.2  Organisation  running  the  tunnel 


3.3  Tunnel  characteristics 

•  Type  of  tunnel 

•  Indicate  operating  envelope 

•  Minimum  run  lime 

3.4  Test  section 

3.4.1  Model  mounted  in  the  lest  section 

3.4.2  Test  section  dimensions 

3.4.3  Wall  geometry  details 

•  Type  of  walls 

•  Open  area  ratio 

•  Are  wall  pressures/wall  displacements 
measured? 

•  Boundary  layer  control  on  walls 

•  Typical  wall  boundary  layer  displace¬ 

ment  thickness 

3.5  Freesiream  conditions 

3.5.1  How  are  reference  flow  conditions  deter¬ 
mined  for: 

•  Total  pressure 

•  Static  pressure 

•  Static  temperature 

3.5.2  Tunnel  calibration 

•  How  was  the  tunnel  calibrated? 

•  Date  of  latest  calibration 

3.6  Flow  quality  (empty  tunnel) 

3.6.1  Flow  uniformity 

•  Static  pressure  variations  over  model 
length  and  span 

•  Velocity  varition  during  a  run 

•  How  is  average  flow  angularity  deter¬ 
mined? 

>  Variation  of  flow  angularity  over  the 
model  length  and  span 


3.6.2  Temperature  variation 

•  Can  the  temperature  be  controlled  dur¬ 
ing  a  run? 

•  Variation  within  the  tunnel 

•  Variation  over  a  run 


Estimated:  Nacelle  ±1  mm  (shape).  ±3  mm  (position); 
wing:  K).5  mm  (shape),  ±1°  (sweep  and  dihedral) 

Estimated:  Nacelle  and  wing:  ±U.I  mm 


See  Figures  6a,b 

Steel  lubes  for  hydraulic  oil  inside  the  aft  sting.  Hydraulic 
hoses  connected  to  the  sling  steel  tubes  at  rearmost  end  of 
the  sting  frame.  The  hydraulic  hoses  were  drawn  vertically 
from  the  rear  end  rrf  the  sting  frame  down  through  the  wind 
tunnel  floor  to  a  hydraulic  pump. 


FFA  Low  Speed  Wind  Tunnel  LTI 

FFA  (Flygickniska  Fdrsbksanstalten), 

The  Aeronautical  Research  Institute  of  Sweden 


Low  speed  closed  circuit  wind  tunnel  with  drive  fan  (electri¬ 
cal  motor) 

Maximum  speed  =  85  m/s 
No  lime  limits 


See  Figure  7 

Circular,  diameter  3.6  m.  length  8  m 

Solid 

“Zero 

No 

None 

0.01-0.02  m  (estimated) 


Total  pressure  =  static  pressure  +  dynamic  pressure 
Test  section  static  pressure  is  equal  to  atmospheric  (ambi¬ 
ent)  pressure:  the  test  section  is  ventilated  to  atmosphere 
By  means  of  measured  total  temperature  (temperature  probe) 

By  means  of  flow  field  surveys  in  the  test  section  (flow 
angles  and  dynamic  pressures) 

1982 


Propeller  disk:  “±0.25  %  of  free  streani  dynamic  pressure 
Nacelle  length:  “  0.5  %  of  free  stream  dynamic  pressure 
Wing  span:  “  0.9  %  of  free  stream  dynamic  pressure 
“0.5% 

Average  of  flow  angles  over  model  span  and  length 

Propeller,  nacelle  length:  IAal,IApi£0.3° 
wing  span:  IAal,IApiS0.5° 

No 

Not  known 

Dependent  on  run  time,  typical  increase:  less  than  5°C 
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3.6.3  Flow  unsteadiness 

•Overall  turbulence  level 
•Overall  noise  level  (Cp-RMS) 

4  INSTRUMENTATION 

4.1  Model  position 

4.1. 1  How  is  geometrical  incidence  .measured? 

4.1.2  Accuracy  of  geometrical  incidence 

4.2  Model  pressure  measurements 

4.2.1  Total  number  and  disposition  of  pressure 
holes 


4.2.2  Range  and  accuracy  of  pressure  transducers 

4.2.3  Are  dynamic  pressures  measured? 

4.3  Force  and  moment  measurements 

4.3.1  Type  and  locations  of  balancc(s) 


4.3.2  Indicate  maximum  range  and  accuracy  of 
all  components 


4.4  Boundary  layer  and  flow  field  measurement 

4.4  I  Measurement  technique 

4.4.2  Flow  regions  Investigated 

4  4.3  Probe  details  and  probe  support 

4..S  Surface  flow  visualization 

4.6  Flow  field  visualization 

4.7  Tunnel  wall  measurements 

4 . 8  Other  measurements  and/or  instrumentation  used 


5  TEST  MATRIX  AND  CONDITIONS 

S.l  Detailed  test  matrix 

S.I.I  Number  of  selected  test  cases 
S.  1 .2  Number  of  configurations  tested 
(selected  cases  only) 

5.1.3  Test  case  information 

•  test  case  number 

•  configuration 

•  veiocity 

•  dynamic  pressure  q 

•  Reynoids  number 

•  model  attitude  (a,  p,  etc.) 

•  type  of  measurement 

•  additional  remarks 


5.2  Model/tunnel  relations 

5.2.1  Maximum  blockage 


=0.25% 
Not  known 


By  means  of  a  potentiometer  mounted  on  the  model  support 

link  system 

0.1°  (approximately) 


CONFl  :  96  laps  on  nacelle  (Fig  8a) 

CONF2:  94  taps  on  nacelle  and  96  taps  on  wing  (Fig  8b, 10) 
CONF3:  144  laps  on  nacelle  (Fig  9a) 

CONF4:  144  taps  on  nacelle  and  96  taps  on  wing  (Fig 
9b, 10) 

Range:  ±17.5  kPa.  accuracy:  "=0.1  %  FS 
No 


Propeller  balance  (2  components:  thrust  and  torque)  located 
inside  the  spinner.  The  balance  is  rotating  with  the  propel¬ 
ler  and  the  balance  signals  are  transmitted  by  means  of  slip 
rings. 

Thrust:  maximum  :  I0(X)  N 
accuracy:  ±  20  N 
Torque:  maximum:  lOONm 
accuracy:  ±2Nm 

5-hole  pressure  probe 

Three  axial  planes  downstream  the  propeller  disk  (ID.  525 
and  925  mm  axial  distances  from  the  disk),  see  test  matrix. 
See  Figures  I  la.b.c.d.e  (including  calibration  details) 

None  carried  out 

None  carried  out 

None  carried  out 

Tachometer  for  propeller  RPM;  accuracy  of  propeller  RPf  I 
control  system  :  ±  15  RPM 


4 

4 

1 

I 

I 

}  See  Table  1 

I 

J 

surface  pressures 
flow  field  data 

limited  amount  of  prop/off  data 


A/C=  0.10%  (CONFl) 
0.38%  (CONF2) 
0.95%  (CONF3) 
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5.2.2  Model  span/lunnci  diameter 

5 . 2 . 2 . 1  Propeller  diameler/tunnel  diameter 

5.2.3  Wing  arca/tunnel  cross  section 

5.2.4  Height/chord  ratio  (2-D  only) 

5.2.5  Width/chord  ratio  (2-D  only) 

5.2.6  Have  adiabatic  wall  temperatures 

5.3  Transition  details 

5.3.1  Was  the  test  made  with  free  or  fixed 
transition? 

5.3.2  Details  of  free  transition 

•  where  did  natural  transition  take  place? 

5.3.3  Details  of  fixed  transition 


1.65  %  (CONF4) 

Aprop/C=  3.16  % 

(A:  cross-sectional  area  of  configuration  at  a  =  0°) 
C:  wind  tunnel  cross  section  area; 

Aprop-  propeller  disk  area  =  0.322  m^) 

0.57  (CONF2.  CONF4) 

0.178 

O.IO(CONF2.CONF4) 


Free  (not  known  whether  this  fact  had  any  particular  signi¬ 
ficance  for  results  obtained) 

Not  known 
Not  applicable 


6  DATA 

6.1  Availability  of  data 

6.1.1  Organization  owning  the  data 

6.1.2  Who  is  responsible  for  the  data 

•  name  and  title 

•  address 


•  telephone  and  fax  numbers 

6.1.3  Are  data  freely  available? 

6.1.4  If  not,  who  should  be  contacted? 

6.2  Suitability  of  data  forCFD  validation 

6.2. 1  Arc  data  suitable  for  ''in-tunnel"  calcula¬ 
tion? 

6.2.2  Are  data  corrected  to  simulate  "free-air  "- 
condition? 

6.3  Type  and  form  in  which  data  are  available 

6.3.1  Type  and  form  (refer  to  table  II) 

6.3.2  Data  carrier  (printed,  tape,  floppy  disk) 

6.3.3  Extent  of  geometry  data 

6.3.4  Extent  of  aerodynamic  test  data 

6.4  Corrections  applied  to  data 

6.4.1  Lift  interference  and  blockage  correc¬ 
tions 

•  are  data  considered  globally  conecta- 
ble? 

•  type  of  correction  method  applied 

•  specify  what  data  are  actually  corrected 
and  indicate  order  of  magnitude 


6.4.2  Side  wall  interference  corrections 

6.4.3  Half  model  corrections 

6.4.4  Sting  and  support  interference 

6.4.5  Aero-elastic  deformation 

6.4.6  Other  corrections  (c.g.  flow  unsteadi¬ 
ness,  empty  test  section  flow,  intrusive 
effects  of  measuring  equipment,  etc.) 


FFA.  The  Aeronautical  Research  Institute  of  Sweden 

Ingemar  Samuelsson,  Senior  Research  Scientist 

Flygtekniska  F6rs6ksanstalten  (FFA) 

Aerodynamics  Department 

P.O.  Box  1 1021 

S-I6I  II  Bromma 

SWEDEN 

phone:  +46  8  634  1000  (ext,  1 132) 
fax:  +46  8  253481 

No 

Sec  6,1.2 


No 


See  table  II 

Floppy  disks  (4  of  them) 
20  kB 
4  35  MB 


Yes 

Classical  (Prandtl-Glauert  compressibility  correction. 
Glauerts'  wind  tunnel/propellcr  interference  correction) 

Free  stream  velocity:  -2  % 
advance  ratio:  -2  % 
flow  field  velor  dies:  -2  % 


Not  known 
Not  known 


None  applied 


DATA  ACCURACY  AND  REPEATABI- 
MTY  ASSESSMENT 


Estimate  accuracy  of: 

7. 1 . 1  Free  stream  conditions 

•  Mach  number 

•  flow  velocity 

•  model  incidence 

7.1.2  Measured  data 

•  forces  and  moments 

•  pressure  coefficients 

•  flow  field  data 


Repeat  measurements 

7.2. 1  Type  and  number  of  repeat  measurements 
within  one  test  campaign 

7.2.2  Type  and  number  of  repact  measurements 
in  successive  test  campaigns 


Redundant  measurements 


±0.5  % 

±0.5  “ 

±3% 

±  0.06(within  the  slipstream) 
±  0.03  (outside  the  slipstream) 
velocity:  ±  3  % 
flow  angles:  ±  1.5  " 
pressure  coefficients:  ±  0.06 


None 

I  repeat  measurement  (flow  field  survey  along  a  particular 
radius,  see  Figure  12  for  example) 

None  carried  out 


Other  tests  on  the  same  (nominal)  model  None  carried  out 

Additional  remarks  Test  of  flow  axisymmetry,  see  Figure  13 
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LIST  OF  SYMBOLS 


FIGURE  CAPTIONS 


A  area,  [m^] 

c  wing  chord  =  0.500  m 

Cfcf  reference  chord  =1.672  m 

C  wind  tunnel  cross-sectional  area  =  10.18 
Cp  pressure  coefficient  =  (p-p  oo 

Cp  power  coefficient  =  (propeller  powcr)/(pn^D^),  (-] 

Cx  thrust  coefficient  =  (propeller  thrust)/(pn^D‘*),  |-1 

D  propeller  diameier  =  0.64  m 

Fa.  Fh. 

Fp.  Fq  5-holc  probe  calibration  pressure  coefficients,  [-) 
IHOLE  pressure  tap  number,  (-] 

J  advance  ratio  =  Uoo/(nD),  [-] 

Mach  Mach  number  =  U~/(speed  of  sound).  (-) 
n  propelier  rotationai  speed.  RPS,  [I/s] 

nx.ny,  components  of  unit  normal  vector  (pointing  out- 
nj,  wards,  [-] 

N  propeller  rotational  speed,  RPM,  [l/min] 

p  pressure,  [Pa] 

P  propeller  power  =Q<o,  (W] 

qoo  free  stream  dynamic  pressure  =  0.5p„oUt,o^,  (Pa] 

Q  propeller  shaft  torque.  [Nm] 

Re  Reynolds  number  =  pooUooCref/)l«..  I-] 

Rp  propeller  radius  =D/2  =  0.32  m 

r  radius,  [m] 

swirl  swirl  angle  =  -  arclan(ut/ux).  [radians] 

T  propeller  thrust,  [N] 

Ux.Uf,  flow  velocity  components  in  cylindrical  coordi- 
Uf  nates,  [m/s] 

Uoo  free  stream  velocity,  [m/s] 

x,r.9  cylindrical  coordinates,  [m,m  ,  radians] 

x,y,z  Cartesian  coordinates,  [m] 

X,Y,Z  force  components  in  (x.y.z)  coordinate  system 
(positive  force  direction  in  resp,  axis  positive 
direction),  [N] 

a  angle  of  attack,  [°  or  radians] 

a.ig  S-hole  calibration  angles,  [°] 

P  angle  of  sideslip,  [°  or  radians] 

P  75  propeller  pitch  at  75  %-radius  (0.75  Rp),  [°] 

Poo  free  stream  dynamic  viscosity.  [kg/(ms)] 

poo  free  stream  density,  [kg/m^] 

to  propeller  angular  velocity,  [radians/s] 

Subsciipts 

1, 2. 3,4  pertaining  to  nacelle  geometry  definition 

aver  average  (aritmetic  mean) 

min  minimum 

x,r,t  axial,  radial  and  tangential,  respectively 
t.tot  pertaining  to  total  (stagnation  )conditions 

prop  pertaining  to  propeller 

°o  free  stream  conditions 


FIgura  la  Dominant  (low  phyalca: 

complax  Intaractlon  of  tha 
awirling  propallar  allpatraam 
(with  Incraaaad  total  praaauraa 
and  valocitlaa  )  with  down- 
atraam  aarodynamic  aurfacaa 
FIgura  1b  Dominant  (low  physics: 

complax  Interaction  of  the 
swirling  propeller  slipstream 
(with  Increased  total  pressures 
and  velocities  )  with  down¬ 
stream  aerodynamic  surfaces 
Figure  2  General  geometric  arrangement 

Propeller+spinner,  nacelle  and 
wing 

Figure  3  Tested  model  nacelle/wing  con¬ 

figurations 

Figure  4  Wing  and  aerofoil  data 

Figure  5a  Nacella/spinner  geometry 

(CONF4).  Coordinates  are 
given  In  Figure  5b 

Figure  5b  Nacelle  geometry  definition 

(Including  propeller  spinner) 
Figure  6a  Sting  and  support  geometry 

Figure  6b  Sting  and  support  geometry 

Figure  7  Model  mounted  in  the  wind 
tunnel  LT1 

Figure  8a  Nacelle  pressure  tap  location 
and  numbering  (CONF1) 

Figure  8b  Nacelle  pressure  tap  location 

and  numbering  (CONF2) 

Figure  9a  Nacelle  pressure  tap  location 

and  numbering  (CONF3) 

Figure  9b  Nacelle  pressure  tap  location 
and  numbering  (CONF4) 

Figure  10  Wing  pressure  tap  locations 

(on  both  sides  of  wing) 

Figure  11a  Five-hole  probe  layout 

Figure  11b  Five-hole  probe  cranked  sting 

Figure  11c  Five-hole  probe  calibration 

set-up 

Figure  lid  Five-hole  probe  calibration 

scheme  and  a'-\|/  map 
Figure  lie  Five-hole  probe  traversing 

mechanism 

Figure  12  Examples  of  test  repeatability 

(CONF1) 

Figure  13  Slipstream  characteristics 

(CONF1).  Test  of  axisymmetry 
(nominal  axisymmetrical 
geometry  and  onset  flow) 
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1  IDENTIFICATION 

FLOW  CONDITIONS 

PROPELLER  WORKING 

POSITION 

OTHER  INFORMATION 

P-M 

COj 

qDTTO 

NS 

CASE 

CONK 

U«, 

Mach 

q- 

Kc 

N 

P75 

J 

cr 

Cp 

a 

>'probe 

type  of  mea- 

Remarks 

NO. 

(m/s) 

(kPa) 

(10^ 

(RPM) 

(“J 

(°) 

(mm) 

surement 

surface  pres- 

Prop/on/off 

1 

1 

50 

0.15 

1.5 

1,7 

6650 

29 

0.7 

0.23 

0.23 

0 

IIS 

sures,  flow 

(prop/off: 

525 

field  survey 

no  flow 

925 

field  data) 

10 

surface  pres- 

Prop/on/off 

2 

2 

50 

0.15 

1.5 

1.7 

6650 

29 

0.7 

0.23 

0.23 

0 

525 

sures,  flow 

(prop/off: 

925 

field  survey 

no  flow 

field  data) 

10 

surface  pres- 

Prop/on/off 

3 

3 

50 

0.15 

1.5 

1.7 

6650 

29 

0.7 

0.23 

0.23 

0 

525 

sures,  flow 

(prop/off: 

925 

field  survey 

no  flow 

field  data) 

10 

surface  pres- 

Prop/on/off 

4 

4 

50 

0.15 

1.5 

1.7 

6650 

29 

0,7 

0.23 

0.23 

0 

525 

sures.  flow 

(prop/off: 

925 

field  survey 

no  flow 

= 

field  data) 

TABLE  I  TEST  MATRIX  AND  CONDITIONS 


DATA 

ENGINEERING 

UNITS 

COEFFiaENTS 

NORMALIZED 

UNCORRECTED 

(XIRRECTED 

FREECTREAM 

CONDITIONS 

X 

X 

SURFACE 

PRESSURES 

X 

X 

HEAT  TRANSFER 
SKIN  FRICTION 

PROPELLER 

LOADS 

X 

X 

BOUNDARY 
LAYER  DATA 

WAKE  DATA 

FIELD  DATA 

X 

X 

TEST  SECTION 
WALL 

PRESSURES 

TABLE  II 


DATA  AVAILABILITY  (TYPE  AND  FORM) 
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Axial  davalopmant  of  proptlltr 
allpstraam  crosa-flow 


VELOCITY  SCALE 


VELOCITY  SCALE 
r  '  > 


CONF2 

U.  c49.3  m/t,  a  s  p  B  0* 

P  75  B  29°,  N  B  6650  RPM 
J  B  0.696,  Ct  s  0.232,  Cp  b  0.242 


Total  praaaure  diatrlbutlon 
(laobar  map) 

Effact  of  angla  of  attack 


I 


pressure  mQ. )  g 


Flow  Hold  aurvoy  at  0.14  propallor 
radlua  downatroam  diatanco  from 
propollor  dlok 

CONF2 

U—  b49.6  m/a,  a  B  0°  and  10°,  p  b  0° 
p.75  B  29°,  N  B  6650  RPM 
J  B  0.699,  Ct  =  0.235,  Cp  s  0.242 


FIgura  la  Dominant  flow  phyaica:  complox  Intoractlon  of  tho 
awirling  propollor  allpatroam  (with  Incroaaod  total 
proaauraa  and  volocitloa)  with  downatroam  locatod 
aorodynamic  aurfaeoa 


vuocinr  tfiu.t 


VELOCmSCALE 


CONF3 


CONF4 


Domlnint  flow  physics:  complsx  Intsrsctlon  of  ths 
swirling  propsllsr  sllpstrssin  (with  Incrssssd  totsi 
prsssurss  snd  vslocitiss)  with  downstrssm  locstsd 
ssrodynamic  surfscss 


Axial  dsvslopmsnt  of  propsllsr 
sllpstroam  cross'flow 

Axial  dsvdiopmsnt  of  propsllsr 
sllpstroam  cross-flow 

VELOCITY  SCALE 

VELOCITY  SCALE 

VIEW  LOOKING 
DOWNSTREAM 


Wingspani 
•  EOfiOmm 
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Wind  Tunnel  Model  Installation  (CONF4) 


Figure  7 
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Figure  11e 


Five-hole  probe  traversing  mechanism 
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Siunmuk 

The  data  presented  in  this  contribution  were  obtained  at  the  Center  for  Rotorcraft  Education  and  Research  at  the  University  of 
Maryland  under  part  of  a  research  program  sponsored  by  the  United  States  Army  Research  Office.  The  experiments  were 
performed  in  several  wind-tunnel  entries  during  the  period  from  June  1988  through  to  June  1990.  The  purpose  of  the 
experiments  was  to  provide  a  better  understanding  into  the  origin  of  rotor/aiiframe  interactional  aerodynamic  effects  that  are 
present  on  helicopters  and  other  rotary  wing  aircraft.  Ihe  measured  results  provide  several  unique  and  challenging  engineering 
test  cases  for  computational  fluid  dynamic  methods  used  to  model  helicopter  rotor  wakes  and  rotor/airframe  interaction 
phenomena. 

latroductlon 

Interactional  aerodynamic  problems  suffered  by  rotorcraft  arise  from  rotor  effects  on  airframe  loads,  and  airframe 
effects  on  the  rotor  loads  and  performance.  These  interactional  effects  are  accentuated  on  conventional  helicopters  by  design 
Vends  toward  the  use  of  higher  rotor  disk  loadings  (higher  thrust  carried  by  less  rotor'area)  and  smaller  clearances  between  the 
rotor  and  the  fuselage.  The  higher  disk  loading  of  smaller  rotors  allows  lighter  blades  and  hub  designs,  with  increased  payload 
capability.  The  correspondingly  lower  moments  of  inertia  also  allow  greater  aircraft  agility/maneuverability.  The  benefits  of 
smaller  rolor/airframe  clearances  are  reduced  hub  drag  in  forward  flight,  and  a  more  compact  aircraft  for  storage  or 
transporution.  However,  these  gains  from  higher  disk  loadings  and  smaller  rolor/airframe  clearances  must  be  balanced  against 
their  effects  on  the  aerodynamic  interactions  between  the  rotor  and  the  airframe. 

One  obvious  effect  of  higher  rotor  disk  loadings  is  increased  slipstream  velocities,  which  increases  the  loads  on  parts 
of  the  airframe  within  the  rotor  wake  boundary.  In  addition,  individual  wake  filaments  impinging  directly  on  the  airlfame  will  be 
stronger,  causing  greater  local  loading.  A  reciprocal  effect  of  the  airframe  on  rotor  loads  and  performance  arises  because  the 
airfraUK  alters  the  rotor  inflow  and  wake  geoowiry.  The  fluid  dynamic  mechanisms  contributing  to  these  aerodynamic 
interactions  are  very  complex,  especially  since  several  contributing  phenomena  are  often  present  at  once.  Until  1988,  the 
mechanisms  responsible  h^  not  bMn  extensively  studied  or  isolated  from  an  experimental  perspective,  and  today  many  aspects 
of  the  problem  still  remain  beyond  the  slale-of-lhe  art  in  theoretical  modeling. 

The  specific  data  presented  in  this  contribution  were  obtained  from  a  study  to  investigate  the  mutual  aerodynamic 
interactions  between  a  four-bladed  fully  articulated  rotor  and  a  belicopler  like  fuselage  (body),  and  between  the  rotor  and  a  fixed 
lifting  surface  (wing).  A  relatively  simple  body  was  chosen  for  the  study  to  provide  a  good  geomeuic  definition  for 
computational  studies,  and  to  minimize  the  possibilities  of  complex  flow  separations/reattacbments  that  would  normally  be 
associated  with  an  actual  helicopter  airframe.  The  lifting  wing  installed  in  the  flow  field  near  the  rotor  provided  a  greater 
challenge  for  these  compulation^  methods.  This  wing  can  represent  the  tailplane  present  on  most  helicopters,  or  the  wing  or 
empennage  of  a  tilt  rotor  aircraft.  The  overall  objective  of  these  tests  was  to  provide  a  further  insight  into  the  possible 
rolor/airframe  interactional  mechanisms,  and  to  allempt  to  isolate  some  of  the  mechanisms  for  comparison  with  CFD  methods. 

Data  were  measured  for  several  different  configurations  including:  the  isolated  rotor,  the  isolated  body,  the  body  with 
hub  rotating  but  without  rotor  blades  attached,  and  the  rotor/body/wing  combination.  A  fust  objective  was  to  obtain  results  for 
the  isolated  components  to  provide  a  solid  basis  for  comparison  with  mathematical  models  of  the  isolated  component  flow 
fields.  Another  objective  wu  to  try  to  isolate  some  of  tte  important  interaction  mechanisms.  To  this  end,  comprehensive 
measurements  were  made  of  the  forces  and  moments  on  the  body,  thrust  and  power  on  the  rotor,  and  time-averaged  and  dynamic 
pressures  on  the  body  and  lifting  surface.  Measurements  were  also  made  of  the  induced  velocities  below  and  behind  the  rotor  in 
forward  flight.  These  quantitative  measurements  were  supported  by  flow  visualization  of  the  rotor  wake  and  the  behavior  of  the 
wake  near  the  airframe  by  using  wide-field  tbadowgra{Ay.  Tests  were  conducted  in  hover  (on  a  hover  tower)  and  in  forward 
flight  (in  a  wind  tunnel)  at  varsous  combinations  of  rotor  thrust,  advance  ratio  and  tip  path  plane  angle  of  attack. 

A  large  part  of  tbit  data  base  is  suitable  for  CFD  validation,  and  a  summary  of  the  measured  data  are  included  in  this 
report.  The  data  are  available  on  request  through  the  Department  of  Aerospace  Engineering,  University  of  Maryland. 


I-  Gcwral  PtitrliUtoR 

1 . 1  Model  Name  or  Designation  University  of  Maryland  Rotor/Airframe  Interaction  Model 

1 .2  Model  Type(t)  Small  scale  (close  to  l/6lh  scale),  four-bladed  articulated  helicopter  rotor. 

Body  of  revolution.  Isolated  low  aspect  ratio  lifting  surface  (wing). 


1.3  Purpose  of  Tesl(t) 


To  examine  the  seiodynaiiiic  interactions  between  a  rotor  and  an  airframe 
(body  and  3-D  wing)  in  hover  and  forward  flight 
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1 .4  Dominant  Flow  Physics 


2.  DetalltofModcHi) 

2. 1  General  Geometric  Atrangement 

2.2  Specific  Configurations  Tested 


Strong  rotor  tip  vortices,  highly  energetic  vortical  wake  that  envelopes  the 
body  and/or  wing.  Vortex/surface  impingement  phenomena. 


See  Figure  I . 

1.  Isolated  body. 

2.  Isolated  rotor. 

3.  Rotor/body  combination. 

4.  Rotor/body  combination  without  blades. 

5.  Rotor  and  isolated  lifting  surface. 

6.  Rotor/body  and  lifting  surface. 


2.3  Rotor  Data 


A  four-bladed,  fully  articulated  rotor  system  was  used  in  the  tests.  Rotor  diameter  was  1 .65  meters  (65  inches).  The  rotor 
consisted  of  a  fully  articulated  hub  with  swashplate,  driveshaft  and  transmission.  The  rotor  blades  were  attached  to  the 
hub  through  coincident  (lap  and  lead-lag  binges.  The  pitch  assembly  of  each  blade  was  connected  to  the  swashplate  by  a 
pitch  link.  Collective  and  cyclic  pitch  angles  were  set  via  remote-control  by  positioning  the  swashplate  by  means  of  thm 
electro-mechanical  actuators.  The  basic  geometric  characteristics  of  the  rotor  and  body  are  summarized  in  Table  I . 


2.3.1  Blade  Planform 

2.3.2  Blade  Taper 

2.3.3  Twist  Distribution 

2.3.4  Rotor  Airfoils 

2.3.5  Distribution  of  Airfoils 

2.3.6  Hub  Components 

2.3.7  Drive  Fairing 

2.4  Body  Data 


The  blades  were  rectangular  planform  with  a  chord  of  6.35  cm  (2.5  in.).  The 
blades  were  made  of  composite  materials  with  a  balsa  wood  core,  and  were 
structurally  very  stiff  relative  to  a  full  scale  rotor  to  help  minimize  aeroelastic 
effects. 

The  blades  were  of  rectangular  planform,  with  no  taper.  However,  tests  have 
also  been  performed  using  blades  with  a  3: 1  taper  over  the  outboard  94%  of 
span  and  of  the  same  thrust  weighted  solidity  u  the  untapered  blades. 

The  blades  incorporated  IT*’  of  linear  nose  down  twist. 

A  distribution  of  NASA  RC(4)-10  and  NACA  RC(3)-I0  series  airfoil  sections 
were  used  on  the  rotor  blades.  The  RC(3)-I0  airfoil  has  high  drag-divergence 
Mach  number  and  a  low  pitching  moment  for  the  tip  sections.  The  RC(4)-10 
airfoils  provided  good  high  lift  capability  for  inboari  parts  of  (he  blade. 

The  distribution  of  rotor  blade  airfoils  is  specified  on  an  engineering  drawing. 
If  specifically  requested,  this  information  can  be  released  as  part  of  the  data 
package. 

The  flap  and  lead/lag  binge  were  coincident  at  a  6.53%  radius  binge  offset. 
The  bub  had  a  nominal  diameter  of  8%  (excluding  blade  attachments)  relative 
to  the  rotor  diameter,  and  about  50%  relative  to  the  body  diameter. 

For  the  isolated  rotor  tests,  the  rotor  transmission  was  covered  with  a 
minimum  body  fairing  (see  Figure  2).  The  effects  of  this  fairing  have  been 
shown  to  provide  only  a  minimal  influence  on  the  rotor  performance  and  the 
resulting  wake  geometry. 


To  keep  the  body  relatively  simple,  but  still  provide  some  challenge  for  CFD  modeling  of  the  flow  field,  the  particular 
body  shape  selected  for  the  current  studies  wu  a  body  of  revolution  with  a  long  tail  boom,  u  shown  in  Figure  1.  The 
possibility  of  flow  separation  on  the  tail  boom  and  other  parts  of  the  airframe  was  considered  in  the  design  of  the  body 
shape.  The  rotor  wake  wu  expected  to  impinge  on  the  tail  boom  at  low  advance  ratios,  producing  locally  high  adverse 
preuure  gradients  and  a  strong  possibility  of  flow  sepvation.  Nevertheless,  to  provide  a  baseline  case,  the  isolated  body 
wu  designed  to  have  mild  adverse  pressure  gradients.  Hie  body  is  one  of  a  family  that  can  be  defuied  theoretically  u  the 
zero  streamline  (hat  exists  when  superimposing  the  potential  functions  of  a  point  3-D  source  and  two  point  3-D  sinks  of 
appropriate  strengths  in  a  uniform  flow.  While  the  body  wu  designed  to  be  relatively  simple,  empbuis  wu  also  placed 
on  keeping  this  body  shiqie,  and  its  location  relative  to  (be  rotor,  reasonably  representative  of  a  real  helicopter. 


2.4.1  Body  Length 

2.4.2  Cross-sectional  Details 

2.4.3  Rolor/Body  Spacing 


The  total  length  of  the  body  wu  1 .94  m  (76.5  in.) 

Body  maximum  diameter  wu  0.254  m  (10.0  in.).  Body  taper  ratio  wu  2.5:1, 
matog  the  dianwler  of  the  tailboom  0.102  m  (4.0  in.)  ■  see  Figure  1. 

The  gracing  between  the  rotor  bub  plane  and  the  longitudinal  centerline  of 
body  wu  29%  of  rotor  radius. 
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2.S  Lifting  Surface  (Wing)  Data 

A  lifting  surface  (wing)  was  mounted  horizontally  in  the  flow  field  to  model  the  interactional  effects  between  the  rotor 
and  a  horizontal  stabilizer  on  a  helicopter  or  wing  or  empennage  of  a  tilt  rotor  -  see  Figure  3.  The  tests  were  performed 
with  the  wing  in  four  different  positions  relative  to  the  rotor. 

2.S.  1  Planform  Wing  was  rectangular,  wiih  en  aspect  ratio  of  2,  square  cut  tips. 

2.5.2  Twist  Distribution  Untwisted. 

2.5.3  Airfoil  NACA00I4 


2.6  Geometric  Definition  of  all  Components 


2.6.1  Rotor  Geometry 

2.6.2  Body  Geometry 

2.6.3  Lifting  Surface  (Wing) 

2.6.4  Tolerances 

2.6.5  Surface  Roughness 


See  Section  2.3 

The  body  geometry  is  prescribed  numerically.  Coordinates  for  the  body 
revolution  are  given  in  the  data  package. 

The  geometry  of  the  lifting  surface  is  numerically  prescribed  from  the  NACA 
(Mid  airfoil  shape. 

The  body  had  a  surface  tolerance  of  ±  0.5  mm.  The  wing  geometry  had  a 
surface  tolerance  of  ±  0.25  mm. 

The  model  surfaces  were  aerodynamically  smooth  with  no  artificial  roughness. 


2.7  Model  Support  Details 

The  complete  rotor  and/or  body  assembly  was  mounted  on  a  single  tubular  support  that  was  hinged  under  the  wind 
tunnel  floor  •  see  Figure  4.  This  arrangement  allowed  the  whole  rotor  and  body  assembly  to  be  tilted  in  unison  to 
simulate  forward  flight  conditions.  The  shaft  angle  was  varied  remotely  using  a  hydraulic  actuator  connected  to  the 
support,  which  enabled  shaft  angles  of  ±  10  degrees  to  be  obtained,  if  required.  The  wing  was  mounted  separately  on  a 
single  tubular  support,  and  was  set  to  an  incidence  of  zero  degrees  relative  to  the  free-stream  flow. 


3.  General  Tunnel  Information 


3. 1  Tunnel  Designation 

3.2  Organization  Running  Tunnel 

3.3  Tunnel  Characteristics 

3.3.1  Type  of  Tunnel 

3.3.2  Operating  Envelope 
3.3.4  Maximum  Run  Time 

3.4  Test  Section 


Glenn  L.  Martin  Wind  Tunnel  (GLMWT)  of  the  University  of  Maryland. 
Department  of  Aerospace  Engineering,  University  of  Maryland. 

Subsonic.  Closed-return. 

The  speed  range  in  the  test  section  is  2  m/s  (6  fl/s)  to  l(X)  m/s  (320  ft/s). 
Continuous  operation  is  possible  up  to  the  maximum  speed. 


3.4.1  Arrangement  The  general  arrangement  of  the  rotor/body  model  in  the  wind  tunnel  test 

section  is  shown  in  Figure  4. 

3.4.2  Test  Section  Dimensions  Test  section  dimensions  are  3.36  m  (1 1.04  ft)  wide  by  2.36  m  (7.75  ft)  high  by 

3.96  m  (13  ft)  long  with  25.4  cm  (10  in.)  flUets  in  the  four  comers. 

3.4.3  Wall  Geometry  Details  The  lest  section  has  non  porous  walls.  The  external  walls  have  steel  plates 

installed  for  rotor  testing.  Glass  windows  and  rectangular  slots  provide  for 
optical  access  for  laser  or  shadowgraph  equipment  The  complete  ceiling  and  a 
large  part  of  the  floor  of  the  test  section  can  be  removed  for  hover  or  low 
advance  ratio  testing,  if  required.  There  are  rows  of  pressure  taps  on  the 
ceiling  and  both  side  walls  to  measure  the  wall  pressure  signatures. 

3.3  Freeslream  Conditions 


Referenoe  flow  conditions  were  deteimined  from  the  pressure  difference 
between  an  oriflee  ring  in  the  settling  chamber  and  an  oriflee  ring  at  the 
leading  edge  of  the  lest  section.  Static  pressure  wu  very  close  to  atmospheric. 
Temperature  wu  meuured  in  the  settling  chamber. 


3.5.1  Reference  Flow  Conditions 


3.S.2  Tunnel  Calibration 


3.5.3  Date  of  Last  Calibration 


3.6  Flow  Quality 


3.6.1  Uniformity 


3.6.2  Temperature  Variation 


4.  Instrumentation 

4.1  Model  Position 


4.1.1  Geometrical  Incidence 

4.1.2  Accuracy  of  Incidence 

4.2  Body  Pressure  Measurements 

4.2.1  Number  and  Disposition 
of  Static  Pressure  Taps 


4.2.2  Number  and  Disposition 
of  Pressure  Transducers 


4.2.3  Range  and  Accuracy  of 
Itoaure  Transducen 


The  tunnel  was  calibrated  against  a  standard  pitot  tube  that  has  a  known 
calibration  factor.  The  flow  uniformity  was  measured  with  a  rake  of  static 
probes  spaced  30.5  cm  (12  in.)  apart,  located  at  30.5  cm  in'ervals  in  the 
vertical  dimension.  The  static  pressure  variation  in  the  sttea^twise  direction 
was  measured  with  a  static  pipe  and  by  comparison  with  the  ceiling  pressures. 

The  tunnel  was  last  calibrated  in  1980  for  full  flow  uniformity.  It  has  been 
checked  against  a  standard  pitot  tube  for  dynamic  pressure  calibration  at  least 
once  each  year. 

Overall  turbulence  level:  0.21  %  (turb.  factor  1.05).  Overall  noise  level:  88  dB 
measured  in  the  flow  at  test  section  speed  of  30.5m/s  ( 100  ft/s).  No  boundary 
layer  conuol  for  these  experiments.  Typical  floor  boundary  layer  displacement 
thickness:  I  cm. 

Static  pressure  variation  over  model  length  and  span:  less  than  ±0.5%  free- 
stream  dynamic  pressure  (q^).  Dynamic  pressure  variation  over  model  length 
and  span:  less  than  ±0.3%q^.  Dynamic  pressure  variation  less  than  1%. 
measured  simultaneously  with  force  and/or  pressure  measurements.  Flow 
angularity  measured  by  7  bole  probes  and  by  calibration  wing.  Flow  angularity 
less  than  ±0.25  degrees  over  model  span. 

Temperature  is  not  controlled,  and  varies  during  a  run  depending  on  the 
heating  rate.  For  these  tests  it  varied  less  than  1  degree  Celsius  as  measured 
in  the  settling  chamber. 


The  support  post  for  the  rotor/body  model  was  installed  at  the  geometric 
center  of  the  lest  section.  The  distance  from  the  body  centerline  to  the  ninnel 
floor  was  1.18  m  (3.87  fl)  and  the  distance  from  the  rotor  hub  center  to  the 
floor  was  1.424  m  (4.67  ft)  -  see  Bgure  4. 

Model  geometric  incidence  angle  (shaft  lilt)  was  measured  using  a  calibrated 
potentiometer  mounted  at  the  support  post  hinge. 

The  accuracy  of  the  shaft  tilt  was  ±0.01  degrees. 


Body:  A  total  of  142  static  pressures  were  measured  on  the  body.  These 
pressure  taps  were  distributed  in  three  longitudinal  rows  and  at  two 
circumferential  rings,  as  shown  schematically  by  Figure  5.  One  row  was 
located  on  the  top  centerline,  with  other  rows  on  each  side.  All  41  taps  along 
each  row  were  uniformly  spaced  based  on  surface  arc  length.  At  the  two 
circumferential  localioru,  31  pressure  taps  were  used  (one  forward  ring  with 
15  laps  and  one  aft  ring  with  16  taps).  The  actual  tap  locations  are  available  as 
part  of  the  data  package. 

Wing:  A  total  of  30  static  pressures  were  measured  on  the  lifting  surface 
(wing).  These  pressure  taps  were  located  at  30%.  60%  and  80%  of  span.  The 
actual  tap  locations  on  the  wing  ate  available  as  part  of  the  data  package. 


Body:  Unsteady  (dynamic)  pressiaes  were  measured  on  the  body  surface  using 
dynamic  pressure  transducen.  Two  bodies  were  used  for  these  tests.  On  the 
fust  body,  21  pressure  transducers  were  distributed  over  the  body.  The 
transducer  loc^ons  ate  shown  schematically  in  Figure  6.  On  the  second  body, 
32  transducen  were  used,  which  were  concentrated  over  the  tail  region,  at 
shown  in  Figure  7.  In  each  cate,  the  actual  transducer  locations  ate  available 
as  part  of  the  data  package. 

Wing:  Unsteady  pressures  were  measured  on  the  lifting  surface  at  30  locations 
and  at  25%,  65%  and  8S%  of  apan.  The  actual  transducer  locations  on  the 
wing  are  avaiiabie  u  part  of  the  data  package. 

Electromechanical  scani-valvea  were  used  for  static  pressure  measurements  on 
the  body.  Typically,  the  acani-valves  had  pressure  senton  with  a  range  of 


0.3626  kPa  (2.5  Ibfin^)  and  with  a  net  measuring  accuracy  of  ±7.25.10''*  kPa 
(±0.(X)5  Ibrin^).  Tunnel  total  pressure  and  dynamic  pressure  were  measured  by 
each  valve  and  used  as  reference  pressures.  Static  pressure  measurements  on 
the  wing  were  made  using  a  multi-channel  modular  pressure  Uansducer 
system.  These  nnodules  contained  miniature  quartz  pressure  transducers, 
analog  multiplexers  and  analog  to  digital  converters.  A  miniature  pneumatic 
valving  system  in  each  module  permitted  rapid  on-line  calibration  and  re- 
zeroing  of  the  pressure  sensors.  This  capability  was  essential  to  maintain 
measurement  accuracy  over  ctnisiderable  tunnel  run  timet.  Frequent  on-line 
calibrations  enabled  measurements  of  the  static  and  dynamic  pressures  to  be 
made  to  less  than  7.5  Pa  (0.001  Ib/in^)  with  high  repeatability.  The  dynamic 
pressure  transducers  used  for  unsteady  pressure  measurements  had  a  range  of 
±  0.145  lcPa(±l  IbAn^).  and  a  combined  linearity  and  hysteresis  of  ±0.1%  of 
full-scale. 

4.3  Force  and  Moment  Measurements 

4.3. 1  Balances  Two  independent  strain-gage  balances  were  used  to  measure  the  rotor  and 

body  loads.  The  rotor  balance  was  a  six-component  strain-gage  balance,  which 
measured  rotor  lift,  side-force,  axial-force,  pitching  moment,  rolling  moment 
and  yawing  moment.  The  body  balance  was  a  three-component  strain-gage 
balance,  which  was  used  to  measure  the  body  lift,  drag  and  pitching  moment. 
Both  rotor  and  body  balances  were  mounted  independently.  Rotor  torque  was 
measured  using  a  torque  disc  insbnunented  with  a  strain-gage  bridge  and 
attached  to  the  rotor  shaft  The  rotor  balance  was  isolated  from  the 
transmission  by  means  of  a  flexible  diaphragm  coupling. 

4.3.2  Range  and  Accuracy  The  maximum  range  and  accuracy  of  each  component  of  the  rotor  and  body 

balances  arc  given  in  Table  3. 

4.4  Row  Field  Measurement  Technique 

An  array  of  four  miniature  seven-hole  pneumatic  probes  were  used  to  measure  total  pressure,  static  pressure  and  flow 
angularities  in  the  rotor  wake.  The  probes  were  mounted  on  a  computer  controlled  traverse  system. 

4.4.1  Row  Regions  Investigated  The  flow  fteld  was  ntcasured  over  a  28  by  16  point  grid  on  both  the  left  and 

right  band  sides  of  the  rotor,  giving  a  total  of  896  points  in  one  horizontal 
rrteasuretrtent  plane.  Three  planes  were  surveyed  at  heights  of  1 .03  m.  1.16m 
and  1.29  m  relative  to  the  wiitd  tunnel  floor,  or  heights  of  z/R  ^  -0.14,  -0.29 
and  -0.45  relative  to  the  rotor  bub  center.  The  actual  measurement  coordinates 
ate  available  as  part  of  the  data  package. 

4.4.2  Probes  The  seven-hole  probes  were  manufactured  from  seven  stainless  steel 

hypodermic  tubes  inserted  into  a  larger  stainless  lube.  The  inner  tubes  bad  an 
inside  diameter  of  0.07  mm  with  a  wall  thickness  of  0. 13  mm.  The  lubes  were 
silver  soldered  logellier  and  machined  to  provide  a  25  degree  half  angle  at  the 
tip.  The  resulting  probes  bad  a  diameter  of  about  3  mm.  The  probes  were  then 
calibrated  to  angularities  of  ±  70  degrees  in  three  mutually  perpendicular 
directions. 

4.4.3  Probe  Supports  Four  probes,  spaced  15.24  cm  (6  in)  apart  were  mounted  on  a  Uaversing 

system  which  was  secured  to  the  wind  tunnel  floor.  To  insure  that  the  probes 
were  kept  well  within  the  calibrated  angularity  limits  (conservatively  ±  50 
degrees)  when  traversing  the  rotor  flow  Field,  they  were  pitched  to  an  angle  of 
30  degrees  relative  to  the  free-stream  flow.  The  probes  were  traversed  in  the 
tunnel  horizontal  reference  plane  in  increments  of  7.62  cm  (3  in).  Three 
horizontal  planes  below  the  rotor  were  surveyed. 

4.4.4  Pressure  Measurements  The  probe  pressure  measurements  were  made  using  the  multi-channel  modular 

pressure  transducer  system  described  in  Section  4.2.3. 

4.5  Surface  Row  Visualization  Due  to  the  highly  unsteady  nature  of  the  flow  Field  in  this  experiment,  no 

surface  flow  visualization  was  performed. 


The  wide-FteM  shadowgraph  technique  was  used  for  rotor  wake  visualization. 
Components  of  the  system  include  a  still  or  video  camera,  a  short  duration 
high  intensity  point-source  strobe,  and  a  retroreflective  screen.  A  schematic  of 
the  shadowgraph  setup  is  shown  in  Figure  8. 


4.6  Flow  Field  Visualization 
4.6.1  Technique  Applied 
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4.6.2  Planes  Visualized 


4.6.3  Data  Fonnat 


4.7  Tunnel  Wall  Measurements 

4.7. 1  Types  of  Measurement 

4.7.2  Number  and  Location  of 
Wall  Pressure  Taps 


4.7.3  Instrumentation 


4.8  Other  Instrtimentation 


The  rotor  wake  was  visualized  below  and  above  the  rotor.  Special  attention 
was  paid  to  views  from  the  side.  Rotor  tip  vortices  and  lip  vortex/body  surface 
interactions  were  observed. 

Flow  visualization  results  were  recorded  on  3Snun  black  and  while  film, 
3Smm  Polaroid,  and  on  video  tapes.  Approximately  600  shadowgraph  images 
were  acquired,  and  about  6  hrs.  of  video.  Shadowgraphs  are  available  to  data 
users  only  by  special  arrangement. 


Wall  pressure  signatures  were  obtained  along  the  length  of  the  tunnel  working 
section.  Signatures  were  measured  on  the  ceiling  and  on  both  sidewalls. 


A  total  of  72  pressure  taps  were  located  in  three  rows  of  24  each  The  taps  were 
placed  IS.24cm(6  in)  apart,  with  the  No.  12  tap  being  located  at  the  center¬ 
line  of  the  test  section  directly  above  the  rotor  support  post.  The  taps  extended 
a  distance  of  about  two  rotor  radii  (2.03  R)  forward  and  2.22  R  aft  of  the 
working  section  centerline.  The  actual  tap  locations  are  available  as  part  of  the 
data  package. 

The  wall  pressure  measurements  were  made  using  a  modular  multi-channel 
pressure  transducer  module  (described  previously  in  Section  4.2.3).  Accuracy 
was  typically  less  than  7.S  Pa  (0.001  Ib/in^). 

Other  instrumentation  on  the  rotor  was  provided  for  trimming  purposes  and 
safety  of  flight.  Hall-effect  sensors  were  placed  at  the  rotor  flap  and  lead/lag 
hinges  to  monitor  the  blade  response.  Strain  gauges  on  a  reference  blade 
monitored  blade  bending,  lag  and  torsion  loads. 


5.  Test  malrte  nnd  Conditions 

S.  1  Test  Matrix  See  Table  4. 

3.1.1  Number  of  Test  Cases  Over  200  lest  points  performed  -  see  Table  4.  Sub-set  is  available  to  users. 

3.1.2  Number  of  Configurations 

Tested  Six  different  configurations  were  tested  -  see  Section  2.2. 

3.2  Model/Tunnel  Relations 


3.2.1  Maximum  Blockage  3% 

3.2.2  Rotor  Diameter/ 

Tunnel  Width  48.2% 

3.2.3  Rotor  Disk  Area/ 

Tunnel  Cross  Section  27% 

6.  Data 

6. 1  Availability  of  Data 

6.1.1  Organization  Owning  Data 

6.1.2  Person  Responsible 


All  test  data  belong  to  the  US  Army  Research  Office  and  the  Department  of 
Aerospace  Engineering,  University  of  Maryland. 

Most  of  the  test  data  are  readily  available  and  can  be  obtained  by  request  from: 


Dr.  J.  Gordon  Leishman,  Associate  Professor 
Department  of  Aerospace  Engineering 
University  of  Maryland 
College  Park,  Maryland  20742 
USA 

Tel;  (301)403-1126 
Fax:  (301)314-9001 


6.2  Suitability  for  CFD 
Validation 


Most  of  the  test  data  are  suitable  for  CFD  validation. 
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6.3  Type  and  Form  in  Which  Data  Are  Available 


6.3.1  Type  and  Form 

6.3.2  Data  Carrier 


6.3.3  Extent  of  Aerodynamic 
Test  Data 


6.4  Concctions  Applied  to  Data 

6.4.1  Interference  and  Blockage 
Corrections 

6.4.2  Sting  and  Support 
Corrections 

6.4.3  Aeroelastic  Deformation 


Data  are  mostly  in  the  form  of  aerodynamic  coefficients. 

By  arrangement.  Data  can  be  given  out  in  a  variety  of  formats,  including 
magnetic  tape  or  floppy  disk.  Apple  Macintosh  flies  are  the  preferable  format. 
User  must  supply  data  carrier. 


6.3.2  Extent  of  Geometry  Data  SOOK  Bytes. 


Raw  data  it  over  SO  M  Bytes.  Processed  sub-set  data  available  to  users  varies 
up  to  10  M  Bytes. 

None,  unless  specifically  stated. 

None  directly  appUed  to  measured  data. 

None  applied. 

There  were  no  significant  aeroelastic  deformations. 


7,  Pita  Accuracy  and  Renentabllltv  Asseisment 

7.1  Estimated  Accuracy  of: 

7.1  1  Free  Stream  Conditions  See  Table  S. 

7.1.2  Measured  Data  See  Table  S. 

7.2  Repeat  Measurements  Selected  repeat  measurements  were  made  of  rotor  performance,  body  loads. 

and  pressure  distributions. 
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9.TvplcilRMulti 

9.1  Isolated  Body 

The  aerodynamic  force  and  moment  characteristics  of  the  isolated  body  are  shown  in  coefficient  form  in  Figure  9  as  a 
function  of  angle  of  attack  (shaft  pitch  angle).  The  forces  and  ntomenli  were  resolved  to  a  fictitious  point  coincident  with  the 
body  longitudinal  centerline  and  the  rotor  shaft  axis.  The  particular  results  shown  here  are  for  a  wind-speed  of  24  m/s  (79  fl/s), 
which  corresponded  to  a  Reynolds  number  of  3.24  million  based  on  body  diameter,  or  to  an  advance  ratio  of  0.15  if  the  rotor 
were  present. 

The  results  shown  in  Figure  9  are  a  consequence  of  the  changing  distribution  of  pressure  over  the  body  with  angle  of 
attack.  The  static  pressure  distribution  along  the  top  center-line  of  the  isolated  body  is  shown  in  Figure  10  for  three  angles  of 
attack.  From  a  stagnation  point  at  the  nose,  the  flow  acccicralea  to  approximately  the  firee-slream  value  over  the  region  with  the 
uniform  cross-section.  At  the  body  taper,  the  flow  is  briefly  accelerated  again,  and  this  is  followed  by  a  gradual  pressure 
recovery  over  the  tail  region.  A  comparison  of  a  3-D  source  panel  model  with  the  test  data  was  satisfactory,  confirming  that  the 
isolated  body  is  free  of  complicated  flow  separations.  These  data  are  also  useful  for  the  purposes  of  making  comparisons  of  the 
body  loads  in  the  presence  of  the  rotor. 

9.2  Isolated  Body  and  Hub 

Since  the  rotor  had  an  unsealed  hub  relative  to  an  actual  helicopter,  a  series  of  tests  were  conducted  to  assess  the 
significance  of  the  hub  alone  on  the  body  loads.  When  the  bladeless  hub  was  spun  at  the  normal  rotor  speed,  this  simulated  high 
speed  forward  flight  with  the  rotor  since  under  these  conditions  the  rotor  wake  will  be  swept  above  the  body  and  the  rotor  will 
have  a  minimal  influence  on  the  body  loads  apart  from  the  bul  wake.  While  the  body  lift  wu  found  to  be  relatively  unaffected 
by  the  presence  of  hub,  see  Figure  9,  there  was  some  hub  inf;  >ience  on  the  pitching  moment,  albeit  quite  small.  As  shown  in 
Figure  1 1,  this  is  due  to  the  modified  pressure  distribution  on  tlv  body  dotsaii  due  to  the  hub  wake.  A  region  of  increased  total 
pressure  was  created  immediately  upstream  of  the  hub,  and  dowi,  Iream,  a  region  of  decreased  total  pressure  indicated  the 
formation  of  a  wake.  These  results  show  that  the  possibility  of  a  rotor  bub  wake  should  be  taken  into  account  in  CFD  studies  at 
high  rotor  advance  ratios. 

9.3  Rotor  Trim  Procedure  and  Data  Presentation 

For  all  forward  flight  tests,  the  rotor  speed  was  established  at  the  normal  operating  rpm.  Nr,  and  the  wind  tumed-on. 
Once  the  desired  advance  ratio  was  obtained,  the  collective  pitch  angle  was  gradually  increased  to  give  the  required  value  of 
thrust  while  maintaining  Nr,  and  the  rotor  trimmed  by  meana  of  longitudinal  and  lateral  cyclic  to  remove  the  fust  harmonic  of 
blade  flapping.  The  blade  flapping  response  was  measured  by  meant  of  Hall-effect  sensors  mounted  in  the  blade  flapping 
hinges.  This  is  a  standard  trim  procedure  for  articulated  rotors  in  a  wind-tunnel  aituation,  and  ensures  that  the  rotor  tip-path- 
plane  (TPP)  is  perpendicular  to  the  rotor  shaft  axis  and,  therefore,  parallel  to  the  longitudinal  axis  of  the  body. 

With  the  rotor  present  there  were  significant  changes  to  the  mean  and  unsteady  preature  loads  on  the  body,  and  the 
wing.  The  preature  data  were  reduced  to  pressure  coefficients  (denoted  by  Cp').  Since  the  airframe  components  may  operate 
partly  inside  the  boundaries  of  the  rotor  wake,  there  is  a  non-uniform  increase  in  total  pressure  due  to  energy  addition  to  the  flow 
by  the  rotor.  Consequently,  the  airframe  pressures  depend  on  the  combined  effects  of  the  free-atream  dynamic  pressure  and  the 
(non-uniform)  increase  in  local  dynamic  pressure  produced  by  the  rotor.  Non-dimenaionalization  of  the  pressures  by  a  constant 
parameter,  therefore,  avoidt  any  ambiguity  when  interpreting  the  results,  and  gives  a  belter  overaU  measure  of  the  magnitude  of 
interactional  effects  on  the  body  presaures. 

9.4  Effects  of  Rotor  on  Fuselage 

The  effects  of  the  rotor  on  the  body  loads  are  shown  in  Figure  12  as  a  function  of  rotor  thrust  and  advance  ratio.  At 
low  advance  ratios  the  rotor  provides  a  download  on  the  body  that  increases  in  magnitude  with  increasing  rotor  thrust.  This 
download  significantly  diminished  with  increasing  advance  ratio,  and  became  an  upload  at  the  highest  advance  ratios  tested.  At 
the  same  lime,  the  rotor  ciused  a  fairly  complex  variation  in  the  body  pitching  moment. 

The  overall  trends  exhibited  in  Figure  12  are  a  direct  consequence  of  changes  in  strength  and  position  of  the  rotor 
wake  relative  to  the  body.  At  the  lower  advance  ratioa,  the  wake  almost  completely  envelopes  the  body  producing  stagnation 
pressure  along  the  top  and  a  suction  pressure  along  the  sides.  A  typical  static  pressure  distribution  along  the  top  and  sides  of  the 
body  in  the  pretence  of  the  rotor  is  shown  in  Hgure  13.  The  high  stagnation  pressures  along  the  lop  of  the  body  ate  responsible 
for  the  down  force  and  a  nose-up  pitching  moment  at  low  advance  ratios.  Since  the  rotor  downwuh  is  a  maximum  near  the 
edges  of  the  rotor  disk,  the  boundary  of  the  rotor  wake  becomes  quits  clearly  defined  by  the  peaks  in  the  body  preuures.  Also 
note  in  Figure  13  that  significant  reductions  in  pressure  were  obtained  on  the  sides  of  the  bixly.  Again,  this  was  particularly 
pronounced  where  the  leading  and  trailing-edge  boundariea  of  the  rotor  wake  impinged  the  body.  Different  pressure 
distributions  were  obtained  on  each  side  of  the  body,  which  indicated  that  the  body  may  experience  a  yawing  moment  (not 
measured).  The  source  of  this  dissymmetry  is  related  to  the  ptcaence  of  a  swirl  velocity  component  in  the  rotor  wake  as  well  u 
the  asymmetric  flow  separation  characteristics  on  the  lower  part  of  the  body. 

Changes  in  rotor  thrust  and  advance  ratio  were  found  to  dramaticaUy  alter  the  body  pressure  distribution.  The  effects 
of  increasing  advance  ratio  on  the  static  pressure  on  the  retreating  (left)  side  of  the  body  at  the  same  blade  loading  is  shown  in 
Figure  14.  (The  other  preasure  distributions  are  not  shown  to  preserve  darily.)  Increasing  the  advance  ratio  moves  the  suction 
peaks  further  aft  along  the  body.  This  is  because  tbe  mtor  wake  skew  angle  increasea  with  advance  ratio,  and  so  the  rotor  wake 
boundary  intersects  tbe  body  further  bade  on  tbe  tailboom.  It  should  ibo  be  noted  tbrt  tbe  maximum  suction  and  stagnation 
pressures  are  signiflcantly  t^uced  with  increasing  advance  ratio  since  the  induced  velocities  in  tbe  wake  become  increasingly 
lUeamwise.  At  tbe  higbnt  advance  ratios,  the  wake  is  swept  back  well  above  the  top  of  the  body,  and  the  body  exhibits  a 
positive  lift  force.  This  is  due  to  a  Coanda  effect  that  exists  between  tbe  body  flow  and  the  higher  speed  rotor  wake.  The 
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coiresponding  trend  toward  a  nose-down  pitching  moment  confirms  that  most  of  this  Coanda  lift  is  being  generated  on  the  body 
tailboom. 

9.5  Effects  of  (he  Body  on  the  Rotor 

The  body  has  a  complicated  mutual  effect  on  the  rotor  loads  and  perfonnance,  and  due  to  limitations  of  both  time  and 
instrumentation  it  has  not  yet  been  possible  to  fully  document  all  these  effects.  However,  the  general  effecti  of  the  body  on  the 
net  rotor  performance  in  forward  flight  are  shown  in  Figure  15.  The  data  are  presented  as  curves  of  blade  loading  (or  rotor 
thrust)  versus  collective  pitch  angle,  shown  with  and  without  the  body.  At  low  advance  ratios,  the  presence  of  the  body  was 
found  to  provide  a  significant  positive  increment  to  the  rotor  thrust,  which  wu  about  10%  of  the  isolated  rotor  thrust.  As  the 
advance  ratio  was  increased,  the  rotor  thrust  increment  quicMy  reduced  such  that  at  an  advance  ratio  of  O.IS  there  was  only  a 
very  small  effect  of  the  body.  Measurements  of  the  corresponding  rotor  torque  coefficient  have  also  shown  (hat  at  low  advance 
ratios  (u  well  as  hover)  there  is  a  significant  reduction  in  power  required  for  a  given  thrust  due  to  the  influence  of  the  body. 

9.6  Unsteady  Pressure  Measurements 

Unsteady  pressure  measurements  were  made  at  many  points  over  the  body.  Overall,  the  unsteady  pressure  fluctuations 
were  found  to  be  the  greatest  in  regions  immediately  below  and  downstream  of  the  rotor.  A  typical  illustration  of  the  magnitude 
of  the  unsteady  pressure  loads  on  the  body  is  shown  in  Figure  16.  where  the  peak  to  peak  values  of  the  unsteady  pressure  at 
various  points  along  the  top  of  the  body  are  superimposed  on  the  time-averaged  (mean)  values.  Note  that  the  unsteady  pressure 
fluctuations  are  very  targe  in  comparison  to  (he  time  averaged  values,  and  often  exceed  the  mean  pressure  values.  These  results 
reinforce  the  requirement  that  any  CFD  modeling  of  the  rotor/airffame  aerodynamic  interaction  process  must  be  fully  unsteady, 
and  a  quasi-steady  assumption  will  not  be  sufficient  Also  note  that  in  the  case  of  the  time-averaged  measurements  previously 
discus^,  these  results  are  a  time-average  of  unsteady  loads.  Therefore,  CFD  comparisons  with  these  data  also  require  an 
unsteady  analyiia  to  be  performed.  The  time-histories  of  unsteady  pressure  data  were  event-averaged,  i.e.,  the  data  wen  first 
ensemble  averaged  over  ten  rotor  revolutions,  and  aince  a  four-bladed  rotor  was  used,  the  results  were  further  ensemble 
averaged  over  90  degrees  of  blade  azimuth  angle.  All  the  unsteady  pressure  data  represent  the  fluctuations  of  the  measured 
pressures  about  the  mean  value,  and  were  synchronized  in  a  phase-locked  loop  sense  relative  to  the  rotor  position. 

From  (he  analysis  of  results  from  many  tests,  four  characteristic  unsteady  pressure  signaUires  on  the  body  surface  were 
identified.  These  signatures  were  classified  into  four  categories:  I.  Blade  passage,  2.  Close  tip  vortex/surface  interactions,  3.  Tip 
vortex/surface  impingement,  and  4.  Post  vortex/surface  impingement.  The  first  characteristic  signature  is  due  to  rotor  blade 
passage  over  (he  airframe.  Blade  passage  effects  are  felt  on  parts  of  the  airframe  immediately  below  the  rotor,  and  the  magnitude 
of  these  loads  are  primarily  a  function  of  rotor  blade  loading.  The  other  three  characteristic  signatures  are  related  to  the  influence 
of  the  rotor  wake  and  (he  individual  lip  vortices.  Wake  effects  are  felt  at  many  different  points  on  the  airframe,  and  are  primarily 
functions  of  the  wake  skew  angle  (which  depends  on  rotor  tbruat  and  advance  ratio).  However,  the  strength,  location  and 
velocity  of  (he  wake  vortices  relative  to  (be  body,  and  also  the  distortion  of  the  wake  induced  by  the  body,  determines  the 
magnitude  and  phasing  of  the  unsteady  pressure  response. 

Figure  17(a)  shows  a  typical  unsteady  pressure  signature  caused  by  blade  passage  effects.  This  type  of  loading  is 
characterized  by  regular  pressure  pulsations,  with  (he  peak  pressure  occurring  in-phase  with  the  blade  passage  over  the  body, 
i.e..  at  integer  multiples  of  90  degrees  for  a  4-bladed  rotor.  The  unsteady  loads  induced  by  blade  passage  effects  are 
approximately  proportional  to  rotor  thrust  (blade  lift  or  average  bound  circulation  on  the  blade),  and  were  found  largely 
in^pendent  of  the  advance  ratio,  i.c.,  independent  of  the  position  of  the  rotor  wake  and  blade  lip  vortices.  The  features  of  blade 
passage  induced  loads  have  been  shown  to  be  predictable  by  means  of  urutesdy  potential  flow  theory  and,  in  principle,  should 
be  predictable  by  any  inviscid  methodology  so  long  as  the  appropriate  unsteady  terms  are  retained  in  the  governing  equations. 

The  remainder  of  the  characteristic  unsteady  pressure  signatures  are  related  to  the  rou>r  wake,  and  It’e  wake/airframe 
interaction  process.  Figure  17(b)  shows  a  type  of  signature  that  has  been  classified  as  a  close  tip  vortex/surface  interaction. 
These  interacUons  occur  when  (he  rotor  tip  vortices  pass  close  to  the  measurement  point,  but  do  not  impinge  on  the  body  surface 
until  downstream  of  that  point  These  loads  have  also  been  shown  to  predictable  by  means  of  an  inviscid  analysis.  Figure  17(c) 
shows  a  typical  pressure  signature  that  results  from  tip  vortex  impingement  on  the  body  surface  near  the  measurement  point.  It  is 
characterized  by  a  transient  loading  with  a  high  suction  pressure  (aid  associated  pressure  gradient)  due  to  the  proximity  of  the 
vortex  core.  When  the  measurement  point  wu  just  downstream  of  the  vortex  impingement,  regular  multiple  prusure  peaks  were 
produced  -  see  Figure  17(d).  This  is  likely  to  be  indicative  of  boundary  layer  separation  the  body  surface  due  to  the  high  adverse 
pressure  gradients  usociated  with  the  impingement,  rmd  pouibly  the  creation  of  coherent  secondary  vortex  structures.  The 
prediction  of  this  type  of  loading  clearly  requires  a  CFD  niodet  with  all  the  necessary  viscous  terms  retained  in  the  governing 
equations. 

9.7  Wake  Surveys 

The  wake  surveys  permitted  the  quantification  of  the  time-averaged  total  pressure  and  local  velocities  in  the  rotor 
wake,  and  were  a  useful  indicator  of  the  location  of  the  rotor  wake  relative  to  the  rotor  and  airframe.  A  global  picture  of  (he 
wake  structure  wu  obtained  by  plotting  the  total  pressure  distribution  in  the  rotor  wake  in  the  form  of  contour  plots  for  each  of 
the  measurement  planes.  An  example  of  these  data  are  shown  in  Figure  18.  The  highut  total  preuures  occurred  toward  the  rear 
of  the  disk.  Specifically,  the  loadings  were  higher  in  the  fouith  quadrant  where  the  lift  on  the  blade  it  concentrated  more  toward 
the  tip.  The  highut  pressure  gradients  occurred  st  the  boundariu  of  the  rotor  wake.  There  wu  considerable  wake  contraction  in 
the  longitudinal  direction,  this  being  about  78%  of  (be  rotor  diameter  at  0.45R  below  the  rotor.  However,  there  wu  a  slight 
expansion  of  the  wake  in  the  lateral  direction,  this  being  about  105%  of  the  rotor  diameter. 

It  wu  noted  that  regioiu  of  both  very  high  and  very  low  total  pressuis  also  occurred  downstream  in  the  wake  further 
behind  rotor.  The  contours  were  closely  spac^,  indicating  that  the  downstream  wake  had  a  very  deflnite  boundary.  A  very 
concentrated  region  of  high  dynamic  pressure  was  fomted  on  the  advancing  side  of  the  wake.  This  wu  due  to  the  relatively 
large  induced  velocitiu  created  by  the  tip  votticH  from  each  of  the  rotor  bladu  u  they  interacted  and  produced  a  wlf  distorting 
bundle  of  voiticct  just  downstream  of  the  disk.  Regions  of  very  low  dynamic  prusure  also  occurred  downstream  of  the 
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reticiting  lide  of  the  disk,  however,  the  distribution  in  the  wtke  was  found  to  be  notably  different  from  the  advancing  side.  This 
is  because  of  the  fundamental  differences  in  blade  loading,  waice  geometry  and  induced  velocity  field  between  the  advancing 
and  retreating  sides  of  the  disk. 

Away  from  the  immediate  vicinity  of  the  body,  both  the  total  pressures  and  flow  angularities  were  almost  identical  to 
those  measured  for  the  isolated  rotor.  Some  differences  in  the  flow  field  velocities  were  found  to  occur  near  the  nose  of  the  body 
for  low  advance  ratios,  however,  as  the  advance  ratio  was  increased  these  differences  significantly  diminished.  An  example  of 
the  longitudinal  variation  in  the  vertical  component  of  induced  velocity  is  shown  in  Figure  19.  Note  that  the  highest  induced 
velocities  were  biased  toward  the  rear  of  the  disk.  This  trend  is  consistent  with  other  experimental  measurements  and  also 
mathematical  models  of  the  rotor  wake  induced  velocity  field,  where  the  skewness  of  the  wake  is  the  source  of  this  biased 
velocity  field.  Note  that  at  the  highest  advance  ratio  test^  here  the  longitudinal  variation  in  velocity  it  very  'close  to  the  linear 
form  assumed  by  simple  inflow  models.  Near  the  rotor  bub  region,  the  rotor  does  little  useful  work,  so  there  is  little  change  in 
the  inflow  in  the  immediate  vicinity  of  the  hub. 

The  lateral  variation  of  vertical  velocity  also  conveys  some  useful  information  about  the  rotor  wake  strucUire.  The 
wake  velocities  were  consistently  higher  on  the  advancing  tide  of  the  disk  because  of  the  distribution  of  blade  loading  over  this 
region  and  the  subsequent  evolution  of  the  far  wake.  The  wake  surveys  showed  that  downstream  of  the  rotor  disk,  the  wake 
rolled  up  very  quickly  to  form  into  two  major  vortex  "bundles'  which  arc  the  rolled-up  remnants  of  the  individual  tip  vortices 
trailed  fom  each  blade.  The  wake  roll-up  process  behind  a  rotor  was  observed  by  Heyson  at  NASA  Langley  in  the  19S0'b,  and  is 
in  fact  very  similar  to  the  trailed  wake  obtained  from  a  low  aspect  ratio  wing.  This  can  be  readily  seen  in  Figure  20  where  the 
vertical  component  of  induced  velocity  is  plotted,  and  is  very  similar  to  that  obtained  between  two  rectilinear  vortices  of 
approximately  equal  strength. 

9.8  Flow  Visualization 

All  of  the  above  results  were  supplemented  by  flow  visualization.  Although  both  laser  sheet  and  shadowgraph 
methods  were  used,  wide-field  shadowgraphy  was  found  to  be  the  most  useful  in  helping  to  understand  the  details  of  the  rotor 
wake  mechanisms  responsible  for  the  airfvame  loads.  Shadowgraphs  of  the  entire  rotor  wake  were  not  obtained  because  of  the 
relatively  short  distance  between  the  recording  camera,  the  rotor  and  the  screen  in  the  wind-tunnel  environment.  Therefore, 
separate  images  were  obtained  of  the  front  and  rear  of  the  rotor  wake  -  see  Figure  8.  However,  the  field  of  view  in  each  case  was 
still  much  greater  than  could  practically  be  oblair>ed  with  a  conventional  schlieren  system.  Fuithennore.  the  closeness  of  the 
camera  to  the  screen  in  these  experiments  meant  that  finer  details  of  the  wake  could  be  observed.  A  zoom  lens  on  both  the  still 
and  video  camera  was  used  to  provide  fine  details  of  the  tip  vortex  formation  fmm  the  rotor  blade,  as  well  as  the  interactions  of 
the  wake  vortices  with  the  body. 

One  important  goal  of  the  flow  visualization  work  was  to  help  quantify  the  positions  of  the  rotor  tip  vortices  relative  to 
the  rotor  and  to  tte  airframe.  For  this  quantifleation  process,  the  strobe/camera  positions  were  adjusted  so  that  the  optical  axis 
was  in  the  rotor  tip  path  plane  (TPP).  Key  reference  points  in  the  form  of  cross-hain  were  marked  directly  onto  the  shadowgraph 
projection  screen  to  eslablisb  the  optical  scaling  factors.  The  system  wu  set  up  such  that  at  zero  degrees  of  blade  azimuth,  the 
reference  blade  was  parallel  to  the  body  centerline  and,  therefore,  parallel  to  tte  screen.  The  quantitative  measurements  of  the 
rotor  wake  geometry  were  made  from  the  video  recordings  by  digitizing  artd  processing  from  shadowgraph  screen  coordinates 
into  the  rotor  coordinate  system  using  the  appropriate  optical  scaling  factors.  Plots  were  then  be  made  of  the  wake  geometry 
versus  wake  age,  with  and  without  the  airframe  present  in  the  flow  field. 

At  the  front  of  the  disk,  the  presence  of  the  body  was  found  to  make  little  difference  to  the  wake  geometry  over  the 
range  of  advance  ratios  tested.  It  wu  found  that  the  wake  vortices  were  rwrmally  convected  above,  and  subsequently  through, 
the  TPP  at  the  leading-edge  of  the  disk  (even  at  negative  TPP  angles  of  attack).  This  resulted  in  several  dynamic  blade/tip  vortex 
interactions,  which  have  been  visualized  and  documented  on  video  tape.  These  bladeArortex  interactions  involve  strong  viscous 
effects  and  clearly  complicate  the  mathematical  modeling  of  the  blade  loads  and  rotor  wake.  At  the  leu  of  the  disk,  very 
significant  wake  distortions  occurred  due  to  the  body,  both  near  the  rotor  and  u  the  vortex  filaments  came  in  proximity  to  the 
body  surface.  Figure  21  shows  results  for  the  tip  vortex  displacements  versus  wake  age  in  the  presence  of  the  l^y.  This  figure 
shows  that  the  initial  vertical  wake  displacements  ate  slightly  larger  when  the  body  is  present,  implying  an  increue  in  local 
downwuh  near  the  rotor  plane.  The  body  affects  the  rotor  thrust,  producing  an  increase  in  mean  thrust  and  a  decreue  in  power 
for  a  given  collective  pilch.  This  is  partly  because  the  body  decreases  the  induced  angle  of  attack  on  the  blades  as  they  pus  over 
the  body.  He  consequence  of  this  increase  in  lift  on  the  blade  is  to  cause  an  increase  in  downwuh  below  the  rotor.  'The  effect 
on  the  wake  displacements  wu  particularly  pronounced  in  hover,  although  in  forwud  flight  the  vortices  were  convected 
downstream  away  from  the  rotor  and  the  effects  were  somewhat  weaker. 

Figure  21  also  shows  that  the  corresponding  streamwise  displacements  are  significantly  different  from  the  isolated 
rotor  case,  both  near  the  rotor  disk  and  neu  the  body  surface,  especially  at  the  lower  advance  ratio  of  O.OS.  New  the  rotor  disk 
the  presence  of  the  body  retards  the  initial  streamwise  convection  of  the  lip  vortices.  Note  that  the  effects  of  subsequent  blade 
pusages  also  causes  su^en  changu  in  the  streamwise  velocities.  The  tip  vortices  approached  the  body  surface  when  they  were 
about  180  degrees  old,  and  at  this  point  their  vertical  displacements  were  progrusively  retarded.  The  wake  could  not  be  euily 
observed  for  wake  ages  greater  than  220  degrees  since  the  wake/surface  impingement  process  caused  vortex  bursting,  resulting 
in  a  loss  of  wake  visibility.  Prior  to  this,  new  the  body  surface  there  wu  a  progrusive  increase  in  the  streamwise  convection  of 
the  lip  vortices.  As  the  tip  vortex  filaments  approached  very  close  to  the  surface,  they  were  convected  quickly  downstream  and 
the  wake  trajectory  became  almost  parallel  to  the  body  surface. 

9.9  Rotor/Lifling  Surface  Interactions 

Experiments  were  also  conducted  to  study  the  aerodynamic  interactioni  between  the  rotor  and  a  fixed  lifting  surface. 
An  instrumented  low  aspect  ratio  rcctangulw  wing  wu  positioned  at  different  locationt  in  the  rotor  flow  field  to  simulate  the 
aerodynamic  environment  encountered  by  the  wings  of  tilt-roton,  or  by  the  empennage  of  belicopten.  Steady  and  unsteady 
pressure  measuicinentt  were  made  on  the  wing  at  various  cboidwise  and  spanwise  stations  for  various  rotor  thrusts  and  advance 
ratios.  These  results  were  complemented  by  flow  visualization  using  the  wide-field  shadowgraph  method,  which  helped  identify 
the  locationt  of  the  rotor  wake  relative  to  the  wing.  The  results  have  shown  that  compared  to  the  body,  a  lifting  surface  operates 
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in  an  even  more  complex  unsteady  three-dimensional  flow  environment,  with  regions  of  partial  or  complete  flow  separation.  In 
addition,  large  unsteady  loads  are  produced  due  to  rotor  blade  passage  effects  and/or  close  passage  or  impingement  of  the  rotor 
tip  vortices  on  the  wing  surface.  This  particular  situation  creates  several  unique  challenges  for  CFD  prediction  methodologies. 

Time-averaged  pressure  distributions  on  the  lifting  surface  were  meuuicd  on  both  the  upper  and  lower  surfaces  at  the 
three  spanwise  stations.  These  meuurements  were  mainly  used  to  help  interpret  the  state  of  the  flow  on  the  wing,  i.e.,  whether 
the  flow  was  attached,  partially  separated  or  fully  separated.  Typical  cbordwise  pressure  coefficient  distributions  measured  on 
the  lifting  surface  when  positioned  at  the  aft  position  (tailplane  location)  are  shown  in  Figure  22.  In  this  case,  the  80%  span 
station  is  further  inboard  and  closer  to  the  longitudinal  centerline  of  the  rotor.  It  can  be  seen  that  only  the  inboard  section  of  the 
lifting  surface  exhibits  a  chordwise  pressure  distribution  indicative  of  attached  flow,  with  high  suction  pressures  on  the  lower 
surface  near  the  leading  edge.  At  the  outboard  sections,  the  uniform  pressure  distribution  on  the  lower  surface  suggests  that  the 
flow  was  completely  separated.  From  these  measurements,  it  can  be  inferred  that  for  these  conditions  all  three  sections  of  the 
wing  were  operating  at  large  negative  effective  angles  of  attack,  but  with  the  highest  angles  of  attack  biased  toward  the  outboard 
parts  of  the  wing.  These  large  negative  angles  of  attack  are  a  result  of  the  high  local  downwash  created  by  the  rotor  at  this  low 
advance  ratio. 

As  the  advance  ratio  was  increased  from  0.07S  to  0. 10,  the  flow  conditions  on  the  lifting  surface  were  found  to  change 
progressively.  At  |t=O.IO  all  three  spanwise  stations  showed  chordwise  pressure  distributions  that  were  symptomatic  of  either 
fully  or  partially  attached  flow.  Much  larger  suction  pressures  were  created  at  the  leading  edge  on  the  lower  surface  at  all  three 
spanwise  stations.  Therefore,  it  was  clear  that  the  flow  had  begun  to  reattach  to  the  surface  as  the  advance  ratio  was  increased 
over  this  range.  This  was  mainly  due  to  the  decrease  in  the  induced  flow  angle  at  the  wing  location  (or  increase  in  wake  skew 
angle)  as  the  advance  ratio  was  irtcreased.  However,  there  was  still  a  highly  non-uniform  flow  over  the  lifting  surface,  with  the 
inboard  section  producing  the  largest  amount  of  negative  lift.  At  the  outboard  spanwise  stations,  only  partially  attached  flow 
occurred  on  the  surface.  This  was  especially  the  case  at  the  60%  span  locations,  where  there  was  evidence  of  significant  trailing 
edge  separation.  As  the  advance  ratio  was  further  increased  from  0.10  to  0.125  and  higher,  it  was  found  that  the  whole  lifting 
surface  operated  with  nominally  attached  flow.  At  this  advance  ratio  the  rotor  wake  skew  angle  is  much  larger  with  lower 
downwash  velocities  and  higher  streamwise  velocities,  and  so  the  induced  flow  angles  of  attack  at  the  wing  were 
correspondingly  much  lower. 

Time-dependent  pressures  on  the  lifting  surface  were  measured  at  32  points.  As  for  the  body  loads,  all  the  results  were 
nondimensionaliz^  and  converted  to  coefficient  form,  and  are  presented  in  terms  of  the  alternating  component  only.  All  data 
was  measured  in  a  phase-locked  tense  and  synchronized  with  the  rotor  position.  A  spectral  analysis  of  the  unsteady  pressure 
measurements  showed  that  the  dominant  frequency  at  nearly  every  location  was  at  4  per  rotor  revolution  (4P),  although  many 
locations  showed  significant  responses  at  8P,  12P  and  t6P.  The  fundamental  source  of  these  loads  is  the  rotor,  but  there  are 
several  possible  constituent  sources  of  unsteady  loading  that  may  be  produced  on  a  lifting  surface  located  near  a  rotor.  For 
locadoos  near  the  rotor,  blade  passage  effects  produce  a  suong  impulsive  type  of  noncirculatory  loading  on  the  surface.  At  other 
locations,  the  rotor  tip  vortices  will  induce  rapid  changes  in  angle  of  attack  as  they  are  converted  near  the  wing  and,  therefore, 
time-dependent  aerodynamic  loads  will  be  produced.  There  may  alto  be  time-dependent  aerodynamic  effects  due  to  the  wake 
generated  by  the  wing  itself.  Clearly,  the  relative  magnitude  of  ^1  these  effects  will  depend  on  several  interrelated  partuneters, 
and  one  purpose  of  this  part  of  the  experiment  was  to  gain  tome  insight  into  this  problem. 

At  the  forward  wing  locations  (below  the  rotor),  the  loads  were  primarily  of  a  blade  passage  type  (tee  Figure  17). 
However,  downstream  of  the  rotor  disk,  the  pressure  signatures  meuured  on  the  lifting  surface  at  the  rear  positions  showed 
many  more  complex  variations.  At  the  aft  wing  locations,  the  unsteady  loads  are  closely  related  to  the  proximity  of  the  rotor 
wake  vortices.  Figure  23  shows  the  time-dependent  preuures  meuured  at  the  aft  wing  position  for  five  cbordwise  locations  on 
the  upper  surface  at  the  85%  span  station  ■  that  is,  the  station  closest  to  the  longitudinal  centerline  of  the  rotor.  Note  that  the 
pieuure  responses  varied  from  fairly  large  near  the  leading  edge  to  quite  benign  at  tbe  trailing  edge. 

F^  an  examination  of  results  at  several  different  test  conditions,  it  bu  been  found  that  these  complex  pressure  loads 
are  related  to  tbe  rotor  thrust  (and  hence  to  the  strengths  and  convection  speeds  of  the  rotor  tip  vortices).  Furthermore,  by  means 
of  flow  visualization,  tbe  relative  distance  between  tbe  wake  vortices  and  tbe  meuurement  location  were  also  found  to  be  very 
important.  The  unsteady  pressures  meuured  on  the  upper  surface  of  the  lifting  surface  were  found  to  vary  significantly  with 
advance  ratio.  As  the  advance  ratio  wu  increased  from  0.1  to  0.125,  tbe  pressure  signatures  exhibited  only  relatively  small 
changes.  However,  u  the  advance  ratio  was  changed  from  0. 125  to  0.15  and  then  to  0.20,  tbe  magnitude  of  unsteady  preuure 
response  flrst  decreued  and  then  increued  again.  When  tbe  advance  ratio  wu  increued  to  0.125,  it  was  confirmed  by  flow 
visualization  that  tbe  rotor  wake  skew  angle  wu  such  that  the  most  of  the  tip  vortex  filaments  pused  just  above  tbe  lop  surface 
of  tbe  lifting  surface  (glancing  impingement).  At  an  advance  ratio  of  0.15,  tbe  wake  wu  skewed  back  to  an  angle  such  that  there 
wu  leu  likelihood  of  close  tip  vortex/surface  interactions,  and  the  pressure  responses  were  benign.  However,  at  an  advance 
ratio  of  0.20,  tbe  unsteady  preuures  were  noted  to  increase  again,  even  though  Ite  wake  filaments  were  further  away  from  tbe 
lifting  surface  than  at  )laO.I5.  This  is  due  to  the  unsteady  loads  induced  by  tbe  higher  rotor  wake  convection  velocities,  and  is 
consistent  with  the  observations  made  on  the  body.  In  general,  the  observed  sensitivity  of  tbe  preuure  loads  at  different  points 
on  the  wing  will  make  the  theoretical  prediction  of  Ibeu  vifects  a  significant  challenge  to  tbe  aiialysL 

In  addition,  note  that  the  time-varying  downwuh  field  induced  by  tbe  convecting  wake  vortices  must  also  result  in 
local  time-varying  angles  of  attack  and  time-dependent  circulatory  loads  on  tbe  wing.  Thus,  there  will  be  an  unsteady  wake 
system  trailed  bom  the  wing.  Besides  the  complexity  inherent  to  any  unsteady  flow,  the  reduced  frequencies  of  tbe  rotor  wake 
induced  gust  field  at  the  lifting  surface  may  be  quite  high,  since  for  a  four-bladcd  rotor  operating  the  reduced  frequency  of  tbe 
flow  at  the  lifting  surface  (based  on  wing  chord)  would  be  of  order  2.  This  requiru  the  wing  flow  field  to  be  consider^  u  an 
unsteady  CFD  problem.  Also,  if  and  when  stall  occun  locally  on  the  wing,  the  high  effective  reduced  frequency  of  the  flow 
mearu  that  uparation  and  stall  will  be  more  dynarrtic  in  nature.  This  adds  an  additional  level  of  complexity  to  the  mathematical 
nxideling  of  Ite  interaction  problem. 
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10.  Lbt  of  Symboli 


b  Number  of  blades 

c  Blade  chord,  m 

2 

Cp  Pressure  coefncient  =  100  (p  -  p^) !  (0.5pV^  ) 

C  ''  Unsteady  press.  coeff.=  100  (p**  -  p^)  /  (O.Spfl^  R^) 

’’  2  2 
Cp'  Pressure  coefficients  100  (p-p^)/(0.5pn  R  ) 

C  Total  pressure  coefficient  =  (Pq  -  P„  )  /  <]„ 

2  4 

Cj.  Rotor  thrust  coefficient  =  T  /  (RpO  R  ) 

Nh  Normal  rotor  operating  rpm 

p  Time-averaged  static  pressure.  Pa 

p^  Free-stream  static  pressure.  Pa 

p"  Unsteady  component  of  pressure.  Pa 

pg  Measured  local  total  pressure.  Pa 

Free-stream  dynamic  pressure  =  0.5  p  ,  Pa 


Figure  1;  Gcucnl  geometry  of  rotor  and  body 
(Not  to  scale) 


Itcni 

Quantity 

Number  of  blades,  b 

4 

Rotor  radius,  R 

0.8255  m  (32.5  inches) 

Blade  chord,  c 

0.0635  m  (2.5  inches) 

Rotor  solidity,  b  c/ii  R 

0.098 

Blade  twist  (linear) 

-12  degrees 

Blade  taper  ratio 

1.0  (most  cases) 

Airfoils 

NASARC(3)10/(4)10 

Body  length,  L 

1.94  m  (76.5  inches) 

Body  max.  diameter. 

0.254  m  (10  inches) 

Body  taper  ratio 

23:1 

R  Rotor  radius,  m 

T  Rotor  thrust,  N 

V  Local  flow  velocity,  m  /  s 

Tunnel  free-stream  velocity,  m/s 
X  Longitudinal  coordinate,  m 

y  Lateral  coordinate,  m 

z  Vertical  coordinate,  m 

Shaft  tilt  angle  (positive  aft),  deg. 

p  Air  density,  *g /m 

o  Rotor  solidity,  b  c  /  x  /  R 

p  Advance  ratio.  /  (fJR) 

^  Circumferential  angle,  deg. 

y  Blade  azimuth  angle,  deg. 

O  Rotor  rotational  frequency,  rad /s 


Figure  2:  General  geometry  i>f  rotor  with  minimum  body 
aerodynamic  fairing  (Not  to  scale) 


Figure  3;  Schematic  of  rotor/llfling  surface  (wing) 
interaction  geonaetry.  (Not  to  scaie).  See  Table  2  for 
location  of  wing  relative  to  rotor. 


Wing  Position 

Locathm  of  Port  Leading  Edge 

1 

Xh/R> -0.102,  y|,/R>  0.215 

2 

Xh/R  •>  -0.102,  yh/R  ■  -0.954 

3 

Xh/R-  1.237,  yh/R- 0  215 

4 

Xh/R- 1-237,  yh/R- -0.954 

Table  1;  GaoaHtrk  characlerittlcs  of 
rotor  and  body. 


Table  2:  Locathm  of  whig  ralallve  to  rotor  abaft  ula 

(aaa  also  aaa  Figure  3) 


Figure  4:  General  geometric  arrangement  of  rotor/body 
model  In  GI>M  wind  tunnel  (Not  to  scale) 


Rearview  pressute  laps 


Figure  5:  Schematic  showing  locations  of  static  pressure 
taps  on  body  (Not  to  scale) 
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Figure  6:  Scbemalk  showing  locations  of  dynamic 
pressure  transducers  -  Body  1.  (Not  to  scale) 
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Figure  7:  Schemitic  showing  locations  of  dynamic 
premire  transducers  -  Body  2.  (Not  to  scale) 


Retroreflective  screen 


Rear  strobe  and  Front  strobe  and 

camera  location  camera  location 


Figure  t:  Schematic  of  shadowgraph  set-up 
(Not  to  scale) 
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Component 

Maximum 

range 

Accuracy 

Rotor  Oafance; 

Normal  force 

2224N  (500  lb.) 

±4.448N  (±1  lb.) 

Side  force 

890N(200lb.) 

±2.224N 
(±0.5  lb.) 

Axial  force 

890N(200lb.) 

12.224N 
(±0.5  lb.) 

Pitching  moment 

542.4  Nm 
(400  in-lb) 

±1.355  Nm 
(±1  in-lb) 

Rolling  moment 

542.4  Nm 
(400  in-lb) 

±1.355  Nm 
(±1  in-lb) 

Yaw  moment 

542.4  Nm 
(400  in-lh) 

±1.355  Nm 
(±1  in-lb) 

Body  balmnee; 

Normil  force: 

445N(100lh.) 

±1.I1N 
(±0.25  lb.) 

Axial  force: 

223N  (50  lb.) 

±0J6N 
(±0.125  lb.) 

Pitching  moment; 

407  Nm 
(300  in-lh) 

±0.68  Nm 
(±0.5  in-lb) 

Table  3:  Force  balance  range  and  accuracy 


Parameter 

Test  Values 

Advance  ratio 

0.05,0.06.0.065, 0.07, 
0.075, 0.08, 0.10,0.125, 
0.15,0.2, 0.25 

Wind  speeds  (m/s) 

8.9.6,10.4. 11.2, 12. 12.8, 

16.  20.  24. 32. 40 

Shaft  angles  (deg.) 

-8,  -6,  -4,  -2 

Collective  pitch  angles 
(deg.) 

4,6.8,  10,  11.  12 

Rotor  rotation  speed 

1860rpm(31  Hz) 

Hover  tip  Mach.  No. 

0.5 

Table  4;  Test  matrix 


Parameter 

EsUmalcd 

error 

Wind  speeds 

±1% 

Advance  ratio 

±2* 

Shaft  angles 

±0.05  deg. 

Collective  pitch  angles 

±0.1  deg. 

Cyclic  pitch  angles 

±0. 1  deg. 

Rotor  forces 

±0.5% 

Rotor  moment 

±0.5% 

Mean  presaures 

±1J% 

Unsteady  pressures 

±13% 

Figure  9;  Aerodynamic  force  and  pitching  moment 
characteristics  of  isolated  body 


x/R 

Figure  10;  Pressure  distribution  over  isobted  body  at 
three  angles  of  attack 


Figure  II:  EITecti  of  rotor  hub  on  body  pressure 
distribution  (top  centerline) 


TaUc  5:  Estbnalsd  measurement  errors 
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Figure  19:  LongHudloil  varUliou  of  Ume-uvcraged 
downwub  below  rotor 


Azimuth  angle,  y  (deg.) 

Figure  t7:  Typicul  UMteudy  premirti  ■ceeured  ou  body. 
(■)  Blade  pawage,  (b)  Cloee  vortaUiiurfaot  ialcractloui,  (c) 
Tip  eortci  tanplufe»ent,  (d)  Poet-wake  Implngencnt 
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Lateral  position,  y/R 

Figure  20;  Lateral  varlilloa  ordownwash  Mow 
the  rotoi  diik 


1.4  1.3  1.2  1.1  1  0.9 

Streamwise  displacement,  x/R 


Figure  21;  Comparison  of  Up  vortex  displacemenls  at  rear 
of  rotor  disk  due  to  presence  of  body 


Figure  22:  Representative  chordwise  pressure 
distributions  on  lining  surface  operating  in  rotor  wake 


Figure  23:  Representative  unsteady  pressure 
measurements  on  lining  surface  due  to  rotor 
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Investigation  into  the  aerodynamic  characteristics  of  a  combat 
aircraft  research  model  fitted  with  a  forward  swept  wing. 


D.  Stanniland,  ARA,  Bedford 


O  INTRODUCTION 


This  submission  covers  a  series  of  tests  on  a  combat  aircraft  research  model  fitted  with  a  forward  swept 
wing.  The  purpose  of  the  tests  was  to  investigate  the  flow  development  of  the  upper  surface  of  the  wing 
and  to  establish  a  level  of  confidence  in  the  CFD  methods  used  for  the  wing  design.  The  fuselage  was 
specified  algebraically  in  order  to  permit  a  precise  definition  of  the  geometry  both  for  CFD  calculations 
and  model  manufacture,  and  the  model  was  fitted  with  pressure  tappings  on  the  wing,  fuselage  and  canard. 

The  tests  were  performed  in  the  ARA  9ft  x  8ft  Transonic  Wind  Tunnel  in  February  1985. 


1  GENERAL  DESCRIPTION 

1 . 1  Model  name  and  designation 

ARA  MIS  1/1  forward  swept  wing 
research  model  based  on  BAe  (Warton) 
model  R63.  See  Fig  1. 

1.2  Model  type  and  flow  conditions 

The  Layout  of  the  model  comprises  a  sting 
mounted,  simple  pressure  plotted 
fuselage/wing/canard  configuration. 
Tested  over  the  range  0.5  S  M  £  1.35,- 
2“S  a  S  10°,  (Upper  limit  being 
increased  to  20°  (or  maximum  safe  angle) 
at  selected  subsonic  M). 

1.3  Design  requirements,  purpose  of  lest 

The  performance  characteristics  of  a 

combat  aircraft  can  be  interpreted  in 
aerodynamic  terms  by  a  flight  envelope 
such  as  shown  in  Fig  2.  This  exercise 
takes  design  point  1  as  the  primary  design 
point  with  secondary  consideration  of 
points  2  and  3.  The  only  concession  to 
supersonic  flight  is  to  maintain  a  thin 
section  (»  5%  t/c)  -with  superficial 
consideration  of  the  cross  sectional  area 
distribution  to  minimise  wave  drag. 

The  purpose  of  the  tests  was  to  establish 
whether  the  theoretical  methods  used  for 
the  design  are  adequate  for  forward 
sweep.  It  was  also  intended  to  use  the 
data  to  provide  some  guidance  on  the 
suitability  of  forward  sweep  for  future 
combat  aircraft  projects  and  to  obtain  a 
definitive  data  base  for  this  class  of 
aircraft. 


1.4  Dominant  flow  physics 

M=0.7  can  be  taken  as  representative  of 
a  typical  subcritical  flow  on  a  30°  swept 
wing  in  which  supercritical  regions  are 
confined  to  the  vicinity  of  the  wing 
leading  edge. 

At  M=0.85  the  flow  has  developed  into 
rather  more  complex  shock  patterns.  On 
the  inner  wing  there  is  a  strong,  unswept 
shock  with  a  separation  bubble 
downstream.  Further  outboard  there  is  a 
weak  highly  swept  shock  which  originates 
from  the  wing  tip  leading  edge,  with  a 
weak  lower  sweep  shock  further  aft. 


There  is  a  trailing  edge  separation  which 
develops  slowly  with  increasing  incidence. 

By  M^O.P  there  is  a  more  clearly  defined 
flow  pattern  in  which  the  supercritical 
flow  is  terminated  by  a  single  shock  on 
the  inner  wing.  This  is  a  strong  unswept 
shock  with  a  separation  bubble 
downstream.  On  the  outer  wing  the  shock 
is  well  swept  and  relatively  weak,  with  the 
inboard  drift  of  the  surface  boundary  layer 
downstream  of  the  shock  and  a  more 
extensive  area  of  trailing  edge  separation. 

2  DETAILS  OF  THE  MODEL 

2. 1  General  geometric  arrangement 

The  general  geometric  arrangement  of  the 
model  is  shown  in  Fig.  3. 


2.2  Configurations 

02419  Fuselage  expanding,  canard  off 

02519  Fuselage  parallel,  canard  off 

02119  Fuselage  expanding,  canard  angle 
-3° 


2.3  VVing  data 

2.3.1  Planfoim 

•  Reference  wing  area  =  0.3600m* 

•  Reference  wing  chord,  S  =  0.3(XX)m 

•  Reference  wing  span  =  1.2000m 

•  Moment  reference  centre  =  0.9000m 
aft  of  the  model  nose  on  the  horizontal 
fuselage  datum. 

•  Aspect  ratio  =  4.0 

•  Taper  ratio  =  0.4 

•  Leading  edge  sweep  =  -30° 

•  Twist  distribution  =  See  Table  1  for 
twist  definition 

•  Gross  semi-span  =  0.600m 

•  Root  chord  =  0.4286m 

•  Tip  chord  Cj  =  0.17143m 

•  Tip  L.E.  point  =  0.6225m 

•  Details  of  fiiselage/wing  Junction:  Low 
mounted  with  a  negative  wing/fiiselage 
setting  angle. 
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2.3.2  Basic  wing  section 

The  basic  trapezoidal  wing  is  positioned 
longitudinally  with  the  mean  aerodynamic 
quarte-  chord  at  X  =  90.00cm  and  the 
wing  leading  edge  apex  at  Z  =  -7.S7Scm. 
It  is  defined  by  three  control  stations  as 
specified  in  Table  2,  with  linear 
generation  between  these  stations.  The 
iimer  wing  leading  edge  is  unswept  near 
the  body  side  giving  a  structurally  sounder 
means  of  carrying  the  wing  loads  into  the 
fuselage  than  the  V  junction  which  the 
trapezoidal  wing  would  imply.  The 
unswept  inner  wing  is  obtained  by 
stretching  the  trapezoidal  wing  in  the  X 
direction. 


2.4  Body  data 
2.4.1  Shape 

The  fuselage  is  based  on  a  simple 
rectangular  section  (13cm  wide)  with 
rounded  comers  (2cm  away  from  the 
nose).  There  is  a  faired  chin  intake 
(rectangular  section  with  2cm  comer 
radii),  providing  an  upswept  rear  fuselage 
which  permits  a  low  mounted  wing  with  a 
negative  wing/fuselage  setting  angle.  A 
simple  canopy  is  also  included.  This  has 
an  elliptic  section  forward  of  X  = 
48.(X)cm  and  blends  back  into  the 
recUuigular  fuselage  at  X  «=  90.(X)cm. 
Two  alternative  bodysides  are  used  in  the 
vicinity  of  the  wing  root.  The  basic 
fuselage  has  a  constant  width  of  13cm, 
reducing  to  12cm  over  the  final  10cm  of 
the  body  length.  The  expanding  fuselage 
has  a  maximum  width  of  20.119cm, 
occurring  near  the  wing  trailing  edge. 
The  fuselage  of  an  FSW  aircraft  would 
normally  end  just  downstream  of  the  wing 
trailing  edge,  but  the  length  has  been 
extended  significantly  in  order  to  close  the 
expanding  fuselage  down  to  a  reasonable 
base  area.  This  will  have  the  additional 
advantage  of  increasing  the  distance 
between  the  critical  inner  wing  flow  and 
the  model  base  which  could  ease  the 
interpretation  of  the  base  drag  of  the  FSW 
model. 


2.5  Information  on  Canards 

The  canard  is  a  conventional  aft  swept 
surface  with  a  leading  edge  sweep  of  45°, 
unswept  trailing  edge  and  nett  taper  ratio 


=  0.2.  The  nett  canard  mean 

aerodynamic  chord  is  positioned  at  X  = 
54.083cm,  Z  =  -0.5cm  and  the  canard 
rotates  about  this  point.  The  normal 
canard  setting  is  -3°.  The  canard  is 
specified  by  modified  NACA  64206 
sections  at  the  bodyside  and  the  tip  with 
4°  of  washout  (ie  the  tip  is  set  4°  nose 
down  to  the  bodyside  chord). 


2.7  Geometric  definition 

The  wing  leading  and  trailing  edges  are 
defined  mathematically  see  Table  2.  The 
wing  section  and  twist  definition  is  defined 
geometrically  in  Table  1. 

The  fuselage  is  defined  mathematically  see 
Table  3. 

The  canard  is  defined  geometrically  in 
Table  4. 


2.8  Model  support  details 

The  complete  model  was  mounted  on  a 
single  rear  sting  of  83.8mm  diameter,  via 
the  ARA  No  4  76.2mm  diameter  balance. 


3  GENERAL  TUNNEL  INFORMATION 

3.1  Tunnel  designation 

ARA  2.74m  x  2.44m  (9ft  x  8ft)  Transonic 
Wind  Tunnel  (see  Fig.  4) 


3.2  Organisation  running  the  tunnel 

Aircraft  Research  Association  Ltd 
Manton  Lane 
Bedford  MK41  7PF 


3.3  Tunnel  characteristics 

The  ARA  Transonic  Wind  Tunnel  is  a 
rectangular,  continuous  flow,  closed 
circuit  tunnel,  with  perforated  walls. 

•  Mach  numbers;  0  to  1.4 

•  Incidence  range  (straight  sting)  -10°  to 
40° 

•  Roll  range  0  to  360°. 

•  Pressure  range;  stagnation  pressure  0.8 
to  1.2  bar. 
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•  Temperature  range;  stagnation 
temperature  up  to  S0°C. 

•  Reynolds  number:  (based  on  reference 
chord  length)  from  3.2  x  10®  at 

M=0.55,  to  4.4  X  10®  at 
supersonic  speeds. 

•  Run  time;  continuous. 


3.4  Test  section 

3.4. 1  Test  section  details 
See  Fig.  5. 

3.4.2  Test  section  size 

2.74m  X  2.44m.  The  perforated  walls 
extend  1.49m  upstream  of  the  model  nose 
and  1.07m  downstream  of  the  model  base. 
The  region  of  uniform  Mach  number 
extends  at  least  2.26m  upstream  of  the 
model  (the  forward  limit  of  the  calibration 
probe). 

3.4.3  Wall  geometry  details 

•  The  perforated  tunnel  walls  have  a  22% 
open  area  (normal  holes),  varying  over  the 
length  of  the  working  section  to 
minimise  interference  at  h,gh  subsonic 
Mach  numbers. 

•  No  wall  pressures  were  measured  for 
this  test  series. 

•  Wall  boundary  layer  thickness  was 
13mm  at  the  model  centre  of  rotation, 
measured  for  tests  with  a  centre-line 
calibration  probe  (‘empty  tunnel'). 


3.5  Free-stream  conditions 

3.5.1  Reference  conditions 


•  Total  pressure  in  the  working  section  is 
obtained  from  the  static  pressure  in  the 
settling  chamber  using  calibration  data. 

•  Static  pressure  in  the  working  section  is 
obtained  from  the  static  pressure  on  the 
wall  of  the  plenum  chamber. 

•  The  reference  pressure  used  to  calibrate 
pressure  transducers  is  an  applied  pressure 
in  a  large  reservoir  in  the  tunnel 
control  room. 

•  Stagnation  temperature  is  measured  to 
an  accuracy  of  ±  0.2K  over  the  operating 
range  of  the  tunnel  using  a  probe 
installed  in  the  settling  chamber. 


3.5.2  Tunnel  calibration 

•  The  tuimel  is  calibrated  using  a  centre¬ 
line  static  probe  with  wall  static  pressures. 

•  The  last  calibration  was  performed  in 
October  1986  (complete  model  testing). 

3.6  Flow  Quality 

3.6.1  Flow  uniformity 

Mach  number  variation  along  the  length  of 
a  model  is  set  to  a  nominal  zero  using 
settings  of  the  wind  tunnel  walls  derived 
from  the  tunnel  calibration.  Typical 
errors  of  AM  =  0.(XX)2  were  measured  in 
the  last  calibration  of  the  tunnel.  Mach 
number  is  held  to  within  0.001  of  the 
required  value  up  to  moderate  incidence, 
at  subsonic  Mach  numbers. 

Mean  flow  angularity  is  obtained  for  each 
model  using  a  small  incidence  traverse 
with  model  upright  and  inverted.  Flow 
angles  are  normally  found  to  lie  within  ± 
0.02°  of  the  standard  values  for  most 
models.  For  a  detailed  discussion  of  the 
turmel  flow  angularity  see  ref.  2. 

3.6.2  Temperature  variation 

Tunnel  temperature  is  not  controlled 
directly,  although  the  increase  in 
temperature  during  a  run  is  minimised  by 
a  cooler.  Stagnation  temperature  increases 
by  approximately  2°K  for  a  moderate 
incidence  traverse  at  a  given  Mach 
number.  Temperature  variation  across  the 
tunnel  is  not  known. 

3.6.3  Flow  unsteadiness 

Early  measurements  of  the  unsteadiness  in 
the  ARA  TWT  indicated  a  peak  at 
M=0.7.  A  more  extensive  investigation, 
carried  out  in  1990  following  the 
installation  of  a  long  cell  honeycomb, 
showed  that  this  peak  is  due  to  a  tone  at 
2.6KHz  which  is  not  present  when  a 
model  is  present  in  the  working  section. 
See  Ref  2  for  further  details. 


4  INSTRUMENTATION 

4.1  Model  position 

See  Fig  5 


4.1.1  Geometrical  incidence  measucements 

Geometrical  incidence  is  measured  by  an 
accelerometer  located  in  the  model  cart, 
corrected  for  deflections  of  the  model 
support  system  under  load  using  an 
accelerometer  in  the  forebody  of  the 
model. 

4.1.2  Accuracy  of  geometrical  incidence 
Model  incidence  accuracy  ±  0.01°. 

4.2  Model  pressure  measurement 

4.2. 1  Number  and  locations  of  pressure  holes 

Total  number  of  pressure  holes  =  329 

S  X  22  port  wing  upper  surface 
S  X  16  starboard  wing  lower  surface. 

See  Table  5  and  Figs  6  and  7  for 
locations. 

3  X  12  port  canard  upper  surface 
3x8  starboard  canard  lower  surface. 

See  Table  6  and  Fig  8  for  locations. 

The  fuselage  had  pressure  measurements 
in  the  vicinity  of  the  wing  root  (see  Table 
5)  and  over  the  afterbody.  See  Table  7 
and  Fig  9  for  locations. 

4.2.2  Range  and  accuracy  of  pressure 
transducers 

±  1034  mbar  range  Druck  type 

transducers  used,  nominal  sensitivity 
14.535  pV/mbar  scan,  calibrated  in  every 
scan. 


4.3  Forces  and  Moment  measurements 


4.3. 1  Type  and  location  of  balance 

Overall  model  loads  were  measured  with 
ARA  No.  4  76.2mm  (3")  diameter  6 
component  strain  gauge  balance. 

Buffet  measurements  were  made  using 
semi-conductor  strain  gauges  set  in 
pockets  on  the  wing  upper  surface  near  the 
fuselage  junction  to  measure  the 
oscillatory  wing  root  bending  moment. 

4.3.2  Maximum  range  and  accuracy 

Balance  sensitivities  are  shown  in  Table  8. 


4.5  Surface  flow  visualisation 

4.5.1  Measurement  techniques  applied 

Oil  flow  visualisation  runs  were  carried 
out,  comparing  the  expanding  fuselage  on 
the  starboard  side,  with  the  parallel 
fuselage  on  the  port  side.  The  canards 
were  omitted  from  this  configuration  and 
a  forward  transition  band  was  used  in 
order  to  show  as  much  of  the  wing  flow 
as  possible.  Tests  were  carried  out  over 
a  range  of  incidence  at  M  =  0.7, 0.85  and 
0.9. 

4.5.2  Recording  of  visualisation 

Photographs  of  selected  incidences  from 
these  runs  were  taken. 


4.6  Field  flow  visualisation 
None. 


4.7  Tunnel  wall  measurements 
None. 


4.8  Instrumentation  used 

All  measurements  were  made  using  the 
ARA  sUindard  data  acquisition  system. 


5  TEST  MATRIX  AND  CONDITIONS 


5.1  Details  of  test  matrix 

5.1.1  Number  of  test  cases 

Three  tests  cases  have  been  selected. 

5.1.2  Number  of  configurations 

One  configuration  for  each  test  case. 

5.1.3  Summary  of  test  cases 

For  summary  of  test  cases  see  Table  9. 

5.2  Model/tunnel  relations 
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5.2. 1  Blockage  effect 

Zero  lift  blockage  =  0.5  % 

5.2.2  Model  span/tunnel  width 

Ratio  of  model  wing  span  to  tunnel  width 
=  0.438. 

5.2.3  Wing  area/tunnel  cross  section 

Wing  area:  tunnel  cross  sectional  area  = 
0.0538. 

5.2.6  Wall  temperatures 

Wall  temperatures  were  not  measured. 


5.3  Transition  details 

5.3.1  Transition  fix 

For  the  test  cases  selected  transition  was 
fixed  as  shown  in  Table  10. 

5.3.3  Details  of  transition  fix 

Transition  was  fixed  by  narrow  bands  of 
Ballotini  set  in  a  thin  film  of  Araldite. 

5.3.4  Transition  verification 

The  effectiveness  of  the  transition  band 
was  checked  using  the  sublimation  of 
Acenaphthene  at  M  =  0.5,  Cl  =  0.2. 
Experience  has  shown  that  this  condition 
requires  the  maximum  Ballotini  size  for 
successful  transition  over  the  range  of 
conditions  tested,  including  low  supersonic 
Mach  numbers. 


6  DATA 

6. 1  Availability  of  data 

6.1.1  Organisation  owning  data 

U.K.  Ministry  of  Defence 

Technical  Authority  represented  by 

Aerodynamics  and  Propulsion  Department 

Defence  Research  Agency 

Famborough 

England 

6.1.2  Person  responsible  for  data 


Mr  D  Stanniland 
Aircraft  Research  Association  Ltd 
Manton  Lane 
Bedford  MK41  7PF 

Tel:  0234  -  350681 

Fax:  Groups  2  &  3,  0234  -  328584 

6.1.3  Queries  about  data 

Contact  ARA  in  the  first  instance. 


6.2  Suitability  of  data  for  CFD  validation 

6.2.1  Suitability  for  ’in  tunnel’  calculations 

The  tests  were  carried  out  in  a  perforated 
tunnel  with  no  measured  wall  pressures. 
Hence,  the  data  is  unlikely  to  be 
appropriate  for  in-tunnel  calculations  with 
a  specified  boundary  condition. 

6.2.2  Simulation  of  ‘Free  Air’  conditions 

The  data  are  corrected  to  simulate  ’Free 
Air'  conditions.  The  fuselage  geometry  is 
precisely  defined  and  the  model  can 
readily  be  represented  in  CFD  methods. 
The  availability  of  pressure  tappings  on 
the  wing  fuselage  and  canard  means  that 
the  results  are  appropriate  for  CFD 
calculations  on  this  class  of  complex 
configuration. 

6.3  Type  and  form  in  which  data  available 

6.3.1  Type  and  form  of  data 

For  list  of  available  data  see  Table  9. 

6.3.2  Format  of  data  available 

Data  will  be  supplied  on  an  IBM 
compatible  floppy  disk. 

6.4  Correction  applied  to  data 

6.4.1  Lift  interference  and  blockage 

Corrections  were  made  to  the  measured 
data  to  account  for  the  following: 

•  Sting  and  balance  deflection  under  load 

•  Model  cart  deflection  under  load 

•  Tunnel  constraint 

•  Tunnel  flow  pitch  angularity  and 
curvature 
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•  Model  blockage 

•  Model  blockage  buoyancy 

•  Base  drag.  The  model  axial  force  was 
corrected  to  allow  for  model  base  drag 
which  is  obtained  as  the  sum  of  several 
components  thus. 

i)  The  cavity  pressure  acting  over 
the  cavity  cross  section  at  the 
base  of  the  model. 

ii)  The  pressures  measured  in  the 
model  base,  acting  over  their 
areas  of  influence.  (See  Table  12 
and  Fig  10). 

iii)  The  pressures  measured  on  the 
fuselage  downstream  of 
X=  1.500m  acting  over  the 
rearward  facing  areas.  (See  Table 
12  and  Fig  10). 

6.4.5  Aero-elastic  deformation 

No  correction  has  been  applied  for 
aeroelastic  deformation  under  load. 
Calculations  suggest  that  for  atmospheric 
stagnation  pressure  testing  deflections  will 
be  small. 


7  DATA  ACCURACY  AND 

REPEATABILITY  ASSESSMENT 

7. 1  Elstimated  accuracies 

7.1.1  Free  stream  conditions 

Mach  number  measured  in  these  tests  has 
a  bias  of -0.0015  which  has  been  recently 
identified,  with  an  accuracy  of  ±0.001. 
Model  incidence  is  estimated  to  be 
accurate  ±0.02“  up  to  a  =  10“. 

7.1.2  Measured  data 

The  RMS  errors  presented  in  Table  1 
imply  errors  at  M  =  0.8  of  typically. 

Cy  ±0.0002 

Cn  ±0.0010 
±0.00007 
C„  ±0.00015 
Cl  ±0.00003 
C„  ±0.00003 


8  REFERENCES 

8.1  On  the  Wind  Tunnel 


1.  J  E  Green/C  A  McHugh 

A  J  Baxendale/D  R  Stanniland 

The  use  of  a  deep  honeycomb  to  achieve 
high  flow  quality  in  the  ARA  9’  x  8' 
Transonic  Wind  Tunnel  presented  at  18th 
Congress  of  ICAS,  Beijing,  September 
1992. 

2.  D  R  Stanniland/C  A  McHugh 
J  E  Green 

Improvement  of  the  flow  quality  in  the 
ARA  Transonic  Tunnel  by  means  of  a 
long  cell  honey-comb.  Paper  54,  RAes 
conference  on  "Wind  Tunnels  and  Wind 
Tunnel  Test  Techniques",  Southampton 
1992. 

3.  E  C  Carter/K  C  Pallister 


Development  of  testing  techniques  in  a 
large  Transonic  Wind  Tunnel  to  achieve  a 
required  drag  accuracy  and  flow  standards 
for  modem  civil  transport.  AGARD-CP- 
429,  September  1987 


8.2  On  the  Model 

4.  D  R  Stanniland/P  J  Johnson 

The  aerodynamic  design  of  a  supercritical 
forward  swept  wing  for  a  combat  aircraft. 
ARA  MTN  M151/1  September  1984 

8.3  On  the  Test 

5.  DR  Staimiland/P  J  Johnson 

Results  and  analysis  of  tests  on  the 
MlSl/1  forward  swept  wing  research 
model. 

ARA  MTN  M151/3  January  1986 


TABLE  1 


M151  WING  SECTION  AND  TWIST  DEFINITION 


x/c  =  0.000000 

Y  =  0.000 

Of'j'  =  “2 . 800 

Z/c  =  0.000000 

21.429 

-3.000 

0.000000 

60.000  cm 
2.000 
0.000000 

0.002408 

0.005839 

0.006068 

0.005492 

0.009607 

0.011572 

0.012115 

0.011091 

0.021530 

0.017091 

0.018051 

0.016800 

0.038060 

0.022290 

0.023616 

0.022500 

0.059040 

0.027103 

0.028560 

0.028069 

0.084265 

0.031550 

0.032954 

0.033481 

0.113495 

0.035734 

0.036958 

0.038736 

0.146447 

0.039742 

0.040586 

0.043713 

0.182804 

0.043576 

0.043759 

0.048216 

0.222215 

0.047167 

0.046465 

0.052153 

0.264302 

0.050405 

0.048719 

0.055462 

0.308659 

0.053172 

0.050493 

0.058036 

0.354858 

0.055387 

0.051730 

0.059837 

0.402455 

0.057000 

0.052393 

0.060941 

0.450992 

0.057921 

0.052489 

0.061414 

0.500000 

0.057986 

0.052056 

0.061190 

0.549009 

0.057062 

0.051103 

0.060106 

0.597545 

0.055214 

0.049566 

0.058012 

0.645142 

0.052627 

0.047347 

0.054892 

0.691342 

0.049402 

0.044393 

0.050899 

0.735699 

0.045579 

0.040725 

0.046259 

0.777785 

0.041221 

0.036451 

0.041145 

0.817197 

0.036428 

0.031750 

0.035685 

0.853553 

0.031339 

0.026837 

0.030044 

0.886505 

0.026116 

0.021947 

0.024452 

0.915735 

0.020940 

0.017294 

0.019153 

0.940961 

0.016002 

0.013052 

0.014348 

0.961940 

0.011505 

0.009348 

0.010180 

0.978470 

0.007654 

0.006291 

0.006760 

0.990393 

0.004655 

0.003981 

0.004190 

0.997592 

0.002707 

0.002518 

0.002571 

1.000000 

0.002000 

0.002000 

0.002000 

Or  is  positive  nose  up  and  is  applied  as  a  Z/c  is  positive  normal  to  the  wing  datum  plane 

shear  relative  to  the  wing  leading  edge  and  is  applied  as  a  shear  relative  to  the  wing  ' 

twist  line 
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TABLE  I  (contd) 


x/c  =  0.000000 

Y  =  0.000 

aj°=  -2.800 

Z/c  =  n.oooooo 

21.429 

-3.000 

0.000000 

60.000  cm 
-(■2.000 
0.000000 

0.002408 

-0.002970 

-0.003150 

-0.002500 

0.009607 

-0.005553 

-0.005500 

-0.004451 

0.021530 

-0.007532 

-0.007250 

-0.005773 

0.038060 

-0.008898 

-0.008350 

-0.006310 

0.059040 

-0.009720 

-0.00fi750 

-0.006112 

0.084265 

-0.010037 

-0.008600 

-0.005069 

0.113495 

-0.009858 

-0.007720 

-0.003135 

0.146447 

-0.009184 

-0.006000 

-0.000884 

0.182804 

-0.008013 

-0.004850 

0.000898 

0.222215 

-0.006313 

-0.003861 

0.002175 

0.264302 

-0.004013 

-0.002909 

0.003356 

0.308659 

-0.001058 

-0.001737 

0.004695 

0.354858 

0.002481 

-0.o7M05 

0.006285 

0.402455 

0.006364 

0.001005 

0.008144 

0.450992 

0.010278 

0.002501 

0.010115 

0.500000 

0.013964 

0.004188 

0.011896 

0.549009 

0.017283 

0.006196 

0.013418 

0.597545 

0.020118 

0.008494 

0.014949 

0.645142 

0.022108 

0.010638 

0.016432 

0.691342 

0.022596 

0.011782 

0.017024 

0.735699 

0.021177 

0.011317 

0.015898 

0.777785 

0.018268 

0.009510 

0.013262 

0.817197 

0.014824 

0.007235 

0.010133 

0.853553 

0.011588 

0.005190 

0.007357 

0.886505 

0.008780 

0.003566 

0.005164 

0.915735 

0.006319 

0.002253 

0.003411 

0.940961 

0.004106 

0.001117 

0.001922 

0.961940 

0.002130 

0.000110 

0.000630 

0.978470 

0.000449 

-0.000747 

-0.000453 

0.990393 

-0.000853 

-0.001413 

-0.001282 

0.997592 

-0.001695 

-0.001844 

-0.001811 

1.000000 

-0.002000 

-0.002000 

-0.002000 
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TABLE  2 

MATHEMATICAL  DEFINITION  OF  WING 


DIMENSIONS  IN  CENTIMETRES,  MODEL  SCALE 


LEADING  EDGE 
0  S  y  S  6.50 

6.50  S  y  S  16.00 

16.00  S  y  £  21.429 

21.429  £  y  £  60.00 


X  =  88.2700 

X  =  ((21.429-  y)( -0.00001 5848)'*  +  0.001339I56y-  +  88.24171) 

+  (y  -  6.500)(-0.021824598y-  +  0.3580086I6y  +  86.865031/14.929 

X  =  ((21.429  -  y)(-0.030102543y- +  0.63l68l39y  +  84.80175) 

+  (y  -  16.00)(-0.01516362r  +  0.07253242y  +  89.92377)|/5.429 

X  =  96.8769  -  0.57735y 


TRAILING  EDGE 


X  =  139.745  -  1.00592y 


E8M 


] 
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TABLE  3 

MATHEMATICAL  DEFINITION  OF  THE  FUSELAGE 
DIMENSIONS  IN  CENTIMETRES.  MODEL  SCALE 


Fuselage  unner  surface 

0.00  S  X  S  50.00 
50.00  S  X  £  160.00 
160.00  £  X  £  170.00 


Fuselage  lower  surface 

0.00  £  X  £  35.00 
35.00  £  X  £  55.00 


z  =  (15449.898  -  (x  -  50.000)-  )’'-  -  117.7976 
z  =  6.5000 

z  =  6.5000  -  0.0050  (x  -  160.000)^ 


z  =  198.6667  -  (42298.778  -  (x  -  35.000)- 
z  =  -7.0000 


Fuselage  plan  view  -  parallel  hodvside 

0.00  £  X  £  40.00  y  = 

40.00  £  X  £  160.00  y  = 

160.00  £  X  £  170.00  y  = 


(15958.492  -  (x  -  40.000)^  ]*'-  -  119.8269 
6.5000 

6.5000  -  0.0050  (x  -  160.000)^ 


Fuselage  plan  view  -  expanding  bodvside 


88.2745  £  X  £  133.00 
133.00  £  X  £  170.00 


y  =  -0.000079548x^  +  0.026403042x- -  2.801815x  +  102.8050 
y  =  0.00008720Ix^  •  0.040984257x-  4-  6.2743 14x  -  304.6070 


Fuselage  comer  radius 

0.00  £  X  £  15.00 
15.00  £  X  £  170.00 


r  =  4(x/15)  -  2(x/15)- 
r  =  2.00 


Canopy  upper  surface 


23.75  £  X  £  34.00 

34.00  £  X  £  48.00 

48.00  £  X  £  90.00 


z  =  0.50953X  -  8.4039 

z  =  0.00035234x^  -  0.0615350x-  -I-  3.472015x  -  51.8454 
z  =  0.000148472x^  -  0.03073372x-  +  1.924198x  -  25.97085 


Canopy  plan  view 
23.75  £  X  £  45.00 
Canopy  section 

23.75  £  X  £  48.00 

48.00  £  X  £  90.00 


y  =  6.500  (1  -  (x  -  45.000)^/21.25-  )''- 


ellipse  with  semi-axes 
(Xc-  (Zc  ■  Zpu) 


elliptic  shoulder  with  semi-axes 
(fy,  r^)  with  flat  top 
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TABLE  3  (contd) 


r 


X 


90.000  -  X ) 
42.000  J 

f  X  -  48.000] 
[  42.000  j 

f  90.000  -  x] 
[  42.000  J 


(-0.002551020X’  ♦  0.244897959x  ♦  0.622448979) 
(0.002551020X*  -  0.459183673x  +  22.66326530) 
(0.001993254x’  +  0.19l352381x  +  0.923642857) 


^  f  X  -  48.000 
*  42.000 


(0.001993254x’  -  0.358785714x  +  18.14535714) 


Intake  lower  surface 


26.77  £  X  S  40.00 
40.00  S  X  S  55.00 
55.00  S  X  i  100.00 
100.00  S  X  £  160.00 
160.00  S  X  £  170.00 


2  =  -0.36397X  +  2.9088 

2  =  -0.00022330x’  +  0.0439531  lx*  -  2.8083611  lx  +  44.6539 
2  =  -0.00000835X*  +  0.00310815X*  -  0.266I593x  -  7.3749 
2  =  -0.000005572x>  +  0.00129756Ix*  +  0.012709937x  -  19.9305 
2  =  -7.5000  +  0.0050  (X  -  160.000)* 


Intake  plan  view 

26.77  £  X  £  55.00  y  =  [4167.029  -  (x  -  55.000)*  ]>'*  -  58.0525 
Intake  comer  radius 

26.77  £  X  £  40.00  r  =  4{(x  -  26.77)/13.23)  -  2((x  -  26.77)/13.23)* 


TABLE  4 


M151  CANARD  SECTION  AND  TWICT  DEFINITION 


The  canard  has  a  constant  NACA  64-206  section: 


NACA  64-206 

(Stations  and  ordinates  given  in  per  cent  of  airfoil  chord) 


Upper  Surface 


Lower  Surface 


Station 

Ordinate 

Station 

Ordinate 

0 

0 

0 

0 

0.459 

0.542 

0.541 

-0.442 

0.704 

0.664 

0.796 

-0.524 

1.198 

0.859 

1.302 

-0.645 

2.440 

1.208 

2.560 

-0.836 

4.934 

1.719 

5.066 

-1.087 

7.432 

2.115 

7.568 

-1.267 

9.933 

2.444 

10.067 

-1.410 

14.937 

2.970 

15.063 

-1.624 

19.943 

3.367 

20.057 

-1.775 

24.952 

3.667 

25.048 

-1.877 

29.961 

3.897 

30.039 

-1.935 

34.971 

4.011 

35.029 

-1.951 

39.981 

4.066 

40.019 

-1.924 

44.991 

4.014 

45.009 

-1.824 

50.000 

3.878 

50.000 

-1.672 

55.008 

3.670 

54.992 

-1.480 

60.015 

3.402 

59.985 

-1.260 

65.020 

3.080 

64.980 

-1.028 

70.023 

2.712 

69.977 

-0.799 

75.025 

2.307 

74.975 

-0.587 

80.024 

1.868 

79.976 

-0.401 

85.020 

1.410 

84.980 

-0.259 

90.015 

0.940 

89.985 

-0.187 

95.007 

0.473 

94.993 

-0.224 

100.000 

0 

100.000 

-0.500 

LE  radius  :  0.2S6 

Slope  of  radius  through  LE  :  0.084 


The  section  has  been  modified  aft  of  x/c  =  0.600  on  the  canard  lower  surface  to  introduce  a  trailing  edge 
thickness  of  0.005. 


The  twist  is  0*  at  the  model  bodyside  and  -4*  at  the  canard  tip,  applied  as  a  shear  relative  to  the  canard  half 
chord,  with  linear  generators  between  the  bodyside  and  the  tip. 
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TABLE  6 

M151  CANARD  PRESSURE  TAPPINGS 
Presfmres  are  measured  on  the  canard  at  the  following  x/c  positions: 


Upper  surface;  port  canard 


Lower  surface;  starboard  canard 
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TABLE  9 

SUMMARY  OF  TEST  CASES 


1  IDENTIFICATION 

CONDITIONS 

POSITION 

OTHER  INFORMATION  | 

CASE  NO 

CONFIGURATION 

MACH  NO 

H 

ALPHA/DEG 

TYPE  OF 
MEASUREMENTS 

additional  1 

REMARKS  1 

1 

02419  FUSELAGE  EXPANDING 

CANARD  OFF 

0.7 

I.O 

5.5 

«.b 

0.8 

1.0 

5.5 

a.b 

0.8S 

1.0 

5.5 

«.b 

0.9 

1.0 

0.  2.  3.5,  5.5,  7.  8 

B.b 

0.95 

1.0 

5.5 

a,b 

1.10 

1.0 

5  5 

a.b 

1.19 

1.0 

5.5 

a,b 

1.35 

1.0 

5  5 

a,b 

2 

02519  FUSELAGE  PARALLEL 

CANARD  OFF 

0.7 

1.0 

5.5 

a.b 

0.8 

1.0 

5.5 

i.b 

0  8S 

1.0 

5.5 

i.b 

0.9 

1.0 

0.  2.  3.5.  5.5,  7.  8 

A.b 

0.95 

1.0 

5  5 

a.b 

1.10 

1.0 

5  5 

a.b 

1.19 

1.0 

5.5 

A.b 

1.35 

1.0 

5.5 

a.b 

TABLE  9 


CONTINUED 


1  IDENTIFICATION 

CONDITIONS 

POSITION 

OTHER  INFORMATION  | 

CASE  NO 

CONFIGURATION 

MACH  NO 

H 

ALPHA/DEC 

TYPE  OF 
MEASUREMENTS 

ADDITIONAL 

REMARKS 

3 

02119  FUSELAGE  EXPANDING 

CANARD  ANGLE  -3* 

0.7 

1.0 

5.5 

a,b 

0.8 

I.O 

5.5 

I.b 

0.85 

1.0 

5.5 

a.b 

0.9 

1.0 

0.  2.  3.5.  5.5,  7.0,  8.0 

a.b 

0.95 

1.0 

5.5 

■>b 

I.IO 

1.0 

5.5 

I.b 

1.19 

1.0 

5.5 

a,b 

1.35 

1.0 

5.5 

I.b 

WING  DESIGN  REQUIREMENTS 


FIG  3  LAYOUT  OF  THE  Ml  51  FORWARD  SWEPT  WING  MODEL 


FIG  4 


DETAILS  OF  THE  A.R.A.  9'X6'  TRANSONIC  TUNNEL  CIRCUIT 


_ J«« _ 


PARALLEL  BOOVSIDE 


BASE  AND  REAR  FUSELAGE  PRESSURE  DRAG  CORRECTIONS 
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Investigation  of  the  influence  of  Pylons  and 
Stores  on  the  Wing  Lower  Surface  Flow 


D.  Stanniland,  ARA,  Bedford 


O  INTRODUCTION 


This  submission  describes  a  series  of  tests  on  a  large  half  model  with  a  constant  chord,  untwisted, 
constant  section  wing  with  25°  sweep.  The  aim  of  these  tests  was  to  investigate  the  influence  of  pylons 
and  stores  on  the  wing  lower  surface  flow,  particularly  the  development  of  shocks  and  separations 
around  the  pylons  with  an  associated  increase  in  drag.  To  this  end  a  large  number  of  surface  pressure 
tappings  were  provided  on  the  wing  lower  surface  (17  stations),  on  the  inboard  and  outboard  sides  of 
each  of  the  pylons  and  around  the  mid-pylon  store.  Since  these  data  were  to  be  used  primarily  for  the 
validation  of  CFD  codes,  for  this  class  of  configuration,  the  fuselage  and  store  are  precisely  defined 
bodies  of  revolution  which  can  be  modelled  easily  by  the  CFD  geometry  packages. 

The  tests  were  performed  in  the  ARA  9ft  x  8ft  Transonic  Wind  Tunnel  in  February  1986. 


GENERAL  DESCRIPTION 

2.2 

Configurations 

See  Table  1. 

Model  name  and  designation 

81101  Clean  wing. 

ARA  M180/1  HalfModel.  See  Fig. 

1. 

81021  Three  favourable  interference 
pylons. 

Model  type  and  flow  conditions 

81014  Three  favourable  interference 
pylons,  mid-pylon  store. 

A  large  half  model  with  a  simple 
faselage  and  a  constant  section. 

untwisted,  untapered  wing  panel. 

2.3 

Wing  data 

Clean  wing,  with  various  pylon 

installations  and  a  mid-pylon  mounted 

2.3.1 

Planform  See  Fig.  2(a). 

store. 

•  Reference  half-wing  area  = 

Tests  were  carried  out  over  a  range  of 

0.7742m2 

Mach  numbers  from  0.55  to  0.86, 

•  Reference  half-wing  span  = 

primarily  investigating  the  flow  on  the 

1.5240m 

wing  lower  surface  at  low  C^. 

•  Reference  chord  =  0.5080m 

•  Moment  reference  centre  = 
0.4315m  aft  of  wing  I.e.  apex  on 

Purpose  of  test 

fuselage  axis. 

•  Aspect  ratio  =  6.0 

•  To  establish  a  level  of  confidence 

•  Taper  ratio  =  1.0 

in  the  theoretical  methods  used  to 

•  Leading  edge  sweep  =  25° 

design  the  pylons. 

•  Trailing  edge  sweep  =  25° 

•  Twist  distribution  -  the  section 

*  To  provide  an  indication  of  the 

ordinates  in  Table  2  imply  a 

potential  drag  benefits  which  can  be 

wing/body  setting  angle  of  -0.79°. 

obtained  from  designing  pylons. 

No  additional  twist  is  applied 
across  the  span. 

•  To  provide  a  data  base  of 

•  Semi-span  =  l.S240m 

increasing  complexity  against  which 

•  Tip  chord  =  0.508m 

future  theoretical  methods  can  be 

•  Tip  geometry  -  untapered. 

judged. 

•  Details  of  fuselage/wing  junction; 
wing  mounted  centrally  on  the 
fuselage. 

Dominant  flow  physics 

2.3.2 

Basic  wing  section 

Development  of  shocks  and  flow 

breakdown  around  the  pylons  and 

The  wing  has  a  constant  chord,  8.5% 

store  on  the  wing  lower  surface. 

thick  RAE  5220  section  applied 

particularly  in  the  open  channels 

normal  to  the  wing  leading  edge 

between  the  pylons. 

(see  Table  2). 

DETAILS  OF  THE  MODEL 

2.4 

Body  data 

General  geometric  arrangement 

2.4.1 

Shape 

The  general  arrangement  of  the  model 

The  fuselage  has  a  simple  forebody 

is  illustrated  in  Fig.  2(a). 

and  a  parallel  centrebody  and 
afterbody,  with  a  circular  cross 
section  offset  from  the  tunnel  floor  by 
a  plinth.  Details  of  the  forebody  are 
shown  in  figure  2(b). 

2.4.2  Additional  details 

Base  cavity  at  rear  of  fuselage  model 
to  take  accurate  account  of  base  drag 
values. 


2.6  Pylon  data 

See  Fig.  3  for  geometry  of  pylons. 

2.7  Geometric  derinition 

•  The  fuselage  forebody  is  defined 
numerically  in  Fig.  2(b). 

•  The  wing  has  a  constant  section 
defined  numerically  in  Table  2. 

•  The  pylons  are  defined  by  1 1 
sections  varying  over  the  depth  of 
the  pylon,  available  separately  (see 
also  Fig.  3). 

•  The  store  is  a  simple  body  of 
revolution  defined  numerically  in 
Fig.  4. 

•  Manufacturing  errors  are  generally 
small,  particularly  relative  to  the 
large  scale  of  the  present  model. 
The  precise  values  for  this  model 
are  no  longer  available. 

2.8  Model  support  details 

Floor  mounted  half  model.  The 
fuKlage  is  offset  from  the  floor  of  the 
tunnel  by  a  74tnm  parallel  section  and 
2.Smm  gap,  to  ensure  clearance 
between  the  live  parts  of  the  model 
and  the  tunnel  floor. 


3  GENERAL  TUNNEL 

INFORMATION 

3.1  Tunnel  designation 

ARA  2.74m  x  2.44m  (9ft  x  8ft) 
Transonic  Wind  Tunnel  (see  Fig.  5) 

3.2  Organisation  running  the  tunnel 

Aircraft  Research  Association  Ltd 
Manton  Lane 
Bedford  MK41  7PF 


3.3  Tunnel  characteristics 

Rectangular  continuous  flow,  closed 
circuit  tunnel  with  perforated  walls. 

•  Mach  numbers:  0  to  1.4 

•  Half  model  incidence  range  from 
-10°  to  -t-30° 

•  Pressure  range:  stagnation  pressure 
0.8  to  1.2  bar. 

•  Temperature  range:  stagnation 
temperature  up  to  S0°C. 

•  Reynolds  number: 

Based  on  wing  chord  S.S  x  10^  at 
M  =0.55,  increasing  to  7.0  x  10®  at 
M=0.86. 

•  Run  time:  continuous. 


3.4  Test  section 


3.4. 1  Test  section  details.  See  Fig  6. 

3.4.2  Test  section  size.  2.74m  x  2.44m. 

3.4.3  Wall  geometry  details 

•  Perforated  walls. 

•  Variable  increasing  to  a  maximum 
of  22%  open  area  (normal  holes). 

•  Bent  wall  movement  to  optimise  the 
Mach  number  distribution  for 
higher  Mach  numbers. 

•  No  wall  pressures  measured  for  this 
test  series. 

•  Wall  boundary  layer  displacement 
thickness  14mm  at  half  model 
centre  of  rotation. 


3.5  Free-stream  conditions 

3.5.1  Reference  conditions 

•  Total  pressure  in  the  working 
section  is  obtained  from  the  static 
pressure  in  the  settling  chamber 
using  calibration  data. 

•  Static  pressure  in  the  working 
section  is  obtained  from  the  static 
pressure  inside  the  plenum 
chamber. 

•  The  reference  pressure  used  to 
calibrate  pressure  transducers  is  an 
applied  pressure  in  a  large  reservoir 
in  the  tunnel  control  room. 
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•  Stagnation  temperature  is  measured 
to  an  accuracy  of  ±0.2'’K  over  the 
operating  range  of  the  tunnel,  using 
a  probe  installed  in  the  settling 
chamber. 

3.S.2  Tunnel  calibration 

•  Tunnel  is  calibrated  using  a 
centreline  probe  located  in  the 
vicinity  of  a  half  model  fuselage. 

•  Last  calibration  specific  to  half 
model  test  requirements  in  August 
1991. 


3.6  Flow  Quality 

3.6.1  Flow  uniformity 

Mach  number  variation  along  the 
length  of  a  model  is  set  to  a  nominal 
zero  using  settings  of  the  wind  tunnel 
walls  derived  from  the  tunnel 
calibration.  Typical  errors  of  AM  = 
0.0002  were  measured  in  the  last 
calibration  of  the  tunnel.  Mach 
number  is  held  to  within  0.001  of  the 
required  value  up  to  moderate 
incidence,  at  subsonic  Mach  numbers. 
No  flow  angle  correction  is  applied 
for  half  model  testing. 

3.6.2  Temperature  variation 

Tunnel  temperature  is  not  controlled 
directly,  although  the  increase  in 
temperature  during  a  run  is  minimised 
by  a  cooler.  Stagnation  temperature 
increases  by  approximately  2°K  for  a 
moderate  incidence  traverse  at  a  given 
Mach  number.  Temperature  variation 
across  the  tunnel  is  not  known. 

3.6.3  Flow  unsteadiness 

Early  measurements  of  the 
unsteadiness  in  the  ARA  TWT 
indicated  a  peak  at  M  =  0.7.  A 
more  extensive  investigation,  carried 
out  in  1990  following  the  installation 
of  a  long  cell  honeyr~T.t,  snow  I’d 
that  this  peak  is  due  to  a  tone  at  2.6 
KHz  which  is  not  present  when  a 
model  is  present  in  the  working 
section.  See  Ref  2  for  further  details. 


4  INSTRUMENTATION 

4. 1  Model  position  See  Fig.  6 

4.1.1  Geometrical  incidence  measurements 

Half  model  zero  incidence  is  set  by 
measurement  from  the  model  to  a 
reference  bar  fixed  to  the  tunnel 
floor.  Model  incidence  is  obtained 
relative  to  this  zero  using  a  ‘synchro’ 
measurement/control  device. 

4.1.2  Accuracy  of  geometrical  incidence 

Zero  incidence  is  set  to  an  accuracy 
of  approximately  0.02°. 
Measurement  of  the  angle  of 
incidence  relative  to  the  defined  zero 
is  accurate  to  0.01  °. 


4.2  Model  pressure  measurement 

4.2. 1  Number  of  pressure  holes 

wing  upper  surface  =  164 

lower  surface  =  256 

Pylon  =  74/pyl. 

Store  =  63 

Pressures  are  measured  close  to  the 
intersection  of  the  three  pylon  stations 
with  the  wing  lower  surface.  The 
location  of  pressure  tappings  and 
arrangement  of  pylons  is  shown  in 
Fig.  7(a).  Pressures  were  measured 
along  two  rows  parallel  to  the  pylon 
foot  and  at  three  constant  x/c 
positions  over  the  depth  of  the  pylon, 
and  at  various  positions  around  the 
store,  (see  Fig.  7(b)). 


4.3  Forces  and  Moment  measurements 

4.3.1  Type  and  location  of  balance 

Underfloor  mounted  high  range  half 

model  balance,  with  the  forces  and 

moments  obtained  from  the  average  of 
two  independent  S  component 
balances. 

4.3.2  Maximum  range  and  accuracy 

Balance  sensitivities  are  shown  in 
Table  3. 
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4.5 

Surface  flow  visualisation 

5.3 

Transition  details 

None. 

5.3.1 

Transition  was  fixed  for  all 
components 

4.6 

Field  flow  visualisation 

5.3.3 

Details  of  transition  fix 

None. 

•  See  Table  5. 

*  Transition  was  fixed  on  the  model 

using  narrow  bands  of  Ballotini  set 

4.7 

Tunnel  wall  measurements 

in  a  thin  film  of  Araldite. 

•  The  effectiveness  of  the  chosen 

None. 

transition  bands  was  confirmed 

using  an  Acenaphthene  sublimation 
test  at  M  =  0.66,  a  =  -0.1°. 

5 

TEST  MATRIX 

AND  CONDITIONS 

6 

DATA 

5.1 

Details  of  test  matrix 

6.1 

Availability  of  data 

5.1.1 

Number  of  test  cases 

6.1.1 

Owners  of  data 

Three  tests  cases  have  been  selected. 

U.K.  Ministry  of  Defence 

5.1.2 

Number  of  configurations 

Technical  Authority  represented  by 
Aerodynamics  and  Propulsion 

Three  configurations. 

Department 

Defence  Research  Agency 

5.1.3 

Summary  of  test  cases 

Famborough 

England 

For  summary  of  test  cases  see 

Table  4. 

6.1.2 

Person  responsible  for  data 

Mr  D  Stanniland 

5.2 

Model/tunnel  relations 

Aircraft  Research  Association  Ltd 
Manton  Lane 

5.2.1 

Blockage  effect 

Bedford  MK41  7PF 

Maximum  blockage  (clean  wing) 

Tel:  0234  -  350681 

=  1.65%. 

Fax:  Groups  2  &  3,  0234  -  328584 

5.2.2 

Model  span/tunnel  width  ratio 

6.1.3 

Queries  about  data 

Gross  model  semi -span/tunnel  height 
=  0.625. 

Contact  ARA  in  the  first  instance. 

5.2.3 

Wing  area/tunnel  cross  section 

6.2 

Suitability  of  data  for  CFD 
validation 

Gross  half  wing  area/tunnel  cross 
sectional  area  =  0.1 16. 

6.2.1 

Suitability  for  'in  tunnel'  calculations 

5.2.6 

Wall  temperatures 

The  tests  were  carried  out  in  a 
perforated  tunnel  with  no  measured 

Wall  temperatures  were  not 

wall  pressures.  Hence,  the  data  are 

measured. 

unlikely  to  be  appropriate  for  in- 

tunnel  calculations  with  a  specified 
boundary  condition. 
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6.2.2  Simulation  of  ‘Free  Air'  conditions 

Data  are  corrected  to  simulate  "Free 
Air’  conditions.  Although  the  model 
is  large  relative  to  the  tunnel,  the 
relatively  low  test  Mach  numbers  and 
low  incidences  under  consideration 
mean  that  the  results  do  not  exhibit 
significant  wall  interference.  The 
model  is  complex  from  the  point  of 
view  of  multiple  component 

interference,  but  each  of  the 
components  can  be  easily  and 

precisely  defined  in  a  CFD 
calculation.  The  large  number  of 

pressure  tappings  on  the  wing 
adjacent  to  the  pylons,  on  the  pylons 
themselves  and  on  the  store  on  the 
mid-pylon  mean  that  the  results  are 
particularly  appropriate  for  this 

purpose.  The  data  has  been  used 
extensively  for  CFD  code  validation, 
notably  for  the  ARA  Multi-block  suite 
of  programs  (Refs.  4  and  S). 

6.3  Type  and  form  in  which  data 

available 

6.3.1  Type  and  form  of  data 

For  list  of  available  data  see  Table  6. 

6.3.2  Format  of  data  available 

Data  will  be  supplied  on  an  IBM 
compatible  floppy  disk. 

6.4  Correction  applied  to  data 

6.4.3  Half  model  correction 

Tunnel  constant.  A  correction  has 
been  applied  to  the  model  incidence 
based  on  a  comparison  between  full 
model  and  half  model  tests  in  the 
ARA  TWT. 

6.4.6  Other  corrections 

Base  drag.  25  pressure  measured  in 
the  fuselage  base  were  used  to  correct 
the  model  axial  force  to  free  stream 
static  base  pressure.  This  is  a  large 
correction.  (Cyg  *  0.01  compared 
with  a  correct^  axial  force  at  zero 
incidence  —  0.014). 


7  DATA  ACCURACY  AND 

REPEATABILITY  ASSESSMENT 


7.1  Estimated  accuracies 

7.1.1  Free  stream  conditions 

Mach  number  measured  in  these  tests 
has  a  bias  of  -O.OOIS  which  has  been 
recently  identified,  with  an  accuracy 
of  ±0.001. 

Model  incidence  is  estimated  to  be 
accurate  to  ±0.02°  up  to  a  =  10°. 

7.1.2  Measured  data 

The  RMS  errors  presented  in  Table  3 
imply  errors  at  M  =  0.8  of  typically. 

Cn  ±0.0003 
Ca  ±0.0003* 

±0.0004 
Cf  ±0.0008 
C„  ±0.0007 

*  Incremental  drag  differences 
between  configurations  have  been 
analysed  separately  and  are  believed 
to  be  accurate  to  ±  0.0(X)05. 
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TABLE  1 

M180/1  CONFIGURATION  LIST 


CONFIGURATION 

INBOARD 

MID 

OUTBOARD 

11 101  rv 

- 

- 

- 

u 

81021 

PYLON 

PYLON 

PYLON 

1  /  III 

81014 

PYLON 

PYLON 
+  TANK 

PYLON 

-  '  A ' 

TABLE  2 

RAE  5220  SECTION  ORDINATES  APPLIED 
NORMAL  TO  THE  WING  LEADING  EDGE 


iZc 

z/c  UDDer 

z/c  lower 

x/c  contd. 

z/c  unner  cntd 

z/c  lower  cntd 

0.000000 

0.001560 

0.001560 

0.443660 

0.047290 

-0.035527 

0.002981 

0.009172 

-0.006151 

0.466596 

0.047400 

-0.034024 

0.008679 

0.013717 

-0.010951 

0.489449 

0.047444 

-0.032224 

0.014039 

0.016445 

-0.013975 

0.512244 

0.047423 

-0.030077 

0.019292 

0.018575 

-0.016392 

0.535006 

0.047340 

-0.027582 

0.024707 

0.020448 

-0.018536 

0.557751 

0.047193 

-0.024774 

0.030523 

0.022214 

-0.020528 

0.580492 

0.046983 

-0.021659 

0.037083 

0.023984 

-0.022447 

0.603241 

0.046713 

-0.018270  j 

0.044772 

0.025850 

-0.024365 

0.626004 

0.046377 

-0.014644  ! 

1  0.054190 

0.027766 

-0.026339 

0.648790 

0.045967 

-0.010742 

0.066066 

0.029627 

-0.028392 

0.671609 

0.045482 

-0.006595 

0.081200 

0.031513 

-0.030492 

0.694469 

0.044937 

-0.002289 

0.100083 

0.033545 

-0.032516 

0.717388 

0.044353 

0.002096 

0.122447 

0.035634 

-0.034317 

0.740383 

0.043749 

0.006413 

0.147263 

0.037623 

-0.035930 

0.763482 

0.043000 

0.010534 

0.173324 

0.039396 

-0.037239 

0.786719 

0.042050 

0.014341 

0.199722 

0.040924 

-0.038214 

0.810138 

0.040887 

0.017722 

0.255942 

0.042215 

-0.038912 

0.833793 

0.039369 

0.020562 

0.251746 

0.043301 

-0.039375 

0.857753 

0.037650 

0.022690 

0.277060 

0.044209 

-0.039604 

0.882101 

0.035581 

0.023972 

0.301888 

0.044966 

-0.039619 

0.906941 

0.033200 

0.024233 

0.326276 

0.045595 

-0.039430 

0.932402 

0.030300 

0.023282 

0.350281 

0.046112 

-0.039057 

0.958646 

0.026700 

0.020500 

0.373966 

0.046529 

-0.038498 

0.985879 

0.021600 

0.015905 

0.397389 

0.046859 

-0.037736 

1.000000 

0.018250 

0.012500 

0.420605 

0.047111 

-0.036758 

_ 

TABLE  4 


CONTINUED 


IDENTIFICATION 

CONDITIONS 

POSITION 

OTHER 

INFORMATION 

CASE  NO 

CONFIGURATION 

MACH  NO 

H 

ALPHA/DEG 

TYPE  OF 
MEASUREMENTS 

3 

81014  WING  WITH  THREE 
PYLONS  +  STORE 

0.72 

1.0 

0 

a,b 

0.77 

1.0 

0 

a.b 

0.80 

1.0 

0 

a.b 

0.82 

1.0 

-1,  0,1.2.3,4 

a.b 

0.84 

1.0 

0 

a.b 

086 

1.0 

0 

a,b 

(a)  Surface  static  pressures 

(b)  Main  balance  Forces 


TABLE  5 

DETAILS  OF  TRANSITION  FIXING 


Component 

Position  of  leading  edge 
band 

Streainwise  band  width/inin 

Ballotini  diameter/min 

Fuselage  nose 

100mm  from  nose 

15.0 

0.125-0.150 

IWing  upper  surface 

8%c 

3.8 

0.125  -  0.150 

Wing  lower  surface 

8%c 

3.8 

0.125  -  0.150  t 

Pylons 

5%c 

2.0 

0.100  -  0.125 

Tank 

5%1 

2.0 

0.125-0.150 

E9-M 


TABLE  6 

DATA  AVAILABILITY 


DATA 

ENGIN.  UNITS 

COEFFICIENTS 

NORMALIZED 

UN-CORRECTED 

CORRECTED 

FREESTREAM 

CONDITIONS 

X 

SURFACE 

PRESSURES 

X 

X 

HEAT  TRANSFER 
SKIN  FRICTION 

FORCES 

X 

X 

BOUNDARY  LAYER 
DATA 

wake  DATA 

FIELD  DATA 

TEST  SECTION 

WALL  PRESSURES 

X  INDICATES  DATA  AVAILABLE 
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PROCEDURE  FOR  OBTAINING  AND  USING  FLOPPY  DISKS 


A  complete  set  of  data  is  available  on  a  set  of  nine  3.S  inch  floppy  disks.  These  disks  are  on  file  at  the  various  National 
Centers  listed  below.  Specific  details,  costs,  and  procedures  for  obtaining  a  copy  of  the  floppy  disks  varies  from  one  center  to 
the  other.  Therefore,  interested  parties  must  contact  the  appropriate  location  within  their  country  nr  the  center  that  is  most 
geographically  convenient. 

Information  regarding  procedures  to  be  followed  in  using  the  data  is  provided  on  the  disks.  In  addition,  on  the  following  page, 
information  regarding  the  contents  of  the  disks,  procedures  to  extract  the  data  from  an  archive  llle,  and  the  hard  disk  size 
needed  for  the  various  uncompressed  datasets  is  provided. 


Etat-Major  de  la  Force  Adrienne 

(VSL/AGARD) 

rue  d’Evere 

B-II40  Bruxelles 

BELGIUM 

Person  to  contact:  Major  J.J.  Lecluyse 
Tel:  32(2)70 1 -4955 
Fax:32(2)70l-3723 


National  Aerospace  Laboratory 

Attn:  Library 

P.O.  Box  153 

8300  AD  Emmeloord 

NETHERLANDS 

Person  to  contact:  Mr.  C.W.  de  Jong 
Tel:3l  5274  8444 
Fax:3l  5274  8210 


Directorate  of  Scientific  Information  Services 
National  Defence  Headquarters 
MGeneral  George  R.  Pearkes  Building 
Ottawa.  Ontario  KIA  OK2 
CANADA 

Person  to  contact:  Ms.  Robin  Leckie 
Tel:  1(613)992  7237 
Fax:l(6l3)996  0392 


Norwegian  Defence  Research  Establishment 

(NDRE)  Library 

P.O.  Box  25 

N.2007  Kjeller 

Norway 

Person  to  contact:  Per  Ekern 
Tel:4763  807105 
Fax:4763  807115 


Dept,  of  Fluid  Mechanics 
Technical  University  of  Denmark 
Building  404 
DK  2800  Lyngby 
DENMARK 

Person  to  contact:  Dr.  P.  S.  Larsen 
Tel:45  4593  1222  -  Ext:  4332 
Fax:45  4288  2421 


Aeronautical  Engineering  Department 

Middle  East  Technical  University 

P.K.  06531 

Ankara 

TURKEY 

Person  to  contact:  Prof.  Dr.  Ing.  C.  Ciray 
Tel:90(3l2)2l0  1000  -  Ext:  2471 
Fax:90(3l2)2l0  1272  or  1110 


Fachinformationszentrum  Karlsruhe 

Gesellschaft  fur  wissenchaftlich-technische  Information 

mbh 

D-76344  Eggenstein-Leopoldshafen 
GERMANY 

Person  to  contact:  Dr.  Claus  von  Consbruch 

Tel:(49)7247/808-400 

Fax;(49)7247/808-l33 


Defence  Research  Information  Centre 
Kentigern  House 
65  Brown  Street 
Glasgow,  G2  8EX 
UNITED  KINGDOM 
Contact:  Document  Supply  Section 
Tel:44(0)4l  224  2456 
Fax:44(0)4l  224  2470 


ONERA  -  DED 
B.P.  72 

92322  Chatillon  Cedex 
France 

Person  to  contact:  Mme  F.  Lhullier 
Tel:33(  1)4673  3799 
Fax:33(l)4673  4141 

Aeronautica  Militare 

Ufftcio  del  Delegate  Nazionale  all  AGARD 
Aeroporto  Militare  Pratica  di  Mare 
(X)040  -  Pomezia  (RM) 

ITALY 

Person  to  contact:  Colonel  F.  Celegato 
Tel:39  6  91092683 
Fax:39  6  9105887 


NASA  Center  for  Aerospace  Information 
800  Elkridge  Landing  Road 
Linthicum  Heights 
MD  21090-2934 
U.S.A. 

Contact:  NASA  Access  Help  Desk 
Tel:  1(301)  621  0390 
Fax:l(30l)62l  0134 
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PROCEDURE  TO  USE  THE  SET  OF  FLOPPY  DISKS 


To  reduce  the  amount  of  diskspace  needed  for  distribution  of  the  data  all  datasets  are 
compressed  in  self -extracting  archive  files. 

For  most  of  the  datasets^  this  means  that  all  data  are  available  in  one  file,  the  name 
of  these  archive  files  is  SET_nr.EXE  where  nr  is  the  set  number  (e.g.  SET_A1.EXE 
contains  all  data  of  dataset  Al).  For  two  larger  datasets  (sets  C4  and  Ee)^tha  data 
have  been  split  over  acre  than  one  archive  file  to  avoid  very  large  files.  In  that  cas^ 
the  file  names  are  SET_nr_l.EXE  where  nr  is  again  the  dataset  number  and  i  is  the 
sequence  number  of  the  file  (e.g.  SET_C4_2.EXE  is  the  2nd  file  of  dataset  C4). 


To  extract  the  data  from  an  archive  file,  copy  that  archive  file  to  an  appropriate 
directory  on  a  harddisk  of  your  (IBM  compatible,  DOS  operating  system)  personal 
computer.  Move  to  that  directory  and  give  the  DOS -command 


SET_nr_i  -X 

which  will  extract  all  datafiles  from  the  archive  file  SET_nr.EXE.  In  all  cases  the 
user  will  be  asked  to  confirm  that  data  should  be  extracted  from  the  archive,  in  some 
cases  confirmation  will  be  asked  that  new  subdirectories  may  be  created  which  is 
necessary  to  avoid  duplicate  filename  problems.  After  the  extraction  process  has 
completed,  the  dataset  is  available  in  the  same  form  as  provided  by  the  author(s)  of 
the  dataset  (in  addition,  the  archive  file  remains  available  unchanged). 

The  complete  database  is  available  on  nine  3.5*  DOS -format  floppy  disks  with  1.44Mbytes 
capacity.  The  contents  of  the  disks  is  as  follows; 


datasets 

datasets 

datasets 

datasets 

datasets 

datasets 

datasets 

datasets 

datasets 


A  disk  1 
A  disk  2 
B 

C  disk  1 
C  disk  2 
C  disk  3 
D 

E  disk  1 
E  disk  2 


contains  sets  Al,  A2,  A3,  A4,  A5,  A7,  AS,  A9,  AID,  All,  A12  and  A13 
contains  sat  A6 

contains  sets  Bl,  B2,  B3,  B4,  B5  and  Be 
contains  seta  Cl,  C2,  C3,  C5  and  ce 

contains  the  first  half  of  set  C4  (archive  files  C4_l,  C4_2  and  C4_3) 

contains  archive  files  C4_4,  C4_5  and  C4_6 

contains  sets  Dl,  D2,  D3,  D4  and  D5 

contains  seta  El,  E2,  E3,  E4,  E5,  E7,  E8  and  E9 

contains  set  E6  in  the  archive  files  E6_l,  E6_2,  E6_3  and  E6_4 


The  following  table  gives  an  overview  of  the  harddisk  size  needed  for  the  various 
uncompressed  datasets. 


dataset 

authors 

organisation 

extent  of  data 
(Kbytes  uncompressed) 

Al 

N.  Bartelsheimer 

K.H.  Horstman 

H.  Puff ert-Heissner 

DLR  Braunschweig 

128 

A2 

I.R.M.  Moir 

DRA  Farnborough 

121 

A3 

P.R.  Ashill 

DRA  Bedford 

39 

A4 

D.J.  Jones 
y.  Nishlmura 

lAR/NRC  Ottawa 

772 

AS 

V.D.  Chin 

C. J.  Dominic 

F.T. Lynch 

D. L.  Rodrigruez 

McDonnel  Douglas 

2558 

A6 

P.  Quntermann 

G. Dietz 

RHTH  Aachen 

2700* 

A7 

L.H.J.  Absll 

D.M.  Fasschier 

Delft  Univ. 
of  Technology 

133 

AS 

S.O.T.H.  Han 

MLR 

341 

A9 

B  van  den  Berg 
J..'1.M.  Gooden 

NLR 

107 
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dataset 

authors 

organisation 

extant  of  data 
(KBytes  uncompressed) 

AlO 

A.  Hiqnosl 

J.P.  Archaabaud 

ONERA 

137 

E.  Stanawsky 

DLR  Goettingen 

All 

A.N.  Rodda 

J.P.  Archaabaud 

ONERA 

123 

A12 

G. G.  Hataar 

H. L.  Seaqalllar 

J.  Szodruch 

NASA-Aaea 

146 

A13 

G.N.  Brune 

Boeing 

76 

B1 

M.C.P.  Pirain 

M.A.  HcOonnald 

DRA  Farnborough 

1719 

B2 

H.J.  Slaaons 

DRA  Bedford 

158 

B3 

J.L.  Pulkar 

DRA  Bedford 

133 

B4 

G.  Redekar 

DLR/ORA/ONERA/NLR 

335 

BS 

H.Sobieczy 

DLR  Goettingen 

157 

B6 

M.  Olsen 

H.L.  Beegailler 

NASA  Ames 

677 

Cl 

H.  Esch 

DLR  Cologne 

167 

C2 

H.P.  Kreplln 

DLR  Goettingen 

2575 

C3 

K.  Hartmann 

DLR  Goettingen 

402 

C4 

D.  Barberia 

ONERA 

7094 

C5 

D.  Barberls 

ONERA 

3345 

C6 

p.  champlgny 

ONERA 

201 

D1 

A.  Blsenaar 

NLR 

449 

D2 

D.  Barberia 

ONERA 

760 

03 

N.G.  Verhaagen 
J.E.J.  Maseland 

Delft  Univ. 
of  Technology 

561 

04 

K.  Hartmann 

K.A.  Butefiacb 

H.  Pszolla 

DLR  Goettingen 

200 

D5 

D.  Staniland 

ARA 

662 

El 

R.  Radespiel 

DLR  Braunschweig 

757 

A.  Quaat 

D.  Eckert 

DNN 

E2 

R.  Kiock 

DLR  Braunschweig 

63 

W.  Bauaert 

DLR  Goettingen 

E3 

B.L.  Barrier 

NASA  Langley 

11 

E4 

D.J.  Ning 

NASA  Langley 

6 

ES 

K.R.  Roth 

NASA  Aaes 

328 

E6 

I .  Saauelsson 

PFA 

4273 

E7 

J.G.  Leishaan 
Nai-pei  Bi 

Univ.  of  Maryland 

148* 

E8 

D.  Staniland 

ARA 

638 

E9 

0.  Staniland 

ARA 

560 

Datasats  markad  with  an  *  ara  prasantad  by  thair  authors  as  subsats  of  the  total 
avallabla  data.  Please  contact  their  authors  if  wore  details  are  required. 
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This  report  presents  the  results  of  a  study  by  Working  Group  14  of  the  AGARD  Fluid 
Dynamics  Panel.  This  group  was  formed  to  establish  an  accessible,  detailed  experimental 
data  base  for  the  validation  of  Computational  Fluid  Dynamics  (CFD)  codes. 

The  thirty  nine  test  cases  that  are  documented  cover  the  subsonic,  transonic,  and  supersonic 
flow  regimes  and  five  classes  of  geometries.  Included  in  the  five  classes  of  geometries  are: 
Two  Dimensional  Airfoils;  Three  Dimensional  Wings,  designed  for  predominantly  attached 
flow  conditions;  Slender  Bodies,  typical  of  missile  type  configurations;  Delta  Wings, 
characterized  by  a  conical  type  of  vortex  flow;  and  Complex  Configurations,  either  in  a 
geometrical  sense  or  because  of  complicated  flow  interactions. 

The  report  is  presented  in  two  volumes.  Volume  I  provides  a  review  of  the  theoretical  and 
experimental  requirements,  a  general  introduction  and  summary  of  the  test  cases,  and 
recommendations  for  the  future.  Volume  II  contains  detailed  information  on  the  test  cases. 
The  relevant  data  of  all  test  cases  has  been  compiled  on  floppy  disks,  which  can  be  obtained 
through  National  Centers. 


